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SECTION 5
GUIDANCE EQUATIONS

5.1 INTRODUCTION

5.1.1  GENERAL COMMENTS

The purpose of this section is to present the Guidance
and Navigation Computation Routines associated with the Apollo
Lunar Landing Mission. These Routines are utilized by the
Programs outlined in Section 4 which consider astronaut and
other subsystem interface and operational requirements. The
guidance and navigation equations and procedures presented in
Section 5 are primarily concerned with mission type programs
representing the current .M PGNCS Computer (LGC) capability.
A restricted number of LGC service type program vperations

which involve computation requirements are also included.

The LM PGNCS Computer (LGC) guidance and naviga-
tion equations for the lunar landing mission are presented in the

following live catagories:

Section 5.2 Coasting Flight Navigation Routines

Section 5.3 Powered Flight Navigation and Guidance
Routines

Section 5. 4 Targeting Routines

Section 5. 5 Basic Subroutines

Section 5, 6 General Service Routines

A complete table of contents for Section 5 is presented
in the following Section 5. 1. 2. 1. A cross reference between the
LGC program and callable routine numbers of Section 4 that are

described in Section 5 is listed in Section 5. 1, 2. 2.
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5.1, 2 TABLE OF CONTENTS

5.1.2.1 Section 5 Table of Contents

SECTION NO. TITLE
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5. 1.2 Table of Contents
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5.1. 4 Coordinate Systems
9. 2 Coasting Flight Navigation
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5.2.2.1 General Comments
5.2.2.2 Encke's Method
5.2.2.3 Disturbing Acceleration
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3.2.2.95 Numerical [ntegration Method
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5.1.3 GENERAL PROGRAM UTILIZATION

The following outline is a brief summary of the major

LGC programs that would be used in the principal phases of a

lunar landing mission.

This outline reflects the LGC

capability for nominal and abort cases of such a mission.

I Lunar Orbit Phase Prior to LM Descent Orbit Injection
A) Nominal
P - 27 LGC Update Program (Initialization)
60 Lunar Landing Time Prediction Program

B)

02

46

20

AGS Initialization PProgram

LM/ CSM Separation Monitor Program

Rendezvous Navigation Program
( Pre-DOI RR Check-out)

Aborts to Return to Earth Trajectory (SPS Backup)

P

47

27

31

40

Thrust Monitor Program

( Manual Re-docking)
LGC Update Program

Lambert Aim Point Maneuver Program
( TEI and cislunar MCC for SPS backup
with RTCC targeting)

DPS Thrust Program

5.1-10



1 Lunar Orbit Phase Prior to LM Descent Orbit

Injection (cont)

C) Service Programs for Nominal and Abort Cases

> - 05 PGNCS Start Up

P - 50 Docked IMU Coarse Alignment

P - 52 IMU Realignment Program

R - 05 S-Rand Antcenna Routine

P -21 Ground Track Program

R - 30 Orbit IParameter Display Routine
P - 00 LGC Idling PProgram

P-51 IMU Orientation Determination Program

11 Descent Orbit Injection (DOI) and LM Descent Coast

Phasc
A) Nominal

P - 61 Descent Orbit Injection Program

(Pre -Thrust and Thrust Modes)

P - 25 Preferred Tracking Attitude Program

( Descent Monitoring)
R - 31 Rendezvous Parameter Display Routine
R - 30 Orbit Parameter Display Routine

P -63 Landing Maneuver Braking Maneuver

Program ( Pre-Ignition Mode)

P - 02 AGS Initialization Program

5.1-11



II Descent Orbit Injection (DOI) and LM Descent Coast

Phase {(cont)

B)

Aborts to Rendezvous Condition

1. LM Active Vehicle

P - 20

35

M v 7w Y 9w U U

P - 40
- 41
P - 42
(or)
P - 25
(or)
P - 27
P - 30
(or)
P -31

Rendezvous Navigation Program

{ LGC navigation)

CSI Pre-Thrust Program

CDH Pre-Thrust Program

TPl Pre-Thrust Program

TPM Pre-Thrust Program

TPI Search Program

Stable Orbit Rendezvous Program

Stable Orbit Rendezvous Midcourse

Program

DPS, RCS or APS Thrust Programs

Preferred Tracking Attitude Program
({CMC navigation)

LGC Update Program
(RTCC navigation)

External AV Pre-Thrust Program
(CMC or RTCC targeted)

Lambert Aim Point Maneuver Pro-
gram (RTCC targeted)
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1I Descent Orbit Injection (1DOI) and 1.M Descent Coast

I’hase (cont)

13)

C)

Aborts to Rendezvous Condition

CSM Active Retricval

2.

- 20
R 32
- 72
P - 73
> - 74
P -175
P - 78
P -179
(or)

P - 25

Rendezvous Navigation PProgram

( LGC navigation)

Target AV Rouline

CSM CSI I’re-Thrust Program

CSM CDH P’re-Thrust Program

CSM TI°1 Pre-Thrust Program

CSM TP Pre-Thrust Program

CSM Stable Orbit Rendezvous Program

CSM Stable Orbit Rendezvous Midcourse

Program

Preferrced Tracking Attitude Program

(CMC navigation)

Service Programs for Nominal and Abort Cases

1)

R

R

1)

R

52

30

31

21

0H

00

IMU Realignment Program

Orbit Paramcter Display Routine
Rendezvous Parameter Display Routine
Ground Track Program

S-Band Antenna Routine

[.GC Idling Program

5.1-13



III Powered Landing Maneuver and Post Landing Phase

A) Nominal
P-63 Landing Braking Phase
P-64 Landing Approach Phase
P-65 Automatic Landing Phase Guidance
(or)
P-66 Rate of Descent Landing Guidance
(or)

P-67 Manual Landing Phase Guidance
P-57 Lunar Surface Alignment Program
P-02 AGS Initialization Program

R-05 S-Band Antenna Routine

B) Abort to Orbit

1. Aborts During Powered Landing Maneuver

P-70 DPS Abort Guidance Program
P-71 APS Abort Guidance Program

2. Aborts from the Lunar Surface (Anytime

Launch Case)

P-05 PGNCS Start Up

P-57 Lunar Surface Alignment

(Fast Alignment Mode)
P-27 LGC Update Program

P-12 Powered Ascent Guidance Program
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v Lunar Pre-Launch Phase (Final 3 CSM Orbits before
LM Launch)

A) Nominal

P - 27 LGC Update Program

(or)
P - 22 RR Lunar Surface Navigation Program
P - 10 Predicted [.aunch Time (CFP) Program
(or)
P-11 Predicted Launch Time (DT) Program

P - 02 AGS Initialization Program

B) Service Programs

P - 05 PGNCS Start Up

P - 04 PGNCS Lunar Surface Check-out

Program
P - 57 Lunar Surface Alignment Program
R - 05 S-Band Antenna Routine

P - 00 LGC Idling Program
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V1

LM Powered Ascent Phase

A) Nominal

P -12 Powered Ascent Guidance

B) Aborts

None

Rendezvous Phase

A) Nominal

- 20 Rendezvous Navigation Program
- 32 CSI Pre-Thrust Program

- 33 CDH Pre-Thrust Program

- 34 TPl Pre-Thrust Program

35 TPM Pre-Thrust Program

- 17 TPI Search Program

- 38 Stable Orbit Rendezvous Program

U ®% Y w W v 99w o

- 39 Stable Orbit Rendezvous Midcourse

Program

P - 41
RCS or APS Thrust Programs
P - 42

P - 02 AGS Initialization Program

5.1-16



Rendezvous Phase (cont)

B) Aborts to Rendezvous

1. LM Active (RR Failure)

P - 27 LGC Update Program
P -25 Preferred Tracking Attitude Program
(CSM navigation)

P - 30 External AV Pre-Thrust Program
(CSM or RTCC targeted)

P - 41

} RCS or APS Thrust PPrograms
P - 42

2. CSM Active Retrieval

P -20 Rendezvous Navigation Program

( LGC navigation)

R - 32 Target AV Routine
P-172 CSM CSI Pre-Thrust Program
P-173 CSM CDH Pre-Thrust Program
P-174 CSM TPI Pre-Thrust Program
P-175 CSM TPF Pre-Thrust Program
P - 178 CSM Stable Orbit Rendezvous Program
P-19 CSM Stable Orbit Rendezvous Midcourse
Program
(or)

P - 25 Preferred Tracking Attitude Program
({CMC navigation)
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V1 Rendezvous Phase (cont)

C)

Service Programs for Nominal and Abort Cases

P - 52
R - 05
R - 30
R - 31
P -21

- 00

IMU Realignment Program
S-Band Antenna Routine
Orbit Parameter Display Routine

Rendezvous Parameter Display

Routine
Ground Track Program

LL.GC Idling Program

5.1-18
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1.4 COORDINATE SYSTEMS
There are five major coordinate systems used in the
navigation and guidance programs. These five coordinate systems
are defined individually in the following descriptions. Any addi-
tional coordinate systems used in particular LGC programs are

defined in the individual section describing that program.

5.1.4.1 Basic Reference Coordinate System
The Basic Reference Coordinate System is an orthogonal
inertial coordinate system whose origin is centered at either the
moon or the earth. The orientation of thié coordinate sysfém is
defined by the line of intersection of the mean earth equatorial
plane and the mean orbit of the earth (the ecliptic) at the beginning
of the Besselian year which starts January 0. 525, 1969, The
X -axis (EXI) is along this intersection with the positive sense in
the direction of the ascending node of the ecliptic on the equator
(the equinox), the Z-axis (EZI) is along the mean earth north pole,
and the Y -axis (EYI) completes the right-handed triad. In the
lunar landing mission this coordinate system is normally moon-
centered for the LGC. In some non-nominal or abort cases re-
quiring LGC operation in cislunar space, the Basic Reference
Coordinate System is shifted from moon-centered to earth-centered
when the estimated vehicle position from the moon first exceeds
a specified value TspPH This procedure is described in Section
5.2.2.6 and Fig, 2. 2-3. During alternate earth~orbit missions in
which the LM is active near the earth, the Basic Reference Coor-
dinate System will be earth-centered. All navigation stars and
lunar-solar ephemerides are referenced to this coordinate system.
All vehicle state vectors are referenced to this system during

coasting or free fall phases of the mission.
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5.1.4.2 IMU Stable Member or Platform Coordinates

The orthogonal inertial coordinate system defined by
the PGNCS inertial measurement unit (IMU ) is dependent upon
the current IMU alignment, There are many possible alignments
during a mission, but the primary IMU alignment orientations
described in Section 5. 6. 3. 4 are summarized below and designa-
ted by the subscript SM:

1. Preferred Alignment
Uysm = UNIT ()
Yygm = UNIT (uggp, X r) (5.1.1)
Uzsm ~ Uxsm X Yysm
where;
USM |
| IMU stable member coordinate unit vec-
Uvgn ? tors referenced to the Basic Reference
Coordinate System
dzsM™ |
Xp = vehicle or body X-axis
r = current position vector in the Basic Re-
ference Coordinate System
2. Nominal Alignment (Local Vertical)
Uegp UNIT (r) at talign
Yvsm T UNIT (v Xr) (5.1, 2)

= X
Y7SM - Uxsm” 2ysM
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where poand v represent the vehicle statc vector at the

alignment time, talign'

3. Lunar Landing Alignment

= UNIT (r, o) at t

Uxsm L

Uyon = UNIT[(EC X !C) X EXSNJ (5. 1. 3)

Uysm - Yzsm < UXsM

where r is the lunar landing site vector at the pre-

"“I AS
k‘dlcicd landing tiinc, tL, and re and v are the CSM
position and velocity vectors,

4. Lunar Launch Alignment

The same as that defined in Eq. (5. 1. 3) except
that IS
predicted launch time t

is the landing or launch site at the
L.

The IMU coordinate system is assumed to be centered
at the same point that the Basic Reference Coordinate System is

currently centered at,

5.1.4.3 Vehicle or Body Coordinate System

The vehicle or body coordinates (subscript B) are the
general LM coordinates. The origin of this coordinate frame is
at the PGNCS Navigation Base. The X-axis (L_LXB) is along the
nominal spacecraft DPS-APS thrust axis, the Z -axis (P-ZB) is
normal to v g and directed forward from the design eye. The
Y -axis is orthogonal to the X and Z axes so as to form a right-

handed system.
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5.1.4.4 Earth-Fixed Coordinate System

The Earth-fixed Coordinate System is an orthogonal
rotating coordinate system centered at the earth., The Z-axis
is along the true polar axis of the earth, the X-axis is along the
intersection of the meridian of Greenwich and the equatorial
plane of the earth, and the Y -axis is in the equatorial plane and

completes the right-handed triad.

2.1.4.5 Moon-Fixed Coordinate System

The Moon-fixed Coordinate System is an orthogonal
rotating coordinate system centered at the moon. The Z-axis is
along the true polar axis of the moon, the X-axis is along the in-
tersection of the meridian of 0° longitude and the equatorial plane
of the moon, and the Y -axis is in the equatorial plane and com-

pletes the right-handed triad.
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COASTING FLIGHT NAVIGATION
5.2.1  GENERAL COMMENTS

The LGC Coasting Flight Navigation Routines which are
presented in Sections 5. 2. 2 through 5. 2. 5 are used during non-thrusting
phases of the Apollo mission. The basic objective of the navigation
routines is to maintain estimates of the position and velocity vectors
of both the CSM and the LM. Let r and v be the estimates of a ve-
hicle's position and velocity vectors, respectively. Then, the six-

dimensional state vector, x, of the spacecraft is defined by

Coasting Flight Navigation is accomplished by extrapolating the state
vector, x, by means of the Coasting Integration Routine (Section5,2,2),
and updating or modifying this estimated state using Rendezvous Radar
(RR) tracking data by the recursive method of navigation (Sections
5.2.3 - 5.2.5).

The Coasting Integration Routine (Section 5. 2. 2) is used

by other navigation and targeting routines to extrapolate the following:

1) Present estimated LM state vector
2) Present estimated CSM state vector
3) An arbitrary specified state vector, such asthe

predicted result of a maneuver

5,2-1



The LGC idling program (Section 5.6.11) periodically
uses the Coasting Integration Routine to advance the estimated CSM
state vector (and the estimated LLM state vector when the LM is not
on the surface of the moon) to approximately current time. This
procedure has the lowest priority of all programs, and is performed
only when no other program is active. This periodic state vector
extrapolation is not necessary from a theoretical point of view, but
does have two practical purposes. First, it is advisable to maintain
current (or at least nearly current) state vector estimates in case
an emergency situation arises. Second, a significant amount of
computation time is transferred from a period of high computer ac-
tivity (navigation measurement processing, targeting, etc. ) to a

period of low activity.

State vector extrapolation is accomplished by means of
Encke's method of differential accelerations. The motion of a space-
craft is dominated by the conic orbit which would result if the space-
craft were in a central force field. In Encke's method the differential
equations for the deviations from conic motion are integrated numeri-
cally. This technique is in contrast to a numerical integration of the
differential equations for the total motion, and it provides a more ac-
curate orbit extrapolation. The numerical integration is accomplished
by means of Nystrom's method which gives fourth-order accuracy
while requiring only three computations of the derivatives per time
step. The usual fourth-order Runga-Kutta integration methods re-

quire four derivative computations per time step.

Regardless of the accuracy of the state vector extrapolation,
errors in the initial conditions will propagate and soon grow to intol-
erable size. Thus, it is necessary periodically to obtain additional
data in the form of either new state vector estimates or modifications
to the current state vector estimates. These state vector modifica-
tions are computed from navigation data obtained by means of naviga-

tion measurements.
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The LM PGNCS uses RR tracking data to compute state
vector changes, while the CSM GNCS uses optical angle data. Nav-
igation measurement data are used to update state vector estimates
during rendezvous and lunar surface navigation procedures. These two
navigation procedures will be used normally during all LM-CSM
lunar-orbit rendezvous phases and the LM lunar surface prelaunch
phase, respectively, in the lunar landing mission. However, in
order to provide for alternate mission capability, the rendezvous

navigation procedure can be used near the moon or the earth.

Although the state vector of the LM is six-dimensional it
is not necessary that the quantities estimated during a particular nav-
igation procedure be the position and velocity vectors of the LM.
A variety of "'estimated state vectors'', not necessarily of six-di-

mensions, are used.

In order to achieve desired rendezvous objectives, it is
necessary to expand the rendezvous navigation procedure to nine
dimensions, and to include in the estimation the constant RR angle
biases. The estimated state vector that is used in rendezvous nav-

igation is given by

[
I
< "

bias

where r and v are the estimated position and velocity vectors of
either the LM or the CSM, and bias is a vector whose components

are the estimates of the RR angle biases. The selection of the vehicle

5.2-3



update mode is an astronaut option and will be based primarily upon
which vehicle's state vector is most accurately known initially, and

which vehicle is controlling the rendezvous maneuvers.

In order to estimate the RR angle biases, it is necessary
to restrict the LM attitude during RR tracking. This attitude restric-
tion involves controlling the LM +Z-axis to be within 30° of the

tracking line-of-sight and is described in Section 5. 2. 4. L.

During the LM lunar surface prelaunch phase of the lunar
landing mission RR tracking is used for navigation. In this mode,
however, the previously mentioned LM attitude restriction obviously
cannot be met, and only the RR range and range rate data are used.
Also, since it is assumed that the landing site is well known,the es-
timated state vector that is used in lunar surface navigation is the

standard six dimensional CSM state vector,

Navigation data is incorporated into the state vector esti-
mates by means of the Measurement Incorporation Routine (Section
5. 2. 3) which has both six- and nine-dimensional modes, The Mea-
surement Incorporation Routine is a subroutine of the following nav-

igation routines:
1) Rendezvous Navigation Routine (Section 5. 2. 4, 2)
2) Lunar Surface Navigation Routine (Section 5. 2. 5. 2)

Simplified functional diagrams of the navigation programs which use

these routines are given in Figs.2.1-1 and 2. 1-2, respectively.

In rendezvous navigation estimated LM and CSM position

and velocity vectors are obtained at required times by means of the
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Coasting Integration Routine (Section 5.2.2). The Measurement In-
corporation Routine (Section 5. 2. 3) is used to incorporate the mea-
surement data into the state vector estimates. In lunar surface nav-
igation, the same process is performed except that the estimated
LM state vector is obtained by means of the Planetary Inertial Orien-

tation Subroutine (Section 5. 5. 2).

The updating procedure, which is illustrated in simplified
form in Figs. 2. 1-1 and 2. 1-2. involves computing an estimated
tracking measurement, (3 based on the current state vector esti-
mates. This estimated measurement is then compared with the actual
tracking measurement Q (RR tracking data in the LGC) to form a
measured deviation Q. A statistical weighting vector, w, is com-
puted from statistical knowledge of state vector uncertainties and
tracking perfor'mance,/é}z, plus a geometry voctor, b, deter mined by
the type of measuremént being made. The weighting vector, o, 1s
defined such that a statistically optimum linear estimate of the de-
viation, 6x, from the estimatcd state vector is obtained when the
weighting vector is multiplied by the measured deviation 6Q. The
vectors w, b and éx are of six or nine dimensions depending upon

the dimension of the state vector being estimated.

In an attempt to prevent unacceptably large incorrect state
vector changes, certain validity tests have been included in the LGC

navigation routines,

In the Rendezvous and Lunar Surface Navigation Routines
(Sections 5.2.4.2and 5. 2. 5. 2) measurcmient data is processed
periodically (once or twice per minute), and it is desirable that
the CSM be tracked during the entire rendezvous phase up to the
manual terminal maneuver. If the magnitudes of the changes in the
estimated position and velocity vectors, 6r and év, respectively, are
both less than preset tracking alarm levels, then the selected ve-
hicle's state vector is automatically updated by the computed devia-

tion, 6x, and no special display is presented, except that the tracking
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measurement counter is incremented by one. If either &r or v
exceeds its alarm level, then the state vector is not updated, and
the astronaut is alerted to this condition by a special display of ér

and év.

In this case the astronaut should place the RR under
manual control and make the necessary radar operating and side
lobe checks to verify main lobe lock -on and tracking conditions.
After the tracking has been verified, and navigation data has again
been acquired, the astronaut has the option of commanding a state
vector update jif the tracking alarm is again exceeded, or of re-
peating further RR checks before incorporating the measurement
data. If the astronaut cannot verify the tracking, then he can ter-
minate the program and try to achieve tracking conditions at a later

time.

The tracking alarm criterion is incorporated in the naviga-
tion routines to alert the astronaut to the fact that the state vector
update is larger than normally expected, and to prevent the estima-
ted state vector from automatically being updated in such cases. The
update occurs only by specific command of the astronaut., The track-
ing alarm level beyond which updating is suspended is primarily
chosen to avoid false acquisition and tracking conditions. There is
a low probability that the alarm level will be exceeded in the LGC
if the estimated state vectors are essentially correct, since the RR
Designation and Data Read Routines have partial internal checks for
side-lobe acquisition before tracking data are incorporated in the
navigation routines, The most probable condition for the state
vector update alarm level being exceeded in the LL.GC is, therefore,
initial acquisition and tracking in the case where a poor estimate
of either the CSM or LM state vector exists. In this case the as-

tronaut would have to command the initial state vector update, after which
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the tracking alarm level would seldom be exceeded during the re-
mainder of the navigation phase. It should be noted that this state-
ment is true only if the estimated state vector of the active vehicle
performing a powered rendezvous maneuver is updated by the
Average-G Routine in the case of the LM being the active vehicle,

or by a DSKY entry (R-32)of the maneuver AV if the CSM is the

active wchicle,

The displayed values of ér and sv which have not passed
the tracking alarm test will depend upon the statistical parameters

stored in the LGC and upon the following types of errors:
Type 1: Errors in the current state vector estimates
Type 2: Errors in alignment of the IMU
Type 3: Reasonable RR tracking performance errors
Type 4: A PGNCS or RR failure resulting infalse acquisition

The existence of Type 1 crrors is precisely the reason that the RR
tracking is being done. It is the function of the navigation to de-
crease Type 1 errors in the presence of noise in the form of errors
of Types 2 and 3. Since the RR tracking should not be performed
unless the IMU is well aligned and the PGNCS and RR are function-
ing properly, it follows that the purpose of the state vector change
validity check is to discover a Type 4 error. As previously men-

tioned, there is a low probability of this type of error occuring.

Based upon the last time that the state vector was updated
and when the IMU last was realigned, very crude reasonable values
for &r and &v can be generated by the astronaut. The LGC will pro-
vide no information to assist the astronaut in his estimates of rea-

sonable values for ér and év.



The parameters required to initialize the navigation
routines (Sections 5. 2. 4. 2 and 5. 2. 5. 2) are the initial estimated
CSM state vector, plus the initial estimated LLM state vector for
the Rendezvous Navigation Routine or the estimated landing site
for the Lunar Surface Navigation Routine, initial state vector esti-
mation error covariance matrices in the form of prestored diagonal
error transition matrices (as defined in Section 5, 2. 2, 4), and a
priori measurement error variances. The basic input to the navi-
gation routines is RR tracking data which is automatically acquired
by the Data Read Routine. The primary results of the navigation
routines are the estimated LM and CSM state vectors. The various
guidance targeting modes outlined in Section 5. 4 are based on the

state vector estimates which result from these navigation routines.
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5.2.2  COASTING INTEGRATION ROUTINE

5.2.2.1 General Comments

During all coasting phase navigation procedures, an extrapola-
tion of position and velocity by numerical integration of the equations of

motion is required. The basic equation may be written in the form

2

d Hp
E{g{(t)*’—‘g— E(t): gd(t) (2.2.1)
r

where Hp is the gravitational constant of the primary body,and r__1d(t) 15
the vector acceleration which prevents the motion of the vehicle (CSM or
LM) from being precisely a conic with focus at the center of the primary
body. The Coasting Integration Routine is a precision integration routine
in which all significant perturbation effects are included. The form of

the disturbing acceleration gd(t) depends on the phase of the mission.

An approximate extrapolation of a vehicle state vector in which
the disturbing acceleration, gd(t) of Eq. (2. 2.1), is set to zero may be

accomplished by means of the Kepler subroutine (Section 5. 5.5).

5.2.2.2 Encke's Method

If 2y is small compared with the central force field, direct in-
tegration of Eq. (2. 2. 1) is inefficient. Therefore, the extrapolation will
be accomplished using the technique of differential accelerations attribu-
ted to Encke.

irln the remainder of Scction 5. 2 the subscripts P and Q will denote
primary and secondary body, respectively. When the body is known,
then the subscripts E, M, and S will be used for earth, moon, and
sun, respectively. The vehicle will be indicated by the subscripts
C for CSM and L for LM.
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At time t0

an osculating conic orbit. The position and velocity vectors in the

the position and velocity vectors,g0 and yo,defme

conic orbit, gcon(t) and Y—con(t)’ respectively, will deviate by a small

amount from the actual position and velocity vectors.

The conic position and velocity at time t are computed as
shown in Section 5. 5.5, Required in this calculation is the variable x
which is the root of Kepler's equation. In order to minimize the num-
ber of iterations required in solving Kepler's equation, an estimate of

the correct solution for x is obtained as follows:

Let

T=t-t, (2.2.2)
During the previous computation cycle the values
rrer(r -5
=~ 7 —con 2
1= _At .
V= Voon (T-5) (2.2.3)
x' = x (1 -84

2

were computed. A trial value of x(7) is obtained from

x, =x"'"+s [1 -'ys(1—2—ys)—1g(ri,-a)sz] (2. 2. 4)

t

where

_ Y Hp (At

ST 7T \7

r! V‘
7=_—1_ (2. 2.5)

2r' N u

P

v2

_ 2 0

== -

o Hp
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After specification of Iy Voo X4 and 7, the Kepler subroutine
(Section 5. 5.5 ) is used to compute r_'Con(r), \_/CUn(T), and x(7). Because of the
excellent initial approximation provided by Eq. (2. 2. 4), it has not been
found necessary to iterate for x more than once (and frequently it is
not necessary at all) in order to obtain a value of x for which 7 - 7(x) is

less than the given tolerance level.

The true position and velocity vectors will deviate fromthe

conic position and velocity since a; is not zero. Let

r(t) = s(t) + r__ (1)
(2. 2. 6)

vit) = vit) + v (t)

where 5(t) and y(t) are the position and velocity deviations from the

conic. The deviation vector 6(t) satisfies the differential equation

2 7]
d o P [ ]
6(t) = f(q) r{t) + s(t) | + a (t) (2. 2.7)
dt B rCOl’l (t) B -

subject to the initial conditions

8(tg) = 0, vty =0 (2. 2.8)
where
(6 -2r). %
q-= -~ (2.2.9)
r
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2
f(q) = q—+39* 4 (2. 2.10)

The first term on the right-hand side of Eq.(2.2.7) must re-
main small, i.e., of the same order as §d(t), if the method is to be
efficient. As the deviation vector _é_(t) grows in magnitude, this term
will eventually increase in size. Therefore, in order to maintain the
efficiency of the method, a new osculating conic orbit should be defined
by the total position and velocity vectors r(t) and v(t). The process of
selecting a new conic orbit from which to calculate deviations is called
rectification. When rectification occurs, the initial conditions for the
differential equation for é(t), as well as the variables 7 and x, are

again zero.

5.2.2.3 I_)'iist}xrbmg» Accg_le_ra_ti_qp

The form of the disturbing acceleration éd(t) that is used in
Eq. (2. 2. 1) depends on the phase of the mission. In earth or lunar
orblt ,only the gravitational anomalies arising from the non-spherical
bhape of the primary body need be considered. Letajp be the accel-
eration due to the non-spherical gravitational anomalies of the primary
body. Then, for the earth

4
UE rE 1 '
Sz Z Jig \=) |Pie1 (cos )y, - Py (cos ),

(2.2.11)

where
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Pz' {cos ¢) = 3 cos ¢

P3' (cos ¢) = % (15 cos2 ¢ - 3)

(2.2.13)
t 1 1 t
P4 (cos ¢)—3—(7 costh3 -4P2)
' _ 1 ! '
P5 (cos d>)-z(9 cos¢P4 -5P3)
are the derivatives of Legendre polynominals,
cos ¢=u - u (2.2.13)

r —Z

and J2, J3, J4 are the coefficients of the second, third, and fourth
harmonics of the earth's potential function. The vectors u. and u,

are unit vectors in the direction of r and the polar axis of the earth,

respectively, and r'e is the equatorial radius of the earth.

In the case of the moon

#M z‘M ' !
&M~ T ZJiM | |Barfcos 9 u, -P; (cos ¢) Ez]

=2
2 2
r X y x -y
M MM M IMm 2. )
*3322M(r) 4—5 5 (u Xu )+ ———((5c08“¢ -3)u - 2coséu, )
*M *YM M Y YM

(2. 2. 14)
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where M is the mean lunar radius, J22M is the coefficient of the term
in the moon's gravitational potential function which describes the as-
symmetry of the moon about its polar axis, and XM and YM Xe€ the X
and Y components of r expressed in moon-fixed coordinates. The other
terms in Eq. (2. 2. 14) have definitions analogous to those in Eq. (2.2.11).

The variables x and u, are computed by means of the Planetary

M IM
Inertial Orientation Subroutine (Section 5. 5. 2).
During cislunar-midcourse flight (translunar and transearth)

the gravitational attraction of the sun and the secondary body Q (earth
or moon) are relevant forces. The accelerations due to the secondary

body and the sun are

u
- Q
YR o f(qg)r +r (2.2.15)
Q rQC[: -PQ _]

M,
S
345 © -—3—[f(qs)£PS+g} (2.2.16)
f'sc

where £PQ and Ipg are the position vectors of the secondary body and
the sun with respect to the primary body, rQC‘ and rgc are the dis-
tances of the CSM from the secondary body and the sun, and the argu-

ments qQ and qq are computed from

(r-2rpg)- r
QQ = 5 FQ (2.2.17)
rPQ
(r-2rpg)e ¢
qq = 2PS (2.2.18)
T ps

The functions f(qQ) and f(qs) are calculated from Eq.(2. 2. 10).
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The position vectors of the moon relative to the earth,EEM,

and the sun relative to the earth,r',c,are computed as described in

Section (5. 5.4). Then,

rey M P=E
r'pQ = (2.2.19)
“TeM ifP=M
and
Tps if P=E
= 2.2.20
Lps ( )
rgg " fgm P =M
Finally,
e L7 Ipq
(2. 2.21)

r

5.2.2.4 Error Transition Matrix

The position and velocity vectors as maintained in the com-
puter are only estimates of the true values. As part of the navigation
technique it is necessary also to maintain statistical data in the com-

puter to aid in the processing of navigation measurements.

If €(t) and n(t) are the errors in the estimates of the position
and velocity vectors, respectively, then the six-dimensional correla-

tion matrix E(t) is defined by

5.2-17



cw) et v '’

E6(t) = (2. 2. 22)

A e ) nw

In certain applications it becomes necessary to expand the
state vector and the correlation matrix to more than six dimensions
so as to include estimation of landmark locations in the CMC dur-
ing orbit navigation,and rendezvous radar tracking biases in the LGC
during the rendezvous navigation procedure, For this purpose a nine-

dimensional correlation matrix is defined as follows :

e 87
E4(t) -
T
E(t) = n(t) B (2. 2. 23)
et  paw®  ppl

where the components of the three-dimensional vector [ are the errors

in the estimates of three variables which are estimated in addition to the

components of the spacecraft state vector.
In order to take full advantage of the operations provided by

the interpreter in the computer, the correlation matrix will be re-

stricted to either six or nine dimensions. If, in some navigation pro-
cedure, only one or two additional items are to be estimated,then a sufficient
number of dummy variables will be added to the desired seven- or

eight-dimensional state vector to make it nine -dimensional.
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Rather than use the correlation matrix in the navigation pro-
cedure, it is more convenient to utilize a matrix W(t), called the error

transition matrix,and defined by

E() = W) w(t)T (2. 2. 24)

Extrapolation of the nine-dimensional matrix W(t) is made by

direct numerical integration of the differential equation

o) I O
ditw(t)= Gt) O O | w() (2. 2. 25)
O O O

where G(t) is the three-dimensional gravity gradient matrix,and I and
O are the three-dimensional identity and zero matrices, respectively.

If the W matrix is partitioned as

Yo Y1 ¥s
W = Wy Wio -+ Wiq (2. 2. 26)
wig Y359 - Was
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then,

E(Iif w(t) = Wy, o(t)

w, o =GHw ) § i=0 1,.....8 (2. 2. 27)
d -
t Wir1s® = 2

The extrapolation may be accomplished by successively integrating the

vector differential equations

0,1,...,8 (2. 2.28)

\gi(t) = G(t) v_vi(t) i

&J e

The gravity gradient matrix G(t) for earth or lunar orbit is

given by

u
Glt) = ;51(1_) \:3 rt) r)T - (1) 1] (2. 2. 29)

During cislunar-midcourse flight

M
G(t) = §5P(T> [3 ) vt T - 22 1]

(2. 2.39)

) T 2
- |3 EQC(t) ch(t) -r QC(t) I
r QC(t)
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Thus, if D is the dimension of the matrix W(t) for the given
navigation procedure, the differential equations for the w i(t) vectors

are

(2. 2.31)

where g_r(t) and EQC(t) are unit vectors in the directions of r(t) and
{QC(t), respectively, and
1 for cislunar-midcourse flight
M= (2. 2.32)

0 for earth or lunar orbit

5.2.2.5 Numerical Integration Method

The extrapolation of navigational data requires the solution of
a number of second-order vector differential equations, specifically

Eqgs. (2. 2. 7) and (2. 2. 31). These are all special cases of the form

2

;9;2 y=fly t) (2. 2. 33)
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Nystrom's method is particularly well suited to this form and
gives an integration method of fourth-order accuracy. The second-order

system is written

d .
Jy= =z
(2. 2. 34)
d
w2z Lt
and the formulae are summarized below,
Il - Xn+ 2(zn)At
Zor1 T Znt () At
_ 1
Sy ) =z, + g (k) + 2ky) Bt
(2. 2.35)

Uy = 5ty + 4k, + k)

k, =1y, t)

ky =Lt 3z At gk, (0% g5 80
K. =f(y +z At+ ik, (anZ t +at)

=3 tWn" 2, 2 =2 ' 'n

For efficient use of computer storage as well as computing

time the computations are performed in the following order:
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Eq. (2. 2. 35). It is necessary to preserve the values of the
vector r at times tn’ tn + At/ 2, tn + At for use in the solution
of Egs. (2. 2. 31).

2) Equations (2. 2. 31) are solved one-at-a-time using Egs.
(2. 2. 35) together with the values of r which resulted from
the first step.

The variable At is the integration time step and should not be
confused with 7, the time since rectification. The maximum value for

At which can be used for precision integration, Atm , 1s given by the

ax
empirically determined formula

K r3/2
At = minimum [ At,. , —-t-— (2. 2.36)
max fim N
Hp

whert the calculation is truncated to the nearest two centiseconds and

At 4000 scc.

fim
(2. 2.37)
K

il

0.3

Because of the form of Eq. (2. 2. 36), it is possille for the
Coasting Integration Routine to use an excesgive amount of time to
extrapolate a state vector if the resulting trajectory passes too close
to the target planet. Furthermore, the capability of extrapolating a
state vector to a desired radial distance may be a useful function.
For these reasons, the desired final time and the desired final radius
must be specified by the calling routine.

5.2.2.6 goast'mg Integration Logic

Estimates of the state vectors of two vehicles (CSM and LM)
will be maintained in the. computer. In various phases of the mission
it will be required to extrapolate a state vector either alone or with an

associated W matrix of dimension six or nine.
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To accomplish all of these possible procedures, as well as
to solve the computer restart problem, three state vectors will be
maintained in the computer. Let x_, and X be the estimated CSM

-C
and LM state vectors, respectively, and let x be a temporary state

vector. The state vector x is a symbolic representation of the follow -

ing set of variables:

Ty = rectification position vector
Yo = rectification velocity vector
Teon - conic position vector
\Z = conic velocity vector
—con
(2. 2.38)

[ = position deviation vector
v = velocity deviation vector
t = time associated with r , V , 6 and v

—con’ —con’ - -
T = time since rectification
X = root of Kepler's equation

+ 1 for earth

P = primary body =

+ 2 for moon

where the positive sign indicates cislunar-midcourse
flight and the negative sign near-earth or near-lunar

orbit.

The state vectors x,., and X

X represent an analogous set of variables.

L

The Coasting Integration Routine is controlled by the calling
program by means of the two indicators D and V. The variable D

indicates the dimension of the W matrix with

D=0 (2. 2. 39)

denoting that the state vector only is to be extrapolated. The vari-

ble V indicates the appropriate vehicle as follows:
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1 for CSM
V = ﬁ 0 for LM (2. 2. 40)

-1 for state vector specified by calling program

In addition, the calling program must set the desired final time tF; the

desired final radius L and, for V equal to -1, the desired state vector x.

A simplified functional diagram of the Coasting integration
Routine is shown in Fig. 2. 2-1. In the figure the indicated state
vector is being integrated to time tF' The value of At for each time
step is Atmax (Eq. (2. 2. 36)) or the total time-to-go whichever is
smaller. The integration is terminated when the computed value
of At is less than €,. or the magnitude of the position vector is less than

t

r..
F Figures 2.2-2, 2.2-3 and 2. 2-4 illustrate in more detail the

logic flow of this routine. In these figures certain items which have
not been discussed fully in the text are explicitly illustrated. The
following is a list of these items together with the number of the

figure in which each occurs.
1) Saving of r values for W matrix integration:Fig. 2. 2-2.
2) Change in origin of coordinates: Fig. 2.2-3.
3) Rectification procedure: Fig. 2.2-3.
4) Selection of disturbing acceleration: Fig. 2.2-4.

The logic flow shown in these figures is controlled by the three

switches or flags A, B, and F. Switch A is used in the determination
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of whether or not the acceleration due to the non-spherical grav-
ayp should be included
in the disturbing acceleration. The acceleration a,_ is relevant

—dP
during earth and lunar orbit, and during that part of cislunar-mid-

itational anomalies of the primary planet,

course flight in which the vehicle is both departing from the pri-

mary planet and is within the predcribed radius r Switch B

dp.
inhibits the test for a change in the origin of the Basic Reference
Coordinate System until the vector £PQ is available. Switch F is

used to distinguish between state vector integration (F = 1) and W

matrix integration (F = 0).

The definitions of the various control constants which appear

in Figs. 2.2-1to 2,2-4 are as follows:

€ = integration time step criterion

rectification criterion

m
|

)

TspH = radius of lunar sphere of influence

ryE = radius of relevance for earth non-spherical gravi-
tational anomalies

TuM = radius of relevance for moon non-spherical gravi-

tational anomalies
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MEASUREMENT INCORPORATION ROUTINE

Periodically it is necessary to update the estimated posi-
tion and velocity vectors of the vehicle (CSM or LM) by means of
navigation measurements, At the time a measurement is made,
the best estimate of the state vector of the spacecraft is the extrap-
olated estimate denoted by x'. The first six components of x' are
the components of the estimated position and velocity vectors. In
certain situations it becomes necessary to estimate more than six
quantities, Then, the state vector will be of nine dimensions., From
this state vector estimate it is possible to determine an estimate of
the quantity measured. When the predicted value of this measure-
ment is compared with the actual measured quantity, the difference
is used to update the indicated state vector as well as its associated
crror transition matrix as described in Section 5.2.1. The error transi-
tion matrix, W, is defined in Section 5.2.2. 4.

This routine is used to compute deviations to be added
to the components of the estimated state vector, and to update the
estimated state vector by these deviations provided the deviations

pass a state vector update validity test as described in Section 5. 2. 1.

Let D be the dimension (six or nine) of the estimated
state vector. Associated with each measurement are the following
parameters which are to be specified by the program calling this

routine:

b = Geometry vector of D dimensions
02 = A priori measurement error variance
5Q = Measured deviation, the difference between the

quantity actually measured and the expected value
based on the original value of the estimated state

vector x'.
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The procedure for incorporating a measurement into the estimated

state vector is as follows:
@ Compute a D-dimensional z vector from
z=W'Tb (2.3.1)

where W' is the error transition matrix associatedwithx'.

@ Compute the D-dimensional weighting vector, w, from

(2.3.2)

@ Compute the state vector deviation estimates fror

6x = w 6Q (2. 3.3)

@ If the data pass the validity test, update the state
vector and the W matrix by

x =x'"+6x (2. 3. 4)

W=Ww'- (2. 3.9)

1+
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In order to take full advantage of the three-dimensional
vector and matrix operations provided by the interpreter in the com-
puter, the nine-dimensional W matrix will be stored sequentially in

the computer as follows !
Wor Wy rre 0 g

Refer to Section 5. 2. 2. 4 for the definition of the W matrix. Define

the three dimensional matrices

T T T
Yo ¥3 Waq
o . T T
Wil W W, =1 w, Wg Wog (2. 3. 6)
wT T T
=2 Yg ALY
so that
T T T
Wo Wy Wi
- T T T
W = W3 W4 W5 (2.3.7)
T T T
W6 W7 W8

Let the nine-dimensional vectors 6x, ll' w, and z be partitioned as

follows:
8x L 29 20 Zo
6x ={ 6x, b= b, w =W 2=l 2 |7 &
) b, 99 zg Zy
(2. 3. 8)
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Then, the computations shown in Egs. (2. 3. 1) through (2. 3. 3) are

performed as follows, using three -dimensional operations:

D
T 1
z =L Wi 2
=0
2-1
a = z,* 2.t a
;5=
=0
2-1
T 1 T
9 'Ez Zj Wi
=0
- _ D
6{1—6Q9i (1‘0, 1, N ,'3—
Equation (2. 3. 5) is written
1
’Y =
1+ 02/a
= ! - i = -
v_vi+9j !J_i+9j 721‘3]' i=o0,1, ..., D-1
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The Measurement Incorporation Routine is divided into
two subroutines, INCORP1 and INCORP2. The subroutine INCORP1
consists of Egs. (2. 3. 9), while INCORP2 is composed of Egs. (2. 3. 4)
and $2. 3.10). The method of using these subroutines is illustrated

in Fig. 2. 3-1,

Since the estimated position and velocity vectors are
maintained in two pieces, conic and deviation from the conic, Eq.
(2. 3. 4) cannot be applied directly. The estimated position and
velocity deviations resulting from the measurement,§x, and 6X . are
added to the vectors é and p, the position and velocity deviations from
the conics, respectively. Since é and y are maintained to much
higher accuracy than the conic position and velocity vectors, a pos -
sible computation overflow situation exists whenever Eq. (2. 3. 4) is
applied, If overflow does occur, then it is necessary to reinitialize
the Coasting Integration Routine (Section 5. 2. 2) by the process of
rectification as described in Section 5. 2. 2. 2. The logic {flow of the
subroutine INCORP?2 is illustrated in detail in Fig. 2. 3-2.

9.2-30



CALLING PROGRAM

Compute Geometry Vector b and

Measurement Deviation 6Q.

Set Dimension D and Apriori Variance az.

[ call INCORP1 |

8x No Go To
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Eall INCORP?2 |
CCNTINUE
INCORP1 INCORP2
Compute State Vector Update State Vector ¥
Deviation Estimate 6x and W Matrix
Eas (239 ) Eqs (2.3 4) ond (2,3.10)
RETURN RETURN

Fig. 2.3-1 Measurement Incorporation Procedure
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Update W Matrix Rectification
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LM Ye
Update Xp 2
No l
Xc = X —» EXIT

Fig. 2.3-2 INCORP2 Subroutine Logic Diagram
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5.2.4 RENDEZVOUS NAVIGATION PROGRAM

5.2.4.1 Target Acquisition Routine

One of the first functions performed by the Rendezvous
Navigation Program is to use the Target Acquisition Routine to
establish lock-on of the LM Rendezvous Radar (RR) with the
transponder on the CSM. Since the problem of acquiring the
CSM with the RR is essentially the same for both the Rendezvous
and Lunar Surface Navigation Programs (P -20 and P -22, re-
spectively), the same Acquisition Routine is used for both except
for minor differences in operation. As seen in Fig. 2.4-1, a
different path is taken at various points in the routine if program
P - 22 is being used. For the moment, however, most of the
operational details presented are for the case when the Rendezvous
Navigation Program is being used. In Section 5.2.5.1 an explan-
ation is given for the different paths taken by the routine when
P - 22 is being used. In either case it is assumed at the start of
the routine that the RR is on and has been permitted to warm-up

for at least 30 seconds.

Three modes are indicated at the top of Fig. 2.4-1
for controlling the RR in target acquisition. Normally the RR
LGC Mode is used to control the RR for target acquisition. How -
ever, the astronaut may elect to use the RR Manual Mode by a
verb-noun entry when calling either navigation program. The
RR Search Mode, which is also indicated at the top of Fig. 2.4-1,
is not used at the beginning of either navigation program, but
can be called by the astronaut when an Alarm is issued by the

corresponding Designate Routine.
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5.2.4.1.1 Target Acquisition With the RR LLGC Mode

LGC control of the RR is shown in the middle column
of Fig. 2.4-1 where the first step is the determination of the
line-of -sight (1LOS) to the CSM. This is accomplished by taking
the vector difference of the LM and CSM position vectors propa-
gated to that time, If the range between the LM and CSM is
greater than 400 nm, an alarm is issued sincc the RR is unable
to provide correct range information to the [.GC because of the
ranging technique used in the radar. After successfully com-
pleting the range check, the LM Preferred Tracking Attitude
Routine isused to alignthe 1.M + Z -axis with the 1LOS, The PPreferred
Tracking Attitude Routine automatically recomputes the LOS and
then calls the KALCMANU Routine of Section 3 to align the LM
+ Z -axis along the LLOS., At this point, it the astronaut should
decide to manually change the attitude, such as to roll about the
Z -axis, it is essential that he recall the Preferred Tracking
Attitude Routine to insure that the Z -axis is aligned with the LOS
before proceeding with the next step. This is done to insure a
sufficient period of data taking for estimation of the RR angle
biases before the angle between the RR antcenna and the LM
Z -axis reaches 30 degrees. During the RR data taking process
the LM is controlled to hold an approximate inertially fixed at-
titude by use of the 5° limit cycle. The RR Data Read Routine,
which is described in Section 5.2.4.2, is used to detect when
the RR antenna is more than 30 degrees from the + Z-axis and
causes the + Z -axis to be re-aligned with the 1.LOS using the Pre-
ferred Tracking Attitude Routine, In addition to meeting the
requirements for estimating RR angle biasecs, it is also essential
that the above attitude constraints be used because of the limited
radiation coverage of the LM optical beacon which must be directed
towards the CSM so as to enable the astronaut in the CSM to
optically sight upon it. The beacon is centered with respect to

the LM + Z-axis and has a beamwidth of approximately 60 degrees.
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Having completed the Preferred Tracking Attitude
Routine in Fig. 2.4-1, the LGC checks to see if the RR Auto
Mode discrete is being received from the RR. This discrete
signifies that the RR is on and has been placed under LGC
control by a switch associated with the radar. Afterwards, a
check is made to insure that the RR CDU's are not being zeroed.
These CDU's are zeroed by the RR Monitor Routine (R-25) of
Section 5. 2. 4.3 whenever the RR is placed under LGC control.
Next, a check is made to see if either the Manual or Search
flag is present, signifying that the manual or search mode of
acquisition is being used. Since the present mode is assumed
to be the RR LGC Mode, these flags should not be present.

During rendezvous, the Rendezvous Designate Routine
of Fig. 2.4-2 is used to designate the RR along the LOS to the
CSM. Initially, the routine removes the RR Track Enable
discrete, if it is present, to insure that the RR will respond to
its designate commands. Next, a check is made to see if the
target LOS is in the present RR antenna coverage mode, of which
there are two as shown in Fig. 2.4-3. In the present case,
the LOS should be in the Mode 1 coverage region since the Pre-
ferred Tracking Attitude Routine previously aligned the LM
Z -axis along the LOS. If the RR antenna is not in this desired

coverage mode (Mode 1), action is taken to place it there,

Afterwards, the designate routine starts designating
the RR towards the LOS as shown in Fig. 2.4-2. The LOS is
determined every two seconds by extrapolation of the CSM and
LM state vectors. Every half second new rate commands, pro-
portional to the angular difference between the RR and LOS, are
issued to the gyros of the RR Antenna Servos. When the RR is
within 0.5 degrees of the LOS, the RR Track Enable discrete is
issued to the RR, enabling its angle tracking servos to track the
target if its range and range-rate tracking networks have already
acquired the target, The routine then terminates if the RR Data
Good discrete, signifying RR lock-on, is received. However, if

this discrete is not present, the routine will continue generating
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commands and checking for this discrete until the alloted time
(approx. 30 seconds) has expired, at which time an Alarm is
issued. At this point it is seen in Fig. 2.4-1 that the astronaut
can either repeat the LGC designate process or proceed to the
RR Search Mode,

Once lock-on is achieved, a 2.5 - sccond delay is
introduced before going to the RR Data Read Routine. This delay
permits any transients in the RR angle tracking servos to settle

out before data is taken.

5.2.4.1.2 Target Acquisition With the RR Manual Mode

If the astronaut indicates when calling the Rendezvous
Navigation Program that he wishes to manually acquire the CSM,
the logic is that given in the left column of Fig. 2.4-1. The Manual
and the No Angle Monitor flags are set and the attitude is established
in the same manner as previously given for the RR LGC Mode. The
No Angle Monitor flag is set during the RR Manual Mode so as to
disable the angle monitor function of the RR Monitor Routine (see
Section 5.2.4.3). Afterwards, the LGC issuesthe Track Enable dis-
crete to the RR and requests the astronaut to manually acquire the
target. Althoughthe RR Track Enable discrete has no effect on manual
control of the RR, it is issued at this time so that there will be no
loss of RR tracking after the target has been manually acquired and

the RR has been placed under [.GC control.

After achieving lock-onmanually, the astronaut keys in
"ENTER'" and the RR is checkedtosee if it is within the limits of the
present coverage mode, If not, an alarm is displayedand the astronaut
caneither terminate the program or wait and recycle the limit check
until the RR moves withinthe limits, After ithas heenestablishedthat
the RR is withinthe mode limits, the No Angle Monitor flagis reset and
the astronaut may then place the RR under LLGC control. Asseenin
Fig. 2.4-1, theremaining steps are the same as for the RR LGC Mode

except that the Designate Routines are by -passed,

5.2-44



5.2.4.1.3 Use of the RR Search Mode

In Fig. 2.4-1 it is seen that the RR Search Mode
may be instigated by the astrowaut if an Alarm has been is-
sued by the Rendezvous or Lunar Surface Designate Routines,
This mode causes the RR antenna to move in a hexagonal search
pattern about the estimated LLOS. The search pattern is a box
with six sides where the side to side dimensions are 5. 6° as
shown in Fig. 2.4-4. At the beginning of this mode the RR is
designated for six seconds along the estimated LOS to the target
defined by the unit vector ELOS in Fig, 2.4-4. Afterwards, the
LGC sequentially designates the RR to each corner of the hexa-
gon for a period of six seconds. Having completed the designate
to each corner, the LGC repeats the above process starting with
a designate along Y1 0s for six seconds. The time required to

generate this search pattern is approximately 42 seconds.

The logic flow used to generate the search pattern is
shown in Fig. 2.4-5 and, for the moment, consideration will be
given only to those logic steps taken during operation of the Ren-
dezvous Navigation Program (P -20). Note that the L.OS is up-
dated every six seconds so as to keep the search pattern moving
with the estimated target position. A more frequent update of
the LOS is not considered necessary during rendezvous since the
LOS angular rate seldom exceeds one milliradian per second,
However, when the LOS is updated, it is determined three seconds
into the future so as to minimize the LLOS error. During the
search operation, the Track kinable discrete is issued to the RR
so that it may acquire the target. As seen in Fig. 2.4-5 a check
is made every 6 seconds to see if the RR is within 30° of the
LM + Z-axis. If this angle exceeds 300, the LM Preferred Track-
ing Attitude Routine is used to re-establish the preferred attitude

pefore commencing with the search pattern. A check is also made
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Fig. 2.4-4 RR Search Pattern
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every six seconds to see if the LGC is receiving the RR Data
Good discrete, signifying that the RR has acquired the target.
If this discrete is present, the search pattern is stopped and
the astronaut is notified. The astronaut then checks to see if
acquisition was obtained with the main radiation lobe of the RR.
By manually positioning the RR and observing the RR signal
strength meter, he should be able to distinguish the main lobe
from any side lobes. Having verified and achieved lock-on with
the main radiation lobe, the astronaut places the RR under LGC
control and enters a ""PROCEED'. The remaining steps are in-
dicated in Fig. 2,4-1.

5.2.4.2 Rendezvous Navigation Routine

5.2.4.2.1 RR Data Read Routine

During operation of the Rendezvous Navigation Routine
use is made of the RR Data Read Routine to obtain measurement
data from the RR. The logic associated with the RR Data Read
Routine is given in Fig, 2.4-6., Like the Target Acquisition
Routine, this routine is used by both the Rendezvous and Lunar
Surface Navigation Programs, with different paths being taken at
various points in the routine depending on which program (P - 20
or P -22) is in operation, The RR Data Read Routine periodically

obtains a complete set of data from the RR (range, range rate,
shaft angle, and trunnion angle) for purposes of navigation,

although only range and range rate data is used for update during
lunar surface navigation., The frequency of RR data requests
made by the RR Data Read Routine is about once every minute
during rendezvous navigation and about once every 30 seconds

during lunar surface navigation.
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For the moment, an explanation will be given only
for those logic steps in Fig. 2.4-6 associated with use of the
Data Read Routine during rendezvous navigation, The different
steps taken during operation with the Lunar Surface Navigation

Program (P -22) are explained in Section 5.2.5.2,

In Fig. 2.4-6, the first check made by the routine,
after establishing that P-20 is being used, is to see if the Track
flag is present. This flag is removed during the preparation
and execution of a LM AV maneuver when there is no desire to
have the routine request RR data or call any other routine such
as the Rendezvous Designate and LM Preferred Tracking Attitude
Routines. Note that a new request will be made for RR data 15

seconds later if the Track flag is absent,

If the Track flag is present, the routine next checks
for issuance of the RR Track Enable discrete and reception of
the RR Auto Mode discrete. The former discrete is removed
and not re-issued by the RR Monitor Routine whenever the RR
antenna angles exceed the limits in Fig. 2.4-3_ Its absence
therefore indicates a need to go back to input of Fig. 2.4-1
to re-establish the LM preferred tracking attitude and re-desig-
nate the radar. Afterwards, a check is made to insure that
RR data is not taken if the RR CDU's are being zeroed.

The sequence used by the routine for reading RR data
is shown in Fig. 2.4-6 where frequent checks are made of the
RR Data Good discrete to insure that no RR tracking interruptions
have occurred during the read-out. Prior to and after reading
the data, the routine checks the status of the Range Low Scale
discrete to insure that the proper scaling will be applied to the
range data. For ranges below 50.8nautical miles, the RR issuesthe
Range IL.ow Scale discrete indicating to the L.GC that the low
scale factor should be used. If the status of this discrete should
change during the data reading process, it is seen in Fig. 2. 4-6

that a new data request is immediately made by the routine.
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In order that a given set of RR data be usable for
navigation update purposes, the data must all be referenced
to one instant of time, Therefore, the time tm when the CDU
angles were recorded is used as the time tag for a complete

set of RR data.
After the RR data is read, the LOS is determined

for time t__ and compared with that indicated by the RR CDU's.
This is dorr?e to insure against RR side-lobe lock-on, If the
difference is more than 3 degrees, an alarm is issued to the
astronaut who must then decide to go to the Rendezvous Desig-

nate Routine or request the LGC to proceed with the data.

Following the side-lobe check, the LGC checks to
see if the Update flag is present. This flag is removed when
there is no desire to use the RR data to update the navigation
equations such as during the terminal phase of rendezvous. It
is removed by the LGC during a LM AV maneuver, and by the
Target Delta V Routine (R-32) when the CSM is performing a
AV maneuver. The flag differs from the Track flag in that the
presence of only the Track flag still permits the LGC to moni-
tor RR tracking and read RR data for purposes other than

navigation updates.

After the Update flag check,the LGC checks the LM
attitude control mode to see if the 5° limit cycle is being used
and that the attitude is not under manual control. This insures

that the RR data will be satisfactory for update purposes.

The last check made by this routine is to determine
if the RR antenna is less than 30 degrees from the LM + Z-axis.
As mentioned previously, this is required in order for the LGC
to perform a satisfactory determination of RR angle biases, and
to also enable the LM Optical Beacon to be seen by the CSM.
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The range obtained from the RR by the RR Data Read
Routine is that measuredby the RR between the LLM and the CSM.
This data is sent to the LGC from the RR as a binary data word

R In the LGC the range YRR in feet is obtained as follows:

RR-’

where kR is the bit weight,

The range rate data obtained from the RR by the RR
Data Read Routine is in the form of a binary data word SRR
which represents the count in the RR of a frequency comprising
both the doppler frequency and a bias frequency (fBRR) over a
i i T T is give
time interval RR" At present, RR '8 given as 80. 000

milliseconds. To obtain the range rate (r } in feet per sec-

RR
ond, the following computation is made:
'R - “RR (kR ~ 'BRR "RR’
where k is the scale factor rcquired te obtain the range rate in

RR
feet per second and is of such a polarity as to make I;RR positive

in the above equation for increasing range.

A summary of the processing constants required by

the LGC for RR operation is given as follows:
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R1

R2

Range rate bias frequency
Counting interval in RR for range rate measurements
Scale factor to convert the range rate count obtained

from the RR to feet per second for the counting inter-

val TRR" The scale factor polarity is such as to make

the converted result positive for increasing range.

Bit weight in feet for long range scale.

Bit weight in feet for short range scale.
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5.2.4.2.2 Rendezvous Navigation Computations

During rendezvous phases RR navigation data are
obtained by means of automatic rendezvous radar tracking of
the CSM from the LLM. These data are used to update the esti-
mated six-dimensional state vector of either the LM or the
CSM. The option of which state vector is to be updated by the
RR tracking data is controlled by the astronaut as described in
Section 5. 2.1 and illustrated in Fig, 2.1-1. This decision will
be based upon which vehicle's state vector is most accurately known,
and upon which vehicle is performing the rendezvous. This pro-
cess requires that the constant RR tracking angle biases be com-
pensated for by estimating these biases along with the selected
vehicle's state vector such that subsequent RR tracking angle

data can be modified as shown in simplified form Fig. 2.1-1.

This routine is used to process the CSM-tracking
measurement data, and is used normally during lunar -orbit
rendezvous in the lunar landing mission. The routine also can

be used in earth orbit during alternate missions.

After the preferred LLM attitude is achieved and RR
tracking acquisition and lock-on is established (Section 5.2.4.1),
the followingtracking data are automatically acquired by the RR
Data Read Routine (Section 5.2,.4.2.1) at approximately one
minute intervals:

Measured range, RM
Measured range rate, f{M
Measured shaft angle, BM

Measured trunnion angle, 91\/[



where the subscript M indicates the RR measured value, In
addition to the above four measured quantities the time of the

measurement and the three IMU gimbal angles are also recorded.

Although eight variables are estimated in the navigation
procedure (six vehicle state-vector components and two RR angle
biases), it is convenient to use the following nine-dimensional

state vector:

b

X = 68 (2.4.1)

where r and v are the estimated position and velocity vectors,
respectively, of the selected vehicle (LM or CSM) which is

being updated, 68 and 50 are the estimates of the biases in the

RR shaft and trunnion angles, respectively, and the ninth co-
ordinate is a dummy variable, This type of RR tracking angle
bias is referred to as a boresight bias and is one of two types
which may be defined. With the LM attitude restriction men-
tioned in Section 5.2.1, either type of angle bias (tilt or bore-
sight) can be used, and the boresight type indicated in Eq. (2.4.1)

is most convenient,

Let EL’ Vi e and Ve be the estimated position and
velocity vectors of the LM and CSM, respectively, at the time
of the measurement. Then, the measurement error variances,
;T, the nine-dimensional geometry vectors, b, and the measured
deviations, 6Q, for the range and range rate measurements are

computed as follows:



Measured range, RM

ILc ~ ¢ T L

4 o = UNIT (r; o)
2 -
o = maximum (rLC varg, VarRmin)
. (2.4.2)
bp = *Yc
91 =0
Ez =0
Q= Ry - T ¢

where var, is the RR range error variance corresponding to a
R
percentage error, and varp in is the minimum RR range error

variance,

Measured range rate, éM

ic T Ic T I
ue = UNIT (1 c)
Vic = Yo TV (2.4.3)

Vic © Yic

[ ]
@ = maximum (r var var .
( ' Vmin )



Measured range rate, I.{M ( Continued)

- 1
b =+ —  (u X v ) X u
=0 rLC Z1L.C -L.C =L.C
by =*Y4c
(2. 4,3 Continued)
92 =0
Q= RM - r

where var,, is the RR range-rate error variance corresponding

\
to a percentage error, and vary oo is the minimum RR range-

rate variance.

In Egs. (2.4.2) and (2, 4, 3) the negative signs are
selected if it is the LM state vector that is being updated, and

the positive signs if it is the CSM state vector,

In order to process the RR angle data (BM and GM-),
it is necessary to consider the relative orientations of the
various coordinate systems. If Ugs Uy and u, are unit vectors
along the X-, Y- and Z-axes, respectively, of the RR Measure-
ment Coordinate System, then the measured shaft angle, BM'
and the measured trunnion angle, GM’ are defined as shown in
Fig. 2.4-7. In the figure, the vector sy is the projection of

the measured LM-to-CSM line-of-sight vector on the XZ -plane,

It is assumed that the RR Measurement Coordinate
System is coincident with the Navigation Base Coordinate System
since all RR performance specifications are referenced to the
PGNCS navigation base, The unit vectors Uses Uy and Ezare
then given in the Basic Reference Coordinate System by
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Measured Line-of-Sight

Figure 2. 4-7 RR Measurement Coordinate System



u - [SMNB] [REFSMMAT] (2.4.4)

where [SMNB]and [REFSMMAT] are transformation matrices
as defined in Section 5. 6. 3, and the anglesfrom which SMNB
is determined are the values of the IMU gimbal angles which

were recorded at the measurement time,

The measurement error variances, 02 , the nine-
dimensional geometry vectors, b, and the measured deviations,

6Q, for the shaft and trunnion angle measurements are com-

puted as follows:

Measured shaft angle, BM

1 ° Lc T L

upc = UNIT (1 ¢)
S = Yc Yy
_ 2
rXZ = rI_,C 1 -S
—0—2 = var + wvar
B IMU (2.4.5)
-1
b = + —— TUNIT (u X u )
=0 rXZ =Y ~L.C
b, = 0
1
Ez =0
0
u « u
6Q = BM—tan-lz—X——;—L’c— - &7
-Z ° =LC



where varB is the RR shaft-angle error variance and varyvu is

one-half the IMU angular error variance,

Measured trunnion angle, BM

r

Iic ©

Yic ©

la]

|

S
™o

gd

|T

| o

6Q

Vare + V&I‘IMU

(2.4.6)

+1

(uy, x U; ~)xu
<z Y -LC ~LC

(g

O - O

] —sin-l(S) - 66

M

where vare is the RR trunnion-angle error variance,

In Egs. (2.4.5) and (2. 4.6) the negative signs are

used if it is the LM state vector that is being updated, and the

positive signs if it is the CSM state vector,

The data are incorporated into the state vector esti-

mates by means of four calls to the Measurement Incorporation

Routine (Section 5.2, 3).

The updated components of the nine-

dimensional state vector resulting from each incorporation are

used as initial conditions for the next update in the sequence,
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Included in each use of the Measurement Incorporation Routine
is the state vector update validity check, as described in Sec-
tion 5. 2.1 and illustrated in Fig. 2.4-8.

The results of the processing of the RR measurement
data are updated values of the estimated position and velocity
vectors of the CSM or the LM and estimates of the RR angle
biases. The two estimated vehicle state vectors are used to
compute required rendezvous targeting parameters as described

in Section 5. 4. 4,

For convenience of calculation in the LGC, Eqs. (2.4.5)

and (2.4.6) are reformulated and regrouped as follows:

Preliminary Radar Angle Calculation

Tie - I T IL

(2.4.7)
S = -u -u
—L.C =Y
_ VoL g2
rxz = Tre’ 178
Measured shaft angle, BM
— r2
a® = Txgy (varB + varIMU)
b, = F UNIT (uy X u; )
(2.4.8)
El =0
1"Xz\
b, =10
<) 0 }
u, - U
-1 =X ~L.C
6Q = r B, - tan | ———— - 68
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ENTER

Call INCORP1 of Measurement
Incorporation Routine to Compute

State Vector Change 6x

Display ér and 6v

l Return toRR
Data Read

Routine
or

Yes

Astronaut

Approve
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Rendezvous

Navigation

y

Call INCORP2 of Measurement

Incorporation Routine to Perforr

State Vector Change

v

58 | /aﬁ
66 = ! 66 + 652
o] o,

EXIT

Figure 2, 4-8 Rendezvous Navigation Measurement Incorporation Procedure
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Measured trunnion angle, GM

2
R (Varg + VarIMU)
by =¥ (uyXupe)*tc
21 =0
(2.4.9)
0
b —
=2 'xz
0
6Q = r 6. . - sin~ ! (S) -+686
T Xz M

The procedure for performing the rendezvous naviga-
tion computations is illustrated in Figs. 2.4-9 and 2.4-10. It
is assumed that the following items are stored in erasable mem-

ory at the start of the computation shown in Fig. 2.4-9:

Xe = Estimated CSM state vector as
defined in Section 5. 2. 2, 6.

iI_, = Estimated LM state vector.

\" = Six-dimensional error transition

matrix associated with EC or ?EL

as defined in Section 5.2.2. 4,
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ENTER

No Yes

I.M Update

Call Coasting Integration Routine to Call Coasting Integration Routine to
Extrapolate x, to measurement time t . Extrapolate x . to measurement time t .

Call Coasting Integration Routine to Call Coasting Integration Routine to
Extrapolate X0 measurement time t,. Extrapolate x, to measurement time ‘F
% 2
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1=0 RAREL AH 0
4 0 0
W 0w 0
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Q Q 0
Wy~ wpp !
\%1 =0
W‘.Z =0
W 3" O
“4 : wr‘vI
W_ =0
)
\\.’6 = Q
Incorporate Range and Range-Ratq W0
Measurement Data Fig., 2.4-10 7
D=9
RENDWFLG =1

Compute uy. uy and Uy Eq. (2. 4. 4j

]

I Preliminary Radar Angle
Calculation Eqs. (2.4.7)

!

Compute Error Varianct":2 Geometry Vector b and

Measured Deviation $Q for Shaft Angle Measurement
Eqgs. (2.4.8)

t

[ Incorporate Measurement Data Fig. 2.4-8 }

!

Do Preliminary Radar Angle
Calculation
Egs. (2.4.7)

}

Compute Error Variance 02

Geometry Vector b and Measured Deviation 6Q for
Trunnion Angle Measurement

Eqs. (2.4.9)

lN SN+] }o——{lncorporate Measurement Data Fig, 2.4-8 ]

EXIT

Fig. 2.4-9 Rendezvous Navigation Computation Logic Diagram
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ENTER

Compute Error Variance a/2
Geometry Vector b and
Measured Deviation 6Q for
Range Measurement
Egs. (2.4.2)

v

Incorporate Measurement Data
Fig, 2.4-8

v

Compute Error Variance o

Geometry Vector b and
Measured Deviation 6Q for
Range Rate Measurement

Egs. (2.4.3)

y

Incorporate Measurement Data
Fig. 2.4-8

EXIT

J
{duf (,
Fig, 2.4-10 RR Measured Range and Rate Rate Incorporation
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1 for valid W matrix
RENDWFLG =

0 for invalid W matrix

This flag or switch is maintained

by programs external to the Ren-
dezvous Navigation Routine, It
indicates whether or not the existing
W matrix is valid for use in pro-
cessing RR tracking data. The

flag is set to zero after each of

the following procedures:

1) PPowered mancuver

2) State vector update from ground
3) Orbit navigation

4) Astronaut command

[REFSMMAT]: Transformation Matrix: Basic
Reference Coordinate System to
IMU Stable Member Coordinate
System.

N = Number of sets of rendezvous

navigation data already processed.

tF = Measurement time,

Ry Bar Par

GM = RR measurement data

W Wi WB W T Preselected W matrix initial

diaganal elements



Three IMU gimbal angles
Vehicle update mode

1 indicates RR angle measurements

(BM and GM) are not to be used

NOANGFLG =

! 0 indicates RR angle measurements

(BM and GM) are to be used

~

The variables D and V are indicators which control
the Coasting Integration Routine (Section 5,2,2) as described
in Section 5.2.2.6, and I and O are the three-dimensional iden-

tity and zero matrices, respectively,

The RR -measurement-data incorporation procedure out -
lined above is repeated at approximately one -minute intervals throughout
the rendezvous phase except during powcreus maneuvers, If the LM
is the passive vehicle, the CSM rendezvous maneuvers are
voice-linked to the LM as an ignition time and three velocity
components in a CSM local vertical coordinate system, and then
entered as updates to the estimated CSM state vector in the
LLGC. Upon receipt of these data, RR tracking and data proces-
sing should be suspended until after the maneuver, The update
is accomplished by means of the Target AV Routine, R-32, If
the LM is the active vehicle, the estimated LLM state vector is
updated by means of the Average-G Routine (Section 5. 3. 2)

during the maneuver,
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5.2.4.3 RR Monitor Routine

The logic associated with the RR Monitor Routine
(R-25)is given in Fig.2.4-11. This routine is initiated every
0.48 seconds by TARUPT and monitors various items such as
the Auto Mode discrete, the RR CDU Fail discretes, and the
angular excursions of the RR antenna. In addition, it zeros
the RR CDU's and determines the present RR antenna mode
whenever the Auto Mode discrete appears. If there is an RR
CDU failure when the Auto Mode discrete is present and P-20

or P-22 is in use, the Tracker Fail Alarm is turned on. -

After checking for RR CDU failure, it is seen in
Fig. 2.4-11 that a number of conditions must be met before
the routine will check to see if the RR antenna angles are within
the present mode limits (see Fig. 2.4-3). For example, the
angles are not checked if the No Angle Monitor flag is present,
signifying that the RR Manual Mode of target acquisition is being
used. If all the conditions are met and the RR antenna is not
within the present mode limits, the routine will issue an alarm,
remove the RR Track Enable discrete from the RR, and cause
the RR to be repositioned to the reference position (see Fig. 2. 4-3)

for the present mode.
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Figure 2.4-11 RR Monitor Routine
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5.2.5 RR LUNAR SURFACE NAVIGATION PROGRAM

5.2.5.1 Target Acquisition Routine

Since acquisition of the CSM with the LM rendezvous
radar (RR) during lunar surface navigation is essentially the
same as during rendezvous navigation, the same Acquisition
Routine (see Fig. 2.4-1) is used for both except for minor dif-
ferences in operation. When the Lunar Surface Navigation Pro-
gram (P-22) is in operation, it is seen in Fig. 2.4-1 that the RR
LLGC Mode does not make a 400 nm check or use¢ the Preferred
Tracking Attitude Routine. Also, the Lunar Surface Designate
Routine is used in place of the Rendezvous Designate Routine
while on the lunar surface in order to minimize the lag errors
which could occur while designating the RR through the relatively
large line-of-sight (LLOS) angular rates experienced at that time.
If the in-orbit technique of designation werc used while on the
lunar surface, the lag error could sometimes be twice as large
as the L.OS angular rate. This is primarily due to the fact that
the present control system existing between the RR and the LGC
is essentially a Type 1 servo control system. Although this type
of control system is considered to be accurate enough for designat-
ing the RR during rendezvous where the [.OS angular rate seldom
exceeds one milliradian per second, it is not considered satisfactory

for use on the lunar surface.

In order to compensate for lag errors when designating
the RR on the lunar surface, the Lunar Surface Designate Routine
shown in Fig. 2.5-1 is used. Initially, checks are made to insure
that the RR Track Enable discrete is not being issued to the RR,
the RR antenna is in Mode 2, and the target LLOS is within the oper-
ating limits (see Fig. 2.4-3) of Mode 2. If the LLOS is not within the
above limits, an alarm code is displayed to the astronaut and he either
repeats the limit check or terminates the program. Afterwards,therou-
tine starts designating the RR to the CSM by issuing rate commands

every half second to the RR gyros which are proportional to the
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Figure 2.5-1 Lunar Surface Designate Routine
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angular difference between the RR and

1 -
ros ~ Lros T Yc (2.5.1)
where ELOS is the present range vector to the CSM, XC is
the CSM velocity vector, and ros 18 essentially T oS advanced

one second into the future. This correction keeps the RR pointed

along the estimated LLOS to the CSM.

Note that the present range vector (ELOS) is deter-
mined by using the position vectors of the CSM and the landing
site (EC and ELS) only once every two seconds, However,
during the intermediate half seconds, it is updated by the following

approximation:

ros T frLos t Ve /2 (2.5.2)

since it is less time consuming in LLGC operation,

During the designate operation the routine checks
every 0.5 seconds to see if the RR is within 0.5 degrees of the
present estimated range vector (ELOS ). Once the RR is within
0.5 degrees of r

~LOS’
the RR, enabling its angle tracking servos to track the target. A

the RR Track Enable discrete is issued to

check is also made every 0.5 seconds to see if the RR Data Good
discrete is being received from the RR. This discrete signifies
that the RR range and range-rate tracking networks have acquired
the target and that the RR Track Enable discrete has been re-
ceived from the LGC. If the RR fails to achieve lock-on after 30
seconds of designation, an alarm is displayed, whereupon, the
aistronaut either repeats the designate process or proceeds with the
RR Search Mode as indicated in Fig. 2.4-1. In Fig. 2.4-5 it is
seen that a slightly different technique is used to generate the RR
search pattern when program P-22 is being used. This is done in

program P-22 primarily to compensate for the large lag errors
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which could occur if the search pattern were generated on the
lunar surface with the technique used with program P-20. The
technique used to compensate for lag error is the same as that

used in the Lunar Surface Designate Routine,

The logic given in Fig. 2.4-1 for the RR Manual Mode
of acquisition when using program P-22 is fairly self-explanatory.
It is seen that the Preferred Tracking Attitude Routine is bypassed
and steps are taken after manual acquisition to insure that the RR

antenna is within the operating limits of Mode 2.
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5.2.5.2 Lunar Surface Navigation Routine

While the LM is on the surface of the moon, RR navi-
gation data is used to update the estimated CSM state vector as

described in Section 5.2. 1.

After target acquisition has been accomplished (Sec-
tion5.2.5. 1), data is obtained approximately cvery 30 secs. by means of the
RR Data Read Routine (Section 5.2.4.2.1). In addition to reading
RR data more often during this portion of the mission, the RR
Data Read Routine omits the checks made on the Track Flag, the
vehicle attitude control mode, and angular excursion of the RR

with respect to the vehicle+Z -axis (30() limit check).

Although the RR Data Read Routine reads the RR angles
along with the range and range rate, the angle data is not used for
update purposes because of the uncertainties associated with the
magnitude and nature of the RR angle biases which may be present
during the large angular excursions of the RR with respect to the
vehicle at this time. Thus, the estimated state vector in the
Lunar Surface Navigation Routine is the six-dimensional CSM
state vector, and only the range and range rate data (RM and i{M’

respectively ) are used in the navigation computations.

The computation logic for the Lunar Surface Navigation
Routine is similar to the rendezvous navigation logic (Section5.2.4.2)
and is illustrated in Fig. 2.5-2. It is assumed that the following
items are stored in erasable memory at the start of the procedure

shown in the figure:

EC = Estimated CSM state vector as defined in
Section 5.2.2.6
W = Six-dimensional error transition matrix

associated with Xc as defined in Section 5.2.2.4
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ELS = Estimatedlanding site or LM positionvector
onthe surface of the moonin mroon-fixed co-

ordinates,
N = Number of measurement data points already

processed.

The variables D and V are indicators which control the
Coasting Integration Routine (Section 5.2.2) as described in
Section 5.2.2.6, u,, is a unit vector along the rotational axis of

the moon, and W is the lunar angular velocity,
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5.3 POWERED FLIGHT NAVIGATION AND GUIDANCE

5.3. 1 GENERAL COMMENTS

The objective of the powered flight guidance and navigation
routines is to maintain an estimate of the LM state vector during
thrusting maneuvers, and to control the thrust direction and dura-
tion such that the desired velocity cut-off conditions specified by
the targeting routines of Section 5. 4 are achieved. The powered
flight navigation routinc, used to maintain an estimate of the ve-
hicle state vector during all thrusting conditions, is referred to as
the Average-G Routine, and is presented in Section 5. 3. 2.

There are three basic powered flight guidance concepts
used in the LGC. The first is a velocity-to-be-gained concept with
cross product steering (Section 5. 3.3, 3) that is used in each of the

three following programs:

1) Descent Orbit Injection Guidance (Section 5. 3. 3)
2) Lambert Aim Point Maneuver Guidance (Section 5. 3. 6)
3) External AV Maneuver Guidance (Section 5, 3. 7)

These three programs, based on the cross product steering concept,

differ only in the unique generation of the desired velocity vector, VR

The second basic guidance concept is the quadratic explicit
guidance of Section 5. 3. 4 which is used for the powered lunar land-
ing maneuver. This concept isuscd to control the throttleable LM
Descent Propulsion System (DPS) such that specified target or aim
point conditions are achieved during the various phases of the land-
ing maneuver. The landing maneuver target conditions for each
phase are chosen to satisfy various DPS throttle and visibility con-

straints,

The third LGC guidance concept is the linear explicit
guidance of Section 5. 3. 5 used to control powered ascent maneuvers
from the lunar surface to desired ascent injection conditions. This
guidance concept is also used to control abort maneuvers initiated

during the powered landing maneuver as described in Section 5., 4. 5.



5.3.2 POWERED FLIGHT NAVIGATION -- AVERAGE -G ROUTINE

During a powered flight maneuver, the state vector es-
timate will be maintained by numerical integration of the equations

of motion using Avcrage-G cquations,

The information about the thrust acceleration comes
from the IMU Pulsed Integrating Pendulous Accelerometers ({ PIPA)
in the form of velocity increments (Ax) over the time interval
(At) corresponding to the time of repetitive computations ( generally
two seconds). The computations are, therefore, in terms of
discrete increments of velocity rather than instantaneous accelera-

tions.

if rs and V-1 are the position and velocity cstimates

-1
at the beginning of the nth computational cycle,then T, and v_ are

computed from

T En_l+At(!n_l+gn_lAt/2+AX/2) (3.2.1)

+ .5At (g

n-1 5n-1 + gn) + AX (3.2.2)

where g, is the gravitational acceleration. The gravitational accel-

eration outsidce the tunar sphere of influence is viven by:

r 3

| !

r |\ 2 i

o He .3 eq . 2 |

g, =~ —7 U, *EJZ — | (1 - 5cos é)gr +ZCOS¢EZ?
r n r_, n

n .0, }

N )

(3.2.3)



where

coSs ¢ = U u, (3.2.4)

The vectors U and u, are unit vectors in the direction of r.
n
and the polar axis of the earth, respectively, M, is the gravita-

tional constant of the earth, r‘eq is the equatorial radius of the
earth, and J2 is the second-harmonic coefficient of the earth's

potential function.

The gravitational acceleration within the lunar sphere
of influence is a determined by a simplification of Eq. (3.2, Das

e

follows:

= -—5u (3.2.5)

where U is the gravitational constant of the moon.

The Av is compensated for instrument ¢rrors as
described in Section 5, 6. 13. Further, the Ay is transformed
into the Basic Reference Coordinate System since the naviga-

tion calculations are made in reference coordinates,



5.3.3 DESCENT ORBIT INJECTION GUIDANCE

5.3.3.1 General Objectives

The objective of the ILGC Descent Orbit Injection program
is to establish a 180 degree central angle transfer orbit from the
CSM orbitto a desired powered landing maneuver ignition point. In
the nominal lunar landing mission the descent orbit is between a
near circular CSM orbit of 80 nm altitude and a landing maneuver
ignition point (a radius vector of 50, 000 feet altitude above the land-
ing site with a specified central angle or ground range to the landing

site).

The nominal mission calls for zero flight path angle rel-
ative to the local horizontal at the landing maneuver ignition point,
This means that perilune of the descent orbit is at the landing man-
euver ignition point and the apolune is on the CSM orbit. Further-

more, no plane change is made during this descent orbit injection.

5.3.3.2 Required Targeting Parameters

The targeting parameters required for the descent orbit

injection guidance are;

1) t

DI Desired injection cutoff time

2) h

i

p = Desired perilune altitude magnitude

These two parameters will nominally be determined by the Lunar
Landing Time Prediction Routine of Section 5.4, 2 which is also re-
ferred to as the DOI targeting routine. The descent orbit guidance
will steer for a conic trajectory that will achieve the desired perilune.
Since the perturbation on this conic due to the lunar non spherical
gravity effects candecrease this perilune by as much as10, 000 feet, the

value of hpwill be offset inthe targeting routine to compensate for

this effect.
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5.3.3.3 Cross Product Steering Concept

The cross product steering concept is used to control
the following maneuvers:
V1. DOI (Descent Orbit Injection)
2. Cs1 ( Coelliptic Sequence Initiation)
3. CDH (Constant Differential Altitude)
4., TPI ( Transfer Phase Initiation, CFP and Stable
Orbit Rendezvous)
5. MCC ( Rendezvous Midcourse Corrections, CFP
and Stable Orbit Rendezvous)
6. TEI ( Transcarth injection SPS backup)
7. External AV
The objective of the cross product steering concept in the LM is

to control the thrust direction along the velocity to be gained vec-

tor. The velocity to be gained vector (v ) is defined as
g vYG

= v, -V (3.3.1)

where YR is the required velocity and v is the current vehicle

velocity.

The desired thrust direction ETD is defined such that

ap X Vg = 0 (3.3.2)

If the actual thrust acceleration a,. is along arp

the equation

-0 (3.3.3)



will be satisfied. In general, there is a directional error and
the control system will rotate the vehicle so that the equation

is satisfied.

To align the vehicle such that Eq. (3.3.3) is satis-

fied, a thrust axis command is generated as follows:

Urp = Uyg (3.3.4)
where
Uyg = UNIT (YG) (3.3.5)
L_lTD = unit vector in desired thrust direction

The mechanization of this cross product steering concept is il-

lustrated in Fig. 3.3-1. In the figure

AV = velocity increment measured by the PIPA's

At = computing interval

As illustrated in Fig. 3. 3-1, the velocity to be gained is
normally computed by Eq. (3.3.1). Ifanew value of required vel-
ocity VR generated by the Lambert or DOL Routincs is not available
onany computationcycle, the velocity to be gained is computed as

Y,G:XG+EAt_AX (3.3.6)

where bAtisthe equivalent velocity defined inFig. 3.3-1 as

AXR - gAt.

"Note that this pointing logic differs from that for the Command
Module., This is because of differences in the LM and CSM
digital autopilats.
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An angular command for the digital autopilot is generated

in the form of desired gimbal angles (CDUD) from the thrust axis

command according to the following

where

CDUD = CDU + M

(3.3.7)

CDUD

SM, G

sM, G WX Ypp)

Present gimbal angles read by the CDU's

CDUX outer gimbal angle
CDUY = inner gimbal angle
CDhuz middle gimbal angle

desired gimbal angles

thrust X -axis generated by a filter (in stable

member coordinates)

non-orthogonal matrix relating body rates to
gimbal rates

y
cos(CDUY)/cos(CDUZ) 0 -sin(CDUY)/cos(CDUZ)

ﬁ-cos(CDUY) tan(CDUZ) 1 sin(CDUY)tan(CDUZ)

sin (CDUY) 0 cos(CDUY)

(3.3.8)
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The rotation about the X-axis is held to zero by making
a different command for the first component of CDUD - CDU -~ ACDUX

namely
(3.3.9)

ACDHUX = -sin (CDUZ) ACDUY

where ACDUY - sccond component of CDUD - CDU
The digital autopilot then nulls the difference between

CDUD and CDU issuing commands at a vate of 10 per scecond,

Initial! Thrusi Attitude Calculation

3.3.4

{97

The initial thrust attitudce is in the direction of the velocity -
is thercefore found from

to be gainced, The initial valuc of Urpy

Bq. (3.3.4).

Engince-off Criterion

5.3.3.5
is estimated continuously from

The engine-off time t
go

the Eq.
Vg o A |
t = K —_—_— At + At, . " (3.3.10)
TO 1 -
g Av - Av tail-off
wherc
1 :f v o, o« Av
K, = 1 -_]' G
2 ;“)ISI’ fav ! )



ISP = gpecific impulse of selected engine

2
g = 32,1705 fps

Attail off =~ @ ncgative number representing the duration of burn
al full or maximum thrust cquivalent to the tail -off
impulse after engine -off signal is issued,and compu -

tation delays,
When tgo falls, for the first time, below a value of 4,0

seconds, the engine-off signal is set to be issued tgo seconds later

and no new attitude commands, B’TD’ arc issucd,

5.3.3.6 Guidance Eguations for Descent Orbit Injection

The following guidance equations arce uscd in the Descent

Orbit Injection Program 1>-61 of Scetion 4.

Input Variables

1. r, v, t: Vechicle state vector at time t from the

Orbit Navigation Routine

2, rig Landing Site radius magnitude

3. tDI : Descent injection cut-off time from tar-
geting parameters

4, hp : Desired perilune altitude from targeting

parameters

5. DPS Throttle profile controlled by the DPS ON
ROUTINIZ and a pre-stored thrust profile

Outputs
1. ETD Desired thrust vector in stable member coordinates,

2. Engine-off signal



Required Velocity for Orbital Descent Maneuver

The veloceity vecetor, v, required for the descent orbit is

R
computed from

1/2

Zu I‘l,
v = (u, X u —_— 3.3.11
vR = (ug X u, ) N (3 )
1)

where
rP = hl’ + rg = perilune target altitude plus landing
site radius
up - Unit vector along r
u, = Unit (P-V X up ) = unit vector normal io orbital planc
u = Gravitational constant

Initial Thrust Attitude Calculation

In order to align the vehicle thrust axis along the desired
acceleration vector, aqp, during the Pre- DOI. phase (Program 01

of Section 4) the following computations are made:

a) Vehicle state vector is integrated forward to the descent
injection cut-off time, t DI’ by means of the Coasting

Integration Routine (Section 5.2.2),

b) The velocity-to-be-gained, Vg is computed from Egs.
(3.3.1) and (3,3.11).
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c¢) The maneuver thrust time, t T in seconds is com-

puted by the following expression

- (28.9)

s
= (26) +

t (3.3.12)
T (9. 43)

The above expression is based on the thrust profile in

which the initial DPS thrust of 10% is held for 26 seconds result-

ing in a velocity change of about 28,9 fps iacluding ullage effects.

The 9, 43 factor is the acceleration for maximum DPS thrust,

from

d) The first DPS ignition time, tIG,is then calculated

pr -t (3.3.13)

e) The vehicle state vector is next integrated to time

t 1G by means of the Coasting Integration Routine,

f) The velocity-to-be-gained which corresponds to the

state at time tIG is computed as shown in Section5.3.3.3.

g) The initial thrust attitude is then set by

Upp = UNIT (\_/G)



5.3.4 LUNAR LANDING GUIDANCE

5.3.4.1 GENERAL COMMENTS

The basic function of the LM powered-landing guidance-
and navigation system is to control the LM from an initial altitude
of 50, 000 feet and velocity of about 5600 ft/sec., to a safe landing
at a selected site on the moon with essentially zero velocity. The
above -mentioned objective must be accomplished under the follow -

ing conditions:
(1) DPS propellant must be utilized in an efficient manner.

(2) The selected landing site must be visible to the astro-

naut for at least 75 seconds.

(3) The DPS must either operate at a fixed throttle setting
corresponding to 92. 5 percent of maximum thrust, or
it can be operated as a continuously -throttleable engine

between 10 and 58 percent of maximum thrust.

(4) The astronaut must have the capability of manually re-
designating the landing site during the interval when the

site is visible,

The powered-landing maneuver is most conveniently divi-
ded into seven distinct phases, as shown in Table 3. 4. 1-1. The pri-
mary deceleration (i. e. braking) of the LM is accomplished during
the braking phase, which is typically about 450 seconds in duration.
The emphasis in the design of this phase is efficient utilization of
fuel, i.e. minimum AV. The DPS is typically operated at the 92. 5
percent throttle setting for the major part of the phase. The visibil-
ity phase is designed to satisfy the landing-maneuver visibility re-
quirements and trajectory terminal constraints. During this phase,
which is typically about 135 seconds in duration, the thrust vector

(X-axis of vehicle) is typically elevated at least 45 degrees above the



Table 3. 4.1-1 Powered Landing Maneuver Phases

Phase Number Phase Name

-2 Pre-ignition

-1 DPS Ullage and Trim
0 Braking
1 Transition-1
2 Visibility
3 Transition-II
4 Final Descent
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local horizontal plane. At the end of the phase the thrust-vector
orientation is essentially parallel to the local-vertical direction,
Throughout the visibility phase the DPS is operated in the continuously -
throttleable (10-58 percent) region. Landing-site redesignations

are permitted up to the last 20 seconds of the phase.

The pre-ignition phase is used to compute the appropriate
ignition time and ignition orientation for the DPS. Prior to the start
of the braking phase, there is an ullage maneuver followed by a trim
phase during which the DPS is operated at 10 percent of maximum
thrust for 26 seconds. A short transition phase (4 seconds
long) is used between the braking and visibility phases, and also
between the visibility and final descent phases in order to limit ve-
hicle attitude rates between the phases. The final descent phase
takes the vehicle from an altitude of about 100 feet down to the lunar

surface with an essentially constant rate of descent.

The navigation of the LM is based solely on data from the
IMU,i.e. PIPA outputdata, until the estimated LM altitude has decreased to
25, 000 feet. At this time LR altitude measurements are taken, and
are used to update the LM state estimates at 2-second intervals
thereafter. After the estimated altitude is below 15000 ft, LR velocity-com-
ponent measurements are used to update the state in addition to the
altitude measurements. At each updating time an altitude measure-
ment and a velocity-component measurement are processed in se-
quence, with the altitude measurement being processed first. The
LR updatings of the state vector always take place immediately after
the PIPA outputs have been processed, regardless of when the actual LR

measurements are taken.

The present section of this document (Section 5. 3. 4) pro-
vides a detailed description of the various operations performed
throughout the powered-landing maneuver for guidance and naviga-

tion of the LM. A description of the various coordinate systems used



in the powered-landing guidance and navigation system is given in
Section 5. 3. 4. 2. A general description of the overall system follows
in Section 5. 3. 4. 3, Then, in Section 5. 3. 4. 4 the various operations
involved in the landing maneuver are described in detail, For con-
venience the important operations or groups of operations have been
subdivided into routines (or subroutines). Information-flow diagrams
for the various routines are presented in Section 5. 3. 4. 4. Finally,
in Section 5. 3. 4. 5 the major operations are traced out for the dif-

ferent phases of the landing maneuver,
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5.3.4,2 COORDINATE SYSTEMS

5.3.4.2.1General Information

There are five different coordinate systems used in the
guidance and navigation of the LM during the powered landing man-
euver., These coordinate systems and the unit vectors along their

X, Y, Z axes are as follows:
(1.) Inertial Coordinates --- Useps Uypr Yzp
(2.) IMU or Platform Coordinates --- U pr Uy po Uz p

(3.) Vehicle-Body Coordinates --- Uy Yypr Yz

{(4.) Guidance Coordinates --- Yo Yyer Yza
(5.) LR Antenna Coordinates --- U A® Uya» Uz A

Each of these coordinate systems is a rectilinear system with the

individual axes defined so as to form a right-handed system.

Quantities referred to in the various coordinate systems

will be subscripted in the following manner:
I - inertial coordinates
P - platform (IMU) coordinates

B - vehicle-body (Nav, Base) coordinates



G - guidance coordinates
A - antenna coordinates

For convenience the subscript referring to the coordinate frame will
always be placed last, when more than one subscript is used. As an
example, the components of vehicle position in inertial coordinates

would be referred to as rXI’ rYI,and rZI'

For conciseness of notation in this section all rotational
transformation matrices will be indicated by the symbol C., Two
subscripts will always be used on C: the first indicates the coordinate
frame that the quantity of interest is currently expressed in, the second
indicates the coordinate frame into which the quantity is to be trans-
formed. For example, the rotational matrix used to transform a
quantity in platform coordinates (P) to inertial coordinates (I) will be

represented as C PI*

5.3.4.2.2Inertial Coordinates

The inertial-coordinate system (subscript I) is the Basic Refer-
ence Coordinate system for the LGC computations. The originof this system
coincides with the center of the moon. The orientation of this coordinate
system is defined by the line of intersection of the mean equatorial
plane and the mean orbit of the earth (the ecliptic) at the nearest be-
ginning of the Besselian year in which the mission takes place. The
X -axis (EXI) is along the ascending node of the ecliptic on the equator
(the equinox),the Z-axis (EZI) is along the earth's mean north pole,
and the Y-axis (BYI) completes a right-handed triad. All navigation

stars and vehicle state vectors are referenced to this system,
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5., 3.4.2.3 IMU or Platform Coordinates

The IMU or platform coordinates (subscript P) are the
IMU landing alignment orientation coordinates described in Section 5. 1. 4, 2,
The origin of this system is at the center of the moon, The X-axis

Uyp
Z -axis (EZP) is in the CSM orbit plane and points forward at the

) pierces the nominal site at the nominal landing time, the

nominal landing time, and the Y -axis (3 ) completes a right-

YP
handed triad. The IMU coordinates are also referred to as stable

member coordinates (subscript SM) in other sections of the document,

5.3.4.2,.4Vehicle-Body or Navigation-Base Coordinates

Vehicle-body or navigation-base coordinates (subscript B)
arc the generally accepted LM coordinates. The origin of the coor-
dinate frame is at the.PGNCS Navigation Base. The X -axis (EXB) is in
the direction of the nominal thrust vector, the Z-axis (EZB) is in the
direction forward from the design eye, and the Y -axis (EYB) is ortho-

gonal to the X and Z axes so as to form a right-handed system,

5.3.4.2.5 Guidance Coordinates

The guidance coordinate frame (subscript G) is a lunar-
fixed frame whose origin is at the current landing site. The com-
mand acceleration computations for the guidance system are per-

formed in the guidance coordinate frame.

The guidance-system X-axis (EXG) is along the direction
from the center of the moon to the current landing site. The
Y -axis (EYG) and Z -axis (BZG)’ which are orthogonal to each other
and to Uy s are oriented such that the LLM velocity (XG)’ accelera-
tion (EG ), and jerk (_jG) will all be coplanar (in the X-Z plane) at
the time that the vehicle arrives at the current aim point. To ac-
complish this, the guidance frame is rotated about its X -axis (EXG)

such that:
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uygp = UNIT (rgp X |4rp + (Vp-wp X rp) tG(£|) (3.4.2.1)

where Uvap is a unit vector along the guidance-frame Y-axis, ex-

pressed as components in the platform (IMU) coor«inate frame. The
quantities 'spr I'pe P
position, the LM position, and the LM velocity in the platform frame.

and v, represent respectively the current site
The quantity wp is the lunar rotational angular velocity, and tGO is
the estimated time-to-go to the current aim point. In effect, Uvap
is set up to be normal to the trajectory plane at the time of arrival
at the aim point. The guidance frame Z -axis (EZG) is oriented
perpendicular to the X and Y axes so as to form a right -handed

system.

It is important to note that the position, velocity, and ac-

Ybg and EDG) are invariant in

guidance coordinates for a given aim point. These aim conditions

celeration aim conditions (rDG’

viewed in'platform coordinates, however, will change during the
powered maneuver. It should also be noted that the guidance-frame
orientation and origin will change whenever the current landing site
(ESP) is changed. The orientation and location of the guidance frame
are recomputed at 2-second intervals throughout the braking and

visibility phases until the phase time-to-go is less than 20 seconds.

In concluding this section it should be mentioned that the
relation of Eq. (3.4.2.1) is predicated on the assumption that the
LM's acceleration trajectory follows a quadratic function of time-
to-go from the present state to the current aim point, This condi-
tion will be only approximately realized in the actual physical situ-

ation,
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The LR antenna coordinate system (subscript A) is the
coordinate system in which the velocity -component data used to up-
date the LM navigation system are obtained. The antenna axes
(ng, EYA’ and EZA) are fixed with respect to the velocity beams,
as shown in Fig, 3. 4. 2-1,

The X-axis (ng) is oriented along the axis of symmetry
of the rafjar beams, as in Fig.3.4.2-1, The Z-axis (EZA) is nor-
mal to the X-axis and directed forward, symmetrically oriented
with respect to the rear velocity beams (see Fig. 3. 4.2-1). The
Y -axis is perpendicular to the X and Z axes, and directed so as
to form a right-handed system. LR range data are referenced to

the LR antenna coordinate system by the angle £ as shown in Fig. 3.4.2-1

The relationships between the five coordinates frames dis -
cussed in this section are shown below as a straight line diagram.
The interpretation of this figure is as follows. In order to go from
one coordinate frame to another, all the coordinate frames located
between the two frames must be passed through. For example, to
transform a quantity from the guidance frame (G) to the inertial
frame (I) only a single transformation is required. However, if it
is desired to go from the guidance frame to the antenna coordinate
frame (A), then transformations must be made through the inertial
frame (I), the platform frame (P) and the vehicle-body frame (B),

in that order.

(guidance) (inertial) (platform) (vehicle -body) (antenna)
G I P B A
X % *% X X
Car Crp “pB “Ba
(REFSMMAT) (SMNB)
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LR Antenna Coordinate System

*ZA

Range Beam: 4

: Velocity Beams: 1,2,3
I
} 3
I /
4 T /.- rectangle

|
I

1 |

1. Range Beam 4 is in the Xy~ ZA plane at an angle § from the
- Xy axis

2. LR velocity data to LGC is in Ant. Coord. System

3. LR Ant. Coord. System is related to the PGNCS Nav.
Base by a specified set of Euler angles for each of the

two LR antenna positions

Fig.3.4.2-1 LR Antenna Coordinate System and Beam Configuration
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5.3.4.3 DESCRIPTION OF OVERAIL L GUIDANCE AND NAVIGATION
SYSTEM

5.3.4.3.1 General Information

The primary objectives for the guidance-and-navigation
system during the powered landing maneuver are the computation of

the following quantities:
(1) Time of ignition of the descent propulsion system (DPS)

(2) Required vehicle attitude commands (thrust direction and
vehicle - orientation yaw angle about the thrust direc-

tion)
(3) Required DPS throttle commands.

(4) Time-to-go to the end of the current phase

(5) Current LM state vector with LR updatings

(6) Landing-point designation (LPD) function

To accomplish these objectives, a large number of different
operations must be performed in the LM guidance computer, For the
purpose of describing these operations, it is most convenient to subdi-
vide the various operations into routines, Organiz.ed in terms of the
particular operations being performed. The most important routines
are the following:

(1) Ignition-Computations Routine
(2) State-Vector Update Routine

(3) Guidance-Frame Computation
(4) Guidance-and-Control Routine

(5) Attitude-Command Routine

(6) Throttle-Command Routine

In the present section, the operation of the overall system
will be described in general terms, referring primarily to the

above-mentioned major routines. The relevant system functional
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diagram is shown in Fig. 3. 4. 3-1. In the following section (5. 3. 4. 4)
all the various routines will be considered in some detail. Finally,

in Section 5. 3. 4.5 the sequence of operations for the powered maneuver

is traced throughout its successive phases.

5. 3. 4, 3. 2 Phases of Powered Landing Maneuver

The powered landing maneuver is most conveniently divided
into seven different phases, as indicated in Table 3.4.1-1. This sec-
tion will briefly review the important characteristics of these phases

and the operations performed during them.

(1) The pre-ignition phase begins about 30 minutes before
the nominal DPS ignition time. At this time the pro-
cedure for computing the proper DPS ignition time is
begun, using the Ignition-Computations Routine, This
routine in effect determines the time at which the ul-
lage maneuver should be started, based on the down-
range component of vehicle position relative to the
landing site. The details of the routine are given in
Section 5.3.4.4.2. During the pre-ignition phase the
vehicle travels in free-fall (unpowered) flight, Under
normal conditions the proper ignition time will be de-
termined several minutes before the nominal ignition

time,

(2) The DPS ullage-and-trim phase consists of a 7. 5-
second interval during which 200 lbs. of thrust (RCS)
are applied to the LM, followed by a 26-second in-
terval at a thrust of 1050 pounds(DPS$). The thrust-
vector orientation during this period is held at the
value predicted for the start of the braking phase

from the Ignition-Computations Routine,
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(3) The braking phase starts with the LM at an altitude
of about 50, 000 feet travelling towards the landing
site with a velocity of about 5600 ft/sec. The dura-
tion of this phase is approximately 450 seconds.
During this period the LM velocity and altitude are
reduced to the High-Gate aim-condition values (e. g.
620 ft/sec. and 9500 feet respectively), The com-
mand thrust acceleration for the vehicle is computed
so the actual vehicle acceleration program will be a
quadratic function of the time-to-go to the current
aim point. The detailed procedure for computing the
thrust acceleration is given in the Guidance-and-Control
Routine referred to in Fig. 3.4.3-1 and described in
Section 5. 3. 4. 4. 11, During the initial part of the brak-
ing phase,the DPS throttle is set so as to provide about
92, 5 percent of nominal rated thrust. Then, at about
120 seconds before the end of the phase, the engine is
throttled down and operated thereafter in the contin-
uously throttleable region (10-58 percent of nominal
thrust).

(4) The first transition phase, which is of 4 seconds dura-
tion, serves primarily to reorient the LM acceleration
vector from its value at the end of the braking phase to
the desired value at the start of the visibility phase.
The LM acceleration is varied as & linear function of

time during this interval.

(5) The visibility phase starts with the vehicle at an alti-
tude of about 9000 feet and travelling toward the selec-
ted site with a velocity of about 600 ft/sec. During
the visibility phase, the vehicle is maintained in an

orientation such that its X-axis is sufficiently close



to the vertical so that the selected site is visible to
the astronaut for at least 75 seconds. It is possible
for the astronaut to redesignate the landing site dur-
ing this phase up to the last 20 seconds of the phase.
Under nominal conditions with no site redesignations
the visibility phase is about 135 seconds in duratioi.
At the end of the visibility phase the vehicle is at the
Low-Gate aim conditions (e.g. an altitude of about
100 feet and ig moving toward the selected site with

a velocity of about 5 ft/sec.)

(6) The second transition phase, which is of 4 seconds
duration, serves primarily to reorient the LM ac-
celeration vector from its value at the end of the
visibility phase to the desired value at the start of
the final-descent phase. The LM acceleration 1S

varied as a linear function of time during this interval.

(7) The final-descent phase takes the vehicle from an
initial altitude of about 100 feet down to touchdown on
the surface. The thrust acceleration of the LM is
controlled to provide an essentially constant-velocity
vertical descent at a rate of 5 ft/sec. until the esti-
mated altitude is 50 feet, and at 3 ft/sec. thereafter

to touchdown.

(8) A semi-manual mode referred to as the Rate of Descent
(ROD) mode is available in which the LGC controls the
DPS throttle to maintain the vertical velocity that ex-
isted when the mode was selected. The astronaut con-
trols the attitude manually and can incrementally change
the LGC controlled vertical velocity by discrete signal

inputs.



(9) A complete manual landing mode can also be selected
in which the astronaut controls both vehicle attitude
and DPS throttle. The LGC is used to update the ve-
hicle state vector in this mode and provide various

display functions.

5. 3. 4. 3. 3 Overall Guidance-and-Navigation Sﬁ}rjisrtl_e{nw/%@tion

The major operations involved in the powered landing
maneuver and the sequence in which they occur are shown in Fig,
3.4.3-1, This section will describe these operations in general
terms. The details of the various routines used here will be given

in Section 5. 3, 4. 4.

First of all the DPS ignition time and thrust direction are
computed, as described in detail in Section 5. 3. 4. 4. 2 for the Ignition-
Computations Routine. In essence the ignition time (start of the ullage
maneuver) is computed as the time when the vehicle is a preselected
down-range distance from the landing site, The distance that the site
is out of the descent-orbit plane, and deviations in descent-orbit
starting altitude are accounted for in the ignition time test. The ig-
nition attitude is computed by extrapolating the state estimate forward
(from its value at the start of the ullage maneuver) over a time in-
terval equivalent to the ullage-and-trim maneuver duration. The
command specific force is then computed at this extrapolated state,
using the Guidance-and-Control Routine, to obtain the desired igni-

tion attitude,

After the DPS has been ignited, using the time determined
from the Ignition-Computations Routine, the LM attitude and throttle
commands are determined according to the procedure shown by the
last five items on Fig. 3. 4. 3-1. The required guidance and naviga-

tion system outputs are the orientation of the thrust vector and the

5.3-28



magnitude of the required thrust. Up-to-date values for these quan-
tities are computed at 2-second intervals throughout the powered

landing maneuver,

The first step in the guidance-and-navigation computa-
tions cycle, as indicated in Fig. 3. 4. 3-1, is the updating of the
LM state vector. The detailed procedure is described in Section
5. 3. 4. 4 for the State-Vector Update Routine. A brief description
of the procedure will next be given. The state vector is updated
at 2-second intervals throughout the powered landing maneuver
at precisely the times that the PIPA outputs are obtained. In the
absence of LR measurements, the LLM state vector is updated
solely on the basis of PIPA data from the IMU, using an Average-G
computation procedure. The state-vector updating is performed
in the platform coordinate frame throughout the powered landing

maneuver.

State -vector updating by LR measurements is begun when
the estimated vehicle altitude has decreased below 25, 000 feet. At
this time altitude (range) updatings are started and are taken there-
after at 2-second intervals throughout the powered landing maneuver
(except duringthe transitionphases when no LR data are taken). Velo-
city component updating of the state vector is started as soon as
the estimated LM altitude is less than 15000 ft. The velocity-
component measurements (3 components) are processed as individual
components with a 2-second interval between different components,
and a 6-second interval between successive processings of the same
velocity components. The state-vector corrections derived from the
LR data are incorporated immediately after the PIPA outputs
are processed. When both altitude and velocity -component data are

processed, the altitude dataare incorporated before the velocity data.
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The state-vector updating by LR measurements is ac-
complished by computing a correction to the state based on the
weighted difference between the current raw measurement (q) and
its extrapolated estimate (q'). This correction is used to update
the state vector along the direction of the measurement (in state
space). The LR altitude-measurement weighting function is a pre-
computed linear function of altitude; the velocity -component weight -
ing functions are precomputed linear functions of speed. In general,
the LR measurements will not be taken at the exact time that the
PIPA outputs are processed. To circumvent this problem the LM
state-vector estimates for the two previous updating times are stored
in the computer and used to obtain the measurement -quantity esti-
mate (q') for the same time that the measurement (q) was made., The
difference(q - q')is then used to update the LM statc at the next PIPA-

processing time,

The next step in the guidance-and-navigation computation
cycle after the state-vector updating, as indicated in Fig. 3. 4. 3-1,
is the updating of the site-position vector in platform coordinates
(ESP)' This updating is required to account for lunar-rotation ef-
fects and site redesignations commanded by the astronaut. The
necessary computations are performed in the Site-Location Updating

Routine.

Next, using the up-to-date values of the LM state estimate
(Ep’ ZP) and the site location, computations are made to determine
the location and orientation of the guidance coordinate frame, These
computations are performed in the Guidance-to-Platform Transfor-

mation Routine.

The next operation in the computation cycle is the com-
mand thrust-acceleration computation, which is performed by the
Guidance -and-Control Routine. The detailed procedure is described
in Section 5. 3. 4. 4. 11. Some of the important characteristics of

the thrust-acceleration computation will next be described.
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The thrust-acceleration command computation is basically
performed in the guidance coordinate frame. For this reason the
LM state vector, which is updated and extrapolated in platform
coordinates, must first be transformed to the guidance frame.

Then, depending on the particular phase of the landing maneuver
and the time -to-go to the end of the phase, the appropriate com-

mand acceleration relation is selected.

If the vehicle is in the final-descent phase (Phase = 4),
the required acceleration is directed so as to obtain a preselected
vehicle descent velocity. If the vehicle is in one of the transition
phases (Phase = 1, 3), the last 20 seconds of the braking phase
(Phase = 0), or the last 10 seconds of the visibility phase (Phase
= 2), then the command acceleration is computed so that the vehicle's
acceleration is a linear function of the time-to-go to the end of the

phase of interest.

At all other times during the powered landing-maneuver
the command acceleration is computed so that the vehicle's accel-
eration profile is a quadratic function of the time-to-go to the end of
the phase of interest. When the quadratic guidance law is used, the
time -to-go is computed to provide a pre-selected value of jerk along
the guidance-frame Z-axis (jDZG) at the terminus of the phase of in-
terest. The details of the time-to-go computation are given in Section
5.3. 4. 4. 12. During the visibility phase (up to the last 20 seconds)
it is permissible to redesignate the landing site, i.e. change the
aim position (EDG) used in the quadratic guid;mce equation., The
magnitude of the allowable site redesignation displacement decreases

as the end of the visibility phase is approached.

After the command specific force has been computed, the
vehicle attitude commands are next determined. The detailed pro-

cedure for determining these commands is given in Section b. 3.4.4.13.
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In regard to vehicle roll and pitch commands, the preferred orienta-
tion is simply the one that places the thrust vector along the direc-
tion of the command thrust acceleration, as computed in the Guidance-
and-Control Routine. The yaw attitude command, on the other hand,
will vary depending upon the particular phase of the landing that the
vehicle is in. During all initial phases throughout the braking phase
to altitudes greater than 30, 000 feet, the yaw attitude is held at its
previous position, or the astronaut can change the yaw attitude with
the X-axis override DAP mode. For altitudes below 30, 000 feet in
the braking phase the window -up orientation is commanded for LR
operation, and X-axis override is inhibited. During the visibility
phase the yaw command will vary depending upon the location of the
LOS to the site relative to the LM window, If it is determined that

the site will be visible to the astronaut, then the LM will be yawed

so that the LOS lies in the vehicle X-Z plane. If it is determined

that the LOS is not near the window edge (i. e. the site cannot be
seen), then a window -up orientation is commanded. If the LOS is
near the LM window edge, an intermediate yaw attitude is commanded.
During the final descent (phase 4), the X-axis override option is again

activated,

The final step in the guidance-and-navigation computation
cycle, as indicated in Fig, 3. 4.3-1, is the computation of the LM
throttle commands. Because of DPS erosion problems,the DPS must
either be operated at a fixed throttle -setting corresponding to 92.5
percent of nominal maximum thrust, or it can be operated as a con-
tinuously throttleable engine between 10 and 58 percent of nominal
maximum thrust. The logic for determining the proper throttle

command is discussed in Section 5. 3. 4. 4. 14,

In effect, the throttle command is 92. 5 percent of nom-
inal maximum thrust (i.e. it is set at 9710 pounds) until the com-
mand thrust from the guidance equations is less than 50 percent of
the maximum thrust (5250). At this time the throttle command is
switched to operate the DPS in the continuously throttleable mode
between 10 and 58 percent of maximum thrust (where the throttle
command is equal to the computed command thrust). If the com-

mand thrust exceeds the 58-percent value at some later time, the
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throttle command will switch back to the 92, -percent value until
the subsequent command thrust is less than 50 percent of the maxi-
mum value. The different throttle-command switching levels (58
and 50 percent) are used to minimize the number of switchings of
the throttle between the 10-58 percent region and the 92. 5 percent

fixed setting.

The guidance-and-navigation cycle,as described here,is
repeated at 2-second intervals throughout the powered landing man-

euver until the LM finally touches down on the lunar surface.
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5.3.4.4 POWERED LANDING ROUTINES

5.3.4.4.1 General Information

The powered-landing guidance-and -navigation system
operation, as mentioned earlier, is most conveniently described if
first subdivided into a series of so-called Powerecd-Landing Routines.
Each of these routines in a sense corresponds to a particular opera-
tion or function relating to the landing maneuver. The present section
will describe these routines in detail and provide information-flow
diagrams for them. Four other routines referred to in Sectionb. 3. 4. 4
are the Coasting-Integration, Planetary-Inertial Orientation, REFSMMAT,
and SMNB Routines; these routines are described in Sections 5. 2. 2,

5.5.2, 5.6.3.4, and 5. 6. 3, 2 respectively.

5.3.4.4.2 Ignition-Computations Routine

The primary function of the Ignition-Computations
Routine is to determine the time at which the DPS is to be
ignited, and the preferred vehicle attitude during the ullage
and DPS trim maneuvers. These computations are completed
several minutes before the actual ignition time occurs. The
information-flow diagram for this routine is shown on
Fig. 3.4.4-1.

The first step in the Ignition-Computations Routine,
as indicated in Fig. 3.4.4-1, is to extrapolate the LM state
estimate (EP’ XP) forward to a time about 180 seconds before
the nominal ignition time tB of Section 5,4, 2.4. This time is for
convenience referred to as the ignition-computations starting
time. The state extrapolation is carried out by means of the

Coasting Integration Routine, whichis describedinSection 5.2, 2.

Next, the site position vector is computed in platform
coordinates (ESP)’ using the Planetary -Inertial-Orientation
( PIO) and Inertial -to-Platform-Transformation Routines. The
PIO Routine provides the site position in inertial coordinates
at the starting time (ESI)' The Inertial-to-Platform Transfor-
mation Routine transforms the position vector to the platform
frame,
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At this time the ignition-computations cycle is 'begun,
with the time used for the computations being incremented by
two seconds on each cycle. The time used in the computation
cycle is denoted by t, rather than t, since it is actually several

minutes ahead of real time,

The first operation in the ignition-computations
cycle, as shown in Fig, 3.4.4-1, is to store the estimated
values of LM position (_r_P), velocity (XP)’ and acceleration
due to lunar gravitational force (_gp) from the preceding com -
putation cycle, The LM state vector estimates are next ex-
trapolated forward one time step (At), as indicated in Fig.
3.4.4-1. The stored values of estimated I.M position, velocity,
and lunar gravitational acccleration from the preceding com-

putation cycle (_I_‘P ' Vp > 8p ) are used in these com-
putations. n-1 n-1 n-l
Next, the site position vector estimmate in platform

coordinates ( ) is updated to account for lunar-rotation ef-

r
—SP
fects, using the Site-I.ocation Updating Routine., Using the
up-to-date values of vehicle position (EP), vehicle velocity
(XP), and site position (ESP) in the Guidance-to-Platform
Routine, a computation is now made of the orientation and lo-
cation of the guidance-coordinate frame axes (EXGP’ EYGP’
and EZGP)' An estimate of the time-to-go from the estimated
state (EP, XP) to the High-Gate trajectory conditions, assum-
ing a quadratic acceleration trajectory, is required in the

guidance-frame computations.

The required LM command thrust acceleration at the

estimated state (E , XP) is next computed, assuming again

P
that a quadratic acceleration trajectory is followed to the High-
Gate point. This acceleration is computed in the Guidance-and-

Control Routine.
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At this time in the routine, the ignition fest quantity
q ) is computed. (The tlag I has a zero value at this time, )

Thc major part of the test quantity (q ) is the component of
vehicle position (EP ) along the down-range guidance-frame
Z-axis (u/( P ). Tl¢rms arc included in d, to account for the
Vthicte!s-out- of- -plane distance in the ;_,Ulda[]C( framec (13( ),
and deviations in vehicle altitude (éhe) at the start of the free-
tall trajectory from the CSM orbit. The quantities k() and kl
are fixed cocfficients whose values are determined from land-

ing maneuver simulation runs.

The various operations in the ignition-computation
cycle desceribed thus far are repeated with the computation time
(t(_ y incremented in 2-soc cond steps until the test quantity (qn)
exceeds a preselected value (qD At this point in the routine,
THhe time to start the ulla;,v mancuver (tuc\ is computed, using
a lincar interpolation as indicated in Fig. 3. 4.4-1. The time
to start the trim phasec (tt) and the braking phase (ti) are also
determinced at this time, using the predetermined ullage and
trim maneuver intervals (TUC and Tt)‘ [Finally, the estimated
values of the vehicle state on the ’Il)v&q)r‘()(:('q@;imr time prior

to the start of the ullage mancuver (r}) , ) are next

l)
n-1 -1
stored for future usc as initial conditions 1n the Stafe‘ Vector

Updating Routine,

The ignition-attitude computation is next begun by
sctting the ignition flag (FI1.I) at a unity value. The estimated
.M state is then extrapolated forward from the })I‘t’.‘jbl‘ltr time
(t(: ) by the ullage-and-irim interval (Tu( + Tt) Lo the time 1“”
at which the attitude computations arc stopped. At cach coni-
putation time step the command thrust acceleration (L}L_l
recomputed, as indicated by the proccedurc shown in Fig. 3. 0. 4-1.
W hen the computation time ('LC ) finally c¢xceceds the fina' ime
(t ), the ignition attitude computations are stopper andd oo
¢ ur‘l (‘nt attitude is stored for use in the ullage-and-frim nmian 2

(u #F[’ ) The Ignition-Computation Routine is lett at this time.
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5.3.4.4.3 Inertial-to-Platform Transformation Routine

The transformations between the inertial (subscript 1)
and platform (subscript P) coordinate frames are accomplished
by the Inertial -to-Platform Transformation Routine, as indicated
in Fig. 3.4.4-2. The platform (IMU) coordinate-frame unit
vectors are obtained in inertial coordinates (EXPI ’BYPI’ BZPI)
by means of the REFSMMAT Routine (Section 5.6.3.4 ). These
vectors are the column-vectors of the IMU -to-inertial frame

transformation matrix C PI’

Figure 3.4.4-2

Transformation between Inertial and Platform Frames

START

\J
Inertial-and-IMU Frames Trans. Matrix

uT
—XPI
uT
=YPI

= [ REFSMMAT]

. T
| =Z P |

= | :
Cp1 [EXPI :EYPI:EZPI]

T
Cip = Cpr

(REFSMMAT Routine)

EXIT
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2.3.4.4.4 State-Vector Update Routine

The State-Vector Update Routine computes the current
state of the vehicle (EP’YI) using output data from the IMU and
the landing radar (LR). The state-vector updatings occur at 2-
second intervals during the landing maneuver at the times that

the PIPA outputs are processed, The state-vector updatings are

performed in the platform frame (subscript P),.

During the early part of the landing maneuver only the
PIPA outputs are used to update the LM state vector. When the
estimated LM altitude has dropped below 25, 000 feet, range mea-
surements (altitude) from the LR are used to update the state at
2-second intervals, When the estimated .M altitude has dropped
below 15, 000 feet, velocity-component measurements are used in
addition to the range measurements, The three velocity-component
measurements are processed individually at 2-second intervals
immediately after the altitude measurements. The time between
consecutive processings of the same velocity component is 6 sec-
onds. It is important to note that the LR range and velocity mea-
surements, in general, will not be taken at precisely the times
that the PIPA outputs are processed. The state-vector updating,
however, is done only at the PIPA-processing times. This requires
that the difference between the raw measurement (a) and its ex-
trapolated estimate (q') at the measurement time be carried over
to the next PIPA-processing time for use in the state-vector up-

dating procedure.

The information-flow diagram for the State-Vector
Update Routine is given in Fig. 3, 4, 4-3. The sequence of op: ra-

tions involved in the procedure will next be described.

The first step inthe updating cycle, as shown in Fig. 3.4.4-3,
is to store the state-vector estimates inplatform coordina..s for the tw «
previous cycles through the State Vector Update Routine ( Tho1t Vaot

L9 Yoo ). These stored values are used to obtain estimates of
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the LR measurement quantities (q') at the times the measure-

ments are actually taken between the PIPA processing times.

Next the state of the LM from the previous cycle (En—l

and v ) is extrapolated forward to the present time using

the P?Pfl\ output data (A’ZP) and the previous-cycle estimate of
the LLM acceleration due to the lunar gravitational field (gn—l ).
The extrapolation interval (which is 2 seconds ) is denoted by
At. Extrapolated values of ILM altitude ( I } and speed (v') are
next obtained, using the value of radius of the moon at the

initially-selected site (rM) in the ' computations.

Using the PIPA output data, an up-to-date estimate of
LM mass (m) is next obtained as shown in Fig. 3.4.4-3, The
change in estimated mass, as can be seen, is a function of the
present vehicle mass (m},the measured PIPA velocity ChangeIA?lpl )

and the prestored exhaust velocity (VE) for the DPS.

After the state extrapolation has been completed, the
decision is made whether to update with LR measurements or not.
The criteria are shown in Fig, 3. 4. 4-3. If the LLM is in either of
Rt the two transition phases (Phase = 1, 3) or if its altitude is

greater than 25, 000 feet, then no LR updatings are attempted.

To simplify notation the subscripts n, n-1, and n-2 are omitted
wherever possible, if there is no ambiguity.
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Onthe other hand, ifthe estimated LM altitude is less than 25,000
feet, then altitude data are used to update the state estimates.

When the LM estimated altitude is less than 15, 000 feet and the .M
is in either the braking (Phase =0), visibility (Phase =2), or final-
descent (Phase =4) phases,then both altitude and velocity-component

updatings are made.

At this point in the computation cycle the LR Data—
Read Routine is entered for the first time. A detailed description
of this routine is given in the following section (Section 5. 3. 4. 4. 5).
Various tests are performed here to check the operation of the radar,
The command to change the orientation cf the LR antenna at the start
of the visibility phase is also generated here. Finally, the velocity-
measurement flag (FLV), which determines the LR velocity compo-
nent to be processed on the current computation cycle is set at its

proper value,

After the LR Data-Read Routine operations have been
completed, the altitude-updating procedure is begun. A description
of the altitude -updating procedure follows for the general case where
the range (altitude) measurement is taken at time t, (subscript u),
which lies between the successive PIPA -output processing times
tn—l and tn‘ The interval between successive readings of the PIPA
output data (At) is 2 seconds. The first step in the altitude np-
dating procedure, as shown on Fig, 3.4.4-3 is to obtain an esti-
mate of the position of the LM at the time of the range measurement
(Eu)' This is based on the position estimates for the two preceding
updating cycles (En—l and _r_'n_z). Next, an estimate of LM altitude :

the measurement time (qu here) is obtained by subtracting the lunar
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radius at the initial site (rM) from the magnitude of the LM
position vector (ru)‘ The actual raw measurement from the
radar (’El'u) is the slant range to the ground along the direction

of the range beam (ERBB)' In order to obtain a meaningful
comparison between ’(i’u and q1|1 (as previously defined) itisnec-
essary to use the component of 'Efu projected along the local
vertical (i.e. measured altitude) rather than the measured

slant range along the beam. This first requires that the orien-
tation of the range beam at the measurement time in the platform
frame (ERBP ) be determined from the known range-beam
orientation invehicle (Nav. Base.) coordinates (BRBB)’ using the
vehicle -to-platform transformation matrix (CBPu)' It should

be noted that the orientation of the range beam (ERBB) is changed
at the start of the visibility phase (to E|F{BB)' The altitude
measurement used in the updating procedure (’El' u) is obtlained

by scaling-down the raw range measurement by the projection

of the range beam (ERBPu) along the computed local vertical at

).

the measurement time (u
—~hPu

The Data-Reasonableness-Test Routine is next entered
to determine if the raw altitude measurement data appear to be
satisfactory. The tests are described in detail in Section 5. 3. 4. 4. 6.
If the altitude -data tests indicate the data are satisfactory, then
the position estimate (EP) is next updated using the weighted mea-
surement difference (a: - q‘u). If the data are not satisfactory,or
the astronaut inhibits LLR altitude updating, this operation is by-
passed,

The difference between the altitude measurement at the
measurement time ('Efu) and its extrapolated estimate (%) is used
to update the LM position vector at the next PIPA -output proces-

sing time after the measurement., As can be seen in Fig., 3.4.4-3,
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the weighted measurement difference is used to update the position
component of the state vector (EP) along the direction estimated

for the altitude measurement (BhP)' The altitude-measurement
weighting function (w), as can be seen, is stored as a linear function
of the estimated LM altitude (h'). An updated computation of the
vehicle acceleration due to the lunar gravitational field (g_P) is

made at this time,

At this point in the routine the velocity-measurement

flag (FLV) is checked to determine whether a velocity -component
updating is to be made. If the flag (FLV) is set at zero, no

velocity measurement updatings are made on the current com-
putation cycle, If, on the other hand, the velocity-measurement
flag (FLV) is not zero, then the computations required for

velocity-component updating are begun.

First of all, the constant used in the linear velocity-
component weighting-function relations (c) is defined for the
velocity component of interest. Next, the unit vecter along the
direction of the velocity component being processed (EAB) is de-
termined in the vehicle coordinate frame. The unit vectors for
the different velocity components, as shown in Fig. 3. 4. 4-3, are

referred to as u

Uxap’ Yyap: @ndu

ZAB’

Now, the LR Data-Read Routine is entered for the
second time during the computation cycle. Additional checks
on the operation of the LR are made in the LR Data-Read Routine
at this time, as described in Section 5. 3. 4. 4. 5. The raw velocity -
component data are also smoothed at this time before incorpora-

tion into the state estimate.

If the tests performed in the LR Data-Read Rout'ne
are satisfied, then an estimate of vehicle velocity at the mea-
surement time (Ku) is now obtained, based on the updated velacily

estimates from the two previous computation cycles (Yn-l and Xn-Z)'
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Also, the orientation of the antenna axis for the velocity component

being processed (E_APu) is obtained in platform coordinates from

u
~-AB
an estimate is now obtained of the magnitude of the velocity

and the transformation matrix CBPu' Using !u and EAPu’

component being processed (q'u). The difference between the raw

measurement and the estimate (6qu) is computed at this time.

The Data-Reasonableness -Test Routine is next entered
to check the velocity measurement data, If the LR fails this test or
LR velocity updating is inhibited by the astronaut, no velocity-com-
ponent updatings are made and the computation cycle through the
State-Vector Update Routine is completed. If, on the other hand,
the data appear to be satisfactory or the astronaut overrides the
velocity reasonableness test the velocity-updating procedure is
continued.

The updated estimate of vehicle velocity (ZE) is obtained,
as shown in Fig. 3, 4. 4-3, by first computing the weighted dif-
ference between q'u and the raw measurement au' The weighting
function (w), as can be seen, is taken as a linear function of the
estimated vehicle speed (v'). The weighted difference w (au - q'u)
is then used to update the LM velocity vector at the next PIPA-
output processing time along the direction of the measured velocity

component (EAP)'

It should be noted that the LR range weighting factor (w)
and the velocity weighting factors (c) of Fig. 3,4, 4-3 are pre-
liminary values based on assumed LR performance and lunar
terrain models, These weighting factors will be revised on the
basis of more detailed LR performance and terrain specifications

when they are available,

A check is now made to see whether either of the two
terminal landing modes P66 or P67 are in current use. If
these modes are not in use, then the State-Vector-Update Routine

computation cycle is completed. If landing modes P66 or P67
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are in current use, then the astronaut has the option of updating
the velocity estimate (!P) to a zero value relative to the moon.
This is accomplished upon command by the astronaut by setting
vp equal to the lunar rotational velocity (v_vP X _r:P). The State-

Vector-Update Routine computation cycle is now complete.
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5,3.4.4.5 LR Data Read Routine

The logic associated with the LR Data Read Routine is
given in Fig. 3. 4. 4-4a. The dotted-line portions of this figure are
those parts of the State Vector Update Routine (Fig. 3. 4. 4-3) which

are associated with the LR Data Read Routine.

Requests for LLR data are issued to this routine by the
State Vector Update Routine once every two seconds during certain
phases of the powered landing maneuver. These data request are
made at either inputs @ or @ of Fig. 3. 4, 4-4a.

Input @

During the braking phase when the estimated altitude is
less than 25, 000 feet but more than 15, 000 feet, LR data request
are made at input and only range is obtained from the LR.

If the time-to-go (tGO) is less than 6 seconds, the LR Position Com-
mand Routine is called to drive the LR antenna from position One to
Two. Since the time required to change antenna positions can be as
much as 10 seconds, this routine is called in advance so as to pro-
vide sufficient time for the antenna to reach position Two before
initiation of the visibility phase. After checking tGO’ a check is
made to insure that the LR Range Low Scale discrete is not being re-
ceived from the LR since this discrete should not appear until the

range is below 2, 500 feet.

After the range scale check, the routline checks to see if
the LR Position One discrete is being received from the LR, signi-
fying that the antenna is in position One. Since it is assumed that

the antenna has already been placed in position One prior to the
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powered landing maneuver, this check is just a precautionary mea-
sure. Next, the routine checks to see if the velocity selection flag
(FLV) is zero, which insures that only range data will be obtained
from the LR. FLV is initially set to zero and remains at this value

throughout the time that LR data requests are made at input @ .

The logic shown in Fig. 3.4.4-4a for obtaining range from
the LR is fairly self-explanatory. Checks are made just before and
after reading LR range to insure that the LR Range Data Good dis -
crete is being received from the LR. This discrete signifies that
the radar tracking loops associated with the LR range beam and the
two rear LR velocity beams are locked-on and tracking satisfactorily.
Absence of this discrete causes the Tracker Fail Alarm to be turned
on, and no position update is made with LR data. If the alarm has
been on since the previous request for LR data, it is turned off if
the discrete is received during the present requesti. If the status of
the LR Range Low Scale discrete has changed since the last range
data request, the present range reading is not uscd, since a delay of
at least one second is required after the LLR range scale change to

allow a counter in the LR to stabilize,

In Fig. 3. 4. 4-4a it is seen that after reading the LR range
and updating the vehicle altitude, the State Vector Update Routine
(dotted portion) bypasses the LR velocity reading portion of the LR
Data Read Routine since FLV = 0.

Input @

During the latter portion of the braking phase (Phase = 0)
when the estimated altitude is below 15, 000 feet, and throughout the
visibility and final descent phases (Phase = 2 or 4), requests are made

at input @ for both LR range and velocity data.
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In Fig. 3. 4. 4-4a it is seen that the velocity selection flag
FLV is set at 3 the first time a data request is made at input @
during the braking phase. This enables the velocity selection flag
FLV to be cycled. During this time both range and velocity data is
obtained from the LR with its antenna remaining in position One.
Note that FLV can now have only one of three values (1, 2, or 3),
depending on which LR velocity component (XA’ Y, Or ZA) is to
be used during a single request for LR data. After the routine read:
the LR range for update of altitude as previously explained, one of
the three components of LR velocity is read as indicated in Fig.3.4.4 4a
Note that the LR velocity reading used by the LGC for update purposes
is actually the average of k successive readings (samples) of a given
component of LR velocity. Each sample represents an 80 millisecond
duration count in the LR of certain doppler frequencies. The total
time required to obtain one sample from the LR is about 100 milli-
seconds. In reading out each velocity sample from the LR the routine
checks before and after each sample to insure that the LR Velocity
Data Good discrete is being received from the LR. This discrete
signifies that all three velocity tracking loops are locked-on and
tracking satisfactorily. The time tag tu assigned to the averaged
velocity reading corresponds to the midpoint of the k samples minus
0. 08 seconds to account for lag in the LR velocity tracking loops.
Although k + 1 samples of LR velocity are read during an LR data
request, only the first k samples are averaged for the final result.
As yet, the actual value of k which will be used during the mission
is not known and will be specified later after certain LR performance

test results have been obtained from Earth flight tests.

When LR data request are made at input @ during the
visibility and final descent phases (Phase = 2 or 4) it is seen in
Fig. 3. 4. 4-4a that a check is initially made to see if the LR Pc .ition

Command discrete is set signifying that the LR Position Command



Routine of Figf. 3.4.4-51s still commanding the I.R antenna from position
One to Two. If the LR Position Command discrete is not set, the routine then
checks to see if the LR Position Two discrete is present signifying that the LR
antenna is in position Two. Absence of the discrete either indicates

a possible malfunction or that the astronaut has terminated LGC con-

trol of the braking phase prior to Z‘EO = 6 seconds and had not finished
placing the antenna in position Two with his separate manual slew con-
trols. In either case a program alarm is issued before calling the

LR Position Command Routine.

Assuming the LR antenna is in position Two, the vectors
defining the new orientations of the range and velocity beams for
position Two are established the first time through, Afterwards,
the LR Data Read Routine reads the LR range and velocity data just
as previously described for the latter portion of the braking phase
(i. e. below 15, 000 feet).

LR Velocity and Range Measurement Data

The velocity data obtained from the LR by the LR Data
Read Routine is with respect to the LR antenna coordinate system of
Fig. 3.4.2-1 and is in a form which is described as follows along
with the various data processing steps the LGC performs to trans-

form the data into the Navigation Base Coordinate System.

The velocity data furnished at the LLGC interface by the

LR comprises three binary data words of the following form:
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SXA = [(f1 + f3)/2 + fB]TLR

Sya = |(f) - )+t Igl 7R (3.4.1 )
S = -(f - )y + f ] T

ZA T 3 2 BJ LR

where SXA’ SYA’ and SZA correspond, respectively, to the
velocity components along the -XA, + YA’ and +ZA antenna

axes of Fig. 3.4.2-1. The quantities fl, f2, and f3 are the beam
doppler frequencies, fB is the bias frequency used in the LR,

and LR is the time interval used by the LR when counting the

cycles of the above frequencies so as to produce the data words

S S and S

XA’ YA’ zA- T LR

In the LGC the velocity along each antenna coordinate

axis is computed from the above data words as follows:

= k (S - f )

VXA XA 'PxA B LR

v =k ) (3.4.2 )

va = Kya Sya - 1

YA B 'LR

- f )

Voa = Kza Sza ~Ig "R

where VA YyA® and VoA are the LR measured velocitic. aleng
the positive antenna coordinate axes, and kXA’ kYA’ and R7A
are the corresponding scale factors used to obtain the abk . e

velocities in feet per second.
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The velocity information expressed by v and

xA* Vya’
N is transformed from the antenna coordinate system to the

Navigation Base Coordinate System using the angles « and [ shown
in Fig. 3.4.4-4b.

The range obtained from the LR by the LR Data Read
Routine is that measured by the LR along the range beam shown
in Fig. 3.4.2-1. This beam is in the XA - ZA plane of the
antenna coordinate system and is at an angle & from the ~XA
axis. The range data is sent to the LLGC from the LR as a binary
data word RLR‘ which represents the count of a certain frequency
LR Within the LLGC, the

range r; o along the range beam is computed as follows:

in the I.R during the time interval 7

r =

LR kLR RLR (3.4.3)

where kLR is the bit weightin feet and RLR 's the range data word
obtained from the LR for the counting interval LR
A summary of the processing constants required by

the LGC for LR operation is given as follows:

fB Velocity bias frequency
TLR Counting interval of the landing radar.
kXA Scale factor to convert (SXA - fB TLR) to velocity

along the LLR antenna coordinate XA (Fig. 3.4.2-1)

in feet per second for the counting interval TLR'
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Figure 3.4.4-4b Angles Defining Orientation of LR Antenna Moo
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vA Scale factor to convert (SYA - fB TLR) to velocity
along the 1,R antenna coordinate YA in feet per second

for the counting interval TLR'

Koa Scale factor to convert (SZA - fB TLR) to velocity
along the LR antenna coordinate ZA in feet per second
for the counting interval TLR'

Respective angles between the LR antenna coordinate

“ system in position One and the navigation base co-

Bl ordinate system (Fig. 3.4.4-4b).

Y g
Respective angles between the LLR antenna coordinate

@2 system in position Two and the navigation base co-

P2 ordinate system (Fig. 3.4.4-4b)

kLRl Bit weight in feet for long range scale

kLRZ Bit weight in feet for short range scale

4 Angle of range beam with respect to the —XA axis of

the LR antenna

LR Position Command Routine

The L.anding Radar ( LR ) Position Command Routine
is used by the LGC to command the LR antenna from positions
One to Two during the lunar landing maneuver. The logic associated
with the operation of this routine is shown in Fig. 3,4.4-5.
Initially, the routine checks to sec if the LR Pasition Two Discrete

is being received from the LLR, signifying thatl the antenna is
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Figure 3.4.4-5 LR Position Command Routine
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already in position Two. If the discrete is not present, the LR
Position Command Discrete is issued to the LR causing its
antenna to be driven to position Two. Seven seconds after the
start of the routine, and each second thereafter, the routine
checks to see if the LR Position Two Discrete is being received,
until a period of 22 seconds has expired, at which time, the LR
Position Command Discrete is removed and an alarm is issued.
If the LR Position Two Discrete is received prior to the above
time, the LR Position Command Discrete is removed after a

2 second delay. Under normal conditions the LR antenna should

take no more than 10 seconds to go from positions One to Two.
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5.3.4.4.6 _Ii}_{ Data Reasonableness Test Routine

The objective of the LR data reasonableness test is
to detect and reject degraded LR data caused by cross -coupled
side lobe or vibrating structure frequency tracker lock-up. In
these situations the LR Data Good discretes to the PGNCS will be
present and the LGC would normally process the LR data to update
the estimated state vector. The LR data reasonableness test must
be applied to both range and velocity LR duta with appropriate ¢x-
ternal control by the astronaut to inhipit or override the LR updating
proccess,

The logic diagram for the LR Data Reasonableness
Test Routine is presented in Fig. 3.4.4-6. This routine performs
separate tests on derived altitude and velocity data from the LR
as controlled by the LR Data Read Routine of Section 5.3.4.4.5.
The dotted line portions of Fig. 3. 4. 4-6 are those parts of the
State Vector Update Routine (Fig. 3. 4.4-3) and LR Data Read
Routine (Fig. 3.4.4-%a) which are associated with the LR Data

Reasonableness Test Routine,

With reference to Fig. 3. 4. 4-6, the altitude difference
6q, as determined by the preliminary computation for altitude
updating by the State Vector Update Routine, is used as the basic
parameter for the LR altitude reasonableness test, The para-
meter, 6q, Iis the difference between the altitude as determined
from the LR range data (al"; of Fig. 3. 4. 4-3) and that derived from
the estimated state vector (ql'l). The LR altitude reasonableness
test shown in Fig. 3. 4. 4-6 is a linear function of the estimated
current altitude q{l. If the altitude data test is passed, the iti-
tude Inhibit flag controlled by the astronaut must be absent be-

fore the LR range data is used to update ihe state vecto. It
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(State Vector Update Routine)

—_—— N ——

-
!
No
Bq. | 50 +0.175]q Yes 1-R<4
| u | : ' qu | >
\ No
~ e Yes
Turn on Tracker
Fail and Program
Altitude Yes Alarms and display
Inhibit Alarm Code
present
§ [::R —
(;)
';__ - _U_[)d;!eA—l’nsit;lrl_ -
| (State Vec!nr 1‘|uhte Routine)* !
- - [ | )
- ©
Yes . — TS -
END CYCLE < _Flv- o >
(No
———_——— = = i i |
[ Select and Read Velocity Component |
(Btate Vector Update and Deta Read Routines) )
I Figs. 3.4.4-3and 3. 4.4-4a
—_—— e e — - - -

Turn on Tracker
Fail and Program
Alarms and Display
Alarm Code

Velocity
Inhibit
present

No

S=m

Overnide
present

iEND CYCLEI

Figure 3.4, 4-6 LR Data Reasonableness ‘T'est Routine

3
>
7

5,3-60




should be noted that the Altitude Inhibit flag is initially set auto-
matically in the landing program so that no LR altitude updating

can start until commanded to do so by the astronaut.

If the altitude difference parameter é q, excecds the
limits set by the altitude data test, the alarm logic shown in
Fig. 3.4.4-6 is designed to activate the Tracker Fail and Pro-
gram Alarm lights accompanied by an identifying DSKY alarm
code if two or more of the last four consecutive LR altitude

reasonableness test have failed,

If the LR Data Read Routine calls for a velocity up-
date (FLV = 1, 2, or 3), the velocity difference 6 q, as deter-
mined by the preliminary computation for the velocity updating
in the State Vector Update Routine (Fig. 3.4.4-3) is used as
the basic parameter in the LR velocity reasonableness test as
was done with the altitude difference in the altitude test. In the
velocity test case, 6q is the difference between the LR indi-
cated velocity component (?fu of Fig. 3.4.4-3) and that estimated
from the state vector (q:l), The LR velocity data reasonableness
test is of similar form to the altitude test as shown in Fig. 3.4.4-6,
and all three LR velocity components use the sam¢ velocity data
recasonableness test. If the velocity difference passes the LR
velocity reasonableness test and the velocity update is not in-
hibited by the astronaut, the state vector is automatically up-
dated by the State Vector Update Routine. In contrast to the
LR altitude data test and operation, the Velocity Inhibit fiag is
initiallv reset when the landing program is activated. Con-
sequently, LR velocity updating is donc automatically pr:ided
that the Velocity Data Good discrete is present and the v ocity

data reasonableness test is passed.
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If the LR velocity data exceeds the limits of the
velocity reasonableness test, it is seen in Fig. 3.4.4-6 that
the same type of alarm criterion is used as with the altitude
data test. If two or more of the last four LR velocity readings
obtained by the Data Read Routine fail the velocity reasonable-
ness test, the Tracker Fail and Program Alarm lights are ac-
tivated and an identifying DSKY alarm code is displayed. It
should be noted that S and m arc initially sct to zero in the land-
ing program. The purpose of the Override flag following the
alarm logic is to enable the astronaut to manually override the
velocity data reasonablencss test and force a velocity update
with LR velocity data independent of the vclocity data reason-
ableness test. Initially, the Override flag is reset by the land-
ing program. Afterwards, whenever the flag is set by the
astronaut, the Velocity Inhibit flag is reset, and vice versa.

In other words, the astronaut is only able to set one of the two
flags, which in turn causes the other to be reset. However, a
third mode will be available to the astronaut in the velocity
test whereby both flags are reset. This latter mode might be
regarded as being the normal mode of operation since it per-
mits a state vector update only if the velocity data passes the

test.

Ifshould also be noted that since the [LR data reason-
ableness tests follow the LR Data Good discrete checks in the
LR Data Read Routine, the data reasonableness alarm criterion
is based on the last four LLR readings which had passed the Data
Good discrete check. The LR data reasonablenecss tests are
independent of intermittent tracking and do not account for any

data rejected because of failure to pass the LR data good tests.
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5.3.4.4.7 Site-Location Updating Routine

The function of the Site-Location Updating Routine is
to provide an up-to-date value of site position in platform co-
ordinates (ESP). This requires that the site location be updated
to account for the rotation of thc moon, and also in response to
hand-controlier commands by the astronaut. The information-

flow diagram is shown in Fig. 3.4.4-7.

The first operation in the Site-Location Updating
Routine is to update the site position (ESP) by the eitect of
lunar-rotational velocity ( “ X ISP) over the computation-
cycle interval (At). Then, using the new value of 'qp and the
up-to-date estimate of vehicle position (EP)’ new values of the
line -of -sight to the current site (Bp) and its unit vector (Ep )
are determined, P

A test is next made to see if any hand-controller
commands (ne or na) have been stored. If there are no stored
commands, the routine is left with no further computations on
the present cycle. If stored commands are present, the desired

landing-site perturbation computation is next begun.

The site-perturbation computation essentially rotates
the line-of-sight ( 1.LOS) vector about a pair of axes that are es-
sentially perpendicular to the current LOS (E_p ) and to each
other. The axes referred to here are the vehigle Y axis (EYBP)’
which normally is held perpendicular to Bp during the visibility

phase, and the unit-vector Un s> which is ‘lﬁrrpendicular to both

Uypp and EpP' The perturbed LOS direction (E“% 7 ), as can
be seen in Fig. 3.4.4-7, is computed as the sum ch azimuth
i t cle i ~turiy iiion
perturbation (na ka) along Uy p and an clevation pertu: iol
o e the vehic Jo L
(r1e ke) along Uprzp- The position vector from the vehi: Je 1o
the perturbed site (BNP) is next computed using the com-
ponents of p_, and u along the platform-frame - ax’= »nd
the unit vector (u r’

“Pnp
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At this pointin the routine the hand ~coatroiler com-
mand counts n, and n, are reset to zero values. The new site
position vector is then computed, as shown in Fig. 3. 4. 4-7,
using the new 1LOS position vector (QNP) and the current esti-
mate of vehicle position (Ep)' The quantity T\ represents the

radius of the moon at the initially selected site.



5.3.4.4.8 Guidance_—fo-Platform Transformation Routine

The command acceleration for the guidance system is com-
puted in the guidance coordinate frame (subscript G). The vehicle
state-vector estimate (EP’ Y—P)’ on the other hand, is performed in
the platform coordinate frame (subscript P). Likewise,the direction
of the command thrust applied to the vehicle (EFP) must ultimately be
computed inplatform coordinates. The guidance-to-platform transfor-
mation routine shows how the required transformation matrices CGP
and its transpose CPG can be computed. The information-flow diagram

is given in Fig. 3. 4. 4-8.

The first step in the Guidance-to-Platform Transformation
Routine is to compute the unit vector along the guidance-frame X-axis
in platform coordinates (EXGP)' This vector is directed along the
up-to-date site-position (2‘3 ), as obtained from the Site-Location Up-

dating Routine,

The orientation of the guidance frame Y and Z axes are next
determined by computing the vector distance d which is a function of
r'p Lopr Vp @ p tf, and t, as shown in Fig. 3. 4. 4. 8. The vector d
is computed so as to be in the plane of the LM trajectory at the end of
the current landing-maneuver phase. The unit vector U Gp is also in
this plane. By taking the cross-product of Uvop and d, the guidance-
frame Y -axis (EYGP) is set up to be perpendicular to the vehicle-tra-
jectory plane at the end of the phase. The guidance-frame Z-axis
is made perpendicular to the X and Y axes so as to form an

2zGp
orthogonal right-handed system.

The transformation matrix CGP is then obtained as a matrix
with Uvap YyGp and Usap @8 column vectors. The matrix CPG is
the transpose of C,p, 1.¢€. the vectors Uy ~p, Uygps and u, - p, are
its row vectors. It should be noted that the Guidance-to-Platform
Routine is bypassed whenever the computed time-to-go (tGO) for the

current phase is less than or equal to 2% seconds.
—

B
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5.3.4.4.9 Vehicle-to-Platform Transformation Routine

In the powered landing guidance -and-navigation system
it is necessary to transform quantities from vehicle (Nav, Base) co-
ordinates to IMU (stable member) coordinates and vice-versa, The

transformation matrices to accomplish this are Cp, (vehicle to IMU)

and CPB (IMU to vehicle).

The elements of CBP’ as shown in the diagram of Fig.
3.4.4-9, are the vehicle (Nav. Base) unit vectors expressed in the

platform coordinate frame (EXBP’ PYBP’ BZBP)' The unit vectors

BﬁP’ uypp Yypp 4T obtained from the SMNBR Routine (Sec. 5. G.g. 2)

as functions of the IMU gimbal angles.

START

Vehicle -platform Frames Trans, Matrix
g 9
uT
—XBP

T
EYBP = [SMNB]
uT
—ZBP_
C = r u : u : u

BP | =XBP | ~YBP ! =ZBP

_ ~T
CPB - CBP
(SMNB Routine)
END CYCLE

Figure 3.4.4-9 Transformation between Vehicle and

Platform
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5.3.4.4.10 Aim-Conditions Routine

The function of the Aim-Conditions Routine is to provide
appropriate desired terminal values of LM position, velocity, ac-
celeration, and jerk for the command acceleration relations, using
the pre-stored aim conditions shown in Table 3. 4. 4 l/* Thé /Air’fg—
Conditions Routine also provides an initial estimate for the terminal

time of the current landing-maneuver phase.

The Aim-Conditions Routine is in effect a subroutine of
the Guidance -and-Control Routine. The Aim-Conditions Routine, as
can be seen on Fig. 3. 4. 4-11, is entered only when the aim -conditions
flag (FLA) has a non-zero value. The mode selector in the Aim-
Conditions Routine, as can be seen in Fig. 3. 4. 4-10, is a function of
the phase of the landing maneuver and the setting of FLLA. The values
of FLA throughout the landing maneuver and the times at which FLA

is reset are given in Table 3. 4. 4-2. i R

The Aim-Conditions Routine, as indicated in the informa-
tion tflow diagram of Fig. 3.4.4-10, has basically four difterent modes

of operation. These will next be described in detail.

The first mode, shown on the far left-hand side of Fig.
3.4.4-10, is for the final-descent phase (Phase = 4). During this
phase the velocity-following guidance law is used (see Fig.3.4.4-11)
in which the command specific force is determined so that the LM
achieves a preselected desired velocity (\_rDG). At the start of the
final-descent phase the Aim-Conditions Routine is entered and the
velocity is set at 5 ft/sec. downward along the local vertical direc-
tion (B-FG)' Then, at an estimated altitude of 50 feet, the Aim-
Conditions Routine is entered again and the desired descent velocity
is reset to 3 ft/sec. During this mode the hor‘izdntal velocity is con-

trolled to be zero.
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Figure 3.4.4-10 Aim Conditions Routine
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Table 3. 4. 4-2

Values of FLA and Times at which

it is Reset during Powered Landing

Maneuver

Phase Time of Chanyge New FLA
-2 Initial Setting 0
- = 1

2 tph 0
- = 0
.2 Next cycle after tph 0
0 taos 29 2
0 Next cycle after tGO<-f 20 0
1 tph =0 1
1 Next cycle after tph =0 0
2 tph - 1
2 Next cycle after tDh =0 0
2 tao S 10 2
2 Next cycle after t4 < 10 0
3 tph =0 1
3 Next cycle after tph =0 0
4 1:ph =0 1
4 Next cycle after t = 0 0
ph
4 h' <50 2
4 Next cycle after h' <50 0
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The next two modes in the Aim-Conditions Routine (second
and third from left side of Fig. 3. 4. 4-10) relate to the linear command
specific force guidance modes. The command acceleration in these

modes (L_lG) is given by:

ag 7 apg tipg t b (3.4. 4. 4)
where ?DG and Ing are the desired terminal values of LM accelera-

tion and jerk for the phase of interest, expressed in the guidance
frame. The quantities t and tf represent the present and terminal
values of time for the phase of interest. The function of the Aim-
Conditions Routine during these linear-guidance modes is to provide

and t .

values for aDG’ Ipe f

In the case of the linear-acceleration transition phases
(Phase = 1, 3) the Aim-Conditions Routine is entered at the start of
the phase to define the desired acceleration in guidance coordinates
) and the duration of the phase (TD). The desired terminat jerk

apg
in guidance coordinates (JDG) is then obtained from gDG’ o) and the

current LM command accffluration as- The terminal

time (tf) is then obtained from the current time (t) and the phase du-
ration ('rD). In the case of the linear-acceleration periods at the ends
of the braking and visibility phases, the Aim-Conditions Routine is
entered at the start of the per‘iod)and apge JDG’ and tf are computed
as for the transition phases. The only difference here is that the
value used for ™ is the current computed value of time-to—g@ (tGO).
It should be noted here that the values used tor apa in these two

cases are those previously defined for the phases of interest.

The fourth mode of the Aim-Conditions Routine (th« one on
the right side of Fig. 3. 4. 4-10) relates to the quadratic comn» .nd ac-
celeration guidance modes. The command acceleration in thesc modes

(gG) is given by the relation:



/

6 (v j;v ) 12 (r. -r.-)
-G~ DG . __ -G ‘ZDG (3. 4. 4. 5)
(tf - t) (1:f - t)

aG " %pG T

where —a—DG’ VDo and 'ne represent the desired terminal accelera-
tion, velocity, and position in the guidance frame. The quantities
rq and e represent the LM position and velocity expressed in the
guidance frame. The quantity tf represents the terminal time for the
phase of current interest, and t is the present time. The function of
the Aim-Conditions Routine is to provide up-to-date values for a

-DG’
VDG EDG’ and tf in the current landing-maneuver phase.

The fourth mode of the Aim-Conditions Routine is entered
at the start of the pre-ignition phase (Phase = -2, FLA = 1), and finally at the
start of the visibility phase (Phase = 2, FLA = 1). The first opera-
tion performed after this mode is entered, as can be seen in Fig.
3.4.4-10, is to define the current phase position, velocity, and ac-
celeration aim-conditions (EDG’ YpG? and —%DG)' Then, values are
defined for the component of desired terminal jerk along the guidance-
frame Z-axis (jDZG)’ and the duration of the current phase (’TD).
Finally, a computation is made of the terminal time for the phase of

current interest (tf).
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5.3.4.4.11 Guidance-and-Control Routine

The Guidance -and-Control Routine computes the command
specific force vector (-S—AP) for the LM during the powered landing
maneuver, From the command specific force (a_s_P), the desired
thrust-vector orientation (EFP) and the throttle commands (fth) are
obtained. The information-flow diagram for the Guidance-and-Control

Routine is shown in Fig. 3. 4. 4-11.

The first step in the Guidance-and-Control Routine, as
indicated in Fig. 3. 4. 4-11, is to update the aim conditions for the
command-specific -force relations, and to recompute the orientation
of the guidance-frame coordinate axes. These aim conditions are
the desired values of position, velocity, acceleration, and down-range
jerk (EDG’ Yoo DG’ jDZG)' The decision to update aim conditions
is controlled by the ainmi-conditions flag (FLA). It is only when FLA
has a non-zero valuc that the aim-conditions routine (Section 5.3.4.4.10)
is entered. The sequence of values for IFLA during the 1a1.1(1i175_;‘ maneuver
is shown in Tablc 3.4.4-2. The updating procedure is desceribed in

Scction 5.3.4. 4. 40

The vehicle command acceleration (from which the command
specific force is obtained) is computed in the guidance coordinate frame
(subscript G). The LM state vector, on the other hand, as was noted in
Sec. 5. 3. 4. 4. 4 is updated in the platform frame (subscript P). Accor-
dingly, the next operation performed in the Guidance -and-Control
Routine is to transform the current estimated state from the plalform
frame (r_‘P, y_P) to the guidance frame (r 1 y{}), as indicated i Fig.
3.4.4-11. The transformation matrix between guidance and platfor:
coordinates (CGP)’ as obtained from the Aimr=Conditiens-Rew—e 1s

—~

Y. ,
used in this operation. (condancg 10 //, v Vo0 f ’

(/5\ UNITR LL%?)

-
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Figure 3.4.4-11 Guidance and Control Routine
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At this point in the Guidance-and-Control Routine, a test is
made to see if the LM is in the visibility phase of the landing maneuver.
If the LM is in this phase and time remaining for the phase (tf -t) is
greater than 20 seconds, then a computation is made of the current-site
elevation angle weQ) with respect to the plane defined by the vebicle
Y and Z axes, as shown in Fig. 3.4.4-11. The direction of the line-
of -sight to the current landing site (gpp) is used in this computation
as obtained from the Site-Location Updating Routine. The quantity
Uy pp represents a unit vector along the vehicle's X-axis,

The next operation in the routine is to compute the time-to-
go for the LM from its present location to the current aim point. This
computation is required in the command-acceleration relations for all
of the phases of the landing maneuver except the final descent phase.
The time -to-go computation is performed in the Time -to-Go Routine

(Sec. 5.3.4.4.12).

At this point in the routine the command-acceleration mode
to be used in the current computation cycle is selected. Three dif-
ferent choices are possible: the acceleration (gG) may be computed
to provide LM acceleration profiles that vary either as linear or
quadratic functions of time-to-go for the phase, or ag may be com-

puted to provide a constant LM velocity.

In the linear mode, the acceleration command (ﬁG) is de-
termined so that the vehicle acceleration is a linear function of the
time-to-go to the end of the phase, as indicated in Fig. 3.4.4-11.
The desired aim acceleration (EDG) and jerk QDG) are obtaincd from
the Aim-Conditions Routine (Sec. 5.3.4.4.10). The terminal tin:e (tf)
ig obtained from the Time-to-Go Routine (Secs. 3.4, 4. 12). The linea
mode is used during both transition phases (P;\hase = 1, 3), the last 20
seconds of the braking phase (Phase = 0), and the last 10 seconds of
the visibility phase (Phase = 2).



The command acceleration for the quadratic mode is com-
puted to provide a LM acceleration profile that is a quadratic function
of the time-to-go to the end of the phase of current interest, The re-
quired relation is shown in Fig,. 3. 4.4 11 in terms of the current ve-
hicle state (EG’ \_/G) and the desired aim conditions (EDG’ Vb and
EDG)' The terminal time (tf) is computed in the Time-to-Go Routine
so that a specified value of jerk along the guidance frame Z-axis at
the end of the phase (jDZG) is obtained. The quadratic guidance law
is used throughout the pre-ignition phase, during the braking phase
except for the last 20 seconds, and during the visibility phase except

for the last 10 seconds.

In the velocity-following mode, as shown in Fig. 3. 4, 4-11,
the acceleration command (gG) is determined so that the vehicle's
velocity (\_/_G) during the descent has a desired value (XDG) determined
from the Aim-Conditions Routine. The coefficient in the command
acceleration relation (Tg) controls the rate at which the desired veloci-
ty is obtained during the descent phase. The velocity-following mode

is used only in the final descent phase.

The command specific force in platform coordinates (ip)
is obtained by first transforming the command acceleration from
guidance coordinates (gLG) to platform coordinates (gp). The trans -
formation matrix from guidance to platform cocrdinates CGP is used
here. The computed acceleration of the vehicle due to the lunar gra-
vitational field (gp) is then subtracted from (gp) to obtain the required
command specific force (§_P). The required thrust direction (EFP) is

along the direction of S p-
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5.3.4.4.12 Tune -to-Gu Routine

The command specific force equations, as shown in Fig.
3. 4. qall', require that the time-to-go -to the end of the current
phase (tf - t) be computed. The routine for accomplishing this is
called the Time-To-Go Routine, The information-flow diagram for

the routine is shown in Fig. 3.4.4-12,

Two different methods for computing time-to-go (tGO)
are employed. When the quadratic-acceleration guidance law is
used, tGO is computed by 2 Newton-Raphson iterative pyrocess SO
that the estimated component of jerk along the guidance-frame Z -
axis at the end of the phase has a preselected value. This mode,
as can be seen in Fig. 3.4.4-12, 1is used during tae pre-ignition
phase, the braking phase except for the last 20 seconds, and during
the visibility phase except for the last 10 seconds. At all other times
during the landing maneuver the time -to-go is simply obtained by
taking the difference between the current estimate of terminal time
for the phase (tf) and the present time (t). The values used here for
tf during the transition phases are obtained from the aim-conditions
routine (Section 5. 3. 4. 4. 10). During the last 20 seconds of the brak-
ing phaseandlast 10 seconds of the visibility phase, the value used

for t, is the one obtained on the last Newton-Raphson computation

f
cycle,
The Newton-Raphson iterative procedure for computing
tGO and tf will be next described. The incremental change in time-

to-go (tGO) is computed from the ratio of the difference between

the predicted and desired down-range jerk components at the end of

3 i -3 it the rate-of <hange of nredicted terminal
the phase (JFZG ‘]DZG) & P

. ] . ; . . _ . o ‘ﬁ .
jerk (']FZG) with respect to time-to-go (i.e. ¢ JFZG/( tGO). This

quantity as shown in Fig. 3. 4.4-12. is expressed as the rati ul lwo

polynomial functions of tGO’ The quantitics vz Apza nnd IDzG
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represent the desired final values of velocity, acceleration, and jerk
respectively for the phase of interest along the guidance-frame Z -axis.
The quantities r,a and e represent the components of present vehi -

cle position and velocity in the guidance frame along the Z-axis.

The up-to-date estimate of tGO is obtained by adding the
incremental change (AtGO) to the previous tGO estimate. A check
is then made to see if AtGO is less than tGO/128. If the test is not
satisfied, the iteration cycle is repeated until the test is finally sat-
isfied, Usually this test is satisfied on the first iteration cycle, ex-
cept for the first tGO—computation cycle for a given phase. The up-
to-date estimate of final time for the phase of interest (tf) is now
computed from t and tGO’ which completes the cycle through the

Time -to-Go Routine,



5.3.4.4. 135 Attitude Command Routine

The vehicle's orientation during the powered landing man-
euver is determined by specifying the desired directions for the thrust
vector (ngd) and the vehicle's Y -axis (EYBPd)' Both of these unit
vectors, as can be seen, are in the IMU coordinate system (subscript
1). By specifying the thrust direction, the X-axis orientation is
also specified within the thrust-vector displacement required to cor-

rect c. g. offsets in the vehicle.

The primary computations performed in the Attitude-Com-
mand Routine, as can be seen from the information-flow diagram of
Fig. 3. 4. 4-13, relate to the yaw-attitude commeand, i.e, the orienta-
tion of Uy BPy- The preferred thrust vector orientation (EFPd) is
simply along the direction of command specific force (EFP) com-

puted in the Guidance-and-Control Routine (Section 5.3.4.4,11),

There are basically five different yaw -command modes
in the Attitude-Command Routine, These modes are most conveniently

referred to as follows:
(1) Hold attitude
(2) X-axis over-ride
(3) Line-of-sight (LOS) in XB-ZB plane

(4) Window up

5.3-82



[START

Thrust Vector Orientation

Ypp

Ui,
e

Yaw-Conmmand Selector

I’hase= -1 Phase = 2| Phase=0 Phasc =4

' )
Phase 1 h < 300001h >30, 000

I’hasc > 2

Constant L.OS in Window N-axts
Attitude XB-7RB up Override
plane if or
site is At tude
Hold

visible

__,___J DAP X-0xis
Override Modej

7%-1 Quan. for Site Vis,

, =P UNIT gy = xp) |{:\%_('“\'(‘|41«1
Hold Attitudce !
~ nocoug ¥ Gy ,)
Yypp, T fvne PPy D
u UNIT @)

END CYCLE | N
T U Evap

Y ES

[ y
|I4()S 1 7.‘:;HA~7‘R Plance &‘ll"”“‘]- Yaw Angle Window Up
vpo ! G lama g e G0
I A C |
9 e “a /e .
— = 2 (qmu.\; W/ 0 2

Yoaw -Angle Command

)}’

“oltvan) |

t}_l\'l”)d’ UNIT ((‘11”

END CYCLE




(5) Intermediate yaw angle between LOS in XB-ZB

plane and window -up orientation

The hold-attitude mode, as indicated in Fig. 3. 4.4-13, is
used in the ullage-and-trim phase, the two transition phases, and
the final-descent phase (Phase =- 1, 1, 3, and 4). The present mea-

sured Y-axis orientation @YBP) is simply held fixed here,

The X-axis over-ride option is provided to the astronaut
during the braking phase when the estimated LM altitude is greater
than 30, 000 feet. The X-axis over-ride flag (FLXOV) is used in
Fig. 3. 4, 4-13 to indicate this option. The yaw command in this

mode is simply that provided by the astronaut (EYBPC )-

During the visibility phase of the landing mareuver the
vehicle may either be given a yaw command to hold the LLOS in the
XB-ZB plane, to hold the window up, or to yaw to an intermediate
angle between the one for the LOS in XB-ZB plane and the window
up. The choice of yaw command is based on the orientation of the
LOS with respect to the edge of the LM window. This is determined
in the Attitude-Command Routine of Fig. 3. 4. 4-13 by first computing

the direction of the line-of-sight (u A vector related to the

).
—pp
depression angle (QP) of the line-of-sight below the vehicle X-axis

(EXBP) is next determined,

The test for yaw -control mode during the visibility phase
is based on the projection of the depression-angle vector (i, e. gp)

along the guidance-frame Y -axis (EY ). If the test quantity q is

Gp
less than a predetermined number qin’ then it is assumed that

the LOS is not near the window edge. Under these conditions the

window -up mode is used, which means that the coefficients <y and

Cq in Fig. 3. 4.4-13 are set at 0 and 1, respectively., The resultant
yaw -angle command (EYBPd) in this case is to orient the vehicle

5.3-84



Y -axis along the direction of the Y -axis of the guidance frame (EYGP)’
which is essentially a window -up orientation. The same window -up
yaw command is used during the latter part of the braking phase¢ when

the estimated altitude (h') is less than 30, 000 feet.

When the yaw -command test quantity (q) is greater than
a preselected number Aoy (which is equal to the sin ©f 20 degrees),
it is deduced that the LOS will be visible to the astronaut in the win-
dow. In this casc the coefficients ¢y and ¢, are settol «nd 0, re-
spectively. The resultant vehicle yaw command in this ¢se orients
the vehicle Y -axis parallel to the direction of pl), which ¢nuses the
LOS to lie in the vehicle XB~ZB plane. The vector ;1},, as can be
scen in Fig. 3.4.4- 13 is perpendicular to the plane ol the LOS and

the vehicle X-axis.

Under conditions where the test quantity {(q) lies between
the preselected q and q__ . , an intermediate vaw angle orienta-
max min g

tion whicl lies between the window -up and LOS in XB-Z1 plane

orientations is used, The coelficient ¢ in this casc is cqual 1o the

diffecrence g - q .. The coefficients ¢ and ¢, will be between
1IN 1in 1 2

zoro and one, The transition, in this casce is smooth and continuous

hetween the window -up and LOS in XB-Zls planc orientation modes,

5.3.4.4. I+ Throttle-Command Routine

The Throttle-Command Routine determines the value of
thrust at which the throttle should be set (fth)' The values used for
fth are different from those obtained from the command specific
force equations becuuse ot operational re=fri tions i the de-
scent propulsion system (DPS). The restrictions are that the DPS
can either be operated at a constant thrust level corresponding to
92. 5 percent of the nominal maximum thrust (i, e. at about 8710
pounds), or it can be continuously throttled in the range between 10

and 58 percent of nominal maximum thrust.



The throttle command logic used to operate the DPS under
these restrictions is shown in Fig,. 3. 4.4-14. The essential elements

of the throttle-command system are:
(1) If f is greater than 6090 pounds, then fi}, 15 9710 pounds.
(2) If f is less than 1050 pounds, then f, is 1050 pounds.

(3) If f lies between 1050 and 5250 pounds, then ft = f,

h

(4) If f lies between 5250 and 6090 pounds, then fth can
have one of two values,depending on the throttle-
command flag (FLTH). If FLTH = 0, then ft = 9710;
if FLTH = 1, then fth = f,

h

The throttle-setting flag (FLTH) starts with a zero value,
It is set equal to unity thereafter whenever the command thrust (f)
drops below 5250 pounds (if it is not already unity); it is reset to
zero whenever the command thrust increases above 6090 pounds.
By allowing the command thrust (f) to vary over a range of thrust
value (betwecn 5250 and 6090 pounds) before the flag FLLTH is changed
in value (i.e. reset), the number of times that fth jumps between

9710 pounds and the permissible 10-58 percent continuously-throttleable
region is minimized.

5.3.4.4.15 Rate of Descent and Manual Landing Modes

At any time during the lunar landing maneuver the as-
tronaut can select a semi-manual control mode referred to as the
Rate of Descent (ROD) Routine. This control mode is normally
considered one of three alternate final landing modes initiated
after, or near, the Low-Gate aim conditions. During the ROD
mode, the astronaut manually controls the vehicle attitude and
the LGC controls the DPS throttle such that the vertical velocity

condition existing when the mode was initiated is automatically
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Fig. 3.4.4-14 Throttle Command Routine



maintained. The vertical velocity or rate of descent can be modified
by astronaut inputs in the form of incremental discrete signals re-

presenting 1 ft/sec changes per signal,

The LGC information flow diagram for the ROD landing
mode is shown in Fig. 3. 4. 4-15, The ROD mode is initiated during
the landing maneuver when the astronaut changes the attitude control
switch from Automatic to Attitude Hold, but leaves the DPS throttle
switch in the Automatic position. As shown in Fig. 3. 4. 4-15, the
LGC first determines the vertical velocity (ROD) when the mode
was initiated at time to,based on the last state vector estimate from
the State Vector Update Routine of Section 5. 3. 4. 4.4, It might be
noted that this state vector may not be current by as much as the

basic computation cycle (2 sec.).

The initial ROD, flo, is determined as shown and is de-
fined as negative for a downward velocity closing with the lunar
surface. On the next computation cycle of the State Vector Update
Routine the vehicle state vector is advanced to the current time

and updated by LR data if acceptable. The current ROD, h, is
computed from this updated state vector and then compared with

the desired ROD,hy. The desired ROD is the sum of the initial

ﬁo and the input accumulated ROD switch increments Ah controlled
by astronaut. The required commanded specific force, s, is then
computed as shown in Fig. 3. 4. 4-15 where a, is the required vertical
accelerationover the control period TA.WWK?quun1MLesijﬁmulghprepre—
sent the thrust and vehicle position unit vectors respectively
referenced to the platform coordinate system. The required DPS
thrust acceleration is then used as the input to the Throttle Command
Routine of Section 5. 3. 4.4, 14. As illustrated in Fig, 3, 4. 4-15.

the above computation sequence is repeated until the routine is
stopped by an ENTER signal from the astronaut after lunar touch-

down,
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If the astronaut places the attitude control switch in
the Attitude Hold position, and then the DPS throttle switch in
the Manual position during the landing maneuver, the vehicle is
under complete manual control. The only LGC function during
this mode of operation is to update the vehicle state vector with
the State-Vector Update Routine and provide required display
functions described in the following section. During this manual
mode of operation, LR data are used by the State-Vector Update
Routine to update the state vector for abort and display functions.
These functions are terminated at lunar landing by an astronaut

ENTER command as in the ROD Routine,

During the ROD ( P-66) and Manual ( I>-67) landing
modes a special astronaut controlled state vector update function
is available. This special update function sets all three of the
vehicle velocity components relative to the lunar surface to zero
when the astronaut achieves this condition by manual or semi-
manual control and indicates the zero velocity condition to the
LGC by a specific extended verb DSKY entry. This velocity
nulling process is illustrated in Fig. 3.4.4-3 of the State-Vector

Update Routine as the last computation function indicated.

It might be noted that once the ROD or manual landing
modes (P66 and P67) have been selected, the astronaut can not
return to the LGC automatic landing modes P63, P64 and P65 of
Chapter 4.
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5.3.4.4.16 L.anding Mancuver Display Computations

During the lunar landing mancuver the 1.GC is required

to provide digital displays on the DSKY and drive analog type ve-

hicle meters,

DSKY Display Parameters

The following digital display parameters are roquired

for the lunar landing programs P-63 to P-67 as automatic or

callable DSKY displays as specified in Scction 4,

[l

TIT1: Time from DPS ignition.

Time from DPS ignition is merely a total of the
accumulated maneuver time.

t.o: Time-to-Go

Time-to-go is the computed time remaining in a

given mission phase as determined by the Time-to-

Go Routine of Section 5. 3. 4.91'2.
A

/_\Vm: Measured or accumulated AV

Measured maneuver AV magnitude in ftgoc,
v.: Inertial Velocity
Magnitude of vehicle inertial velocity

h: Altitude

Altitude above the landing site radins muagni' de

h: Altitude Rate

Altitude rate as derived from the current s aue ve
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7. Ah: Altitude Difference

10,

11.

The quantity (a’; - q'u) in the Update Position function
of Fig. 3. 4. 4-3 where a’i‘l is the altitude derived from
LR range data and q'u is the estimated altitude from

the state vector

LONG : Longitude

Vehicle lunar longitude computed from the Latitude
Longitude Routine of Section 5. 5.3 for the current

state vector.

RANGE : Range to the Landing Site
Slant range from the LM to the landing site

RANGE = |Pp|

where slant range Pp is defined in Section 5. 3. 4, 4. 7.

AVR : AV Remaining

Approximate DPS characteristic velocity remain-

ing, as computed from the following expression:

AV, = AV

R - AV (3.4.4.6)

REF m

) X — 1 (D
where A JREF = Maximum DPS AV allocated for

the lunar landing maneuver.

LPD Angle

Elevation angle of the current landing site referenced
to the Landing Point Designator. This parameter is

6, of Fig. 3.4.4-11,
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12,

MARGIN - Hover Time Remaining

This parameter is displayed in P’-64, and re-

presents the approximate hover time in minutes

and seconds that would be available if the cur-

rent automatic landing maneuver were allowed to

continue to completion. This paramecter is com-

puted as follows:

MARGIN

where

REF

AMAN
Y
tGo

o

t - klAMAN (3.4.4.7)

REF

Initial nominal Rhase 2 hover time
0.84
+ -
(the * tco) ™t
current time from High Gate

time to go from Section 5.3.4.4,12

nominal maneuver time for Phase 2

This parameter is primarily useful in landing site

redesignation casces using the [LPD, and is displayed

for a period of four seconds after the redesignation,

13.

VHP ¢

Horizontal Velocity

The horizontal velocity component of the cur nt

velocity vector as derived in Eq. 3. 4. 19 for the

analog display parameters,



14, Forward Velocity

The modified forward horizontal velocity component
as computed by Eq.3. 4. 4. 11 for the analog display

parameters

15. Lateral Velocity

The modified lateral horizontal velocity component
as computed by Eq.3.4. 4. 11 for the analog display

parameters.

It might be noted that the above DSKY displays are updated ap-

proximately once every two seconds.

Analog Display Parameters

The LGC is required to drive four analog displays in
all landing maneuver phases if selected to do so by the astronaut.
A description of the LGC computational requirements for these

analog displays is as follows:

1. h: Altitude

This parameter is the estimated local altitude as
derived from the difference between the current position
vector (see State-Vector Update Routine of Section

5. 3. 4. 4, 4) and the landing site radius value. The

LGC drives a digital tape meter with this parameter
scaled at 2, 34 feet per bit over a range of 0 to

60, 000 feet,
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2. h: Altitude Rate

The altitude rate is computed from the current
velocity and position state vectors (Section 5. 3. 4.4, 4).
The LGC drives a digital tape meter with this para-
meter scaled at 0,5 ft/sec, per bit over a range of

+ 500 ft/scec.

3. Forward Velocity and Laleral Velocity

The ILGC drives two analog meters thicngh the RR
CDU digital to analog ncetworks to provid: an indica-
tion of horizontal velocity cond:ilons. The coordinates
and display requirements for this function are defined
in ICD LIS-540-100001 Section 1.2.3. The two dis-
play parameters essentially represent the local hori-
zontal velocity component resolved as a function of
vehicle yaw angle from the initial LM descent plane.
The LGC computations required for these displays

are as follows:

The refercence horizontal coordinates of the local

vertical system are defined as:

Uy = UNIT vy g p)

(3.4.4.8)

= UNIT (r,%

YHz Uy

where Lop and Vop dre the initial LM position ard

velocity vectors at DPS ignition referenced to the
IMU or Platform Coordinate systor, and o s ih
|

current LM position vector,
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The horizontal component of the current velocity

vector, v is determined from:

~-HP

c
|

ugp = UNIT [(ERP X EVP)XBRP]

(3.4.4.9)

YHp * [‘XP - epXIp) EHP] Yup

where “p is the lunar rotation rate used in the same
manner as the LR state update computation of Section

5.3.4.4.4. The quantity u

Uyp is a unit vector along

the LM velocity vector.
The horizontal velocity expressed in the reference

horizontal coordinates is:
Vuz T Ygp © Yuzp
(3.4.4.10)
. u
HY —~HP ~HYP

The display parameters are then computed as fol-

lows:

Forward velocity cos AOG - Vi sin AOG

VHzZ Y
(3.4.4.11)

ViHZ sin AOG -~ vHYcos AOG

"

Lateral Velocity

where AQG is the IMU outer-gimbal angle, which is
representative of the vehicle yaw angle measured

from the initial LM descent plane.

The forward and lateral velocity parameters are to be

scaled for a range of + 200 ft/ sec.
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The desired LGC update rate of the above four analog
display parameters is once every two seconds in ‘he braking phase
(P63), once every second in the visibility phase (PG4), and four
times every second during the three possible terminal landing
phases P65, Ptig,and P67. Display rates greater than ~noe cverr
two seconds will require the state vector extrapolation computa-
tion of the State-Vector Update Routine. At the present time it is
not known if the LGC can update these display parameters at the desired
rates due to computation time limits during the time-critical land-
ing maneuver. The LGC display capability will be determined in
hybrid-simulation evaluations during the landing program verifica-

tion, and the above display update rates will be achieved if possib...

5.3.4.4.17 Post Landing Sequences and Procedures

The three terminal landing programs P65, P66, and
P67 are all terminated by a DSKY ENTER signal after lunar
touchdown., At this timme all landing maneuver programs are
terminated. The Average-G Routine is allowed to ¢ cle to the
next PIPA processing time to establish the landing condition
vehicle state vector and retfcerence time. This final LM state
vector is then reinitialized to known lunar conditions by preserv-
ing the position vector components as determined by the Average-G
Routine, and then setting the velocity components of the state

vector to the lunar rotation velocity determined by:

v T ep X g, (3.4. 4. 12)

where ©p is the lunar rotation rate vector «sed in the LR siatce

update computation of Section 5.3.4.4.4. The reinitialized a:

state vector and reference time are then stored for oliov Lo

prelaunch or abort programs.



The vehicle attitude in lunar fixed coordinates is
determined by the Lunar Surface Alignment Program P-57
(Section 5.6.2.2) and stored. Before PGNCS power down, an
IMU fine alignment is made and the vehicle attitude redefined
and stored in place of the previous attitude. These vehicle at-
titude vectors are used in following nominal or emergency IMU
alignment operations. An AGS initialization operation is normally

performed prior to PGNCS power down.
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5.3.4.5 SUMMARY OF OPERATIONS FOR DIFFERENT PHASES

OF LANDING MANEUVER

5.3.4.5.1 Pre-lgnition Phase

At approximately 30 minutes before the nominal DPS ignitior
time the pre-ignition computations are begur. The purpose of thess
computations is to determine the ignition time and the desired LM

ignition attitude.

The first operation performed is to extrapolate the LM state
estimate forward to a time about 180 seconds before the nominal ig-
nition time. Then, the state estimate is extropolated forward in 2-
second time increments until the down-range component of vehicle
distance from the site, correcled for site out-of-plane distance and
orbit ejection altitude deviations, is less than a preselected value
(qD). A linear interpolation is then performed to determine the exact
time thatl the down-range distance test is satisfied.  The ullage man-

euver is started at this time,

The LM state estimate is next extrapolated forward in time
over an interval equivalent to the ullage-and-trim phasc interval.
The required LM command thrust acceleration corresponding to this
state is then computed, assuming a quadratic-acceleration trajectory
to the High-Gate point, The resultant command thrust-acceleration

attitude (EFP) is then used as the DPS ignition attitude.

5.3.4.5.2 Ullage-and Trim Phase

During the ullage-and-trim mancuver the vehicle s hels
4 constant attitude corresponding to the direction of comma d spe-

cific force at ignition time determined in the ignition-computation.
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procedure. The ullage-and-trim maneuver consists of a 7. 5>-second
interval during which about 200 pounds of thrust are applied to
LM, followed by a 26-second interval at a thrust of about 1050 pounds.

5.3.4.5.3 Braking Phase

During the braking phase the sequence of operations on
a typical computation cycle involves first an updating of the state
vector, then a computation of command specific force, and finally
computations of attitude and throttle commands. New commands
are computed at 2-second intervals throughout the phase, which

is typically about 450 seconds in duration.

The state-vector updatings are based solely on IMU data
until the vehicle's altitude has dropped to 25, 000 feet, At this time
LR altitude measurements are taken and used to update the vehi-
cle's state at 2-second intervals. Velocity measurements are taken

when the estimated altitude has dropped to 15000 teet.

During the major part of the braking phase the command
specific force is determined so that the vehicle's acceleration en
route to the High-Gate point is a quadratic function of the time-
to-go to this point. The quadratic in time-to-go guidance law per-
mits the specification of terminal position, velocity, and accelera-
tion,

In order to minimize engine erosion problems, it is
necessary to operate the DPS either at a fixed throttle setting cor-

responding to 92, 5 percent of nominal maximum thrust, or it can
be operated as a continuously throttleable engine in the 10-58 per-

cent region. To utilize propellant efficiently,it is desirable to
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operate the DPS at the high-throttle setting as long as possible,

In order to permit the astronaut to have landing-site visibilily for

at leust 75 scconds, it is necessary that the braking phase aim-
conditions (position and velocity) be met with a reasonable accuracy.
Th's requires that the DPS be operated in the continuously throttle-

abi: range of thrust during the final part of the braking phase,

To accomplish the above objectives,a throttle -command
logic is employed which will hold the throttle at the 92,5 percent
position until the command specific force is less than 50 percent
of the nominal maximum value, By properly selecting the braking-
phase aim-conditions, this switching or throttling-down is made
to occur at about 120 secconds before the end of the phase on a

nominal trajectory,

Throughout the braking phase attitude commands are
generated to align the vehicle's thrust vector along the direction
of the computed command specific force. During the early part
of the braking phasc when the LM altitude is greater than 30, 000
fect, the astronaut may yaw the vehicle about its X-axis to observe
the lunar terrain, When the altitude drops below 30, 000 feet,
however, a window-up yaw attitude is commanded in order to in-

.sure proper LR operation.

At approximately 20 seconds before the end of the braking
phase the last specific-force command using updated state-vector
estimates is made, Thereafter, the commuand specific force is de-
termined such that the vehicle's acceleration is varied as a linear
function of time-to-go from its present value to the desired tornadna’
acceleration, The state vector is updated wilhi LR measucamcints
during these last 20 seconds, but the updated state is not uiilized in

the computation of specific force commands,
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5.3.4.5.4 Transition-Phase-I

The first transition phase is four seconds in duration,
During this period the specific force is commanded so that the ve-
hicle's acceleration is varied as a linear function of time from its
value at the end of the braking phase to the desired initial value for

the visibility phase.

5.3.4.5.5 Visibility Phase

The initial and final state for the visibility phase along
with its time duration are chosen so that the vehicle's X-axis (i. e.
the thrust vector) is elevated sufficiently high above the local hori-
zontal plane to permit landing-site visibility for at least 75 seconds.
Typically these elevation angles are at least 45-50 degrees., The
initial and terminal states are such that nominally the DPS isopera-
ted in the continuously-throttleable region throughout the visibility

phase, which is typically 135 seconds long with no site redesignations.

The state vector of the LM is updated with both altitude
and velocity -component LR measurements at 2-second intervals
throughout the visibility phase. The updatings take place immediate-
ly after the PIPA output data are processed. An altitude measurement
and a velocity-component measurement are processed sequentially at
each updating time, with the velocity-component measurement follow -
ing after the altitude measurement. The interval between successive
processings for a given velocity component is 6 seconds. Pre-stored
LR weighting functions are used in the processing of the LR data. The
altitude weighting functions are stored as linear functions of altitude,
the velocity-eomponent weighting functions are stored as linear func-

tions of speed.
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During the major part of the visibility phase (except for
the last 10 seconds) gpecific force commands are genvrated to pro-
vide a LM acceleration that is a quadratic function of the time-to-
go to the desired terminal state, New steering specific-force com-
mands are computed at 2-second intervals. The thrust communds
for this phase, as mentioned earlier, arc such that the DPs wili
normally be operated in the continuously throttleable region through-
out the phase, When the time-to-go for the phase dropsz below ()
seconds, a linear time-to-go acceleration function is commanded
for the vehicle. Throughout the visibility phasc?)uttitude commaids

are computed to orient the thrust vector along the direct:on of the con-

puted command specific force,

The astronaut has the option of manually redesignating the
landing site by means of LPDswitch commands. These com-
mands are first stored in the computer,as obtained from the controller.
Then, at 2-sccond intervals a computation is made of the desired
site perturbation and the new site location. The depression angle
of the line-of-sight to the current site below the vehicle's X-axis
is computed and displayed to the astronaut throughout the visibility
phase. Normally when the current site is visible in the window,
attitude commands are generated to yaw the vehicle aboul its X-uxis
until the linc-of-sight to the current site is in the plane of the vehicle
X and Z axes,i.c. 11 i3 along the landing-point designator (LLPD) index
line. Using the computed site depression angle on the DSKY, the
astronaut can look out the window and decide where and how to re-

designate the landing site, if he so desires,

., Transition-Phasc-ll

The sccond transition phase is four seconds in Aurnion,
During this period the specific force is comm=ndedso that th- vehi-
cle's acceleration is varied as a linear function of time from: its
value at the end of the visibility phase to the deszired initial wnilue

for the final-descent phase.



7
5.3.4.5.6 Final-Descent Phase
(

During the initial part of the descent phase the command
specific force is computed so that the vehicle will descend at a con-
stant velocity of 5 ft/sec. When the estimated LM altitude has
dropped to 50 feet, the descent velocity is reduced to 3 ft/sec.

LR updatings of the state-vector of the LM are made at 2-second
intervals throughout the phase.

A
X

5.3.4.5.% Rate of Descent Terminal Mode
S R s e e

The astronaut has the option of initiating this semi-manual
control mode in which the vehicle attitude is manually controlled, and
the LGC automatically commands the DPS throttle to maintain the ini-
tial vertical velocity. This reference vertical velocity can be manually

incremented by the Rate of Descent Controller,

:”r
5.3.4.5.8 Manual Terminal Mode

This mode of operation can be selected at any time in the
landing maneuver, The primary function of the LGC during this mode
is to maintain the state vector updating with IMU and LR data, and

provide display parameters.

5.3-104



9. 3.5 POWERED ASCENT GUIDANCE
5. 3. 5.1 Guidunce Objective

The objective of the Powered Ascent Guidance Program
(P-12) is o control the LM ascent maneuver to an injection condition
such that a specified velocity vector is achieved at & desired rodial
and cross range position. The specified injection altitude s
with respect to the launch site radius vector magnitude, ond the con-
trolled injection cross range or lateral position is relative fo the CSM
orbital plane, In order to control the ascent mancuver to tnese three
velocity and two position injection constraints, an explicit guldance
concept is used which employs a lincar control form. Sinew this gul-
dance program is uscd with a fixed thrust or non-itivoitieabio engine
configuration, the velocity and pos ition conditions atong the radial (R)
and cross range (Y) dircctions ave explicitly controlled by two nrtho-
gonal thrust acceleration components varying lncarly wirh tioe, while
the third or remaining component of thrust acceleration .s used to
achieve the desired velocity in the down range (7) direction by termin-
ating the thrust at the proper time,  The development of the ascent
guidance cquations is such that the best performance is achleved when
the required maneuver is in the down range (Z) direction, In the
lunar launch or abori maneuvers controlled by this program, all injec-
tion position and velocity parameters are therefore controllad with
the exception of the position along the velocity vector referred to as

the down range position,

The Powered Ascent Guidance Program can control
LM ascent maneuvers initiated from non-coeplinar lnimch condizoons
to be coplanar with the CSM orbital plane atl injection, or rarattel to
the CSM orbital plane at a specified out-of-plane or cross .. dis-
tance if the astronaut does not wish to remove all of the launch ~t-

of -plane distance during the ascent mancuver, The prograrue = 2l
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designed to achieve ascent injection under some off nominal APS
thrust conditions (e. g. a single APS helium tank failure), and to

allow for RCS injection in cases of premature APS shut down.

The Powered Ascent Guidance Program consists of

three major phases of operations. These phases are:

1) Pre-Ignition Phase

2) Vertical Rise Phase

3) Ascent Guidance Phase

The Powered Ascent Guidance presented in this section
is also used to control abort maneuvers initiated during the powered
lunar landing maneuver. These abort maneuvers can use either the
DPS, APS, or a staged combination of the two to achieve the desired
abort injection conditions. The abort programs and targeting used to
control abort maneuvers using the Powered Ascent Guidance are pre-

sented in Section 5. 4. 5.
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2.3.5.2 Ascent Guidance Coordinate Systems

The ascent guidance equations are primarily based
upon the concept that the vehicle equations of motion can be expressed
as variables whose rates remain essentially fixed unless thrust ac-
celeration is applied along their respective axes, Considering the
kinematics of a vehicle in, or nearly in, orbit the radial rate and
two components of velocity in the local horizontal plane are variables
of this type. A Local Vertical Coordinate system is therefore used
to define the velocity control portion of the ascent guidanc=, Since
it is also required to measure vehicle position components that are
time integrals of these rates, the vehicle radius magnitude and two
arc lengths measured from two fixed planes are used. The coordinate
system in which vehicle position is measured is referred to as the

Target Coordinate System.
The Target and Local Vertical Coordinate systems
for the ascent guidance program are illustrated in Fig. 3.5-1 and de-

fined as follows:

Target Coordinate System

The target coordinate system is referenced to the

CSM orbital plane and initial LM position by:

Q = UNIT (v X rp)
S = UNIT (ry, X Q) (3. 5.1)
P=QXS5
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Local Vertical
Coordinate System

Powered Ascent
/Man. Trajectory
P

CSM Orbital
Plane

1N

Target Coordinate System

1L

Fig. 3.5-1 Powered Ascent Guidance Coordinate Systems
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where T and Ve are the CSM position and velocity vectors, and ry
is the initial LM position vector at tIG' The vehicle Z and Y position is
measured from the PQ and PS planes respectively as shown in

Fig.3.5-1.

Local Vertical Coordinate System

The local vertical coordinate system of Fig. 3.5-1

is defined by:

u, = UNIT (r)

R
u,, = UNIT (ug X Q) (3. 5. 2)
Uy = Uz X UR

' where r is the current LM position vector. The vector r is the

[.M position vector at engine cut-off.

| 5.3.5. 3 Required Targeting Parameters

Besides the CSM and LM state vectors normally
stored and updated in the LGC, the following input parameters are

required by the Ascent Guidance Program.

Input Parameters

1. tIG Ignition time

2. RD Desired injection radius (Nominally

60, 000 ft. over the landing site radius)
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3. Y Desired injection cross range distance

P measured from the CSM orbital plane
4. RD Desired injection radial rate
R ?D Desired injection cross range rate
6. ZD Desired injection down range rate

It should be noted that for nominal lunar launch conditions, the de-
sired ascent injection conditions listed under Items 2 1o 6 are pre-
stored values for the lunar mission under consideration. These
prestored desired injection parameters will control the ascent man-
euver to cut-off in the CSM orbital plane at an altitude of 60, 000 ft,
with a coplanar, horizontal velocity vector that will result in a 30 nm
apolune altitude. The injection and trajectory apolunc altitudes are
measured with respect to the launch site radius magnitude. The as-

tronaut can change the Y | and ZD prestored target parameters prior

D
to lunar launch if desired.

Output Parameters

The following parameters are the basic outputs of

the Ascent Guidance Program:

1. AXISD Desired thrust attitude command to
the LM digital autopilot (DAP)

2. ACDUX Attitude command about the vehicle
thrust axis to the LM DAP during the
vertical rise phase

3. Engine-off Signal
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Pre -Ignit ion Phase

a) i Input ignition time initially displayed
for verification

b) AR Cross range distance from the launch
site to the CSM orbital plane that will
be taken out during the ascent maneuver

c) VZ Injection velocity target parameter ZD

d) FDAI Yaw| The yaw angle that should be present

Angle on the FDAI at the end of the vertical
rise phase prior to pitch over
e) FDAI The FDAI pitch angle that should be
Pitct
A:qgcl;lz present after pitch over has been
completed in the early portion of the
ascent guidance phase.
f) TFI Time from Ignition

yertical Rise Phase

ay V Inertial velocity magnitude

b) h Altitude or radial position measured

from the launch site radius
c) h Altitude Rate
Callable Display

a) tgo Estimated time to ascent injection
b) Vy Current cross plane velocity Y
Ascent Guidance Phase

Same displays as Vertical Rise Phase
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5.3.5.4 Ascent Guidance Equations

The general computation diagram for the Ascent
Guidance Program is illustrated in Fig. 3. 5-2. There are three
major phases to the nominal lunar ascent maneuver as listed in
Section 5.3.5.1. These three phases are described with reference
to Fig. 3. 5-2 in the following sections along with the off nominal

condition involving RCS injection due to premature APS termination.

5.3.5.4.1 Pre-Ignition Phase

The pre-ignition phase computation sequence is
controlled in Fig. 3. 5-2 by the control flag FLPI = 1. With reference

to this figure, the routine is first initialized with the following para-

meters:
-2 L .
ap = 10. 5 fps Initial APS thrust acceleration
T = 045 sec. Initial APS mass to mass flow
rate ratio
. \
X7 C 0.0478 sec/ft
0 Initial velocity parameters for
AIV - 0.0476 sec/ft> the thrust filter computation
1 (Section 5. 3. 5. 4. 2)
AV 0.0474 sec/ft
2
At -oft A negative time increment used
to correct tgo for the APS tail-off
and computation delays.
tgo = 450 sec. Initial estimate of the powered

ascent maneuver duration to injection

.3-1%2
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The desired injection target conditions are next called from fixed
memory. The target parameters shown in Fig. 3.5-2 are those for
the nominal lunar launch condition resulting in the coplanar injection

trajectory described in Section 5. 3. 5. 3.

The LM state vector on the lunar surface is next
advanced to the ignition time tIG by the Planetary Inertial Orientation
Routine. A dummy LM state vector is then generated by extrapolating
the initialrﬁ“(tIG) and y(t.IG)throughanominal vertical rise phase as shown in
Fig. 3.5-2. The target and local vertical coordinate systems of Section
5. 3. 5.2 are generated, and the velocity vector v resolved into the local

vertical system.

The effective gravity is next computed from the

following expression:

2
H o -
geff = '—‘3— - gn (3. e 3)
r
where H2 =[lr X v] ]2 and g is the nominal gravity as computed by

the Average G Routine of Section 5. 3. 2.
The vehicle position R, Y and Z in the target coor-

dinate system is computed as shown, The arcsine expressions in

this computation may be evaluated by short series expansions.

t Estimation
go

As shown in Fig. 3.5-2, the current velocity to be
gained, Ve is computed from the present and desired injection
velocities. The time 'to—go,tgo, isthen determined from a truncated

series expansion of the exponentia expression for tgo (v@):
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G
tgo =7(l -e ) (3.5.4)

The series expansion used to approximate the above expression is

truncated at the second order term, and the coefficient of the second

order term is replaced by a parameter, KT’ which can be adjusted

to over or under estimate tgo in the early phases of the maneuver,

where

VG VG
too =T To (L Ky g2 )* Bty opp (3:3.9)
E E
T - mass
mass flow rate
VE = Exhaust velocity from the Mass Monitor
Routine
KT = 0. 34 (typical value)
Attaikoff: A negative time increment used to correct

tgo for the APS tail-off and computation

delays.

Guidance Parameter Computations

With reference to Fig. 3. 5-2, the time to is the time

at which the basic guidance parameters A, B, C and D are computed.

5.3-114



Since the LGC attitude commands to the LM autopilot are constant
over the computation interval At, tO is made At/2 smaller so that the
output command is that which corresponds to the middle of the control

interval.

The control times t2 and t3 of Fig. 3.5-2 are used to

regulate the guidance function as follows:

t2 = 2 sec: Represents the time interval before
engine cut-off during which all guidance
parameters are held at their last com-
puted values.

t3 = 10 sec: The time interval before engine cut-off

during which the guidance parameters

B and D that control the injection posi-
tion in the R and Y directions are set

to zero. During this 10 second interval
all position control is terminated and
the guidance system attempts to achieve
the desired injection velocity conditions

until tz.
During the pre-ignition phase neither the t2 or tg control conditions
exist and the regular guidance parameter computation of A, B, Cand

D is carried out as shown,

ggmmanded Thrust Accelera‘cion Vector Comgg}aﬁgg

The required acceleration components aTR and ey
are computed as shown in Fig. 3.5-2 for the R and Y injection pars-
meters respectively., These two required acceleration components

are then combined as



a U, + a

3y = 2ry Yy * 2TR ¥R (3.5.6)

ays la,. | (3.5.7)

R 2T where & is the available thrust accelera-
tion and KR is a parameter which limits the percentage of a

and compared with K

T allowable

for the commanded aH. In some abort maneuver conditions it is de-

sirable to maintain a small component of thrust in the Z direction

making Kp less than 1. Under nominal lunar launch conditions KR is

set equal to unity. If ay is greater than }\R A the commanded ay

is reduced by a factor K, a../a,, and the remaining available accelera-
. R T''H
tion, (1 - K A)!/2
? R
smaller than K
Z and a

a is directed along Z. If the required a, is

T . 2 21/2 . .. H
R aT, the remainder (aT - ay ) is directed along

H is unchanged. In the computation of the commanded thrust

acceleration vector, a.., the sense of the Z component of ar is de-

termined by the sign ol the velocity to be gained in this direction
(SGN AZ).

Pre-Ignition Display and Control

With reference to Fig. 3. 5-2 the following two com -

manded acceleration unit vectors are next computed in the pre ignition

phase:
Uvaw = The unit vector of the horizontal plane com-
ponents of the commanded acceleration a,
Urp Unit vector along ar
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These two unit vectors are used to precompute the FDAI yaw angle at
the end of the vertical rise phase assuming that attitude control about
the thrust axis is completed in this phase, and the FDAI pitch angle
early in the ascent guidance phase after pitch over transients have
damped out. These FDAI angle display parameters are computed as

follows:

FDAI Yaw Angle - cos_l ( * U, ) SGN (Uy, A ° )
Yvaw Lz Uyaw " Yy

(3.5.8)

. -1
FDAI Pitch Angle = - cos (ETD . P—R) (3.5.9)

In the first computation cycle it is assumed that the
ascent maneuver will be controlled to a coplanar injection (YD= 0,
YD = 0). If the astronaut does not desire to have the entire launch
out-of-plane distance taken out during the ascent maneuver he can
specify by the AR DSKY entry how much-out-of-plane distance should
be achieved during the powered ascent, Injection conditions will then
be parallel, but non-coplanar with respect to the CSM orbital plane.
The magnitude of the horizontal injection velocity, ZD’ is initially
computed and prestored for 30 nm apolune altitude above the scheduled
landing site radius. If the actual landing site radius is significantly
different from that initially selected prior to earth launch, the astro-
naut can change the desired injection velocity magnitude é’D if avail-

able from an external source.

The final operations during the pre-ignition phase
are to restore the LM state vector to its tIG—BO sec. values, r (1IG—30'}
and z(tIG-SO),set {he vertical rise phasc flag FLVR. set the APS ig-

nition for tIG’ and start the Average G Routine at tI,,-BO 00,
T



5.3.5.4.2 Vertical Rise Phase

With APS ignition at tIG the ascent guidance computa-
tion is recycled to @ of Fig. 3.5-2. The primary objective of the
vertical rise phase is to maintain a vertical thrust orientation until

a specified vertical velocity of 50 fps has been achieved. The LM
state vector is updated by the Average G Routine of Section 5. 3. 2
during all thrust phases of’the ascent maneuver, The FLIC control
flag of Fig. 3.5-2 (pg 2 of jj) is for the initial computation cycle of

5

lunar landing abort maneuvers of Section 5. 4. 5.

Thrust Filter Computation

The measured vehicle velocity increments, AV, by
the PGNCS IMU integrating accelerometers (PIPA's) include noise
not only from the main engine but also from the RCS jets used for
attitude control. In order to estimate an accurate thrust acceleration
performance (aT and T), several successive AV PIPA readings are
averaged. Under the assumption of a constant mass flow engine,

) ar is a linear function of time. The ratio of mass to mass flow
rate (T) is then computed from four successive PIPA readings AVO,

AVl, AV2 and AV3 as follows

oo 1 1 1 1

L= AT AV, T AV (3.5.10)
0 1 2 3

\ 2

T —Z—VEAt-ZAt (3.5.11)

Where At is the computation interval. In Eq. (3. 5. 11) the first term
represents the estimate of 7' at the center of the series of time in-
crements for which AV was measured, and the second term updates
the estimate to current time. Additional smoothing may be accom-

plished by averaging this new value of 7' with the previous estimate of
7, updated by At.
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T= (74 T - At) (3.5.12)

1
2
The exhaust velocity VE is normally computed by the Mass Monitor

Routine. In the pre-ignition computation for lunar launch the three

! and ——<» are prestored initialization

e 1
velocity increments KVE) s B—v—l , sz

constants,
The vehicle thrust acceleration magnitude is then

computed by

\'2

ar = 5 (3.5.13)

Vertical Rise Phase Control

With reference to Fig. 3. 5-2, the computation se-
quence uses the standard ascent guidance equations except that the
engine -off signal cannot be set during the vertical rise phase. After
the commanded acceleration vector ar has been computed, the ver-
tical rise phase (FLVR = 1) sequence then determines the direction
of G in the horizontal plane designated as E’IYAW' The vehicle at-
titude is rotated (yawed) about the thrust axis until the LM body Z
axis coincides with L_L‘YAW so that at the ascent guidance phase, the
pitch-over maneuver will be about the LM body Y axis. The vehicle
yaw attitude control parameter about the thrust axis is ACDUX in
Fig.3.5-2 where u

-BY
As shown in Fig. 3. 5-2, the vertical rise phase cannot be terminated

is the unit vector along the LM +Y body axis.

until the yaw attitude about the thrust axis is within 5 degrees of the

desired orientation, and the vertical velocity is greater than 50 fns=.

The altitude check (h > 25, 000) shown in Fig, 5.2-9 {5 5 of 8)is =-d

in abort programs of Section 5, 4. 5 to add an addi“ional attitude constra vt

/

on the vertical rise phase.
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5.3.5.4.3 Ascent Guidance Phase

During the ascent guidance phase the vehicle thrust
attitude is controlled to be along the commanded acceleration vector
ar. The vehicle attitude about the thrust axis is no longer controlled
by the ascent guidance equations, and the X-axis override DAP mode
is activated so that the astronaut can manually control vehicle yaw at-
titude for the duration of the powered ascent maneuver. The X-axis
override is activated 10 seconds (tXO of Fig. 3.5-2, page 5 of 5) after
the termination of the vertical rise phase to allow for attitude stabili-

zation after pitch over.

As previously described in Section 5, 3, 5. 4. 1, when
the time to go, tgo’ falls below 10 seconds (t3) the injection position
constraints are terminated and the Ascent Guidance Program only
controls the injection velocity, When tgo falls below 4 seconds the
engine -off command is set for tgo’ and the guidance parameters are

computed one more time when tgo is less than t,.

In the case of a single APS helium tank failure, the
thrust acceleration will decrease over the last portion of the ascent
maneuver, but no special operations in the ascent guidance equations

are made for this off nominal case,
5.3.5.4.4 RCS Ascent Injection Conditions

If the APS is prematurely shut down prior to ascent
injection, the Ascent Guidance Program can be used to aid in the
manual control of the RCS to achieve the desired injection conditions.
At APS termination the AV Monitor Routine places the vehicle in the
attitude hold control mode. The astronaut can then command the
Ascent Guidance Program to continue under the assumption of four
jet RCS injection. At this time the ascent guidance equations are
re-initialized with the nominal RCS values for s T, AVO, AVI,

AV, and Vg while the Aty il-off @0d FLVR are set to zero. With
reference to Fig. 3. 5-2 an RCS injection also sets FLPC = 1 which
eliminates injection position control from the guidance computations.
In this mode of operation the velocity to be gained vector, Vo is dis-
played in body coordinates so that the astronaut can manually complete
the ascent injection. The coordinate transformations REFSMMAT

and SMNB used to compute Yo in body coordinates are defined in

Section 5. 6, 3.
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Figure 3.5-2
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Figure 3. 5-2
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Figure 3. 5-2
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5.3.6 LAMBERT AIM POINT MANEU\{'ER GUIDANCE

The objective of the Lambert Aim Point Maneuver
Guidance program is to control the cut-off velocity vector such
that the resulting trajectory intercepts a specified target posi-
tion vector at a given time, This program is based upon the
cross-product steering concept of Section 5. 3. 3. 3 and the

Lambert Subroutine of Section 5. 5. 6.

The Lambert Aim Point Maneuver Guidance 1is

used to control the following maneuvers:

1) Rendezvous Intercept P34 «nd Midcourse Cor-
rection Maneuvers P-35
2) Stable Orbit Rendezvous TPl (P-38) and Midcourse (P-39).
3) TEI Backup Maneuver Guidance P-31
Either the CMC, LGC or RTCC can target Rendezvous
Intercept Maneuvers, The targeting parameters for the TE]

backup guidance maneuver must be determined by the RTCC.

5.3.6.1 Rendezvous Intercept Maneuver Guidance

This powered flight guidance routine is used to control
the rendezvous Transfer Phase Initiation ( TPI) and midcourse
correction maneuvers in both the Concentric Flight Plan and the
Stable Orbit Rendezvous technique. The required maneuver
velocity is initially calculated before the ignition time using the
Initial Velocity Subroutine (Section 5.5.11) which in turn uses
the Lambert Subroutine (Section 5.5.6). During the maneuver the
Lambert Subroutine is used to update the required maneuver
velocity. This closed loop guidance concept, coupled with cross
product steering (Section 5. 3, 3’& controls maneuvers such that
the resulting trajectory intercepts a target aim point at a designated

time.
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The Rendezvous Intercept Maneuver Routine is used
in program P - 42 when the APS is chosen for the maneuver,
P - 41 when the LM RCS is chosen for the maneuver, P - 40
when the DPS is chosen. The required initial inputs and target-
ing for this routine are determined in programs P-34, P-35. P-38 and

P-39 for the rendezvous maneuvers when the LM is the active

vehicle.

Input Parameters

1. Ignition Time: tIG

2. Time of flight to intercept (tF) measured be-
tween TPI and intercept provided no terminal

rendezvous maneuvers were made,

3. Target aim point: r, (tA) where t, is the time
of arrival at the target point.
4, Engine choice: DPS, APS or RCS
Outputs
1. Urp © unit vector in the desired thrust direc-

tion to the LM autopilot

2. APS Engine-off Signal (P -42)
or

DPS Engine-off Signal (P -40)

3. Display of velocity to be gained componeiis in

body axes for RCS contrciled maneuvers (17 - 4i
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Guidance Computations

The rendezvous intercept maneuver guidance compu-
tation sequence is illustrated in Fig. 3.6-1. Thc velocity re-
quired to intercept the target aim point r, at tA is determined
by the Lambert Subroutinc. The associated velocity to be gained
Voo is derived as shown in Fig. 3.6-1. The velocity to be
gained is then used in the cross-product steering concept of
Section 5. 3. 3. 3 Lo dctermine the required steering command
to the flight control system and the time for cngine cut-off, The
Lambert Subroutine (Scction 5. 5. 6) will ordinarily be cycled at
the same rate as the stecering computations. If the computer
work load prevents completion of the Lambert Subroutine at this
rate the Lambert problem can be cycled at half the basic steer-

ing computation rate as illustrated in Fig. 3.6-1,
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l.ambert Subroutine (Section 5.5.6)
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o Steering and Cutoff
Engine off
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Figure 3.6-1 Rendezvous Intercept Maneuver Guidance
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Short Maneuver Test

The steering computations are normally performed
every two seconds; therefore a small time interval elapses be-
fore effective steering is achieved. If the APS burn time is

iy . .
less than a Secondsthere may be a requirement to set the engine-

A
off signal before the AV from the PIPA'S can be measured,
Therefore, at the start of the steering computations an estimate
of the time between the engine-on and engine-off signals is made

based on the engine test data shown in Fig. 3.6-2,

If the estimate of engine-on time (t(m) is less than
6 seconds the engine is set to stay on for ton seconds and the
vehicle attitude is maintained at the pre-thrust alignment through-
out the burn. The logic for the APS short mancuver steering is
shown in Fig. 3.6-3., For APS maneuvers of (i seconds or more

the general enginc-off criteria as shown in Fig. 3.6-4 is used.

For the case in which the RCS is selected for a
maneuver, there is no automatic short maneuver test or engine

cutoff computation. The entire maneuver is controlled manually.

The automatic portion of the DPS engine -off logic is
shown in Fig. 3. 6-4. Before the start of a DPS maneuver an
estimate of the maneuver time is made using the input welght

and assuming a 10% thrust level throughout the maneuver. If
the estimated DPS maneuver time is less than 6 seconds, the

engine -off signal is set at tIG + tPM and the vehicle attitude is
maintained at the pre-thrust alignment throughout the maneuver.

If the predicted maneuver time, t is between 26 and 120

PM’
seconds the throttle will be automatically inhibited such that the

entire maneuver is at the 10% thrust level.

Summarizing, the DPS should not be selected for maneu-
vers less than 6 seconds if accurate injection conditions are de-
sired. If the initial estimated maneuver time, tPM at the 10%thrust
level is between 26 and 120 seconds the throttle will be automati-
cally inhibited.
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5.3.6.2 Transearth Injection Backup Guidance

This powered flight guidance maneuver is used to
control an SPS backup maneuver in the event of an SPS failure
for transearth injection ( TEI) using the DPS. The basic steering
concept is that presented in Section 5. 3. 3. 3 with the input velocity
to be gained being determined by the Lambert Subroutine of
Section 5.5, 6.

This maneuver must be targeted by the RTCC using
the General Lambert Maneuver prethrust program P-31. Incon-
trast tothe CMC cross product steering concept, the cross product
steering constant ¢ determined by RTCC targeting must be assumed

to be zero for LM maneuvers,

Input Parameters

1. Ignition Time (tIG)
2. Time of flight to conic target aim vector (tF)
3. Conic target aim vector r (tA)
where tA = tF + tIG
4, Engine - DPS
Output
L. ETD = unit vector in the desired thrust direc -

tion to the LM FIlight Control System

2. DPS engine-off signal
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Guidance Computations

The transearth backup guidance maneuver is illustrated
in Fig. 3.6-5. The velocity required to intercept the target aim
vector I, at tA is determined by the Lambert Subroutine and then
the agsociated velocity to be gained e is derived as showninFig. 3.6-5.
If the Lambert Subroutine calculation is not completed due tocomputer
work load, Vg is computed as shown in Fig. 3.6-5 from pre-
vious solutions. The velocity to be gained is then used in the
cross product steering concept of Section 5.3.3.3 to determine
the required command signal to the flight control system, and
the time for DPS engine cut-off. As indicated in Fig. 3.6-5
the Lambert Subroutine is cycled in the computation sequence
at the same rate as steering computations or, as mentioned

above, at half the rate,
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5.3.7 EXTERNAL AV MANEUVER GUIDANCE

External AV Maneuver Guidance is normally used

to perform orbit maneuvers suchas those prescribed by the con-

centric flight plan. The guidance program accepts input data

via the DSKY or the telemetry uplink in the form of 3 components

of an impulsive AV. An approximate compensation for the finite

maneuver time is made by rotating the AV vector and the guidance

program issues commands to the spacecraft control system so as

to apply the compensated velocity increment along an inertially

fixed direction defined at the ignition time.

Input PParameters

1) Time of ignition (tIG)

2) Specified velocity change (A\LS Yinthe local
vertical coordinate system of the active vehicle
at the time of ignition,

3) Anticipated magnitude of the vehicle weight,
wt, in pounds

4) Engine choice; DPS, A™S or RCS

Outputs

1) Urp = unit vector in the desired thrust d: s« ction
to the LM autopilot

2) DPS Engine -off signal (P - 40)
or
APS Engine-off signal (P - 42)

3) Display of velocity to be gained components in

vehicle body axes for RCS controlled maneuvers
(P -41)
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[
N
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"

Computations

The local vertical coordinate system is defined by:

UNIT [E (tg) X v (tIG)} Xr (tIG)]

-

UNIT v (tg) X © (tIG)J

|- =

r
UNIT (tIG)]

(3.7.1)

where r (tIG) and v (tIG) are the position and velocity vectors

at the time of ignition respectively.

The input column vector A—S

V. is first pre-multiplied

by a matrix, the columns of which are X, Y, and Z ,to yield

AV in the inertial coordinate system.

¥g

change.

during the maneuver, the input A\_/'S
mated central angle of travel during the maneuver,

components of AYS are given by:

velocity

where

The input AVg

is the required impulsive velocity

In order to compensate for the change in position
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The approximate central angle,F)T,traveled during the maneu-

ver is given by:

O = (3.7.3

1
where a T is the estimated constant maneuver acceleration de-

termined from

1
a _ F (32,17405) (3.

T wt

~1

with F equal to a prestored nominal thrust in pounds based on
the astronaut engine selection, and wt is the vehicle weight in
pounds entered as a DSKY input parameter. The values of T

are

F = 9712.5 pounds for the DPS

T
"

3500 pounds for the APS

5]
1

100 pounds/ jet for the RCS

The corrected inplane velocity-to-be-gained is defined as:

+ UNIT (AYPX Ep)sln( ..... )(‘

= AV UNIT (AV,) cos
-P 2 2

Ye P

5.3-139

o



and is illustrated in Fig. 3.7-1. The corrected velocity-

to-be-gained during the powered flight is then given by:

AVy = AV + (AVg - up) up (3.7.7)

The general computational sequence for the External
AV Maneuver Guidance is illustrated in Fig. 3.7-2. The input
Vg to the steering equations of Section 5.3.3.3 is initially set
equal to AYT of Eq. (3 7¢7). During the powered maneuver,
e is updated as shown in Fig. 3.7-2 by the accumulated Av

measured by the accelerometers,
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5. 4 TARGETING ROUTINES

5. 4.1 GENERAL COMMENTS

The objectives of the targeting routines presented in this
' section are to provide the LGC capability to determine the required
input target parameters and set control modes for the various powered
flight guidance routines of Section 5.3. The LGC targeting capability
represented by the programs in the following subsections is sufficient
to complete the nominal LM phases of the lunar landing mission. These

LGC targeting routines are summarized in the following subsections:

5,4.2 Lunar Landing Time Prediction Routine

5.4.3 LM Launch Time Prediction Routine

5.4.4 Rendezvous Targeting

These routines include the following rendezvous

maneuver phases:
1, Pre-CSI
2. Pre-CDH
3. Pre-TPI
4, Rendezvous Midcourse Corrections
5. TPI Search Program

6. Stable Orbit Rendezvous

5.4.5 Abort Targeting from Lunar Landing

In some abort cases such as Transearth Injection SPS Backup, RTCC

targeting is required,
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All LGC targeting programs use the Basic Reference
Coordinate System defined in Section 5. 1. 4. 1. The Rendezvous
Targeting Routines of Section 5. 4. 4 can be used in either earth or
lunar orbits. The basic input parameters required by the targeting
routines of this section are the vehicle state vector estimates deter-

mined by the navigation programs ol Sccetion o, 2.
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5.4.2. LUNAR LANDING TIME PREDICTION ROUTINE

5.4.2.1 g_eneral

The main object of this program is to compute the lunar
landing time for a Hohmann descent trajectory from the CSM orbit
followed by a powered flight phase to the desired landing site. The

input parameters to the program are:

1. ED’ XD’ tD Vehicle state vector at time tD'

2, t, tE Present time and earliest permissible
deorbit time.

3. TLSA’ tA Position of the desired landing site at
time tA'

4. hDP’GF’ tF Desired ignition altitude, nominal angle

and time for the powered landing ma-

neuver (see Fig. 4. 2-1).

The program contains an iterative loop which insures
that the landing position of the LM coincides with the desired land-
ing site as specified in the LGC initialization when rotated into
the CSM plane at the nominal landing time. Figure 4. 2-1 defines
the descent trajectory configuration and nomenclature and Fig. 4. 2-2

illustrates the program logic.

The iterative loop starts with the updating of the CSM
state vector to a new time and then advancing the LM through the
Hohmann transfer and the powered landing maneuver phases. The
landing position of the LM is then compared with the desired land-
ing site at the LM landing time to obtain a basis for selecting a

new descent orbit injection time.



DESCENT ORBIT INJECTION

*\7

0. ¥D.'D

LANDING
SITE

LM LANDING
POINT

Fig. 4.2-1 Descent Trajectory Nomenclature



Inputs: v, v tiye Lot Tr gAY

bao W 0, L
L. M nl", et
TR i

n 0

e TrsA Moe

I Peansform .4 tomoonfixed
L) s
coordinates using Planctary Inertial

()rivn!:ntin!l Subroutine

o]

A |
< usin LY -[ |\|-|J

h th''no

Update Ty y“ to time 1” using

Consting Integration Routine

T

s 0

'p o Thp

ry ABVAL (g
uy ¢ UNIT (3} < v, )

ur
n

[:U])-dnl;'—_rn, y_l_)” {ill‘l)uﬂh t” to Thp 1

using Coasting Integration Routine

T see next
e - H page

I‘P =2 rpp - ABVAL ([l,l,)

L ]

Figurc 4,2-2 [unar Landing Time Prediction Togic Diagram

(page 1 of 2)
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t, =tp ittt

u, = cos (6) UNIT (r,p) + sin (GF) UNIT (uy X r

-PP

)

y

Propagate landing site to t; obtaining

L

rg using Planetary Inertial Orienta-

tion Subroutine

4
UNIT (1] o -

c
1

uy Uy - rpg)

)

—LS

°r 2Ls

ABVAL (E_L ~

er - .0005 NEG

tI = tD’ tDOI = tI - 32 sec. o o |
‘o 'por b BTty

por - ABVAL (vpy - vy, hp =rpp - o)

Ar = - rLS SGN (B-N . EL,S) cos_l (UNIT (ELS) . ELS)

i
EXIT

a = SGN (EN . (EL X BLS)) cos_1 (B-L . ELS)

Figure 4. 2-2 lLunar Landing Time Prediction
Logic Diagram (page 2 of 2)
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5.4.2.2 Determination of the LM Descent Trajectory to Perilune

After the descent orbit injection maneuver, the LM
should descend on a Hohmann transfer trajectory to the desired
perilune altitude. However, due to the non-spherical gravity
effects of the moon, the actual LM descent trajectory will only
approximate the conic Hohmann transfer. An offset procedure

is used to partially compensate for the non-spherical effects.

According to Fig. 4. 2-2, the conic Hohmann transfer
time tH and velocity VpH 2re first computed, The LM state vector
(_I:D, !DH) is then advanced through ty using the Coasting Integration
Routine. The perilune altitude is then offset and a new Hohmann
velocity is computed. The LM state vector is again advanced through
.. which will result in approximately attaining the desired perilune

H
conditions.

5.4.2.3 Determination of New Descent Orbit Injection Time

Once the LLM landing time is obtained, the position
vector of the desired landing site is determined and rotated into
the LM descent orbit plane, The angle a between this vector and the
LM landing point is computed in the following manner. On the
first iteration (n = 1) o is measured from the LM to the desired
landing site in the rotational direction of the LM. On subsequent
iterations « is defined in the region - T< a < 7, with the positive
error indicating that the landing site is ahead of the LM. When «a
is sufficiently small the iteration is terminated. Otherwise, the
CSM state vector is updated through the time obtained by mul-
tiplying the mean motion of the CSM by a.

5.4-7



5.4.2.4

time, t

Program Outputs

The outputs of the program are:

DOI

GO

h

DOI

Nominal time for descent orbit injection

(assuming impulsive burn),

Approximate time of ignition for descent

orbit injection (tI - 32 sees. ).

Time-to-go to ignition time for the descent

orbit injection mancuver.

Nominal time of ignition for the powered

landing maneuver.
Nominal time of landing,

Cross track distance between the descent
orbit and the landing site (plus if north of

the descent orbital plane).
Descent orbit insertion target altitude,

Required velocity for the descent orbit

injection (impulsive burn) maneuver.

The landing site position vector at the predicted landing

is used as the basic vector direction to which the .M

IMU is aligned for the descent and landing maneuver phases. The

CSM orbital plane is used to define the other IMU or stable mem-

ber (SM) landing alignment parameters as follows:

XM

v

-SM

i

UNIT{ELS (t L)]

X 5
UNIT (Zg 5 X



one TN [ X Pt

where T'c and Ve are the CSM position and velocity vectors,

respective]iy.
he nominal descent orbit injection time, tI' and the

perilune target altitude, hl” are the two primary input parameters
for the DOI pre-thrust program. The output parameters, tpor
and tGO’ are estimates of the DOI maneuver ignition time and
time -to-go respectively which provide the astronaut with this
major maneuver timing requirements before calling the DOI
maneuver program. The output 1’B is used as the nominal ignition
time for the landing maneuver pre-ignition program. The Ar

and AVDOI
termine if the landing maneuver and DOI maneuver targeted by

are primary display outputs to the astronaut to de-

this routine are within nominal DPS AV limits.
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5.4.3 LM LAUNCH TIME PREDICTION ROUTINE

2.4.3. 1 General

The objective of the LM Launch Time Prediction Routine
is to determine the lunar surface ascent ignition time. There are
two operating modes of this routine. The first involves the concen-
tric flight plan (CFP) rendezvous profile, and the second is used for
direct transfer (DT) rendezvous trajectories. Both of these rendez-
vous profiles are initiated from the standard ascent injection trajec-
tory which is normally coplanar with the CSM orbital plane with a
perilune altitude above the landing site radius of 60, 000 ft, and an
apolune altitude of 30 n. m. The CFP rendezvous profile normally
involves two intermediate parking orbits ¢stablished by the CSI and
CDH maneuvers before a final direct transfer or intercept trajectory
is established by the TPI maneuver. In the DT rendezvous profile
the final intercept trajectory to the CSM is established as soon as
possible after the ascent injection. Since these two rendezvous pro-
files involve different vehicle phasing conditions at the intercept or

TPI maneuver, different launch time calculations are required.

The CFP mode of the LM Launch Time Prediction Routine
is controlled by program P-10 of Section 4, The CFP rendezvous
profile (Sections 5. 4. 4.1 to 5. 4. 4. 4) involves an initial CSI maneuver
nominally initiated about 30 minutes after ascent injection. Based on
a knowledge of the CSM orbit, the desired radius of the CDH maneuver
can be computed using a specified altitude difference between the CSM
and LM orbits at the CDH point. The CSI maneuver can then be deter-
mined under the constraints that the CSI maneuver must be applied
horizontally and that the apolune of the resulting trajectory must equal
the CDH radius vector. The LM state vector is then advanccd to this
apolune point and the required CDH maneuver determined. The LM

state is then again advanced along the resulting trajectory after the
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CDH maneuver to the desired LM position at the TPI time. This
position is found by integrating the CSM state vector to the specified
TPI time and then using the line-of-sight constiraint and altitude
difference (at the CDH maneuver) to compute the desired LM posi-
tion. The time that the LM arrives at this desired position is forced
to the TPI time in this routine by iterating on the lunar launch time

assuming a standard powered ascent trajectory.

The direct transfer (DT) rendezvous mode of this routine
is controlled by program P-11 of Section 4. The DT rendezvous pro-
file is initiated with the TPI maneuver as soon as possible (e.g. 10
minutes) after ascent injection with a specified central transfer angle
and time of flight between the TPI maneuver and intercept point. The
terminal rendezvous or intercept point is, therefore, fixed relative
to the launch site for these conditions. The arrival times of the LM
and CSM at the intercept point are equated in this routine by iterating
on the LM launch time assuming a standard ascent trajectory and

fixed time interval between ascent injection and the TPI maneuver.

The general targeting parameters used in the LM Launch

Time Prediction Routine are illustrated in Fig. 4. 3-1.

The required input parameters for this routine are as

follows:

1) r, v, t CSM state vector at time t

2) rvg ta LM launch position vector at time t,

3) tl, 91, h1 Nominal ascent injection mancuver time,

transfer angle and injection altitude for
the LM

5.4-11
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4) Vv VLH
5) ty

6) t

7) s

LM vertical and horizontal target ve-

locity at ascent maneuver injection

Time from the end of powered ascent to

the first rendezvous maneuver. (CSI

for the CFP mode, and TPI for the DT

mode represented by the angle 82 of Fig. 4.3-1).

Initial estimate of the LM launch time
Switch (0 for concentric flight plan ren-

dezvous, and 1 for direct transfer ren-

dezvous).

In the CFP mode (s= 0) the following input parameters are also

required:

8) Ah
9) E
10) tTPI
11) tF

Altitude difference for the CDH maneuver
(plus if LM is to be below the CSM at
CDH).

Desired line-of -sight angle reiative to
the local horizontal at the TPI time
(~ 26.5° if LM is below the CSM, other-

wise = - 153. 5°)
Desired time of the TPI maneuver
The CFP transfer trajectory time-of-

flight between TPI and the intercept
point or TPF
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In the DT mode (s = 1) the following input parameters are required

in addition to numbers 1 - 7 above:

12) 94, ty Central angle and time required for the
direct transfer rendezvous trajectory
between the TPI maneuver and intercept

point.

The CSM state vector (Item 1 above) is obtained in one of three ways
prior to calling this routine. These three possible CSM update tech-

niques are:

a) MSFN-RTCC CSM orbit determination and telemetry
uplink to the LGC by program P-27

b) CMC determination of the CSM orbit by the Orbit
Navigation Routine P-22 (Section 5. 2. 4 of Vol. 1) and

voice link transfer of this data to the LM

c¢) LGC updating of the CSM orbit by the Rendezvous Radar
(RR) Lunar Surface Navigation Routine, P-22 (Section
5. 2.5 of Vol. 2) during the CSM overpass prior to LM

launch,.

The LM landing or launch position vector (Item 2) has been stored

in the LGC since the LM state vector reinitialization after LM land-
ing (Section 5. 3. 4. 4.17). The powered ascent trajectory parameters
listed in Items 3 and 4 are prestored values of the standard ascent
maneuver, Items greater than and including number 5 in the above
input list must be provided by astronaut inputs. It should be
noted that in the CFP mode of this routine the launch time and ren-
dezvous targeting are based upon the assumption that the CDH man-
euver will be performed at the first apsidal crossing after the CSI

maneuver,
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The primary output of the LM Launch Time Prediction

Routine is the ascent ignition time. This is one of the major input
parameters to the Powered Ascent Guidance Routine (Section 5. 3. 5),
and also determines the LM IMU launch alignment with the CSM or-
bital parameters. It might be noted that the LM Launch Time Pre-
diction Routine does not include the computation of a launch window
for either the CFP or DT modes. In addition to the launch ignition
time the following paramecters arc displayed as outputs of this

routine,

1 AVCSI

2 AVCDH

3. AVTPI

4, AVTPF

5. tCSI

6. tcDH

7. trp1

8. trPF

9. A r - Out of planc distance in nautical miles to be

corrccted during the powcered ascent maneuver for

a coplanar injection

10. tIG - Time of ignition

11, TFI - Time from ignition

DT Mode (s =1)

1. AVTPI

2. AVTPF



3. t

TPI
4. tTPF
3. Ar - see No. 9 above
6. - . - . .
tIG Time of ignition
7. TFI - Time from ignition

It is possible to retarget both the CFP and DT rendez-
vous profiles after launch with parameters different from those
used in the LM Launch Time Erediction Routine by the Pre-CSI
Program P-32 (Section 5. 4. gl) for t@e CFP mode, or the TPI

Search Program P-17 (Section 5. 4. 4. 5) for the DT mode.

Since the concentric flight plan and the direct transfer
rendezvous modes employ the same outer iterative loop as well as
several common computations, the solutions are combined in one

LGC program as outlined in Fig. 4. 3-2.

5.4.3.2 CFP Launch Time Prediction

With reference to Fig. 4. 3-2 with s = 0, a fictitious LM
state vector is first created in order to determine the range angle
92 (Fig. 4. 3-1) between the end of the powered ascent phase and
the desired CSI point. After integrating the CSM state vector to
the time t the first estimate of the CDH maneuver radius r, is

TPT

found. The post CSI velocity vector Vo

that the CSI maneuver must be a horizontal application of velocity

is then cadculated on the bass

which results in an apolune at the CDH altitude. The range angle
93 and time tg to apolune are also obtained, This allows the total
time t L and central angle QSbetween the LM launch site and the

S
CDH point to be computed,
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Inputs r, v, t, tl' t2, hl' 91, viv' YLH* th 8, L1 g tA

If s=0: Ah, topnE, t (CEP)
Ifs =1: 8, t, (DT)

i

Transform r; o att, to moon fixed coordinates

F

Using Planetary Inertial Orientation Subroutine
(Sec, 5.5.2)

=UNIT(r X v}, n=0
L= (rmoon M hl' 0, 0
vy =y v 9

Update Ty ¥ys through t2 obtaining Iy Yo

Using Kepler Routine (Sec. 5.5.5)
-1

8, = cos ' |UNIT (g ) + UNIT (r,)

Update r, v to time t’I‘PI obtaining Lg ¥

Using Coasting Integration Routine (Sec. 5.2.2)

rp = fg " Ah vy, =y, - L/ ST
x = sin-l [ (1 - Ah/rﬁ)cos E]

8, = SGN (Ah) (7 /2 - x) - E

rg = (rg - Ah) (cos 8, UNIT (56) - sin 8, UNIT((r, xxs) x 26‘!{

O —

]

2(1 - rz/rA') - Vya

V. =
H2 2
1 - (rz/rA)

93= % - cos / V2 HZ
H2

fulr, [vv2 UNIT (g,) + vy, UNITH(r, X v,) X I, ]]

Update Ty Yop through 93 obtaining Iq ¥a t3

Using Time Theta Routine (Sec. 5.5.7)

tg=t b, +ta, Igery

5 8 t0, 0,

®

Figure 4.3-2 LM Launch Time Prediction Logic Diagram
(Page 1 of 3)
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e }
Propagate LM launch site to time tl obtaining I

Using Planetary Inertial Orientation Routine

(Sec, 5.5.2)

!

8. T sw cos™! [UNIT (53)'UNIT (L—‘] (L - sw)

1

0 = sw cos [UNIT (r;) « UNIT (5_6)] + 7 (1 - sw)

!

Update_rs, - ¥ through angle Bu abtaining Iip V3p

Using Time Theta Routine (Sec, 5,5,7)

"3pVag

obtaining vq e (Section 5. 4. J.

Compute CDH Maneuver usmg ry
)
"2

Update Iy Vap through angle 95 obtaining 55“—’5't5

Using Time Theta Routine {Sec. 5.5.7)

- T
ap =rg/(2-vapryu)

, 3
T :r'ip —Ah,fp‘hr%‘-tu
trpr - ta)
p

ta =t3 * t5*P INTEGER (_

Update r, v to time ty

Using Cousting Integration Routine (Sec. 5.2, 2)

Figure 4, 3-2 LM Launch Time Prediction l.ogic Diagram

(Page 2 of 3)
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S i -

0" con”! (UNIT ()« UNIT (£4)

ay * rf (2 - v2r/p)

st =, /.25/# 9, SGN [“N S {r X [3)]

1 . l
[Ar ©AN ‘EI,. EN) o8 [EL - UNIT (El.)] moon

No._

o e
tcon Tt trer T ettt
Avig, = ABVAL (vop " Vohy Yya = ¥3° UNIT (rg)
Vs vy UNIT (r) + Jv‘,z——v—vg UNIT {uy x T4l
Avipy * ABVAL (vyp - v,)

_ |

Update T Vg through time [I" ohtaining Ty Yy

using Kepler Routine (Sec. 5.5.5)

I

Using Lambert Routine find AVTI’I and AVTPF‘

S

to tranafer between [5 (xﬁ) and {7 (v7) in time lF

JE R
— S S,
'TP; Tt e trpr Y e T L
Vys T Vg lVNlT([z)
!-2 2 r2 [coa(ﬂl + 82)2I. + sm(ﬂ] + Qz)!'NlT(ny!L)]
vyt vy UNIT(r) + /v,® v o2 uNIT (uy x 1,y

R

and AV

1
U'sing Lambert Routine find AVTP[ TPF

{vy)andr (v) in time t

to transf
O transfer between I

4

Figure 4, 3-2 LM Launch Time Prediction Logic Diagram

(page 3 of 3)
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At the TPI time, the line-of-sight from the LLM to the
CSM must form the angle E with respect to the local horizontal (see
Fig.4.3-1). The TPI geometry yields the angle Hb‘ (negative if
Ah is negative) between the two vehicles and the desired LM position

vector 55 at the TPI time.

The remainder of the program consists of an iterative

loop to determine the proper launch time t Initially tL is given as

L

an input. After propagating the launch site to time t. and rotating

L

it into the CSM orbital plane obtaining u the CDH position r,, is

obtained by rotating up through the anglij 9{%‘ In order to com;ute

the CDH manecuver, and to obtain a new estimate of the CDH altitude,
the CSM state vector is extrapolated by means of the Time-Theta
Subroutine (Secction 5.5, 7) to aps @ point directly above ra. The
CDH maneuver is calculated according to Section 5, 4, 7. 2 obtaining
the final velocity Vi The period p of the orbit after L%he CDH
maneuver has been made is also calculated, The LM is then extrap-
olated by means of the Time-Theta Subroutine (Scction 5,5, 7) through
the angle 95 between the CDH position and the desired LM position

obtaining the time t A time error §1 is computed allowing

r
=5’ 5°
for the possibility of multiple revolutions between CDH and TPI.

After testing to see if §t is sufficiently small, t, is set equal to

L
tL, plus 6t and the loop is repeated,

5.4.3.3 DT Launch Time Prediction

With reference to Figs. 4.3-1 and 4, 3-2 the range angle
92 between the end of the powecred ascent and the first maneuver
(TPI) are calculated as in the CFP mode. The range angle QS
and time t _from the LM launch point to the rendezvous point

S

r, are found by summing the appropriate quantities 91, 92,

and 94 of Fig. 4.3-1. After obtaining the inplane position u, of the
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LM launch site at time tL’ o is rotated through the angle 0 g The
CSM state vector is integrated to the time that the LM arrives at

its rendezvous position. The time error is then obtained from the
angular error 97 in position after approximating the CSM orbit with
its mean motion. This error is then used to close the iteration loop,

as in the CFP approach,
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5. 4,4 RENDEZVOUS TARGETING

5.4.4.1 General

The Concentric Rendezvous Program in the LGC may be
used in any of four different modes depending on the mission phase
at the time the program is selected. It may be called up by the as-
tronaut at any time before the Coelliptic Sequence Initiation (CSI),
after the CSI maneuver has been performed and prior to the Comnstant
Differential Altitude (CDH) maneuver, after completion of the CDH
maneuver and before the Transfer Phase Initiation (TPI) maneuver,
and during the mid-course phase. The program is designed such
that it may be used for the nominal active LM rendezvous or for a
CSM retrieval rendezvous provided an acceptable solution exists for

the given initial conditions and program inputs entered by the astronaut.

A LM direct rendezvous capability is possible with the use
of the final modes of the Concentric Rendezvous Program, the Transfer
Phase Initiation, and the Midcourse Correction mode. In addition, the
TPI Search Program provides a minimum fuel transfer capability. An
alternate rendezvous procedure is available using the Stable Orbit Ren-

dezvous Routines.

Used in the first mode (pre-CSI), the objective of the pro-
gram is to use the latest estimates of the CSM and LM state vectors
to establish two maneuvers prior to the Transfer Phase Initiation

such that the following conditions are realized.

(1) The first maneuver (CSI) must be such that the im-
pulsive AV is in the active vehicle horizontal plane

defined at the initiation of the maneuver.

(2) The second maneuver (CDH), which occurs at an
apsidal crossing of the active vehicle orbit specified
by an astronaut input, is designed to make the active
and passive vehicle orbits coelliptic as defined in

of Section 5. 4. 4. 2.
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(3) At a designated Transfer Phase Initiation (TP1)
time, the line of sight (LOS) from the active vehicle
to the passive vehicle is at a prescribed angle from
the horizontal plane defined at the active vehicle

position,

(4) The time from CSI to CDH and the time from CDH

to TPI must not be less than 10 minutes,

(5) After each maneuver the resulting orbit must have
a pericenter altitude which is not less than a pre-

scribed value.

All computations performed in the Concentric Rendezvous
Program are referenced to the Basic Reference Coordinate System

defined in Section 5. 1. 4.

The program has o basic dependence on the state vector
estimates which are obtained from the navigation routines discussed

in Section 5, 2 and 5, 5. 2.

For each of the routines in this scction there are two as-
sociated program numbers based on whether the LM or the CSM 1Is
the active vehicle, 1If the astronaut elects to make the CSM active,
the only change is the program number selected. All equations ond
program operations in Section 5. 4. 4 are identical for these two mode:

of operation.



5.4.4.2 Pre-CSI Maneuver (MODE 1)

This program mode corresponds to Program P-32. (LM
active) or P-72 (CSM active) of Section 4.

[nputs
1) Choice of maneuvering vehicle, (P-32 LM, P-72 CSM)
2) Time of the CSI maneuver,

3) NA (If this number if 1, the CDH maneuver will take
place at the first apsidal crossing of the active ve-

hicle orbit, etc.).
4) Desired LOS angle at TPI (E)
5) Time of the TPI maneuver,

6) ty of the final transfer trajectory. (The time, o
is the transfer trajectory time between TPI and in-
tercept (TPF) and does not include effects of ter-

minal rendezvous maneuvers. )

Program Operation

It is assumed, for the purpose of computing the CSI
maneuver, that the targeting problem is entirely planar and that all
vehicle orbits are conics. To use this assumption, the active ve-
hicle state vector is rotated into the plane defined by the passive
vehicle orbit. The CSI maneuver will therefore be parallel to the

passive vehicle orbital plane,
An initial guess of the CSI maneuver is first made. The

active vehicle can then be advanced through NA apses to obtain the

CDH maneuver point and the passive vehicle advanced to a point
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radially above the active vehicle, The cocelliptic mancuver is com-
puted and the active vehicle is advanced to the TPI time. A special
measurc of the terminal error which exists between the desired LOS
angle and the line which connects the two vehicles at the TPI time 1s
calculated. This error is driven to zero by iterating on the CSl ma-
neuver magnitude using a Newton-Raphson iteration scheme. The
logic of this procedure is illustrated in g, 4. 4-1 with the impor-
tant steps denoted by circled numbers which are discussed in detail

below.

@ Rotation of active vehicle state vector

The state vector of the active vehicle is rotated into

the plane of the passive vehicle with the following

cequations

rayy =y UNIT [Fm - (ry, c UN) yy] (4.4. 1)
VAl S Vap UNIT I:yAl - (vp, 0 UN) };TN} (4. 4. 2)
where

UN = UNIT (r, ¥ )

’p1

YAy T active vehicle position vector at CSI

VAl T active vehicle velocity vector at CSI

rpp = passive vehicle position vector at CSI

Vopp - passive vehicle velocity vector at CSI

“In the remainder of Section 5. 4, 4 the subscripts A and I denote
active and passive vehicle respectively.
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@ Initial AV1 Computation

The initial value of the CSI maneuver &V 15 given by:

AV1 = - {X:\l UHI} {4.4.3)
whervoe
Upy = UNIT [(£y) X v)) X £A1] (4. 4. 4)
and r is the magnitude of the passive vehicle

3
position vector at tTPI'
This impulse, when added to the velocity of the
active vehicle in the direction ol U will result

HI”

in the active vehicle attaining a radius of o 180
degraces from the CSI point.

@ Computation of Pericenter Radius after CSI

Once AVCSI has been computed, RAP1, the peri-
center radius of the active vehicle orbit after the
maneuver. ls computed using the Apsides Subroutine

(Scection 5. 5. 9).

@ Computation of tCDII

In the general case when the active vehicle orbit is



elliptic, the time of flight Atl between the CSI and
CDH maneuvers is based on the following calculation
of the true anomaly at the CSI point after AV1 has

been added to the vehicle's velocity.

2
h™ - prp,
cos F= | —8m8M ——= (4. 4. 5)
KeTay

where h is the angular momentum and e is the ec-
centricity of the active vehicle orbit, The Time-Theta
Routine (Section 5. 5. 7) is then used to compute the time
of flight Atp between the CSI point and the nearest peri-

center. The desired flight time At1 is obtained from:

NA T, v
T -t if (cp;* vp)> O A
g $ (4. 4. 6)
(NA - 1) .
L———E——— T2+ Atp if (EAI . YVA1)> 0 )

where T2 is the period of the active vehicle orbit.

Equation (4. 4. 6) is used to compute At provided

the active wvehicle orbit, after the CSI maneuver, has
an eccentricity greater than 10-4 and the vertical veloe-
ity is greater than .05 ft/sec. If either of these two

conditions is not satisfied, then Atl is obtained from

NA T2

=& L4,
Aty 5 (4. 4. 7)
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The CDH maneuver time is

tepu = tesit A4

@ Advance Vehicles to CDH Point

The active vehicle is advanced through Atl
using the Kepler Subroutine (Section 5. 5. 3)
to obtain Tao and Vaor
tween the passive vehicle at the CSI time and

The central angle he-

the active vehicle at the CDH time is found from

6=m-S |cos -7 (4. 4. 8)

where

rag Vo = the active vehicle state vector at tnpy
b = the passive vehicle position vector at tCSI
S = SIGN [(!AZ X £A2) . (£P1 % EAZ)]

The passive vehicle at tCSI is updated through the
angle 8 using the Time-Theta Subroutine (Scction 5. 5. 1}

obtaining r

5y and v

P2’
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@ Computation of AYCDH

To compute the CDH maneuver AV it is necessary to find
the passive vehicle's vertical com_ponent of velocity

at po and the difference in altitude between the two
vehicles at the CDH position. These are given by

r * v
—-A2 —P2
v = (4. 4. 9)
PV Cpo
AH =rpy =~ Tpq (4. 4. 10)
where
Vpg T the passive vehicle velocity vector
at tCDH

The CDH maneuver AV is defincd as the
impulsive AV which results in the active vehicle
orbit having a semi-major axis and radial com-
ponent of velocity at tCDH which are given by Egs.
(4. 4. 11) and (4. 4. 12).

a = a_ - AH (4. 4.11)

(4. 4.12)
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where aP is found from

ur
A= P1__ (4. 1. 13)
2u - v 'py

Pl

The CDH maneuver AYiH given by the following:

|
, v
2 1 2 AV
AV, = fu( -—)-v Uyt =Ty = Va.
- CDH f Fpg  Up AV TH2 Tay ~A2 “A2
(4.4.14)
where
Uppp = UNIT [(E,Az X Vag) ¥ FAZ]
CDH Maneuver
The AV computed from Eq. (4. 4. 14) is applied

- CDH
impulsively to the active vehicle and RAP2, the

pericenter altitude of the resulting orbit, 1s com-
puted using the Apsides Subroutine (scction 5. 5. 9).

TPI Computation

A circular orbit which passes through the passive

vehicle position is constructed at the TPI time. A
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unit vector which passes through the active vehicle
position and is coincident with the desired TPI line

of sight is found as follows (See Fig.4. 4-2).

Tas
U=cos EU_,+ sin E —~ (4. 4.15)
- —H3 Lpqg

where E is typically 26. 6° (-153. 4”) and

Upg = UNIT [<5A3 X Vpg) X £A3}

The position vector of the intersections between the

line and circular orbit is given by Eq. (4. 4. 16).

P=r,,+KU (4. 4. 16)

where K is an unknown scalar multiplier which has

two values in general.

Equating the magnitudes of P and s results in a

quadratic expression for K

2 . 2 2
K+ 2K Tag3 U+ Lpg °F =0 (4. 4.17)

If there are no real solutions to Eq. (4. 4. 17) the
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ACTUAL PASSIVE
VEHICLE ORBIT

Fig. 4.4-2a TPI geometry, active vehicle below

ACTUAL PASSIVE
VEHICLE ORBIT

Fig. 4.4-2b TPI geometry, active vehicle above
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TPI geometry has no solution, (i.e. U does not in-
tersect the circular orbit). Otherwise the K of
minimum absolute value is chosen as the physically

desirable TPI solution.

Computation of Error

An angle error is then defined by

P-r
-1{= =P
P T 3 (4. 4.18)
P3

Y = C€Os

The sign of v is positive if I'bs is ahead of P and is
defined in the region from -7 to + 7. This angular
error is now used to close the iteration loop which
is designed to converge to an acceptable AV if

CSTr
one exists.

Iteration Step Computation

In order to obtain a second value of AVCSI,lo ft/sec.
is subtracted from the first value. Once two points
have been found, a Newton-Raphson technique is em-
ployed to compute the iteration step. After each
step the magnitude of the step is found and compared
with a prescribed value. The iteration is terminated

when the step size is less than the prescribed value.
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if, after the first point is found, any of the iterations

result in no solution of the TPI geometry, the next

AVest
process is repeated as necessary.

change is a fraction of the previous one. This

Second TPI Parameter Computation

Once an iteration loop has been established it is
possible to cycle the program twice. If the first
iteration fails to converge to an acceptable solu-
tion a second attempt is automatically initiated by
modifying AVCSI in the direction opposite to that
initially taken during the first search. AVCSI s
incremented in steps of 50 {t/sec. until the error
has undergone a sign change (e. g. has gone from
+ 7 to -7). The second search then starts with the
latest value of AV and an adjacent point in the

CSI
direction of the 50 ft/sec. steps.

If an acceptable solution for A-VCSI and AYCDH has
been found (see checks below), the position vector
ol the passive vehicle is advanced using the kepler

Subroutine (Section 5. 5. 3) to the intercept time given by

t =1 + 1 (4.4.19)



Computation of Conic TPI Maneuver

The Initial Velocity Subroutine {Section 5. 5. 11)
isused to determine the velocity impulse AYTPI to
transfer betweenthe active and passive vehicle during
the time tF' This computation is done conically, re-

quiring no offset procedure.

Computation of Conic TPF Maneuver

After application of AVTPI the pericenter distance
RAP3 of the trajectory which follows the TPI maneu-
ver can be determined from the Apsides Subroutine
(Section 5. 5.9). The active vehicle is advanced
through the time tF using the Kepler Subroutine
(Section 5. 5. 5) and the TPF maneuver found by sub-

tracting the velocity vectors of the two vehicles at

tTpF
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Included in the pre-CSI thrust mode arc seven program

checks which are automatically made.

1)

2)

3)

4)

5)

6)

7)

If on the first iteration there is no solution of the

TPI geometry, the iteration cannot be estublished.

If on any iteration the magnitude of AYCSI exceeds

a maximum value, a AV slightly below the maxi-
mum value is used for the next iteration. If the
following iteration also requires a AV which exceeds

the maximum, the iteration is terminated,

An iteralion counter is used to protect against un-
limited looping. The counter is checked against

a preset maximum value.

RAP1 is compared with a minimum acceptable

pericenter radius,

RAP?2 is compared with a minimum acceptable

pericenter radius.

tCDH _tCSI is compared to a minimum acceptable

value (10 minutes).

tTPI - tCDH is compared to a minimum acceptable

value (10 minutes)

I'or the first check above, a check failure results in an
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immediate program exit. However, for the other checks the pro-

gram will be automatically recycled once.

For a particular set of vehicle state vectors and program
inputs there may be more than one pair of maneuvers which satisfies
all of the above checks. The program will converge to only one of
these, and there is no method for detecting any other solutions if
they exist. Also, there is no way in which the program will indi-
cate that the solution found is the only one, nor that it is in any way

an optimum.

Nominal Outputs (pre-CSI mode)

1) Magnitude of

a) &Vest

b) AVepy
c) &Vrpy
d) AVrpp

2) Maneuver time of CDH, (tCDH)
3) Altitude of CDH

4) Differential altitude at tCDH

5) Pericenter altitude after the TPI maneuver
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In addition these nominal outputs there ave

seven ways in which the pre-CSI mode of the Concentric Rendezvous
Program may exit. All seven of these are in the form of program
alarms described in Section 4 and correspond to the seven checks

described above.

5.4.4.3 Pre-CDH Maneuver ( MODE 2)

This program mode corresponds to program °-33
(LM active) or P-73 (CSM active) of Section 4, and the computational
sgquence is illustrated in Fig. 4. 4-3.

Inputs

1) Choice of maneuvering vehicle (P-33 .M. P-73 CSM)
2) Time of CDH Maneuver
3) TPI time or Elevation angle

4) of final transfer trajectory

te

Program Operation

After the CSI maneuver has been completed and prior
to the CDH time, the Concentric Flight Plan Program may be used

in the following manner, Based on the input, and the esti-

1CDH’
mated state vectors, both vehicles are advanced to the CDH time
using the Coasting Integration Routine, The CDH maneuver is

then computed and the parameters associated with the CDIH man-
euver are displayed. The third input is then used in the following

manner,

If the astronaut has elected to input a desired eleyation
angle, the following iterative technique is used to compute TPI

time,
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MODE 2

Inputs
s

Choice of Vehicle
.M (P-33) or CSM (IP-73)

! Start -
l .M or CSM

*

Integrate EA’ Vs EP tho tCU]i

‘
——
l Compute AYCDH '

%

Apply AYCDH’

RA P2
v ,
| FLLAG3 =0 |

_/iS \
Yes tTPI an N,

' FLAGS3

'

s ~Jdnput d
FOl

Computation \

Iy

e
TP

l brer ©

Compute I®

—pDISPLAY

\
“Solution

~
\~/

Yes

Integrate EA' Vas EP’ !Pto tTP]

Yes

,-._____( 15)
Compute }

™~
FLAG3 = 1

Ao

‘tElevation Angle

®

Compute TPI Maneuver

4

Calculate Intercept Targeting

Iigure 4. 4-3 Pre-CDIl Maneuvcr Mode
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@ TPI Computation

Both vehicles are advanced to the stored TPI time
using the Coasting Integration Routine. If the dif-
ference between the true line-of-sight angle and
the input TPI angle is greater than 0. 1 degrees,
the true TPI time is then calculated by making
successive co-planar circular approximations to
the current orbits (which are assumed to be no

more than 5 degrees out of plane).

The time error to the true TPI for circular orbits

is given by the equation:

ARCCOS {(RA/RP) cos E] -E -2 (4. 4.20)

TERR =
WP - WA
where
RA, RP = the magnitude of the active and passive vehicle
position vectors
E = desired TPI angle
(4. 4.21)
A = central angle from RA to RP positive when

RP is ahead of RA.

WA WP = the magnitudes of orbital angular velocities

It should be noted that the ARCCOS term in the above
equation always gives rise to 2 solutions. If RP > RA
only one such solution is meaningful; however whien
RA > RP, both solutions are significant. In this cas
the solution corresponding to the shorter line f sigh.

between vehicles is selected.
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Both vehicles are then advanced to the time given by

Eq. (4. 4.22 ) and the true line of sight angle rechecked.

= .4, 22)
tTPI tTPI+ TERR (4 22

This process is repeated until the line of sight error
becomes less than 0.1 deg. An iteration counter is
used to protect against excessive iterations. When
there is no TPI time associated with the elevation
angle, the counter will serve as a means of initiating
a program alarm which indicates that no solution can

be found.

If a desired tTPI were selected as the input, the following

procedure is used to compute the corresponding elevation angle,

@ Elevation Angle Computation

If a TPI time is one of the inputs, both vehicles are
advanced to that time using the Coasting Integra-
tion Routine; and the elevation angle (defined in
Fig. 4.4-4) which corresponds to the TPI time

is computed using the following equations:

H3 = {3 Xvag) XLy,
LOs = UNIT (£P3 - EAS)
(4. 4.23)
UA3 = UNIT (r,,)
E =72 - cos-1 (UA3 - LOS)
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UH = UNIT HORIZONTAL
IN FWD DIRECTION
AS DETERMINED

BY V,

1) IF THE tOS PROJECTION ON UH 1S POSITIVE:

o) WHEN THE LOS 1S ABOVE THE HORIZONTAL
PLANE 0 <E < m/2

b} WHEN THE LOS 1S BELOW THE HORIZONTAL
PLANE -m/2 < E < O

2) IF THE LOS PROJECTION ON UH 1S NEGATIVE

o) WHEN THE LOS IS ABOVE THE HORIZONTAL
PLANE 1m/2 <E < w

b} WHEN THE LOS 1S BELOW THE HORIZONTAL
PLANE -m < E < -17/2

Fig. 1.1-1 Definition of Elevation Angle,F



If (LOS - H3)<0; E=7 - E
(4.4.24)

XE = |E| -7
IfXE>0, E=XE -7 (4. 4. 25)

The parameters associated with the transfer phase are

computed using @ and @ of Section 5. 4. 4. 2.

This mode of the Concentric Flight Plan provides a re-
computation of the CDH maneuver as well as an updated prediction
of the relative TPI geometry. The only program exit which does
not give the nominal outputs will occur if the re is no solution to the

TPI geometry.

Nominal Qutputs (pre-CDH mode)

1) Magnitude of

a) AVepy

b) AVypy

¢) AVripy

2) Elevation angle or tpo;

3) Altitude of CDH

4) Differential altitude at tCDH
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5) Pericenter altitude aiter the CDI? maneuver

6) Pericenter altitude after the TPI maneuver

5.4.4.4 Pre-TPI Maneuver {(MODE 3)

This program mode corresponds to Program P-34 (LM active)
or P-74 (CSM active) of Section 4 and the computational sequence Ls il-

lustrated in Fig. 4. 4-5.
Inputs
1) Choice of maneuvering vehicle (P-34 LM, P-74 CSM)
2) TPI time OT elevation angle

3) tF of final transfer trajectory

Program Operation

A procedure exactly analogous to that described in
and @ of Section 9. 4. 4. 3 is used to compute the desired TPI
geometry given the astronaut input of a TPI time or elevation angle.
If the final modes of the Concentric Rendezvous Program

are used for a direct rendezvous maneuver, a nominal TPI time

does not exist in the computer when the MODE 3 program (P’-34 or P-74)

is initiated. Therefore, if the astronaut wishes to specify an ele-

vation angle it is necessary to input both the TPI time and E,

the desired elevation angle. As discussedin Section 5. 4. 4.3 a nominal

TTPI is needed to initialize the routine used to compute tTPI
for a given E. When the above input procedure is completed
and the E option selected the TPI time associated with the

desired elevation angle will be computed.
@ Computation of TPI (or Midcourse) Maneuver

To compute th-e TPI (or Midcourse) Maneuver the Initial
Velocity Subroutine (Section 5. 5. 11) is used with the proper -witch =et
allow for one target offset. Although the offset procedurc, - well
as the initialization for the Lambert Subroutine, is included i» the
Initial Velocity Subroutine the offset technique is repeated here for

further clarity.



MODE 3

Inputs

]

Choice of Vehicle

LM or CSM
(P-34) (P-74)

or

ty of Final Transfer

\
- Start

LMor CSM

v
| FLAG3=0 |

FLAG3=1

tTPI Computation I @
t
'IT‘INNO
Solutio% —» DISPLAY
g Yes
y
Advance r

TAYA Zp¥p o tppy
(Perturbations Included)

Compute
FLAG 3=1 Yes .
N\/"=>‘ Elevation Angle @

| Compute TPI Maneuver | (16)
Y
Calculate Intercept Trajectory @
RAP3, AVTPF
DISPLAY

Fig. 4.4-5 Pre-TPI Maneuver Mode
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The estimate of both vehicle state vectors along with
the tF of the final transfer (an astronaut input) are used to compute
an intercept aim point and the maneuver required to arrive at this aim
point at the desired time. In calculating an offset target to be used
by the Lambert Routine (See Section 5. 5. 6) for computing AYTPI’
the effects of non-spherical gravitaional perturbations are considered

in the following way.

The position vector of the passive vehicle is advanced to
the intercept time with the Coasting Integration Routine using the
input transfer trajectory tF. The intercept time is given by Eq.
(4. 4. 26).

t =1 + 1. (4. 4. 26)

The aimpoint for the initial AV calculation is the position vector

of the passive vehicle at tT.PF’ that is

) (4. 4.2

-]
~

CAIM, (trpp) = tp trpy

The passive vehicle velocity vector at the intercept point, Vp (tTPF)’;

is also obtained from the Coasting Integration Routine and stored.

The state vector of tlie ac.ive vehicle is advanced to t TPE
using the Lambert solution, reculting in ra (tTPF)' Duc to non-
spherical gravitational perturbations, the active vehicle will not
intcrcept the target. The position devid,on from the desred pos, -

tion ry, (tTPF) is given by
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éro (t ) = ) - ( ) (4. 4. 28)

Tpr) ~ Ta t1pp) - Ip Urpp

A new aimpoint is computed for the second iteration,

by the following equation:

= -6£

Zamm, ‘TP T Zamm, (4.4.29)

1 trpp)

A new AV is then computed using TAIM; (tTPF)’ e
and ra (tTPI)' Using the new AV, the state vector of the active

vehicle is again advanced to t to obtain r ) and

TPF r'p trpp
va trpp)

@ Intercept Trajectory Computation

Once a AYTPI has been computed the Apsides Sub-
routine (Section £5.5.9) is used to determine the pericenter
altitude of the trajectory established by the TPI maneuver. The

. . . ; .
relative velocity at intercept, A\_TPF,LS

AVrpr = ¥p (trpp) ~ Y4 (rpp) (4. 4. 30)
where v, (tppp) and vy, (trpp) are both available from the

above computations.
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Nominal Outputs (pre-TPI mode)

1) Elevation angle or TPI time

2) Magnitude of

a) AVypy

b) AVrpp

3) Pericenter altitude after the TPI maneuver

In addition to the nominal outputs (above) there is onc
other way in which the pre-TPI mode of the Concentric Rendez-
vous Program may exit. If there is no solution to the TPI time
for an input elevation angle a program alarm will resnlt, as men-
tiomed in 15} of Section 5. 4. 4. 3.

5.4.4.5 Rendezvous Mid-Course Maneuvers (MODE 4)

This program mode corresponds to program P-35 (LM active)
or P-75 (CSM active) of Scction 4 and the computational sequence is
illustrated in Fig. 4. 4-6. Normally rendezvous midcourse maneuvers,
and consequently this program, should not be used if the time-to-go

to intercept is less than 10 minutes.
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MODE 4

Input

{

Choice of Vehicle
LM of*CSM

!

Start
LLM or CSM

DISPLAY

No

Astronaut Proceed

Yes
Y
Advance 1, !A(A) Minutes l

Compute Mid - Course Maneuver

av
MC

DISPLAYS

Fig.4.4-6 Rendezvous Mid-course Maneuver Mode.
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Inputs

1) Choice of maneuvering vehicle
(P-35 LM, P-75 CSM)

Program Operation

The objective of this mode is to maintain an intercept
trajectory with midcourse correction maneuvers so that the active
vehicle will intercept the passive vehicle at the time and aimpoint
established in the previous TPI mode. The midcourse mode of the
Concentric Flight Plan may be called up by the astronaut at any
time after the TPI maneuver. When the program is initiated the
number of navigation measurements since the last maneuver and
the time to intercept are displayed. Based on this information and
additional displays discussed in Section 5. 6. ‘6‘, the astronaut may
elect to proceed with a midcourse correction maneuver at any point.
When he does so the program computes the midcourse correction
which would take place (A) minutes from the current t.me. The time
delay is the period required to prepare for a thrusting maneuver,
To compute the midcourse correction, the active vehicle is advanced
to a point (A) minutes from the present time and the passive vehicle
is advanced to the intercept time using the Coasting Integration
Routine. The correction required to intercept the passive vehicle
at the intercept time defined by the TPI program is then computed

~ using the techniques described in @ of Section 5. 4. 4. 4.

Nominal Qutputs

1} Rendezvous Midcourse Muaneuver AVMC

2) AVTPF if Midcourse Maneuver is performed
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5.4.4.6 TPl Search Program

The objective of the TPI Search Program is to determine
the minimum total velocity transfer trajectory from a specified
TPI maneuver time within the constraint of a safe pericenter.

The minimum total velocity determined during the transfer tra-
jectory search function of this Program isthe sum of the impulsive
velocities for the TPI maneuver and the TPF or ideal rendezvous
maneuver. This program isused to establish the target parameters
for a direct intercept trajectory between the LM and CSM orbits
controlled by a TPI maneuver. The manual terminal rendezvous
maneuver is normally initiated from such an intercept trajectory.
The TPI Search Program is designated as program P-17 in Section 4,
and as the name suggests is used to provide the required TPI
maneuver target parameters for either direct transfer (DT)
rendezvous profiles or concentric flight plan (CFP) rendezvous
TPI maneuvers if AV minimization is desired beyond nominal
preselected astronaut input target parameters, This program can
be used in both earth and lunar orbits, In the L.GC the active
vehicle referred to in the following discussion which establishes
the intercept trajectory is the LM vehicle, and the CSM is the

passive vehicle.

The following input parameter is required by the TPI

Search Program.

1. desired time of transfer phase initiation ( TPI)

) trpg

The basic output parameters displayed to the astronaut are:

1.) + 90 Initial relative phase angle between
the two vehicles at tTPI’ + indicating
that the active vehicle is ahead of the
passive vehicle with respect to orbital

motion,
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2.) +Ah

4.) AVaqpp

. ):tAVTPF

Altitude difference between the two
vehicles at tTPI’ + indicating that the
passive vehicle has a larger radial

magnitude than the active vehicle,

Preferred central angle search secior.
K = + 1 for central angles greater
than 1800, and K = - 1 for central

angles less than 1807,

Impulsive velocity required for the

TPI maneuver,

Impulsive velocity required for the
terminal rendezvous maneuver, +
indicating that the active vehicle is

ascending at TPF, - if descending.

Altitude of the pericenter above a

reference radius vector,

Transfer time of the intercept trajec-
tory between the TPI and TPF man-

euvers,

In general non-coplanar transfer cases, there will ncimally o+

two minimum total AV intercept trajectories, one having 2 ¢t

angle greater than 180° and the other less than 18-30. Feo the 1T



Search Program these two central angle sectors are searched
separately. The Program initially selects the sector in which the
most acceptable solution will probably be found based upon the
relative position conditions existing at the selected

TPI time and displays this choice to the astronaut., The astronaut
may proceed with this choice or command the search sector by
changing the above parameter K. Due to the excessive
AV requirements for two-impulse transfers with 180 degree
central angles in non-coplanar conditions, the central angle
search sectors are limited away from 180° by an angle

depending upon the magnitude of the non-coplanar angle be-
tween the active vehicle position vector at TP and the passive

vehicle orbital plane,

The general TPI Search program target vectors and
relative angles are illustrated in Fig. 4. 4-7. The subscripts A and P

refer to the active and passive vehicles, respectively.

Program Operation

The TPIScarch Program legicdiagram is shown in
Fig. 4. 4-8. With reference to this figure the following major

computation sequences are described:

@ Upon selection and activation of the TPI Search Program
the planetary body (earth or moon) is first confirmed by the
SETMU Subroutine of Section 5. 5.10, and the appropriate gravita-
tional constant , x4, and minimum pericenter altitude hPLIM are setfor
program operation, The following minimum pericenter altitude

limits for the transfer trajectory are prestored:
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PASSIVE ORBIT
VEHICLE rpllrel)

Figure 4. 4-7 Central Angle Sectors for the TPI Search Program
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Figure 4. 4-8 TPI Search Program l.ogic Diagram
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Lunar Orbit Case = 35,000 ft above the

bpLIM
landing site radius magnitude.

Earth Orbit Case hPLIM = 85 nm above the launch

pad radius.

The active and passive vehicle state vectors are next advanced
to the specified TPI time by means of the Kepler Subroutine of
Section 5.5.5. At this point the relative phase angle OU, altitude

difference Ah, and search scctor flag K are computed as follows:

ugp = UNIT (rp x vp) (4. 4. 31)

r, (4. 4. 32)

rpa = fy " (Za cugplupp

- Si _ -1 i e 4]
6 = Sign [(pr r,) }1HP} cos [UNIT(IPA) L UNIT(r )]

(4. 4.33)
ah =|z ]} -le, | (4. 4. 34)
K - Sign [Ah] (4. 4. 35)

The parameters 90, Ah and K arc then display«=d to
the astronaut and a response is requested. The astronaut may
proceed, command the initial search to the other sector by

changing K, or change the TPI time.
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@ With reference to Fig. 4. 4-8, the program next

computes the parameter IT by:

1

2 (4. 4. 36)

IT = [UNIT (EA) . E—HPJ
An initial guess QSO is then made of the transfer angle
of the passive vehicle corresponding to a minimum AV for the

active vehicle:

b0 = 180° + 6, + K SIT (4. 4. 37)

and is used to start the search iteration. An inner transfer

angle limit for the passive vehicle of

. 180° + 6, + K 2IT (4. 4. 38)

is set to avoid excessive AV conditions, and the outer search

limits are set as follows:
6, = 107 (K =-1)

(4. 4. 39)
0

g 330

L (K =+1)

The following initial values are next set to start the iterative

procedure:

AV = 10° (fps)

8
hP = =10~ (ft) (4. 4. 40.)
I =0
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The Time Theta Subroutine of Section 5. 5.7 is used to determine
the passive vehicle transfer time between its position at the se-
lected TPI ti d init. ime of
e.c e .I 1m£.3 and both d)o (tFO) and <iJI (tFI). The init:al time of
flight tF is defined equal to tFO'

@ The minimum AV trajectory search begins by advanc-
ing the passive vehicle to the initial aim point at t.o tF by
means of the Kepler Subroutine (Section 5.5. 5) and storing
the resulting passive vehicle state vector at this time. The
Lambert Subroutine of Section 5. 5. 6 is then used to determine
the required velocity \2] to establish an intercept trajectory to
the aim point with a transit time of tF' This subroutine also
provides the trajectory orbit parameters p and a that are later
used with the Apsides Subroutine of Section 5.5.90 to
determine the transfer trajectory pericenter altitude hp. In
order to determine the velocity Vo of the active vehicle at the
intercept point, the Time-Theta Subroutine (Section 5. 5. 7) is used.

The following computations are then performed.

SGl = Sign [EA . ZA] (4. 4. 41)
SG, = Sign [z (trpy *tp) + Vo] (4. 4. 42)
AVppr = ¥, - va | (4. 4. 43)
AVrpp= Yo ~ Y (trpyp ¥ tp)] (4. 4. 4)
AV = AVppr * AVqppp (4.4 45)
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The program enters a control sequence whose effect

is as follows:

1, If the height of pericenter hP and its previous value
hPO are both less than hPLIM and furthermore his less than
hPO‘ an alarm is displayed indicating that there are no safe peri-

centers in the sector being searched,

2. If, as before, both hP < hPLIM and h’PO‘ h
>
but now hP hPO

At equal to K 400 sec,, increments the time of flight, and con-

PLIM’
the program sets the time of flight increment

tinues searching.

3. If the pericenter changes from safe to unsafe, the
program interpolates to find the time of flight at which the change
occurred, andaccepts this value as the solution, together with

A AV b,

Vrpr AVrpp:

4, 1If the pericenter changes from unsafe to safe, the
program also interpolates and accepts the solution provided AV
is greater than its previous value AVO. If not it sets At = K150
sec,, increments the time of flight, and continues searching,

5, If the present pericenter is safe and ] AV - AVO| <2

the present tin.e of flight is accepted as the sokution,

6. If none of the above conditions holds, the time of
flight is incremented by At if AV L AV or diminished by At/f 2
if AV > AVO, and the search function continues,

7. If the time of flight exceeds the bounds set in@
a solution is assumed if a safe pericenter exists, otherwise the
alarm code is displayed indicating no safe pericenters in the

sector being searched,
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@ A sign is affixed to AVTPF and the solution se¢t con-

TP AVTPF’ hP is displayed to the astronaut.

The order in which the above parameters are presented on the

sisting of AV

three display registers (R1, R2, R3) is dependent upon the
polarity of the display sequence variable (DS) in Fig. 4. 4-8
and indicates to the astronaut whether the pericenter of the
transfer trajectory occurs between the TPI and TPF maneuvers

(DS positive ) or beyond the rendezvous point (DS negative) as

follows:
R1 AVTPI
pericenter between
Ryt hp
TPI and TPF
R3 iAVTP’
R1 :AVTPI
pericenter beyond
R2 : +AV
- TPF rendezvous point
Ry :bp

If the astronaut is satisfied with these trajectory parameters,

he may request that the time of flight t_ be displayed to be re-

F
corded as an input parameter for the TPl Pre-thrust program
P-34 along with the initial tTPI'

may be searched by returning to @ and changing K, or a new

The other central angle sector
trajectory solution attempted by returning to @ and changing

the input TPI time until a satisfactory transfer trajectory has

been found.
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5.4.4.7 Stable Orbit Rendezvous

The Stable Orbit Rendezvous profile is defined by
the following four orbital maneuvers. The first maneuver
(initial Stable Orbit TPI) defines a transfer of the active
vehicle to a point on the orbit of the passive vehicle, a given
distance ahead of, or behind the passive vehicle, as measured
along the passive vehicle orbital path. The second maneuver
{Stable Orbit Rendezvous-SOR maneuver) is designed to place
the active vehicle in the same orbit as the passive vehicle
with a separation between the two vehicles determined by the
first TPI maneuver. The position of the active vehicle rela-
tive to the passive vehicle after this second maneuver is re-
ferred to as the stable orbit point. The third and fourth
maneuvers represent the final transfer from the stable orbit
point (final TPI) and terminal rendezvous respectively, and
are similar to the corresponding maneuvers in the final phase

of the concentric rendezvous sequence.

The first two stable orbit rendezvous maneuvers
will make use of program P-38 which is essentially the same
as P-34 except for the following modifications. If P-38 is
used for the initial Stable Orbit TPI maneuver,a special phantom
target state vector is generated and used in place of the passive
vehicle for targeting and L.ambert steering. When P-38 is used
for the stable orbit maneuver an ignition time bias is used in
order to partially compensate for the finite maneuver time,

Both of these modifications are discussed in detail below.
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During the transfer to the stable orbit point and
also during the final transfer phase a program ( see Section
5. 4. 4.’?. 2) is available for computing any midcourse correc-

tions required to intercept the target point.

All the orbital calculations required for the targeting
in this program use the Coasting Integration Routine, a pre-
cision technique. The pre-thrust programs for the Stable
Orbit Rendezvous ( P-38, P-78, P-39, P-79) use the Lambert
targeting concept with one offset aim point (see Section 5.4.4.4

and 5.5.6) and the cross-product steering of Section 5.3.3.3.

5.4.4.7.1 Stable Orbit TPI Program

The Stable Orbit TPI Program has two phases and
is used to perform the first and the second maneuver described
above. This program corresponds to P-38 or P-i8 of Section 4.

The logic flow is shown in Fig 4. 4-9.

Input Parameters

1) Choice of maneuvering vehicle
(P-38 LM, P-78 CSM)

2) Ignition time of the maneuver, tTPI
3) tF’ time of flight of transfer trajectory
4) Program Phase

PHASE 1 TPI maneuver

PHASE 2 SOR maneuver
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START

INPUTS LM CSM

P-38 or
1.) Choice of vehicle{ (P-38) (P-78)

P-78 |

2.) tTPI Load First 4
3.) t

F
4,) PHASE
If PHASE =1

5.) &t

Generate Target

e I
ta = tppp tlp ta 7 trpr tip
to-t -t

ormal TPI Computations

of Section 5. 4.4. 4 Advance: r

Compute TPI Using

- 1
Tar Yar Ip Y

Y

Calculate Intercept

I.ambert Routine
and normal offset

Trajectory , AYT

v

DISPLAY

PF

Figure 4.4 -9 Stable Orbit Rendezvous Program (TPI and SOR Modes )
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If PHASE = 1, the following parameter (5) is also

a required input:

(5) &t, The offset of the stable orbit point specified
as the time required for the passive vehicle to
traverse the desired offset distance. Positive
6 t indicates that the stable orbit point is ahead
of the passive vehicle, negative §t behind the

passive vehicle,

Program Operation

If the program is used for the first TPI transfer
( PHASE = 1)aphantom or offset target is generated using
precision orbit integration. This offset state vector is dis-
placed from the passive vehicle an amount specified by the 61
input and represents a target in the same orbit as the passive
vehicle. 1In both phases this program uses the phantom state
vector to compute a transfer maneuver using the same logic
as that in the pre-TPI maneuver targeting (Section 5. 4. 4. 4).
The portion of Fig. 4. 4-9 below the dotted line is completely

analogous to the targeting of the pre-TPl maneuver.

When this program is used for the second (SOR)
maneuver in the stable orbit rendezvous sequence ( PHASE = 2),
the time of ignition is offset from the time corresponding to an
impulsive maneuver. This offset is computed by the astronaut
and the time of ignition, tTPI is adjusted accordingly. In order
to maintain the targeting which corresponds to an impulsive
maneuver and thus provide an ignition bias, the time of arrival,

t,, required for the definition of the intercept trajectory is

bised on the impulsive maneuver time, tTPF,which was com-
puted in the PHASE = 1 operation of this program. The logic
and equations required for this ignition offset are included in
Fig. 4.4-9,and the definitions of the quantities used arc pre-

sented in Fig. 4.4-10,
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After the state vector of the stable orbit point has
been matched by the active vehicle,the PHASE = 1 mode of
this program may be used again to perform the final transfer
to rendezvous by setting 6t = 0. Alternately, P-34 or P-74 may
be used to perform the TPl maneuver included in the concentric
rendezvous sequence. In either case the final braking and

docking maneuvers will be accomplished manually.

Outputs

-
Vi

AN

; )
‘ppp PHASE

il
ot

1) AV of maneuver =
PHASE =

|
[\l

AVSOR

2) AVippe
(Approximately zero for PHASE = 2)

Relative velocity at target intercept

3) Pericenter altitu)e after maneuver.

5. 4.4.7.2 Stable Orbit Midcourse

Inputs

1) Choice of maneuvering vehicle

(P-39 LM, P-79 CSM)
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Program Operation

This program has the same function and follows
the same logic as P-35 or P-75 described in Section 5.4.4.5,
except that the target used to compute the midcourse maneuver
is the offset phantom state vector used in the computation of
the Stable Orbit TPI or SOR maneuvers (Section 5.4.4.7).

Outputs

j 7
1) Midcourse maneuver, AV MC

2) AVTPF if midcourse maneuver is performed,
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5.4.5 ABORT TARGETING

5.4.5.1 Aborts from Powered Landing

5. 4. 5. 1. 1General Objectives

The objective of the DPS and APS Abort Targeting and
Control Programs, P-70 and P-71 respectively, is to control the
abort maneuver from the powered landing maneuver such that a suit-
able injection trajectory is achieved from which a rendezvous profile
can be accomplished. The abort programs P-70 and P-71 essentially
use the Powered Ascent Guidance Program P-12 of Section 5.3.5 to
control the abort maneuver to the desired prestored injection condi-
tions. These desired abort injection conditions are a fixed horizontal
velocity in the CSM orbital plane such that the resulting coplanar or-
bit would have perilune and apolune altitudes of 60, 000 ft. and 80 n. m.
respectively if the injection occurred at a 60, 000 ft. altitude. The
abort targeting and control operation is dependent upon which of three

zones the abort was initiated at during the powered landing mancuver.

The first of these zones is between the landing maneuver
DPS ignition point and 150 seconds (TFI-time from ignition) into the
landing trajectory. During this interval the abort targeting program
shuts the engine off while the vehicle is being re-oriented to the de-
sired thrust direction for the abort maneuver. This thrust direction
is determined by the Powered Ascent Guidance Program operat-
ing in the injection velocity control mode to achieve the desired hori-
zontal injection velocity, but not controlling the altitude or lateral
injection position conditions, When the desired thrust direction s
achieved, the astronaut reignites the engine and the abort maneuver

is then controlled by the Powered Ascent Guidance.
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The second abort zone in the landing trajectory is between
the landing maneuver time from ignition (TFI) point of 150 seconds to
an altitude, h, of 25, 000 feet. An abort initiated in this interval main-
tains engine ignition and immediately results in the standard Powered
Ascent Guidance mode controlling both the desired injection velocity
and two components of position. No initial vertical rise phase is in-

corporated in the abort maneuver initiated in this second zone.

The third abort zone is between a landing trajectory altitude
of 25, 000 ft. and lunar landing. If an abort is initiated durmg thlS
final zone, the abort maneuver is first constrained to a ‘vertical rlse
phase until either the vehicle altitude exceeds 25, 000 ft. or the alti-
tude rate exceeds 50 fps. After the vertical rise phase, the standard
Powered Ascent Guidance mode controls the abort maneuver to the

desired injection position and velocity conditions.

The DPS Abort Program P-70 is immediately initiated when
the Abort Button is activated by the astronaut durmg the powyersij‘ lreir;.dmg
maneuver sending the abort discrete signal to the LGC.;: The APS
Abort Program P-71 is initiated by a DSKY entry calling this program
or whenever the Abort Stage discrete signal is received by the LGC
during the landing maneuver or abort maneuver. The required input
parameters for the P-70 and P-71 abort programs from the landing

maneuver programs P-63 thru 67 are as follows:

Input Parameters from Landing Maneuver Programs

1. r, vatt I.M state vector at the abort time

abort

EC’ Ve CSM state vector at some previous time

3. TFI Time from landing maneuver DPS ignition

All other target and initialization parameters are prestored in the LGC.
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The primary outputs of the P-70 and P-71 Abort Programs
are the same as those for the Powered Ascent Guidance Program P-12
of Section 5. 3. 5. These outputs are LM digital autopilot (DAP) Attitude
commands, the engine-off signal, and display parameters for the Ver-
tical Rise and Ascent Guidance Phases (Section 5. 3. 5. 3). When the
vehicle attitude is under LGC control, the Powered Ascent Guidance
Program controls the attitude about the thrust axis during a Vertical
Rise Phase such that the LM Z-axis is in the initial abort trajectory
plane. During the Ascent Guidance Phase the vehicle attitude about
the X thrust axis is controlled so that the LM Y -axis is horizontal
with the Z-axis in a downward direction towards the moon. The as-
tronaut can manually control the attitude about the thrust axis with
the X-axis override DAP mode during the Ascent Guidance Phase,
but cannot override the LGC yaw attitude commands during a Vertical

Rise Phase,

5.4.5.1,2 Abort Targeting and Control

The functional logic diagram for the P-70 and P-71 Abourt
Programs is shown in Fig. 4. 5-1. With reference to this figure the
following initialization parameters are activiated when the DPS Abort
Program P-70 is initiated by the Abort Buttony .- A

~

X

P-70 DPS Abort Initialization Parameters

When a DPS controlled abort is initiated, the initial thrust
acceleration is dependent upon the current vehicle mass and the DPS
maximum thrust level. Both mass and maximum thrust levels vary
during the landing maneuver due to propellant utilization and DPS
throat erosion respectively. In order to initialize the Powered A cent

Guidance of Section 5. 3. 5 for an abort maneuver, the DPS performance



at maximum thrust must be estimated at any time during the landing
maneuver, Since the exhaust velocity, VE’ is relatively constant and
the main effect of DPS erosion is to change the mass flow rate, the
output parameters of the Mass Monitor Routine (VE, and mass m) are

used to compute the DPS initialization parameters as follows:

mVp V
aT = m = 7 (4. 5. 1)
1 1 1
7=E=k1m+i(—‘—-k1)m2————2 (— —kl)m3 (4. 5. 2)
m mgy mg my" mg,
where
m and r‘no = initial vehicle mass and mass flow rate
\
Ve t
= current exhaust velocity and vehicle mass
m { from the Mass Monitor Routine
Ky = constant derived from DPS performance

variations

The thrust filter initialization requires the following three parameters:

1.1 1
AV, AV 7V
1 1 3
= + (4. 5. 3)
&V, AV TV
1 _ 1 .5
AV, T BV 2TVg
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where AVIG is a.. At, a,. is the acceleration computed above, and

T T
At is the computation cycle time.

Attail-off Anegative time increment used to correct tgo
for the DPS tail-off and computation delays.
tgo = TFI Landing maneuver time -from-ignition is

used as the initial estimate of the abort
maneuver time.

The following initialization parameters are activated when
the APS Abort Program P-71 is initiated by the Abort Stage Button:

P-71 APS Abort Initialization Parameters

The engine-off signal is cleared in case it had been set
during the previous DPS controlled phase of the abort maneuver prior

to staging

10. 5 fps.2 Initial APS thrust acceleration

s8]
i

945 sec,. Initial APS mass to mass flow rate ratio

PN
1]

Thrust Filter Parameters:

1.
A_VT = (0.0478 sec/ft
ﬁ = 0.0476 sec/ft Initial velocity parameters for the
2 thrust filter computation (Section
5.3.5.4.2)
1 !
Ay - 0.0474 secfft
3
At -off A negative time increment used to

correct t,, for the APS tail-off and
computation delays.
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The initial maneuver time-to-go, tgo’ for P-71 is set equal to TFI
in the case of an APS initiated abort, or equal to twice the previously

computed time-to-go of P-70 for an abort stage condition,

The prestored target injection conditions listed in Fig. 4. 5-1

are for the coplanar injection trajectory with a 60, 000 ft. perilune

and 80 n. m. apolune, provided that the injection occurred at the de-
sired 60, 000 ft. altitude condition. These fixed injection target con-
ditions are normally achieved for aborts initiated in the second and
third zones described in Section 5. 4. 5. 1. 1. During the first abort
zone (DPS landing ignition to a TFI of 150 sec.) no position control is
exercised during the abort programs and the resulting injection tra-
jectory apolune will be less than 80 n. m. due to the fixed ZD target

parameter,

The Target Coordinate System definition shown in Fig. 4. 5-1
is the same as that used in the Powered Ascent Guidance Program
(Section 5. 3. 5. 2) where \—’C and Ecrepresent a CSM state vector, and
Ty is the LM position vector at the time of abort.

The functional logic illustrated in Fig. 4.5-1 (pg 2 of 2) re-
presents the abort program control for the three abort zones previously
described. During the first abort zone (TFI < 150 sec.) the DPS is
immediately shut-down. The LM state vector is then advanced for-
ward by 20 seconds by the Kepler Routine and the Powered Ascent
Guidance Program cycledonceto compute the required thrust direction
for the abort maneuver. The LM is then oriented to this desired thrust
direction by the KALCMANU routine and the engine reignited by the
astronaut. As illustrated in Fig. 4. 5-1 and Section 4, the astronaut
can delay engine reignition by recycling the free-fall computations
with a new delay time 6t. When the engine is restarted, the Powered
Ascent Guidance of Fig. 3. 5-2 (pages 2 of 5 to 5 of 5) is used to control
the abort maneuver to engine cut-off. During abort zone 1 no injection

position control is used (FLPC = 1).
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Aborts initiated during landing trajectory zones two and
three (TFI > 150 sec) command to DPS to maximum thrust and im-
mediately exit to the Powered Ascent Guidance point @ of Fig.3.5-2
(pg 2 of 5’{ The abort programs then initiate the Vertical Rise
Mode as shown in Fig. 3. 5-2 (page 5 of 5) until the altitude exceeds
25, 000 ft. or the vertical velocity exceeds 50 fps. The Powered Ascent
Guidance of Fig. 3. 5-2 then controls the abort maneuver until engine

cut -off,

9.4.5.2 Quick Abort Surface Targeting

Aborts initiated from the lunar surface are no different
from nominal launch and ascent phases except in the case of an im-
mediate or "quick'' launch condition. In quick abort cases, a fast
coarse IMU alignment is made (program P-57), and the Powered
Ascent Guidance Program P-12 (Section 5, 3. 5) is immediately called.
There is no special ascent targeting for the quick abort launch and the
standard ascent injection parameters of Section 5. 3. 5. 3 are used un-
less the astronaut changes the injection out-of-plane position YD and

horizontal velocity z by the pre-ignition procedures of program P-12,

D
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DD BASIC SUBROUTINES

1 GENERAL COMMENTS

<t
%]

The basic solar system and conic trajectory sub-
routines which arc used by the various guidance and navigation

routines are described in this scction.

.1.1 Solar System Subroutines

(o]
]

The subroutines uscd 1o determine the translation
and rotation of the relevant solar system bodies (carth, moon
and sun) arc designed specifically for a fourteen day lunar
landing mission. The method of computing the position and
velocity of the moon and the sun relative to the earth is given
in Section 5.5 4. The transformations between the Basic Ref-
crence Coordinate System and the Earth - and Moon-fixed
Coordinate Systems arc described in Section 5.5.2. The pro-
cedure for transforming between vectors in the Basic Reference
Coordinate System and latitude, longitude, altitude coordinates
is given in Section 5. 5.3 Although these subroutines are
normally used in the lunar landing mission, they are valid for
use in any mission of not more than fourtecen days duration in

carth-moon spacc.



5.5 1.2 Conic Trajectory Subroutines

This is a description of a group of conic trajectory
subroutines which are frequently used by higher level routines
and programs in both the Command Module and the Lunar
Module computers.

These subroutines, whose block diagrams are presented
inScetions 5. 3. 510 5. 5, 10, provide solutions to the following conic

problems, (Sce nomenclaturce which follows))

(1) Giveng(tl),!(tl),t 'solveforz(tz),!(tz)

D’
(Kepler Subroutine)
(2) Giveng‘_(tl), E(tz)' tD21’SG; solve for y_(tl)
( Lambert Subroutine )
(3) Given r (tl), X(t1)' 8 ; solve for t21, E(t 2), v (t2)
( Time -Theta Subroutine)
(4) Given r (tl ), !(t1 ),r (tz),sr; solve for t21’ E(tz)' X(tz)
( Time-Radius Subroutine)
(5) Givenz(t),!(t);solveforr e

Pl rAl
(Apsides Subroutine)

In addition, the following useful subroutines are pro-

vided.

(6) Conic Parameters Subroutine (See Fig. 5. 10-1).

(7) Geometric Parameters Subroutine (See Fig.5.10-2).
(8) Iterator Subroutine (See Fig. 5. 10-3).



The solutions to the above set of conic problems
have stringent accuracy requirements, [Programming the
fixed-point Apollo computer introducces two constraints which
determine accuracy limitations: the 28 bit double precision
word leneth, and the range of variables which is several orders

ol magnitude for the Apollo mission,

In order to maintain numerical accuracy when thesc
subroutines arc programmed into the Apollo computer, floating
point programming techniques must be exercised, The cffect
is for even a simple equation to require a large number of com-
puter instructions, The alternative to this is to separate the
problem into phases, each with a different variable range,

This, howcever, requires an even larger number of instructions,
Thesc considerations provide the incentive for cfficiently organiz-

ing the conic cquations as shown in the block diagrams,

In addition to the requirement for accuracy,
the solution to the Kepler and LLambert PProblems must be ac-
complished in a minimum of computation time in order that the
guidance system operate satisfactorily in real time, This ad-
ditional constraint dictates that a minimum of computer instruc-

tions be performed when solving the problem,

Mcthod of Solution

To minimize the total number of computer instruc-
tions, thc problems are solved in the "universal' form; i, e,
only cquations which arc equally valid for the cllipse, parabo:a
and hyperbolaarcused, Also these subroutines can be uscd with

either the carth or the moon as the as the attracting body,



Kepler's equation, in the universal form, isutilized
to relate transfer time to the conic parameters. All other
necessary equations are also universal. The Kepler and Lambert
problems are solved with a single iteration loop utilizing a
simple first-order slope iterator. In the case of the Kepler
problem a third order approximation is available to produce the
initial guess for the independent variable (See Eq. (2.2,4)of

Section 5.2.2.2).
Sections 5.5.5 thru 5. 5. 10 provide block diagrams

of the detailed computational procedures for solving the various

problems. The equations are presented in block diagram

form with nomenclature below.

Range of Variables

As indicated previously, the programming of the
conic subroutines requireg 2 careful balance between ac-
curacy, computational speed and number of instructions. This
balance, in the Apollo Guidance Computer, leaves very little

margin in any of these areas.

Since the values of problem variables are determined
by the solution of the problem being solved and since the prob-
lem may originate from the ground system, it is essentia.
that the variable range limitations be defined. The conic
routines are incapable of handing problems when the solution

lies outside of the range.

The following is a list of the maximum allowable
numeric values of the varizbles. Note that, in addition to
fundamental quantities such as position and velocity, there
are limitations on intermediate variables and combinations

of variables.



Scaling for (,‘o_riliivg_élit“)x'uutin(‘s (Scctions 5, 5.0 1o 5.5, 10)

Maximum Value

Barth Moon
rParameter .
- - - Primary Body Primaryv Body
r 229 247
[
v 27 2.)

t 228 228
* -9 -
0* 9 22 9 20

O'N* 26 Z()
PN 24 %
cot v 25 zr)
c
cot Q 2‘) 25
2
X 217 21()
£ =« x2 - 50 - 50
4 47r2 + 47rZ

CI:E' v/\fu- 2]( 21()

2 N L6
c,=rv /u -1 2" 2
X=r () fry) 2! 2

1 2
cos 8 - A o o

All dimensionnal values are tn units of meters and centiseconds.

* * , ) »
The maximum absolute value occurs for nepative values of

this parameter,

*%*Both the maximum and minimum values are listed since
neither may be exceeded.



Maximum Value®

Parameter Earth Moon
¢ 23 2‘5
2 533 531
x2 c () 233 231
x3 s (E)/'\/—LT 228 228
‘1 x% ¢ (£) 2% 240
, 2 () 535 533
x[c2 x25(§)+ r(tl)] 249 340
£ s () 2 2!
x? c(§)/r 28 2
VEx (€5 () - Dfr(ty) 2 21d

Alldimensional values are in units of meters and centiseconds.



Nomenclature for Conic Subroutines (Scctions b, 5, 5t05.5.10)

£(t1) initial position vector

!(tl) initial velocity vector

E.(tz) terminal position vector

y_(tz) terminal velocity vector

Uy unit normal in the directiol. of the angular
momentum vector

a reciprocal of semi-major axis
(negative for hyperbolas)

T radius of pericenter

ra radius of apocenter

e eccentricity

o ratio of magnitude of initial position vector
to semi-major axis

Py ratio to semi-latus rectum to initial
position vector magnitude

Y inertial flight path angle as measured (rom
vertical

¢, true anomaly difference between E(tl) and f(tz)

f true anomaly of r (t2)

o
[
|
~J



Acot ¥

a universal conic parameter equal to the ratio
of cceentric anomaly difference to N Fa for the
clipse, or the ratio of the hyperbolic analog
ol eceentric anomaly difference to N o for

the hyperbola

value of x from the previous kepler solution

computed transfer time from Kepler's equation
(t, - tl)

iransfer time corresponding to the previous solu-

tion of Kepler's equation

desired transfer time through which the conic

updile of the state vector is to he made

desired transfer time to traverse from r(tl)

to r(t,

v(ty)
error in transfer time

tolerance to which transfer time must converge

increment in x which will produce a smaller tERR

vidlue of Ax which wiil javh o0 G ficant
change in i
< é 21

increment in cot ¥ which will produce a smaller
'kRR

value of Acot y which will produce no signifi -

cant change in t21



MAX
MIN

cotyiax

COtMIN
MAX
MIN

*MAX 1

*MAX0

product of universal gravitational constant

and mass of the primary attracting body

maximum vialue of x

minimum value of x

maximum value of cot ¥y

minimum value of cot ¥

upper bound of general independent variable

lower bound of general independent variable
absolute upper bound on x with respect to the moon
absolute upper bound on x with respect to the earth
a fraction of the full range of the independent
variable which determines the increment of

the independent variable on the first pass

through the ite ator

general dependent variable

previous value of y

error iny

general independent variable
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Az increment in z which will produce a smaller YERR

SG a sign which is plus or minus according to
whether the true anomaly difference betwcen
x_‘(tl) and E(tz) is to be less than or greater
than 180 degrees

Sz a sign which is plus or minus according to
whether the desired radial velocity at r(t2)
is plus or minus

N, general vector # 1

Ny general vector # 2

¢ angle between ny and ng

f1 a switch set to 0 or 1 according to whether a
guess of cot v is available or not

f2 a switch set to 0 or 1 according to whether
Lambert should determine Uy from E(t1) and E(tz)
Or u \is an input

f3 a tag set to 0 or 1 according to whether the
iterator should use the' Regula Falsi''or bias
method

f4 a flag set to 0 or 1 according to whether the
iterator is to act as a first order or a second
order iterator

f5 a flag set to 0 or 1 according to whether a

feasible solution exists or not
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a switch set to 0 or 1 according to whether
or not the new state vector is to be an ad-
ditional output requirement of the Time -Theta

or Time-Radius problems.

a flag set to 1 if the inputs require that the

conic trajectory must close through infinity
a flag set to 1 if the Time-Radius problem

was solved for pericenter or apocenter

instead of r (t2)
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5.5.2 PLANETARY INERTIAL ORIENTATION SUBROUTINE

This subroutine is used to transform vectors between the
Basic Reference Coordinate System and a Planetary (Earth-fixed or
Moon-fixed) Coordinate System at a specified time, These three

coordinate systems are defined in Section 5. 1. 4.

Let r be a vector in the Basic Reference Coordinate System,
r ,the same vector expressed in the Planetary Coordinate System, and

t the specified ground elapsed time (GET). Then,

rp= Mit) (r - £ Xr) (5.2.1)

and

r= M) (ot 4pX TP (5. 2. 2)

where M(t) is a time dependent orthogonal transformation matrix, £
is a small rotation vector in the Basic Reference Coordinate System,
and {(pis the same vector { expressed in the Planetary Coordinate
System. The vector g is considered constant in one coordinate sys-
tem for the duration of the mission. The method of computing M(t)

and _ﬂ_ depends on whether the relevant planet is the earth or the moon.

Case I - Earth

For the earth, the matrix M(t) describes a rotation about

the polar axis of the earth (the Z-axis of the Earth-fixed Coordinate
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System), and the vector _f_ accounts for the precession and nutation

of the polar axis (the deviation of the true pole from the mean pole).

Let AX and AY be the small angles about the X-and Y -axes
of the Basic Reference Coordinate System, respectively, that de-
scribe the precession and nutation of the earth's polar axis. The
values of these two angles at the midpoint of the mission are inclu-
ded in the pre-launch erasable data load and are considered constant

throughout the flight. Then,

b

0
= +
AZ AZO+ wg (t+ ty) (5. 2. 3)
cos AZ sin AZ 0
M(t) = | -sin AZ cos AZ 0
0 0 1
lp = M) ¢

where AZO is the angle between the X-axis of the Basic Reference
Coordinate System and the X-axis of the Earth-fixed Coordinate
System (the intersection of the Greenwich meridian and the equatorial
plane of the earth) at July 1.0,1968 universal time (i, e., midnight

at Greenwich just prior to July 1, 1968 ), t0 is the elapsed time
between July 1.0,1968 universal time and the time that the computer

clock was zeroed, and Wi is the angular velocity of the earth.
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Case II - Moon

For the moon, the matrix M(t) accounts for the difference
in orientation of the Basic Reference and Moon-fixed Coordinate Sys -
tems in exact accordance with Cassini's laws, and the rotation vector
{ corrects for deviations from the above orientation because of physi-

cal libration.

Define the following three angles which are functions of

time:
B = the obliquity, the angle between the mean earth
equatorial plane and the plane of the ecliptic.
Q= the longitude of the node of the moon's orbit
measured from the X-axis of the Basic Reference
Coordinate System.
F = the angle from the mean ascending node of the

moon's orbit to the mean moon.

Let I be the constant angle between the mean lunar equatorial plane
and the plane of the ecliptic (10 32.1'). Then, the sequence of
rotations which brings the Basic Reterence Coordinate System into
coincidence with the Moon-fixed Coordinate System (neglecting li-

bration) is as follows:
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Rotation  Axis of Rotation  Angle of Rotation

1 X B
2 Z QI
3 X -1
4 Z *+ F

The transformation matrices for these rotations are,

respectively,

1 0 0
M, =] 0 cos B sin B
0 -sinB cos B
cos QI sin QI 0
M, =| - sin QI cos QI 0
0 0 1
(5. 2. 4)
1 0 0
M3 =10 cos I -sin I
0 sin I cos I
-cos F -sin F 0
M4 = sin F -cos F 0
0 0 1
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The matrix M(t) is then given by
M(t) = M4 M3 M2 M1 (5. 2. 5)

The following approximate method is used to determine

the transformation between the Basic Reference and Moon-fixed

Coordinate Systems.

The angles B, QI and F are computed as linear functions
of time, Let gM be the value of the vector libration gp (expressed

in the Moon-fixed Coordinate System ) at the midpoint of the mission,

The vector gM is included in the pre-launch erasable data load and is

considered constant throughout the flight., Then,

QP = m
tm = tri
B = B, + Bt
Q= 9 Tty
F = Fo+ Fty

Q

COS (5.2.6)

a =| cos B sin Q

I

sin B sin QI

-sin§2
I

t_) =l cos B cos QI

sin B cos QI
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|0
"
|
n
.
=
03]

(5.2.6)
(cont. )

-gcosF—gsinF

LB

_nll = gsinF—g_cosF
T
mg
M= | m, "
T
m
¢ o= Mg

where BO’ QIO' and F0 are the values of the angles B, Q, and F, re-
spectively, at July 1.0, 1968 universal time; B, ©, and F are the

I
rates of change of these angles; and C, and S_ are the cosine and sine

I I '
respectively, of the angle I,
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5.5.3 LATITUDE-LONGITUDE SUBROUTINE

For display and data load purposes, the latitude, longitude,
and altitude of a point near the surface of the earth or the moon are
more meaningful and more convenient to use than the components of a
position vector. This subroutine is used to transform position vec-
tors between the Basic Reference Coordinate System and Geographic

or Selenographic latitude, longitude, altitude at a specified time.

In the case of the moon, the altitude is computed above either
the landing site radius, rg»Or the mean lunar radius, Cype For the earth,
the altitude is defined with respect to either the launch pad radius, ry por

the radius of the Fisher cllipsoid, T which is computed from

2
r2= b (5.3.1)
2

1 -(1 —1312)(1 -SINLZ)
a

where a and b are the semi-major and semi-minor axes of the
Fischer ellipsoid, respectively, and SINL is the sine of the geocen-

tric latitude.

The computational procedures are illustrated in Figs.
5.3-1, 5.3-2, and 5. 3-3. The calling program must specify either
a vector r or latitude (Lat), longitude (Long), and altitude (Alt). In

addition, the program must set the time t and the two indicators P

and F where
+1 for earth

+ 2 for moon
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1 for Fischer ellipsoid or mean lunar radius

0 for launch pad or landing site radius
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ENTER

Call Planetary Inertial Orientation

Subroutine to Transform r to rp

Yo

u={u = UNIT (EP)
P

SINL = u2

Determine vy and ro

Fig. 5.3-3
u
Lat = tan’! 2
2 2
Y uo + u1
_ u
Long = tan 11
u
0
Alt =r - r
EXIT

Fig.5.3-1 Vector to Latitude, Longitude, Altitude
Computation Logic Diagram
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ENTER '

Determine ¥ '
Fig. 5. 3-3a

ug ‘| cos (Long) cos (Lat)
rp={uy | UNIT |sin (Long) cos (Lat)

u, v sin (Lat)
SINL = u,

Call Planetary Inertial Orientation Subroutine

to Transform Unit Vector EP to Unit Vector r

\

Determine ro
Fig. 5. 3-3b

l£=(r0+ Alt)£

EXIT

Fig. 5.3-2 Latitude, Longitude, Altitude to Vector

Computation Logic Diagram
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ENTER

Yes

Figure 5. 3-3a

ENTER

2
i
SDM’ U"m

EXIT

Determination of v

Compute r

‘ F
Eq. (5. 3. 1)
ro=Trip
Yo7 Ls
ro_rM EXIT -~ I‘O=I“F
Figure 5, 3-3b Determination of Ly
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5.5.4 LUNAR AND SOLAR EPHEMERIDES

This subroutine is used to determine the position and
velocity vectors of the sun and the moon relative to the earth. The
position vectors of the moon and the sun are needed by the Coasting
Integration Routine to compute gravity perturbations (Section 5. 2. 2. 3).
The velocity of the moon is used by the Coasting Integration Routine
when a change in the origin of the coordinate system is performed at
the sphere of influence of the moon (Fig. 2. 2-3). The velocity of the
sun is required,but not very accurately, to compute aberration cor-

rections to optical sightings.

The position of the moon is stored in the computer in the
form of a ninth-degree polynominal approximation which is valid over
a 14.5 day interval beginning at noon ephemeris time on tie day of the
launch. The following parameters are included in the prc-launch

erasable data load:

tMO = the elapsed time between July 1.0, 1868 uni-
versal time and the time at the center of the range
over which the lunar-position polynominal is

valid. Thevalueof t will be an integral num-

MO
ber of quarter days minus the difference be-
tween ephemeris time and universal time.

94) to 9_9 = vector coefficients

Let t be the specified ground elapsed time (GET), and t, be the elapsed
time between July 1.0, 1963 universal time and the time that the com-
puter clock was zeroed, Then, the approximate position and velocity

of the moon are computed from

t,, =t+t

M O'tMO (5.4.1)
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9
reMm > z < tM (5. 4. 2)

VEM ® i ic, ty (5. 4. 3)

The approximate position and velocity of the sun are com-
puted from the following items which are included in the pre-launch

erasable data load:

reso YESO © the position and velocity vectors of the sun
relative to the earth at time tvor

wpg = the angular velocity of the vector TESO at time tMO
Then,
Tes * TEso 05 gs tw)
(5. 4. 4)
VES ~ YESO (5. 4.5)
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5.5.5 KEPLER SUBROUTINE

The Kepler Subroutine solves for the two body posi-
tion and velocity vectors at the terminal position given the
initial position and velocity vectors and a transfer time to the

terminal position,

This section contains information to aid the reader
in understanding the less obvious aspects of the Kepler Sub-
routine block diagram depicted in Figs. 5, 5-1 and 5, 5-2, The
subroutines referred to in these figures are presented in

Section 5. 5, 10, Nomenclature is found in Section 5.5, 1. 2.

Prior to entering the Kepler Subroutine an initial
estimate of x can be generated via Eq. (2.2, 4) of Section5.,2.2.2
with x

= x', 7T and 7 = t... However, x' and t21 are

1 17 2y D
non-zero only if the subroutine is being used repetitively.

Although, theoretically, there is no upper bound on

x, the practical bound is set to XMAXO0 OF *MAX1 to eliminate

non-feasible trajectories and increase the accuracy to which x
can be computed. In addition, oxz has a practical range of

-00 <v x2 < 27 which determines an independent upper bound
on x. The X MAX used, then, corresponds to the smaller of

the two values.

The transfer time convergence criterionis approxi-
mately the same as the granularity of the time input. Since,
for some of the problems to be solved, the sensitivity of time
to x is so large that the granularity in x, € < produces a change
in time which exceeds the granularity in time, it is necessary

to introduce ¢, as a rcdundant convergence criterion,

The Kepler Subroutine, provided the parameter range
constraints are satisfied and tD is less than one period, will
always produce a solution.

5.5-25



lENTER

[ TSR R

A
reey = |ree))|
Qri e UNIT (E(t\\\
(A0 vt
1 f/T
Pt Y)Y D
Cz -~ -1
/.A-
P SN A VA A\
vyes NO
Xuax = 3TAL X pay = V" 50/%
YES RO

Figure 5. 5-1 Kepler Subroutine
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X ® Xy /2 No

AX 3 X - X

§r <X

CALL KEPLER EQUATION SUBRe
C;\ |c¢)‘\ E. )r(t\\ lf*

RESUME
Y,y , 80, CLE)

e *D - E‘“

YEs
¢ Iteael > €4
CALL ITERATOR SUBRO. NO
0,0 itZI 'tZI"tfkllﬁl\\)O,‘nq‘ \,‘ Min
RESUME
Ax, 1\m\n“lw"
N
laxi > €, 2
ves CALL STATE VEcTOR SUBRO.
lktl\\v_(t‘\;Y(t‘\\ng)‘]&‘S(g),c(Q)I‘Q')#
i
t1.: t'u RESUME
Xoron oy B e, v )
KETUKN

ity vivy)

Figure 5. 5-2  Kepler Subroutine



5.5.6 LAMBERT SUBROUTINE

The Lambert Subroutine solves for the two body
initial velocity vector given the initial and terminal position

vectors and a transfer time between the two,

This section contains information to aid the reader
in understanding the less obvious aspects of the Lambert Sub-
routine block diagrams depicted in Figs. 5,6-1 and 5, 6-2,
The subroutines referred to in these figures are presented in

Section 5.5, 10. Nomenclature is found in Scction 5,35, 1. 2,

If the Lambert Subroutine is used repetitively and
rapid computation is required, the previous value of the in-
dependent variable, coty, can be used as a starting point for
the new iteration along with k', a measure of the quality

this guess is expected to have. Flag f3 provides this option.

The Lambert Subroutine computes the normal to the

trajectory, using the two input position vectors. If these

Uy
vectors are ;I:arly colinear, it is desirable to specify the nor-

mal as an input rather than rely on the ill-defined normal based
on the two input position vectors Flag f2 provides this option,

The presence of the inputs in parentheses, therefore, is con-

tingent upon the setting of these flags.

The theoretical bounds on the independent variable,
cot ¥, correspond to the infinite energy hyperbolic path and
the parabolic path which closes through infinity. These bounds
are dynamically reset by the iterator to provide a morc efficient
iteration scheme. 1n addition, if during the course of the itera-
tion, cot ¥ causes a parameter of the problem to exceed its
maximum as determined by its allowable range, the appropriate
bound is reset and the iterator continues trying to find an ac-

ceptable solution. (This logic does not appear in Figs.5.6-1and 2
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as it is pertinent only to fixed-point programming). If no ac-
ceptable solution is reached, the transfer time input was too
srall to produce a practical trajectory between the input position
vectors. When this happens, Acot vy approaches its granularity

limit ex before time converges to € However, this same

granularity condition exists when thte sensitivity problem de-
scribed in the Kepler Subroutine, Section 5.5.5, occurs.

In this case an acceptable solution does exist. This dual situa-
tion is resolved via a third convergence criterion. If the error
in transfer time is greater than €4 but less than a small per-
centage, kl,of the desired transfer time and Acot vy is less than
€ then the solution is deemed acceptable and the required

velocity is computed.
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l ENTER

)Y rey v s 0 s (k) CeaTea) | £, (4 )

P2y &

CALL GEOMETRIC SuUBRO.
[(f‘\ \ L(t’-) \ 5"‘ *l

RESUME
rCe ), rie,), sinte), costt\,(\_l‘\‘!,u

V= orle N/ rity)
"'J =1

Py 1 -cos (o)
P2 = cos(e) =\

I, singe) [2N/p,

\- casie)

YES NG

cov (¥)

L L]

= P, /sin(0) cov . ¥)

Miy = =32

Yes

coT(x) =

k+.as

co'f(\\““ - co"l'(ﬂ“m

2

Py

siN(e) coT(N) - P,

o,y 22 =P, (14 co¥ *(x))

CHLL UNIVERSHL VARIABLE SUBRO.
sin(e)  cosCe), ot T(t,), o N> Pw

RE SUME
‘)ﬁ » G )(l-

|

NS

Figure 5.6-1 Tl.ambert Subroutine
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CaLl XEPLER EQUATION SuBRo,
Ct ,Ca )x\gg"(*|\ l)‘

RESUME
., $CE), c(f)

A _J
tg.. = *Dll-t 1 9]

CALL ITERATYOR SUu3RO.
0,83 vttt bCoT(f\,eoT(\'\,k‘co'rﬁ'\"“,co-T(ﬂm,

RE SUME
BeoT(x), Sy, COTN) o, COXC)

|scon ()| > €y

NO

fe = O

!

o7 (x) = CoT (¥} » B COT(Y)
¥t - /_A*_F:(ﬂ (ot + Yy xuy, ) ) 7‘
RE TURN
Y\
Figure 5. 6-2 T.,ambert Subroutine



5.5.7 TIME-THETA SUBROUTINE

The Time-Theta Subroutine solves for the two body
transfer time given the initial position and velocity vectors and
the true anomaly difference (transfer angle) to the terminal

position,

This section contains information to aid the reader
in understanding the less obvious aspects of the Time-Theta
Subroutine block diagram depicted in Fig, 5,7-1. The sub-
routines referred to in this figure are presented in Section

5.5.10. Nomenclature is found in Section 5,5, 1, 2,

The flag f6 must be zeroifthe user desires compu-

tation of the terminal state vector in additionﬁthe transfer time.

h

If the conic trajectory is a parabola or hyperbola and
the desired transfer angle, 6, lies beyond the asymptote of the

conic, f, will be set indicating that no solution is possible.

7

In additionto the parametler range constraints imposed on
Kepler's equation, the additional restriction on Time-Theta
that the trajectory must not be near rectilinear 1s indicated by

the range of cot .

The Time-Theta problem is not well defined for near
rectilinear trajectories, i e. the transfer angle ¢ is no longer
a meaningful problem parameter. This will not cause difficul-

ties provided the input variables are within the specified ranges.



l ENTER

TS ARMEN , A, SIN(B) coste), Se

i

CALL CONIC PARAMETERS SUBRO.
Tle), vl N, M

RESUME
Ay Pr, 0T vy o

.

CeL L UNIVERSAL VARIABLE SUBRO.
SIN(8) | cas(e), coT (XY y(x,), oy Py

RESUME
X, 6,04, C,

I

CalL KEPLER EQUATION SVBRO.
g)x\cl\cz)r(t\\\)*

RESUME

e, SCE), CCS)

1

RETURN
ta\

CALL SYATE VECTOR SuBRo.
l(t\\)f(t\\)r(t\\)&rlix\ g_ 1S(§\) C(&‘]ta\)u

RE SUME
vt ), v (xR)

RETURN
et Vit

Figure 5. 7-1 Time-Theta Subroutine
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5.9.8 TIME -RADIUS SUBROUTINE

The Time Radius Subroutine solves for the two body
transfer time to a specified radius given the initial position and

velocity vectors and the radius magnitude.

This section contains information to aid the reader
in understanding the less obvious aspects of the Time-Radius
Subroutine block diagrams depicted inFigs. 9.8-1 and 5.8-2.
The subroutines referred to in this figure are presented in

Section 5.5. 10. Nomenclature is found in Section 5,5,1, 2

Paragraphs 3, 4, and 5 of Section 5, 5.7 apply to the

Time -Radius Subroutine as well.

Since an inherent singularity is present for the cir-
cular orbit case, near-circular orbits result in a loss of ac-
curacy in computing both the transfer time, 121, and the final
state vector, This is caused by the increasing sensitivity of

t,, tor (t2) as the circular orbit is approached.

21

Ifr (12) is less than the radius of pericenter or
greater than the radius of apocenter, then r (t2) will be ignored
and the pericenter or apocenter solution, respectively, will be

computed. A flag, f,, will be set to indicate this,

8)
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l ENTER

.':(ta\y\f(t.\\/*,f(tz),s,; S

CALL CONlc PARAMETERS SURRO.
I(t,\\!(t\\‘}x

RESUME

S Par o PR Wy Wt Uy

€:=(1-< U - cov(y)

Ye

Pu (2 = %4) Lys
:UNIT\e\

u rit)}
cos (%) ( ~r(t )/\e\

YES
-Fe:o g, = 1
SiN(E) = siJi - cos¥(®) SN (%) =

Cos(&) = -1

cos (&)

[

Yipmeos@Ehu, v an(I (U xik,)

cos (8Y = VN
—vya —YLC

sin(e) = (Q\-Lxgyg\ - U

v

Figure 5. 8-1 Time-Radius Subroutine




N

CALL UNIVERSAL VARIVAELLE SUFRO.
SIN(8) | cos(8), coT(e)yr(t)}, =, Py

RESUME
X)E\\C:L)CL

l

CALL KEPLERS EQUATION SUBRO.
E.%,C,, G, YO, A

RESUNE

t,, s6), c(g)

RETURN

e,

CALL STATE VARIABLE SUBKOUTINE
YOEN  VED vt} Uy, X E SR, ClR) b,

RESUME
rlta), vt

RETURN
o, f(ta) .[(ta)

Figure 5.8-2 Time-Radius Subroutine
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5.5.9 APSIDES SUBROUTINE

The Apsides Subroutine solves for the two body
radii of apocenter and pericenter and the eccentricity of the
trajectory given the position and velocity vectors for a point

on the trajectory,

This subroutine is depicted in Fig. 5.9-1. The
subroutines referred to in this figure are presented in Section

5.5.10. Nomenclature is found in Section 5,5, 1. 2.

It is characteristic of this computation that the
apsides become undefined as the conic approaches a circle.
This is manifested by decreasing accuracy. When the conic is
nearly parabolic, or hyperbolic, the radius of apocenter is
not defined. In this event the radius of apocentcer will be set

to the maximum positive value allowed.
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1 FNTER

Y v,

I

CALL CoNiCc PARAMETERS SUVBRO.
_E(tl)’I(t‘,J/u

RESUME

€ =J1-P,pn

t,
Purce)

YP: |+ &
_ av
= ’&',.T)‘rf’

X
RETURN
Yo, Ta e

I'igure 5. 9-1 Apsides Subroutine
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5.5.10 MISCELLANEOUS SUBROUTINES

There are, as part of the Conic Trajectory Sub-
routines, three subroutines which are useful in their own right.
These are the Conic Parameters, the Geometric Parameters
and the Iterator Subroutines which are depicted in Figs. 5. 10-1,

5. 10-2 and 5. 10-3, respectively.

The Conic Parameters and Geometric Parameters

Subroutines are self explanatory.

The Iterator Subroutine serves several purposes, It
is used when flag f4 is set to zero to solve for the value of the
independent variable which drives the error in the dependent
variable to zero, provided the function is monotonically increas-
ing. To improve convergence for functions whose derivative

changes rapidly, the limits are reset as shown in the block diagram,

With f4
the function, provided the first derivative is single valued be-

set to 1, the Iterator seeks a minimum of
tween the limits. The inputs are redefined so that ''y" is the
derivative of the independent variable with respect to the dependent
variable, and ''x'' is the value at which the derivative was computed

or approximated. Since the desired value of y is zero, YERR = V-

Since the Iterator uses the '"Regula Falsi' technique,
it requires two sets of variables to begin iteration. If only one
set is available, flag f3 must be set to 1, causing the iterator to
generate the independent variable increment from a percentage

of the full range_
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In addition to the above subroutines there are three
other subroutines of primary interest to the five basic conic
subroutines described in Sections 5.5.5t05.5.9. These are the
Universal Variable Subroutine, the Kepler Equation Subroutine,
and the State Vector Subroutine shown in Figs. 5. 10-4, 5.10-5 and

5, 106 respectivel .
The Universal Variable Subroutine is utilized by the

Lambert, the Time-Theta and the Time-Radius Subroutines to
compute the universal parameter x required for the time equa-
tion. There are two different formulations req ired according

to the size of the parameter w,

If the input to the subroutine requires the physically
impossible solution that the trajectory ''close through infinity",

the problem will be aborted, setting flag f7.

The Kepler Equation Subroutine computes the transfer

time given the variable x and the conic parameters,

The State Vector subrouvlire computes the position
and velocity vectors at a point along the trajectory given an

initial state veclor, the variable x and the transfer time.

The final miscellaneous subroutine, the SETMU Sutk -
routine, is depicted in Fig. 5.10-7, It sets u to the appropriate
primary body gravitational constant consistent with the estimated

CSM state vector as defined in Section 5. 2. 2. 6,
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5.5.11 INITIAL VELOCITY SUBROUTINE

The Initial Velocity Subroutine computes the initial
velocity vector for a trajectory of specified transfer time be-
tween specified initial and target position vectors. The trajec-
tory may be either two body or precise depending on the number

of iterations allowed within the subroutine.

In addition, at the users option, the target vector
will be projected into the plane defined by the initial position
vector and another arbitraty input vector. This option is exer-
cised when the transfer angle between the initial and target
position vectors is within a specified angle measured from 180

degrees.

This subroutine is depocted on Fig. 5.11-1. As shown
on the figure the LLambert Subroutine, Section 5. 5.6, is utilized
to compute the two body initial velocity. The Coasting Integra-
tion Subroutine, Section 5. 2.2, is utilized in computing the pre-
cise trajectory. This is an iterative process. An off-set target
vector is used as input to the Lambert Subroutine which then

provides the initial velocity for the Coasting Integration Subroutine,
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Nomenclature for the Initial Velocity Subroutine

g(tl)

y_(tl)

r.. (t

=T 2)

Initial position vector

Vector sometimes used to establish the

trajectory plane - usually a velocity vector.

Target vector

Transfer time to target vector

Number of iterations allowed

Angle to 180 degrees below which the target

vector is rotated into an arbitrary plane

See nomenclature in Section 5. 5.1, 2

See nomenclature in Section 5.5,1.2

The initial velocity vector of the trajectory

passing thru the target

The velocity vector at the target position
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5.6 GENERAL SERVICE ROUTINES

5.6.1 GENERAL COMMENTS

The routines presented in this section are used for the

following general service functions:

1) IMU alignment modes

2) Basic Coordinate Transformations

3) Computer initialization procedures

4) Special display routines which can be called by the

astronaut



5.6.2 IMU ALIGNMENT MODES

5.6.2,1 Orbital Alignment

5.6.2.1,1 Docked IMU Coarse Alignment Program

The Docked IMU Coarse Alignment Program (P -50)
is used to coarse align the LM IMU to the same inertial orienta-
tion as the CSM IMU while the vehicles are in the docked config-
uration, Prior to initiating this program it is assumed that the
CSM IMU is aligned to the landing orientation defined in Section

5.6.3.4. 4 for the nominal landing time T (1.).

At the start of program P> - 50 the astronaut establishes
the proper fixed attitude of the docked configuration so as to
avoid any possibility of gimbal lock. The asironaut then enters
into the LGC the docwing interface roll calibratioen angle
(A ¢ ) and the present CSM IMU gimbal angles. Using these
angles the program computes the desired LM IMU gimbal angles
as follows in order to place the ILM IMU stable member at the

same inertial orientation as the CSNM IMU stable member:

MG 7 -MGA gy
, O
IGA, \, = 1GA g, + 180 (6.2.1)
. _ B . o ¢
OGA| ;= 86 - OGA gy 60

where MGA, IGA, and OGA are the middle, inncer, and outer

gimbal angles, rospectively.



The program then coarse aligns the LM IMU to the
desired gimbal angles and displays the final angles to the astronaut
in case he wishes to check them. If he is not satisfied with the
angles, he must recall the program. Once this alignment is com-
plete, it is assumed by the LGC that the LM IMU stable member

is at the desired inertial landing orientation.

5.6.2.1.2 LM/ CSM Separation Monitor Program

This program is designated as P - 46 and is used to
monitor the manually controlled LM separation maneuver from
the CSM when the LM IMU is only coarse aligned by program
P - 50 prior to separation. The objective of the 1.M/ CSM
Separation Monitor Program is to update the LM state vector
after the separation maneuver with sufficient accuracy to main-

tain the desired LM landing CEP.

The general functional operation of program P - 46 is
as follows. The program is initiated after IMU alignment by
program P - 50 and prior to separation of the LM from the CSM.
The resulting velocity change due to the manual separation man-
euver is then sensed by the PIPA's when the velocity
readings exceed the threshold limits. This maneuver AV and
time tSEP are then stored, and the automatic free-fall integra-
tion routine temporarily suspended. Immediately after the
separation maneuver the LM IMU alignment is determined with
P - 51 (IMU Orientation Determination Program) by making two
successive star sighting operations. This operation determines
the REFSMMAT transformation (Section 5. 6.3) for the LM IMU
during the separation mancuver. The LM state vector is t:en
integrated to tepp by the Coeasting Integration Routine and ujiatled
by the stored separation maneuver AV and current REFSMMAT.
The automatic state vector integration operation is next reiniti-
ated after this separation maneuver update has been completed,
The final operation is to then realign the LLM IMU to the dc. red

descent and landing phase alignment with program P-52.
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5.6.2.1.3 IMU Orientation Determination Program

The IMU Orientation Determination Program (P - 51)
is used during free-fall to determine the present IMU stable
member orientation with respect to the Basic Reterence Coordinate
System by sighting on two navigation stars with the Alignment
Optical Telescope (AOT ). These stars must be selected by the
astronaut and sighted upon in the manner indicated in Section 5.6.3.1.1
and in the In-Flight Sighting Mark Routine (R - 53) of Section 4.
Once the line-of-sight vectors to the two stars have been obtained
in stable member coordinates, a test is made by the Star Data
Test Routine (R - 54 of Section 4) to see if the angle between the
two vectors is in close agreement with the angle between the
corresponding line -of -sight vectors stored in basic reference
coordinates. If the star vectors in stable member coordinates
pass the test, they can be used with the corresponding vectors
stored in basic reference coordinates to determine the present
stable member orientation and REFSMMAT, using the procedure

given in Section. 5.6.3.4. 1.

It should be noted that the astronaut can also use
program P-51 to determine the IMU orientation while on the
lunar surface. This capability is automatically provided by the
program whenever the LM is on the lunar surface, and is ac-
complished simply by substituting the Lunar Surface Sighting
Mark Routine (R-59) for the Inflight Sighting Mark Routine (R-53)

5 6.2.1.4 MU Realignment Program

The IMU Realignment Program (P> -52) is used during
free-fall to align the IMU from a known orientation to one of the
desired orientations given in Section 5.6.3.4 and in P - 52 of
Section 4. Initially, the astronaut selects the desired stable
member orientation, and the program computes and displays the
IMU gimbal angles for the desired stable member oricntation using
the present vehicle attitude. If the computed gimbal angles are
unsatisfactory, the astronaut maneuvers the vchicle to a more
suitable attitude and has the program re-compute and display the

new gimbal angles. Once satisfactory angles have been obtained,



the Coarse Alignment Routine (R - 50 of Section 4) is used to
coarse align the IMU to the desired orientation. Afterwards,
the astronaut maneuvers the vehicle to a desired attitude for
star acquisition and the Star Selection Routine of Section 5.6. 4
is used to select two stars. If the Star Selection Routine is un-
able to find two satisfactory stars at the present vehicle attitude,
the astronaut either repeats the above process of changing the
vehicle attitude and using the Star Selection Routine or selects
his own stars. It should be noted that the Star Sclection Routine
only selcets stars for the forward viewing position of the AQT,
However, the astronaut may select stars with the intention of
using either of the other two viewing positions described in
Section 5.6.3.1.1.

After the stars have been selected, the Fine Alignment
Routine (R - 51) is used to obtain the necessary star sightings
and to align the IMU to the desired orientation. This routine ac-
complishes the above tasks by using various other routines,
Prior to sighting on each star, the astronaut is given the option
of either maneuvering the vehicle himself to place the star at
the desired sighting location in one of the three ficlds-of-view
(FOV ) of the AOT or having the Auto Optics PPositioning Routinc
(R - 52 of Section 4) command the vehicle attitude so as to place
the star at the center of the forward FOV. Once the star is pro-
perly positioned, the In-Flight Sighting Mark Routine is used to

perform sightings on the star,

After the sightings have been made on both stars, the
Star Data Test Routine is used to check the angle between the two
measured star directions, and the Gyro Torquing Routine (H - 55
of Section 4) is used to torque the IMU stable membcer to the de-

sired orientation.
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5.6.2.1.5 IMU Orientation Determination Backup Program

The IMU Orientation Determination Backup Program
(P-53) provides the capability of using some optical device other
than the Alignment Optical Telescope (AOT) to sight on stars
for purposes of IMU orientation determination during free-fall.
Possible devices which might be considered as backups to the
AQT are the Crew Optical Alignment Sight (COAS) and the Land-
ing Point Designator (L.PD).

Program P-53 is identical to program P-51 except
for a new mode of operation of the In-Flight Sighting Mark
Routine (R-53) which is established by setting the AOT Backup
flag at the start of program P-51. When the In-Flight Sighting
Mark Routine is used in this mode, the astronaut first enters
into the LGC the sighting coordinates (AZ and EL) of the optical
device., These coordinates are defined in the same manner as
those given for the AOT in Section 5.6.3.1. Next, the astronaut
changes the LM attitude so that the star will cross the corres-
ponding X and Y rcticle lines of the optical device just as is
done with the AOT. The astronaut depresses the X or Y mark
button whenever the star crosses the corresponding reticle line.
When the star coincides with one of the reticle lines, this de-

fines a plane containing the star. The orientations of the two

planes Uy p and Uyp in stable member coordinates are:
Ugp p = _NBSM,XEXPN (6.2.2)
uyp = NBSM y uypy (6.2.3)



where [NBSM:X and E\IBSN_IjY are the transformation matrices
based upon the IMU CDU readings stored during the X and Y
marks. It should be noted that Eqgs.(6.2.2) and (6.2, 3) would

be identical to those given for the AOT in Egs, (6.3.7)and(6.3.8)
of Section 5.6.3., 1.1 if the AOT did not cause a rotation of the
apparent field-of-view (i.e., RN was always equal to zero in

Eqgs. (6.3.5) and (6.3.6)).

The vector Sg\ describing the line-of-sight to the

star in stable member coordinates is given in g, (6.3.9) of

Section 5.6.3.1.1. A multiple mark capability is provided just

as with the AOT in order to achieve greater accuracy.

After sightings have been made on two stars, thc star
data test is performed and the orientation of the IMU stable
member is determined.
5.6.2.1.6 IMU Realignment Backup Program

The IMU Realignment Backup Program (P-54) provides
the capability of using some optical device other than the
AQT to sight on stars for purposes of IMU realignment during
free-fall. Basically, this program accomplishes this by estab-
lishing another mode of operation of the IMU Realignment Pro-

gram (P-52). When program P-54 is called, the AOT Backup
flag is sct just as is done in the IMU Orientation Determination

Backup PProgram (P2-53).

Afterwards, program P-54 performs the same func-
tions as program P-52 except that the presence of the AQT Backup
flag causes the Auto Optics Positioning Routine to be by-passed in

the Fine Alignment Routine. In additionthe AQT Backu; tlec establishes
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a new mode of operation in the In-Flight Sighting Mark Routine
just as was done in program P-53 (Section 5.6.2.1.5). After
sightings have been made on two stars, the star data test is
performed and the IMU stable member is fine aligned to the de-

sired inertial orientation by torquing the gyros.



5.6.2.2 Lunar Surface Alignment

5.6.2.2.1 General

There are several methods of IMU alignment availa-
ble to the astronaut while on the lunar surface. These methods
are selectable through various options offered in a single lunar
surface IMU alignment program ( P-57). Most of these methods
are considered as back-ups to the preferred normal method of
IMU alignment using optical sightings on two stars with the AQOT.
In addition, the astronaut has the option at the beginning of the
program of having the IMU stable member aligned to the
orientation rcquired for launch at a specified time T (1.), which
may be the time of lunar launch defined by one of
the Ascent Prethrusting Programs ( P-10 or P-11) or a time
specified by himself. The manner in which this time specifies
the launch orientation and its associated REFSMMAT is given
in Section 5.6.3.4.4, It should be noted that any time T (1.)
specified by the astronaut may be somewhat arbitrary and does

not necessarily mean that a launch will take place at that time.

Whenever the IMU is aligned by one of the options in
this program, the orientation of the LM is determined with re-
spect tothe Moon -Fixed Coordinate System and stored in eras-
able memory, This is done primarily for purposes of backup so
that the IMU can be aligned at any later time using just the stored
LM attitude data, It also provides a means for coarse alignment
of the IMU prior to sighting on stars with the AOT. In addition
to determining and storing the LLM attitude after cach alirnment,
the LM attitude is also determined and stored by the landing
programs (P-65, P-66, and P-67) just prior to their termina -
tion by the astronaut, which occurs when the vehicle has come
to rest on the lunar surface., This step is taken to insure that thc
data will be available in case the IMU is turned off without having
been re-aligned after touchdown or it is found that a re-alignmen?

cannot be made with the AQOT.

o
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The attitude of the LM is determined with respect to
the Moon-Fixed Coordinate System by first obtaining the unit
vectors UVREF and Uy REF which define the orientations of the
vehicle (or navigation base) Y and Z axes with respect to the
Basic Reference Coordinate System. These vectors are obtained

from the following matrix.

T
UYXREF

T

_ SN - T \ —\. r Y 7/ "-l
EYREF = [REPI\B] ‘SMI\B‘} _REESNIMAI_ (6.2.4)

T
UZREF

where [REFSMMAﬂ and [NBSM-} are the transformation
matrices defined in Sections 5. 6.-3. 4 and 5.6.3.2.1, respectively.
Note that any two of the three LM axes could have been used for
this purpose and that only two axes are needed to define the
vehicle attitude., Afterwards, the vectors are transformed to
the Moon-Fixed Coordinate System as UvyME and Uz MF by the
Planetary Inertial Orientation Routine of Section 5.5.2 and
stored in erasable memory, The Attitude flag is then set to
denote that the attitude has been stored. Once these vectors
have been determined in the Moon-Fixed Coordinate System,
they will always represent the correct orientation of the vehicle
Y and Z axes with respect to the Moon-Fixed Coordinate System
as long as there is no change in the vehicle attitude due to set-
tling. To determine the orientation of these vectors with re-
spect to the Basic Reference Coordinate System at a later time
it is only necessary to transform the stored vectors to the
Basic Reference Coordinate System using the Planetary Inertial

Orientation Routine with the indicated time as one of the inputs.

5.6-10



The various options (methods) of IMU alignment
available totheastronaut in the lunar surface alignment program
are presented in the following sections. In considering the
various options it is important to note that a program alarm is
issued at the beginning of some options if the Attitude flag or
REFSMFLAG is not set, since these are regarded as prereauisities
for these options. The REFSMFLAG is a flag which is set when-
ever the computer knows the orientation of the IMU stablc member
with respect to the Basic Reference Coordinate System and im -
plies that the computer has the correct matrix REFSMMAT
for transforming vectors from the Basic Refcrence Coordinate
System to the Stable Member Coordinate System. Since
REFSMMAT should be set only if the IMU is on and at a known
orientation, its presence at the start of an alignment program
generally implies that the IMU has previously been aligned
and has remained on until the start of the present alignment.
However, it is possible that the correct REFSMMAT could have
been determined on the earth in one of the backup situations
described later and entered into the LGC without a previous align-
ment having been made with the Lunar Surface Alignment Program

since the time the IMU was turned on.

The logic diagram in Fig. 6.2- ! presents most of the
essential features of the L.unar Surface Alignment Program eX-
cept for the steps performed at the beginning of the program
such as checking the status of certain flags, sclecting the align-
ment option, and selecting the desired IMU orientation by specify-
ing the time T (L). Sufficient details are given on these pre-
liminary steps in program P-57 of Section 4. As scen in
Fig. 6.2-1, the various options are integrated =0 that they

share certain common operations.

5.6-11



Option 11 Options 1, 10, 42

- - ‘\ Y e
< T REESMELAG Yo
Tt

T -

L

Titermine 1 N atttude (n reference
ared v flved conrdinates and

. AL LTI tore Litter ~etattitade flag.
o — - »
_HLAG set . S A
" Yea

Determine 1M attitude
in reference coordinaten

Caleulate destred MU anglen
using attitude

=7 Anples Coarae align

-~ Nn 7
o o to angles

o L
]

]

e o
play disioed gy ]

Calculate und Gy
to -
Astronaut Iee I_.

PROCTED

HECYCLE

e
—— -y
Yorque gyvros through desired angles
A T vem
<77 Option 10 e b A e
No T e

[ Stare new HEFSMMAT ]

[ reset Recyete riag ] ANDSET REVSMELAG

[BASN]
- Les

- . Opt W -
L mion -

e

-

L »

Det

= Reeyele b 1bi'»

. set

a

Gravity Vector
rremanalinon Houline

Misplay a
any previ

ngle helween present and
ously sinred gravity tor|

Sight on
twe stars

E» Star Data Tent

EXIT JERMINATE . “A;;;:nam Decision

PROCIFD]L o

~ Yen

Option 1]

Star lmta Test
between star axi

wtored gravity veators

Csalculste deajred gyro
torquing angles uring
gravity ant star vectors

Calculate desired gyro
torquing angles using
mMored gravity and

ILM 7. -axis veciora

Calculate desired gyro
torquing angles uaing
two star vectors

] |

{ Maplay torguing angles |

RECYCLFE

Astronaut Decision
PROCEFED

<Z

Calculate deaired IMI! angles
and coarae align to angles

No

rTorque Zyros through desired wlel] [Torque gyros 1o dealred IMU angles r

Iy
]

Store new REFSMMAT
and set REFSMFLAG

Recycle Flag
ret

No

and set Attitude Flag

l

Vo

Store LM attitude ]

Lunar Surface Alignment Program
5.6-12

Figure 6. 2-1



5.6.2.2.2 Option 10 - Anytime Alignment

Option 10 is selected by the astronaut if he wants the
IMU to be driven to the desired orientation using only the stored
LM attitude or the present REFSMMAT. This option provides a
quick means of alignment for emergency launch in case there is
no time to perform the alignment by other means, 1f neither the
Attitude flag or the REFSMFLAG is set at the beginning of this
option, it is seen in program P-57 of Section 4 that a program
alarm is issued. The alignment is accomplished by calculating
the desired IMU gimbal angles using the stored LM attitude or
ihe present REFSMMAT and aligning the IMU to these angles by
driving the IMU gimbals (coarse alignment) and/ or torquing
the gyros. In Fig. é.z—l it is seen that the astronaut may re-
peat the gyro torquing process if he so desires. After complet-
ing the alignment, the new REFSMMAT is stored and REFSMEFLAG

is set,

To calculate the desired gimbal angles in Option 10,

the unit vectors EXREF’ P—YREF' and EZREF defining the orien-

tation of the LM attitude axes (i.e. navigation base axes) with
respect to the reference coordinate system are first determined

using the stored LM attitude vectors (EYMF and EZMF) in moon-

fixed coordinates, or the present REFSMMAT.

If REFSMFLAG is set, the above I.LM attitude vectors
are obtained from the present REFSMMAT as indicated in

Eq. (6.2.4). In addition, the LM attitude vectors UoRER “ZREF
are used to establish new stored LM attitude vectors (uY’\'IF and
—_— n 1

HZMF) in moon-fixed coordinates by use of the Planetary Incrtial

Orientation Routine,

5.6-13



If REFSMFLAG is not set at the beginning of Option
10, but the Attitude flag is, the desired LM attitude vectors
and u are obtained from the stored LM attitude

UYREF U7 REF

vectors Uy MF and U, M with the Planetary Inertial Orienta-

tion Routine, and Uy REF is as follows:

UXREF - YYREF ~ YZREF (6.2.5)

With vectors EXREF’ l—lYREF’ EZREF’ and those de-
fining the desired orientation of the stable member with respect
to the reference coordinate system, the routinc CALCGA of
Section 5.6.3.2.2 may be used to obtain the desired gimbal

angles,

The desired gyro torquing angles in Option 10 are
determined with the routine CALCGTA of Section 5,6.3.2.3
where the inputs o this routine are the vectors iD’ yD, and ZD

which may be obtained from the following matrix:

g I IVHEFSMMAT]D [NBSM] [REFNB] T
L

(6.2.6)

where [REFSMMAT] D is the desired REFSMMAT and [REFNB]
is defined in Eq. (6.2.4).
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5.6.2.2.3 Option 30 - Total Alignment With the AOT

Option 30 is selected by the astronaul whenever a
complete alignment or realignment is to be made by sighting
on two celestial objects (usually stars) with the Alignment
Optical Telescope (AOT). No program alarm is issued when
selecting this option if the Attitude flag or REFSMFLAG is not
set, However, if either of these flags is set, the IMU is first
aligned as indicated for Option 10 in Fig. @.B-1. If neithe: of
these flags is set, the IMU stable member remains at its
present orientation and sightings are made on two stars using
the Lunar Surface Sighting Mark Routine (R-39) which is
described in Section 5.6. 3, 1.2 and in routinc R-59 of Section 4,
Afterwards, the Star Data Test Routine (R-54) of Section 4 is
used to test the angle between the unit vectors defining the
measurced directions of the two stars in the present stable mem -

ber coordinate system.

To determine the desired gyro torquing angles the

following procedure is used: L.et s, and SB be the two measured

unit star vectors in the present stable member coordinate system,

and s, and s'}'3 are the unit vectors to the corresponding star:

A
the reference coordinate system, which are obtained 1o fixed
memory. First, the unit star vectors SA and s;g with respect to
the desired stable member coordinate system are determined

from s' and s!':

A 3
sy - [REFSMMAT} b S
{62 7))
5
1 — SNT 1
sp * [REPSMMATJD_S_B



where [REFSMMATW D is the desired REFSMMAT. The vectors
4
t 1 S 4
Spv -SiB’ Sh» and ~S—B are then used by the routine AXISGEN of
Section 5.6.3.2.4 to obtain the orientations X, Y, and z of the
desired stable member axes with respect to the present stable
member coordinate system, which are required by the routine

CALCGTA in order to calculate the desired gyro torquing angles,

In Fig. {{31»1 it is seen that the gyro torquing angles
are then displayed to the astronaut so that he may make a de-
cision as to whether to set the Recycle flag or not. Afterwards,
depending on the magnitude of the torquing angles, the IMU is
aligned to the desired orientation either by torquing the gyros

or by first coarse aligning the IMU and then torquing the gyros,

If a coarse alignment is to be made, the desired
gimbal angles are calculated by the routine CALCGA using the
following input vectors: X, ¥, 2, which were previously deter-
mined and defined the orientation of the desired stable member
with respect to the present stable member coordinate system;
and x

INB’ INB’ INB’
tion base with respect to the present stable member coordinate

which define the orientation of the naviga-

system and may be obtained from the matrix [SMNB] .

If a coarse alignment is performed, the gyro torquing
angles required afterwards may be determined by the routine
CALCGTA using the vectors x, y, and z which define the orien-
tation of the desired stable member with respect to the present

stable coordinate system and are given in the following matrix:

-
E
r r
yT 1= "nBsml . [svng ] (6.2.8)
- I_ __,D |- —
T
z
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where [NBSMJD is the desired navigation base to stabl muom -
ber transformation matrix determined by using the desived

gimbal angles previously determined for coarse alignment,

After the desired alignment has been made, the new
REFSMMAT is stored, the REFSMFLAG is set, and a check is
made to see if the Recycle flag had been se¢t by the astronaut.
As seen in Fig. 6.2-1 the Recycle flag enables the astronaut to
repeat most of the alignment options. If the Recycle flag is not
set, the program terminates after determining and storing the
LM attitude vectors u and u, in moon-fixed coordinates

~YMF —~ZMF
and setting the Attitude flag.

5.6.2.2.4 Option 31 - Total Alignment Using the Gravity Vector

and the AOT

Option 31 is selected when the complete alignmaent is
to be made by determining the lunar gravity vector with the ac-
celerometers and sighting on a single celestial object with the
AOT. As will be discussed later, this option may be selected
by the astronaut if he is only interested in determining the direc-
tion of the gravity vector. No program alarm is issucd by
program P-57 when selecting this option if the Attitude rlag or
REFSMFLAG is not set,

In Fig. 6.2-1 it is seen that Option 31 does not cause
an initial IMU alignment to be made using either the proson
REFSMMAT or stored LM attitude, but starts immuodiat- . with
the Gravity Vector Determination Routine described in Section
5.6.3.3. This routine determines the dircction of the gravity

vector by monitoring the IMU accelerometers at two special
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orientations of the stable member. The output is a stored unit
vector Ug defining the direction of the lunar gravity vector in
vehicle (navigation base ) coordinates. The angle between this
vector and any previously stored gravity vector is displayed to
the astronaut so that he may judge whether there has been any
settling of the vehicle. At this point he may terminate the pro-
gram if he is only interested in obtaining the gravity vector.
However, if he is interested in making a complete IMU align-
ment, he next uses the Lunar Surface Sighting Mark Routine
(R-59) of Section 4 to sight on one star with the AQOT. The
Star Data Test Routine (R-54) is then used to check the angle
between the measured star direction and the stored gravity
vector. This angle is compared with the angle between the cor-
responding star vector and the landing site position vector in

reference coordinates,

Afterwards, the desired gyro torquing angles are cal-
culated in the same manner as is done with the unit star vectors
in Option 30 except that one of the star vectors in the present

stable member coordinate system (say EA) is actually

5, - [NBSM]EG (6.2.9)

and the corresponding star vector s'{ in the Rasic Reference

Coordinate System is

E}_\; = UNIT <L£L‘S l: '[‘(L)] (6.2.10)

where r'lig is the landing site position vector in the Basic Reference

Coordinate System at the specified time T (1.).
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The remaining steps in Option 31 arc the samce as
described for Option 30. However, it should be noted that if
the Recycle flag was set, the alignment is repeatcd without a
new gravity vector being determined by the Gravity Vector De-
termination Routine since the recycle capability is mainly pro-

vided to check on optical sightings made with the AOT.

If the astronaut had terminated this option after having
determined only the gravity vector with the Gravity Vector De-
termination Routine, this may have been done in order to imple-
ment another technique of aligning the IMU which involves having
the rendezvous radar (RR) track the CSM and transmitting the
RR and IMU CDU angles to earth via down-link. In addition,
the stored gravity vector in vehicle (or navigation base¢) coordi-
nates would have to be transmitted to the carth. It should be
noted that the gravity vector could be transmitted by voicc -link
instead of down-link in such an improbable situation since the
direction of gravity remains fixed in the navigation base coordi-
nate system as long as there is no settling of the vehicie. With
the above data and the knowledge of the positions of the CSAL and
the landing site, the present stable member oricntation with
respect to the reference coordinate system can be determined at
the earth. The associated REFSMMAT can then be voice-linked
1o the astronaut and entered into the LGC. With this REFSMMAT,

Option 10 can be used to align the IMU to the desired oricntation.
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5.6.2.2.5 Option 32 - Total Alignment Using the Gravity Vector

and the Stored LM Attitude

Option 32 is selected when the complete alignment is
to be made by using the stored LM attitude and determining the
lunar gravity vector with the accelerometers. A program alarm
is issued when selecting this option if the Attitude flag or
REFSMFLAG is not set. Initially, the IMU is aligned to the de-
sired orientation using the same procedure as in Option 10,
although this particular alignment is unnecessary. The primary
reason for using the Option 10 portion of the program is to in-
sure that the LLM attitude vectors u and u are available

“YMF ~ZMF
later if REFSMFLAG is set but the Attitude flag 1s not.

Next, the Gravity Vector Determination Routine of

Section 5.6.3.3 1s used to obtain the gravity vector Ug in
navigation base coordinates. The gyro torquing angles arc then
calculated in the same manner as is done with the unit star
vectors in Option 30 except that both of the star vectors (s, and
EB) in the present stable coordinate system do not rep