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FOREWORD N

The title of these volumes, "MIT's Role in Project Apollo", provides but a .. '
i modest nint of the enormousrange of accomplishments by the staff of this Lahboratory o
on behalf of the Apollo program, Man's rush into spaceflight during the 1960s
demanded fertile imagination, bold pragmatism, and creative extensions of existing
4 technologies in a myriad of fields, The achievements in guidance and control for
space navigation, however, are second to none for their critical impertance in the
success of this nation's manned lunar-landing program, for while powerful space

. ==

vehicles and rockets provide the environment and thrust necessary for space flight,
they are intrinsically incapable of contreolling or guiding themselves on a mission

as complicated and sophisticated as Apollo, The great achievement of this Laboratory Peon
was to supply the design for the primary hardware and software necessary to solve '
- the Apolle guidance, navigationand control problem, It is to the credit of the entire : »
| team that this hardware and software have performed so dependably throughout the -7 ‘
g Apollo program,

The quantum leap in technology nurtured by the Apollo program has been and
‘ should continue to be of immensely significant benefit to this country—socially,
i economically and in terms of its national esteem, It is the responsibility of all

T .

those who contributed to the proud achievements of Apolle to convince their
counirymen of the directions thisnation ought to follow in implem enting these newly
gained—and hard fought for—advances,

C. Stark Draper, President
Charles Stark Draper Laboratory
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ABSTRACT

This report presents the Draper Laboratory's efforts in Project APOLLO
for Optical, Radar, and Candidate Subaystems from original contract award in
mid~1861 through July 1969,

The design and development of the optical subsystems for both the APOLLO
command and lunar spacecrafi are described in Chapter I, Generally, the
chapters are written for the design engineer, i,e., design approaches, problems,
and solutions are discussed.

Chapter II discusses the evolution and current status of the radar interfaces
with the GN&C system which involved both hardware and software in a relatively
complex interrelationship.

Chapter III discusses the design and development of three candidate sub-
systems that were considered for use in APQLLQ, but which, for the reasons
stated, were not incorported into the final GN&C system. The three subsystems
discussed are the star tracker-horizon photometer, the map and data viewer
and the lunar module optical rendezvous system.
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PREFACE

M helieve this nation should commit itself to achieving the goal before this decade
is out of landing a man on the moon and returning him safely to earth," With these
words, spoken on 25 May 1961, President John Fitzgerald Kennedy stated for all
Americans the challenge of the APOLLO project. The Massachusetts Institute of
Technology Instrumentation Laboratory* was selected fo design and develop the
hardware and software of the APOLLO Guidance, Navigation and Control system
for safe and self-sufficient translunar flight, lunar landing, and return. This Final
Report describes that work — a most demanding, innovative, and rewarding task,

This report presents the Draper Laboratory's efforts in Project APOLLO from the
original contract award in mid-19861 through July 1969, The report is organized in
five volumes:

VOLUME I: PROJECT MANAGEMENT AND SYSTEMS DEVELOPMENT
VOLUME II: OPTICAL, RADAR, AND CANDIDATE SUBSYSTEMS
VOLUME ill: COMPUTER SUBSYSTEM

VOLUME IV: INERTIAL SUBSYSTEM

VOLUME V: THE SOFTWARE EFFORT

Volume I ernphasizes what was done in terms of resource allocation and systems
development and contains Appendices A and B; Volumes II through IV describe the
hardware subsystems in detail, with emphasis on the final design configurations;
Volume V fully ire::s the Laboratory's software effort. Appendix A presents
abstracts of significant research and engineering reports and theses written under
Contracts NAS 9-153 and NAS 9-4065. Appendix B is a bibliography of all such
reports and theses prepared through June 1969. This date is also the cutoff for all
discussions within this report, except for APOLLO 11 — the first manned lunar
landing and return,

A JON ANVTd DV ANTAOROHYEd

%*The Laboratory was renamed the Charles Siark Draper Laboratory in January
1970.
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CHAPTER 1
OPTIC AL SUBSYSTEMS
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The design and development of the optical subsystems for both the APOLLO command
and lunar module spacecraft are described in this chapter. Generally, the chapter
is written for ihe design engineer; i.e., opiical design approaches, problems, and
solutions are discussed.

The first sectionis asynopsis of the evolution of optical sensor design requirements
for the command module. Section 2 then describes the two major blocks of design
configurations. This is followed by the design description of the lunar module optics.
One of the major findings of the APOLLO cotical design and flight experience has
demonstrated the seriousness of the scattered light environment in space flight—such
visibility studies are the fopic of the fourth section. Problems and solutions in
materials and components are described iu the fifth section, The last section of
the chapter summarizes the analyses of the overall navigation sighting function and
principal error sources.




SECTION 1.0
g EVOLUTION OF OPTICAL SUBSYSTEM REQUIREMENTS

1,1  INITIAL DECISIONS AND REABONING

The initial requirement of the APOLLO mission was a compleie, self-contained, } :
onboard guidance and navigation capability. No ground or peripheral control of the -
spacecraft's motion was envisioned (see also Vol. 1, Chapter 1I). Thus, it was
clear that some form of inertial measurement unit (IMU), able to be erected from

within a space vehicle, would have to be designed. From the beginning of MIT/IL's

:
-
4

involvement in the design of 2 GN&C system, it was expected that the duration of

the lunar mission would necessitate that the inertial measurement unit be turned
off periodically during flight to conserve power. Aliernatively, if the inertial unit
were not turned off, gyro drifi rates would be intolerable, so that a requirement
' would exist for re-erection of the unit to the inertial coordinate frame with star
sightings.

To achieve the necescarynavigational accuracy inupdating the vehicle's state vector,
a dual line-of-sizyht (LOS) sextant observation was required. This would provide a

capability of instantaneously measuring the plane angle between two celestial objects,
anear body and star. A dual line-of-sight device would allow much higher accuracy
than could be accomplished with a single instrument used to obtain sequential sightings
referenced to the inertial measurement unit stable member through aresolver chain
and a mechanical alignment system.

1.2  APPROACHES, PROBLEMS, AND SOLUTIONS
The following section describes the evolution of the opiical subsystem (OSS) sextant
and scanning telescope designs from their initial conception through the Block II

type which was used in the manned APOLLO flights.

1,2,1 General Design Evoluiion

Early in the planning phase, several sextant designs were tried, each in an attempt ‘L;.. /’1’
to provide as much independent motion as possible for the line of sight, Each of 3

these designs had its own drawback. The first space sexiant, called Mark I, was
composed of a simple theodolite with 28-power eyepiece configured to have two




lines of sight, both movable in shaft and trunnion. A precision angle measurement
was included between the two lines of sight, The Mark [ was originally a comnbined
sextant-scanning telescope with low and high powers on a single head and two

eyepieces.

The Mark 1 design was rejected becausetwo independent lines of sight fail to alleviate
spacecraft attitude control restrictions for midcourse measurements. It was also
concluded that the low power partof the instrument was primarily a'finder" device,
having nothing in common with the high power reguirements, It was thus decided
{o design two separate instruments. One would be a scanning telescope {(SCT) and
the other a rather conventional sextant (SXT), except that one line of sight would be

immovable,

These considerations led to adesign involving a double-dove beamsplitter that would
allow one fixed line of sight to go through, and another steerable line of sight tu be
singly reflected by the double-dove. The two lines of sight would have been mutually
inverted; this was judged to be a major perceptual difficulty, It was decided to
have erect images threughout, and the double-dove sextant design was abandoned.

Landmark tracking was defined early in the design effort as a desirable instrument
function, with the scanning ielescope to be uszed for this purpose. Because NASA
required a fail-safe backup manual control, manual drives and angle readouts were
placed on the telescope. With these drives, the telescope could be aimed in a known
direction {with respect tothe body axes) and thus the inertial measurement unit aligned
even in the case of complete optical subsystem failure,

On the Block I-0 optical subsystem, a fixed polarizer on the beamsplitier and a
manually moved polarizer in the eyepiece of the sextant would allow varial.e
attenuation of the landmark line of sight (LLOS) without influencing the star line of
sight (SLOS). This approach was dropped after testing indicated the polarizer might
not meet some of the severe thermal requirenients,

Also at the Block 1-0 stage, a submode was installed to allow the optical axis of the
telescope to be offset from the sextant landmark line of sight by 25 degrees. This
offset field allowed acquisition of stars by the telescope over the entire available
field of view without losing sight of the landmark image in the sextant during

star-landmark navigation measurements.

The next major change in the optical subsystem oceurred in the Block 1100 design.
A star tracker-horizon photometer was incorporated into the optics. The optical
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unit assembly was modified, incorporating 0.8-inch aperture systems that used tuning
forks for light modulation and a rhotomultiplier as the sensing element, The tracker
was to lock onto a star using an articulating index mirror, which was integral with
the sextant siar line of sight. The harizon-photometer line of sight was steered
manually with the minimum impulse controller, using the scanning telescope as a
visual reference of the horizon.

Problems arose in the development of peripheral packaging for the tracker-
photometer. Because of general difficuliies in agssembly, schedules, and cost, the
device was deleted at the Block 1T assembly stage, although dummy electronic modules
remained. A more detailed treatment of the development of the tracker-photometer
is presented in Chapter III, Candidate Subsystems, Section 2.0,

1,2.2 Environmental Problems

The original environmental specifications {(circa 1962) were based on the worst
imaginable guided missile environment, based on extrapolation from booster rocket
experience, Though these excessively severe specifications were modified after
approximately four years, the original design work was done under the constraints
of the earlier environmental specifications.

The navigation base (NB) throughout the Block I optical subsystem design was
constructed of beryllium and was shockmounted to protect the optics from launch
thrusts. Once out of the atmosphere, the 5-psi differential between operational
cabin pressure ari the vacuum in space would have resulted in approximately 800
b of cutward force on the optical subsystem, thus loading up the shockmounts, In
the Block II design, the new navigation base incorporated an aluminum shell filled
with rigid foam and was hard-mounted to the spacecraft structure. A flexible seal
was emrployed around the optics separating cabin and space environment.

The vehicle and environmental specifications made it likely that a large amount of
moisture condensation would form on the lens elements. To preclude the possibility
of this condition, heaters were added tothe eyepiece to ensure that the lenses remained
above ambient temperature. Because the early environment:l specifications were
sorigid and because athermal model wasnot originally defined, spaces were provided
in the base of the optics for a coolant system. This system was never used since
the actual thermal environment was not as gsevere as envisioned.

The protective doors over the optics were typical moior-powered airframe doors
with a backup manual drive. Afier installation on the first vehicle, it was found by
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the spacecraft manufacturer that these doors would not meet the design requirements.
The door design was deleted, making necessary the placement of ablative thermal
shielding for atmospheric reentry on the optical subsystem. Another company was
subcontiracted by NASA to design a thermal shield for the optics.

P TP T S T SUL L T PRy ary

1.2.3 Eyepiece Problems S

The optical subsystem originally included a three-power eyepiece, NASA decided
to delete this featuresince the low power telescope optics were to be used primarily L
in a finder meode, and little advantage could be seen for any magnification. The

Block T and II subsystems were therefore designed with a one-power eyepiece,

Long-relief eyepieces were at one time considered as an interface technique between
the helmeted astronaut and the optical subsystem. Helmet specifications were not i
readily available, delaying long-relief eyepiece design. Another issue involving ‘
haman engineering considerations vas that of allowing the eyepieces to be removable, |

R s Lo ah A R tad, . it

Originally, the eyepieces were screwed on in a straightforward threading operation,
They were stored in a niche and screwed to the optical unit assembly panel. This o R
arrangement was judged undesirable, however, because of operating time involved

and other considerations. A quick-release eyepiece and its mount were therefore A
designed. =

After considerable delay, space for eyepiece storage was allotted in the area vacated
by the abandoned map and data viewer., MIT/IL initiated the design of a storage
unit that was completed and manufactured by AC Electronics, i

1.2,4 Resclver Design

The earliest attempt at a precision angle-measurement device involved a worm
drive, Upon test, this device gshowed a very large cyclical tooth error. Another
approach involved a theodosyn, designed by MIT/IL. But this was a complicated,
delicate device with many fragile optical elements, and was not considered feasible

in the optical subsystem design.

A multipole resolver, designed by Bendix, had the desirable aspects of averaging
of 64 poles, requiring few mechanical tolerances, and fitting neatly into a package,
It also provided the desired accuracy, A single- and 64-speed Bendix resolver
was thus incorporated into the optical subsystem design for measurement of the :
sextant angle between the star and landmark lines of sight. ;




| N
|
1.2.5 Placement of the Optical Subsystem ; i
;
o * It was decided to place the GN&C equipment in the area of the lower equipment 1
3
bay. The optics was to be the only system, with the exception of the life support : i
. system, to penetirate the skin of the spacecraft. Care was taken not to compromise C
the pressure integrity of the cabin. - j
;«‘ | ? .
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\aaend JoR SECTION 2.0

OPTIC AL SUBSYSTEM, COMMAND MODULE
b 2.1 SUBSYSTEWM DESIGN

2.1.1 General Description j

The optical subsystem consists of an optical unit assembly (OUA), coupling data
A units (CDUs), and portions of the power and servo assembly (PSA) and guidance
and navigation indicator and control panel (GNICP). The optical subsystem,

incorporatedinto a complete GN&C system, performs twomajor functions: navigation
and inertial plaiform alignment. If the spacecraft is near a planet, navigation can :
I be performed by providing the computer with data obtained from successive angle »“j
measurements between a line of sight to a near-body landmark and a reference
direction obtained from the inertial measurement unit and “computer. When the
spacecraft is far from a planet, earth or moon, data for navigation can be obtained
from two lines of sight to celestial objects—one of which must be the earth or moon.

Optical tracking of the lunar module also permits rendezvous navigation. Alignment ‘;
is performed by providing the computer with angular data from a single line of =

sight, established by sightings on selected stars, the angular data being stored on
M ARK command and processed by the APOLLO guidance computer (AGC) to establish .
an inertial reference, .

The optical unit assembly consists of iwo servo-operated optical instruments: a
| scanning telescope and a sextant, Figures 2-1, 2-2, and 2-3 depict the scanning 4
telescope, the gextant, and the optical unit assembly, respectively, The scanning o
telescope is a unity-power, single line of sight, wide field-of-view instrument used '
for coarse target acquisition for the sextant, orbital tracking of the lunar module,
landmark tracking, and general viewing, The sextant is a high magnification
(28-power), dual line-of-sight instrument used for accurate angular measurements,

Each instrument has two degrees of rotational freedom, around both the shaft and
trunnion axes. Rotation about the shaft axis, which is fixed with respect to the
spacecraft, defines a shaft angle (AS). Rotation about the trunnion axis, which is
perpendicular to and rotates with ihe shaft axis, defines a trunnion angle (AT). Of
the two sextant lines of sight, one is fixed parallel to the shaft axis, and the other
is movable (articulating) and can be positioned with respect to the fixed line of
sight by rotations of the shaft and trunnion axes. Figure 2-4 is a simplified optical
. schematic of the optical unit showing the optical axes and line-of-sight geometry.
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The optical subsystem allows the navigator to sight celestial and/or planetary
reference objects in the field of view of the optical instruments, to position the
reference objects in the field of view by means of the servo controls in order to
make precision angular measurements, and to initiate a MARK command, causing
the computer to record the angles via the coupling data unit, The optical unit is
mounted on the navigation base to maintain the optics shaft axs in the required
relationship to the coordinate frame of the inertial measurement unit, The sServo
centrols are in the optics portion of the control panel, and the elec'ronic circuitry
associated with the optics isin the power and servo assembly. In case ~f electronic
circuitry failure, the navigator can position the scanning telescope line of sight by
means of manual drives, and read off the angles from telescope precision angle
counters (TPAC), the drives and counters being available on the telescope panel,
This backup function would enable inertial platform alignment of accuracy sufficient
to accomplish safe return of the APOLLO spacecraft to earth, However, the backup
function has been superseded by another manual optical device, the crew optical
alignment sight (COAS).

Optical line-of-sight motion is about two right-hand oriiogonal sets of axes. One
set rotates with shaft rotation while the other set rotates with the trunnion rotation
of both the sextant and telescope. The articulating, or star line of sight, angle is
twice the trunnion axis rotation angle because of the doubling effect of the trunnion
mirrorin the sextant and the double-dove prism in the telescope. Figure 2-5 shows
the optical subsystem axes for conditions of zero rotation, rotation of the shaft
axis, and rotation of both trunnion and shaft axes.

The optical subsystem provides control of the direction of the star line of sight
with respect to the landmark line of sight, which is fixed, The astronaut can select
various modes of optics operation by positioning switches on the optics portion of
the control panel. Thesemodes are: Manual Direct, Manual Resolved, Zero Optics,
and Computer Control.

The optical subsystem in the Manual mode positions the star line of sight according
to command signals from the astronaut by way of the optics hand controller (B/C)
and Speed Selector switch on the control panel. In the Direct mode, an up or down
motion of the controller results in a positive or negative rotation of the optics trunnion
drive axis (TDA), with a corresponding motion of the star line of sight in the trunnion
direction. A right or left motion of the controller causes a positive or negative
rotation of the optics shaft drive axis (SDA), with a corresponding rotation of the
star line about the landmark line of sight. In other words, the Manual Direet mode
commands result in direct rotations of the optics trunnion drive and shaft drive

15
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axes, Inthe Manual Resolvedmode, command signals from the controller are operated
upon so that up, down, right, and left movements produce up, down, right, and left
target movement, respectively, in the field of view, or target movement in the
astronaut's X and Y coordinate system. Inaddition, apparent target rate is controlled
sothat it is directly proportional to the hand controller deflection. The Speed Selector
switch enables three maximum rates of optics trunnion and shaft drive axes rotations
for maximum deflection of the controller, depending upon the position of the Speed
Selector swiich: LO, MED, or HI. Manual mode operation is commanded by the
astronaut when he sets the optics Mode switech to Manual, and the Submode switch
to either Direct or Resolved.

The Zero Optics mode is initiated by the astronaut prior to making any optical
sightings to assure synchronization between the optical line-of-sight angles and the
computer's knowledge of these angles. The Zero Optics mode results in the closing
of optical subsystem servc loops upon themselves to drive the optics trunnion and
shaft drive axes of the optical instruments and the encoders to both mechanical and
electrical zero. The Zero Optics mode is commanded when the astronaut sets the
optics Mode switch to ZO.

The Computer mode enables automatic drive of the opties {runnion and shaft drive
axes to the desired shaft and trunnion angles as calculated by an automatic optics
routine. The computer drives the optics trunnion and shaft drive axes by generating
a series of pulses fed io the opties digital-to-analog converter (DAC). Then the
converter converts the pulse train o an analog electrical signal that drives the
optics trunnion and shafi drive axes toward the desired angles. The pulse train is
generated by bit differencing. Approximately every half-second the computer
recycles until the bit difference or position error between the desired and actual
optics trunnion and shaft drive axes position is zero., The astronaut selects the
Computer mode by positioning the optics Mode switch to CMC, This automatic aid
to the required alignment and navigational sightings has been used repeatedly in
the manned APOLLO flights to date,

In addition to the four preceding primary mode configurations, three submodes for
the telescope trunnion are available when the subsystem is in the Manual mode:
SLOS, LLOS 0 degree, and Offset 25 degrees, Wheninthe SLOS mode, the telescope
line of sight is servo-configured o be parallel to the sextant star line of sight.
When in the landmark line of sight 0 degree mode, the telescope line of sight is
fixed parallel to the sextant landmark line of sight. When in the Offget 25 degree
mode, the telescope line of sight is offset 25 degrees in trunnion, remainsg fixed at

i7



this offset angle independently of sextant star line of sight trunnion, but is servo-
configured so that the shaft drive rotations of both instruments are ideniical. This
feature provides for the largest acquisition field for the scanning telescope.

Section 2.1.2 outlines the interface characteristics common to all the optical
subsystem configurations (Block 1-0, 1-50, 1-100, and TII); the following sections
describe the differences between them.

2.1.1.1 Block I-0 Optica! Subsystemn

In the Block 1-0 optical subsystem, the optical unit assembly is the Block 0 version,
and the coupling dataunits are electromechanical assemblies. The servo configura-
tions are such that all commands to position the optical lines of sight are generated
by commanding the trunnion and shaft coupling data units to various positions. The
positioning can be commanded in three ways: two by the astronaut, with the hand
controller in the Manual mode or by selection of the Zero Optics mode; and the
third through the D/A converters in the Computer mode. The servo loop
mechanizations operatein 2 coarse/ fine resolver system for the sextant and a coarse
resolver system for the telescope. The servo loops send position information from
the coupling data units to each instrument where the opiics servomotors drive the
optics lines of sight to the positions commanded,

Anticreep protection is provided by removing the reference voltage from the coupling
data unit servomotors with microswitches in the hand controller that open at the
null or zero-control voltage position. A sextant power switch was incorporated in
this system for inhibiting the sextant servomotors by removing reference excitation
voltage, thus allowing only the telescope to be exercised in a single speed follow-up
servo configuration. NASA Dwg 1021 036 gives a complete description of the optical
subsystem, the optical unit assembly, and the various modes of operation.

The Block 1-0 optical subsystem was conceived as a learner or prototype model.
Al subsysiem components were to be designed, manufactured, tested, assembled,
and finally tested and exercised at subsystiem and system levels. Knowledge gained
from these excercises would then be used as a basis for a final design suitable for
meanned lunar flights. Because of pressure for earlier flight schedules, it was decided
to fly with a subsystem that would be available before the final design could be
produced. The unit for this first manned flight was tobe a Block 1-0 with modifications,
and was called Block 1-50.

18
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9.1,1.2 Block 1-50 Optical Subsystem

The Block I-50 optical subsystem was the same as the Block I-0 except for the
following modifications incorporated to make the Block I-0 subsystem suitable for
space flight: a single sextant reticle used in preflight testing was replaced by a
dual reticle to compensate for shift in focus when moving from an atmospheric .0 a
vacuum environment. Tachometer feed forward, firom the ghaft and trunnion coupling
data units to the telescope shaft and trunnion motor drive amplifiers, was incorporated
to reduce sarve velocity error 1o an acceptable value during lunar module tracking;
and finally, switching transients that fed erroneous angle data to the computer upon
activation of the optics Mode switch were eliminated by changing hand controller
anticreep switching from 800 Hz to direct current, and by hard-wiring the D/ A
converter output load to the optics 0-Vde supply instead of switching via the optics
Mode switch.

Figure 2-6, the functional diagram for the Block I-50 subsystem, gives the signal
flowe and the various components of the subsystem. L-1889, APQLLO Operations
Handbook, Section 2.2, gives acomplete description of the optical subsystem, optical
unit assembly, and various modes of operation,

9.1.1.3 Block I-100 Optical Subsystem

In the Block I-100 subsystem, the optical unit assembly is the Block II version and
the coupling dataunits are electiromechanical assemblies. The servo configurations
are such that all commands to position the optical lines of sightare generated through
the signals to the sextant electronics and thus to its servomotors. The servo loop
mechanizations operateir a coarse/fine resolver system for the coupling data units
and a coarse resolver system for the telescope. With information sent from the
sextant shaft and trunnion by the servo loops, the coupling dataunit and the telescope
servomotors drive the coupling dataunit readouts and the line of sight to the position
commanded by the sexiant.

A major change iu the Rlock I-100 design was the addition of a tracker-photometer
1o the Block II optical unit. The star tracker is an electro-aoptical device that, in
conjunction with the associated electronics of the optical subsystem, maintains
automatic star lock-on after the astronaut or the automatic optics routine acquires
a star. With this lock-on capability, automatic inertial measurementunit realignment
ig possible. Error signals generated in the star tracker electronics control the
sextant star line of sight by driving the trunnion and shaft servomotors (see Chapter
[[IC andidate Subsystems).
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Designed in conjunction with the star tracker, the horizon photometer is an
electro-optical device that senses horizon radiz.ace. It locates a relatively fixed
altitude above the earth, within plus or minus 1 kilometer, by sensing the aliitude
where the horizon radiance is 50 percent of peak value. To operate the photometer,
the astronaut acgquires a preselected star in the telescope (Acquisition mode) and
switches the star tracker to ON, at which point the tracker drives the sextant trunnion
and shaft to irack the selected star. The astronaut then maneuvers the spacecrafi
so that the horizon line of sight scans the earth's horizon in a plane normal to the
earth's horizon that contains the tracked star; the scan direction is from the earth
to space. The photometer, sensing the horizon radiance, monitors and stores the
maximum intensity, and issues an automatic MARK to the computer when the horizon
radiance becomes 50 percent of the measured peak value. At the time of MARK,
the computer records the angle between the star and the earth's horizoen. This
angle is a precision measurement used by the computer in deriving improved
estimates of spacecraft state vector.

Figure 2-7, the functional diagram for the Block I-100 optical subsystem, gives the
signal flows and the various components of the system,

2.1.1.4 Block IT Optical Subsystem

The Block 1T optical subsystem design is the same as the Block 1-100 except for
the removal of the tracker-photometer optical and electronic componenis, and for
the replacement of the electromechanical coupling dataunits by an electronic coupling
data unit (ECDU). The tracker-photometer modules in the optical unit assembly
were replaced by dummy modules. Wiring for these instruments currently remains
in the power and servo assembly. Figure 2.8, the functional diagram for the Block
IToptical subsystem, givesthe signal flows and various components of the subsystem,

2.1.2 Interfaces

There are no operational interfaces of the optical subsystem which are external to
the primary GN&C svstem except for direct visual sightings made by the astronaut
with the optical instruments. Optical subsystem interfaces with the GN&C system
are as follows;

1. The electronic coupling data unit in Block Ii enables optics angle data

to be presented fo the computer and ocptics position commands to be
delivereu to the optical subsystem.
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2. The coupling data uniis, in all optical subsystems other than Block 11,
in conjunction with the encoder and D/A converter electronics in the
power and servo assembly, enable the optics angle data to be presented
to the computer and optics position commands to be delivered to the
optice from the computer.

3. The GN&C control power is the man-machine interface with which the
astreonaut selects and controls the various operating modes of the optical
subsystem.

4, The navigation base provides the mounting surfaces for both the optical

unit and the inertial measurement unit. The navigation base contains
precision-machined mounting surfaces so that the plane of the inertial
measurement unit mounting surface is precisely located with respect
to the plane of the optics unit assembly mounting surface, and provides
a rigid correspondence between the operational axes of the inertial
measurement unii and the optical unit,

5. The power and servo assembly contains the optical subsystem electronic

hardware,

2.1.3 Optical Unit Assembly Design Evaluation Program

The design evaluation effort for the optical unit was divided into three main categories:
thermal-vacuum tests, including humidity and salt spray; mechanical integrity tests,
including vibration and shock; and servo tests to check stiction and rate characteris-
tics. In the Block I test program, the tests on the optical unit were divided between
Kollsman Instrument Corporation and MIT/IL. In Block II testing, all tests were
performed at Kollsman under MIT/TL surveillance, except that special tests on the
sextant head assembly were conducted at MIT/IL to evaluate the tracker-photometer
design.

Problems that occurred during Block II testing and which did not appear in the
earlier program (see E—1978 and E-2034 for detailed iest program reports) are
listed below:

i. Shifts occurred inthe telescope objective lens assembly during vibration
tests, evidently because the lens doublets were not completely seated
as a vesull of a change in assembly techniques, The O-rings used to
center the middle doublet and {o seal the locking ring had created enough
resistance to require iterations on torquing up the ring. The optimum
technique suggested was to subject the componentis to vibration during
assembly.
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2. Relay lens locking rings became loose, aiiributable to inadequate applica-
iions of Loctite compound. This problem alsc showed up in the design
of the alignment optical telescope.

3. Shifts in the sextant index mirror were caused by debris underneath
the mirror pads. Tominimize this possibility, selectively fitted bushings
were used in the mirror mount holes to prevent the mirror from moving
around on the pads during vibration.

4, The entire sextaunt head was found susceptible to rotation within the limits
of a diamond shaped locating pin, allowing shifts of 1 or 2 arcminutes,
Tosolve this problem without removing the heads, right angle bars were
epoxied at the head-base joint to prevent rotation. The Block IImechanical
design evaluation unit was tested at MIT/IL to isolate the shift.

5. To prevent the tuning fork assembly interfaces in the tracker and
photometer designs from shifting in vibration testing, it was found
necessary to use dowel or taper pins at final assembly,

6. The most significant problem uncovered in thermal vacuum tests was
the fact that, in the presence of a thermal gradient, the index mirror
mount {sextant trunnion axis) would bow because it was unable 1o expand
along its bearing axis. Asaresuli, theindexmirror changed in {runnion

angle because of the arrangement of the mounting screws.

There were numerous other problems associated with materials selection and
qualificalion (to be discussed in a separate section), but two further areas are
discussed here: vacuum shiff in the sexiant and the radiation environment,

During early vacuum tests, a shift in sextant focus was discovered. The shift was
atiributed to the change in focal length of the T2-type objective from normal
atmospheric pressure to vacuum. As a remedy, a double reticle was conceived
with two reticle patterns: each produced on a face of a glass wafer, 0.023-inch
thick and protected with two cover glasses. The air reticle pattern was deposited
s0 that it would not be illuminated by the reticle lamps. The vacuum reticle pattern
was engraved and filled, Without the introduction of the double reticle, the instrument
would have demanded exhaustive testing in a vacuum chamber both at the factory
and in the field, a very . pensive reguirement,

The radiation hazards in space are only beginning to be appreciated by the designers
of manned spacecraft. It is only due toour uncertainty in the actual radiation levels
present that no major changes in the APOLLO hardware were effected to provide
guaranteed protection for the eguipment and the astreonauts. Specifications defined

tolerable radiation levels for the instruments. Basically, such specifications cover

25



the effects of about two weeks of solar wind exposure (mainly low energy protons
of 1-keV average energy), Van Allen belt radiation of short-term exposure (mainly
medium-energy electrons and protons), and the occurrence of one major (1 percent)
solar flare (mainly high-energy protons of about 30-MeV average energy). The
main impact on the optical systems is that ordinary glass turns brown and becomes
opaque at long exposures to radiation. Specially treated glass, such as Cerium,
offers about 100 times more resistance to browning at a small percentage sacrifice
of normal transmission, but for protection to be effective for more than three or

four weeks in space, protective covers must be provided.

Tests were performed on a Block II index mirror and dove prism for solar wind
exposures. No damage or changes were visible., Tests on samples were also made
for gamma-ray exposures to determine the levels at which the glass turned brown.
Additional tests with electron fluxes were performed by Langley Research Center
in coordination with Bellcomm personnel. Since a simulation of the solar flare
radiation (high-energy protons) was impracticable, exirapolation was necessary to
determine the response of the APOLLO optics. MIT/IL concluded that, with the
nominal specifications, the telescope dove prism and possibly the alignment optical
telescope prism may experience about 25-percent loss in transmission near the
end of a nominal lunar landing mission. Although no changes were made on the
optics in response to the radiation problem, the narrow bandpass filter for the Block
I-100 photometer was changed to a quartz substrate to improve its radiation
resistance. No degradation attributable to radiation exposure has occurred on the
APOLLO missions already flown.

2,2 PROBLEMS AND SOLUTIONS

2.2.1 Block I-0 Opiical Subsystem

Major problems became apparent during testing of the Block I-0 optical subsystem.
Several of these problems, namely servo velocity error in the telescope and optics
mode-switching transients, have already been explained (Section 2.1,1.2), The other
major problems included the following:

i Telescope shaft and trunnion position errors. Accuracy tesis of the
telescope revealed conditions in the shaft and trunnion coupling data
unit dial readouts and pulses to the computer which did not satisfy the
specifications. The position errors were found to be caused by
unbalanced loading of the coupling data unit resolvers (1/2x shaft
and 1/4x trunnion) that resulted from the connection of the Zero Optics
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two-speed switches to the resoclver sine winding with no compensation
across the cosine winding, The shaft position error was corrected by
adding a compensation resistor in the resistor and capacitor module
across the coupling data unit shaft 1/2x cosine windings, The trunnion
position error would have been corrected in the same manner, but the
new electronic components were never incorporated; a change in tray
wiring of the power and servo assembly would have been necessary
because no easily accessible location was available in which to place a
compensating resistor,

2. Sextant shaft oscillation. Subsystem testing revealed two types of sextant
shafi oscillation. Thefirst type, induced in at least one subsystem tested
when driving the sextant shaft at a low constant velocity, was due to the
combination of gear train backlash, low-load coulomb friction, and the
antibacklash spring. This oseillation was greatly reduced by tightening
up the antibacklash spring and by inc reasing load coulomb friction through
tighter engagement between the shaft drive gear and bull gear. The
second type of oscillation was caused by nonlinearities in the shaft servo
loop arising from saturation of the motor drive amplifier and the
two-speed switch. This problem was eliminated by increasing the sextant
shaft tachometer feedback and reducing the amplifier forward gain, thus
increasing the minor loop damping while maintaining the A/ at nearly
the original value,

2.2.2 Block I-50 Optical Subsystem

The problems and solutions with the Block I-50 optical subsystem were similar to
those that were corrected in the Block I-0 design and already explained in Section
2.1.1,2,  An additicnal problem, which could have caused complete failure of the
subgystem (both Block I-0 and I-50) had the subsystem been used for extended
operation in 2 manned flight, was with the sextant and telescope servo drive motors.
If the optics were operated in aspace environment, the motor rotors would overheat,
expand, and tend to bind. Also, the high iemperature affected the tachometer
characteristic and tended to change the servo loop performance, The Block I-100
subsystem was designed with improved (Black IT) servo drive motors as well as
improved star tracker-horizon photometer circuitry. The new motors also had
higher torque outputs and better temperature operating characteristics that improved
servo performance of the Block I-100 and II optical subsystems.

2.2.3 Block 1-100 Design

As noted previously, one of the major changes in the Block I-100 design was the
servo configuration whereby the coupling data units and the telescope followed the
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sextant. The Block I-0 unit had an insufficient torque-to-inertia ratio and would
have been unable to follow the sextant position at its highest drive rates. Thus, a
Block 1-100 optics coupling data unit design was required to have increased
accelerating and synchronizing capabilities in order to follow the motions of the
sextant. To achieve this, the Block I-0 units were modified by replacing the servo
drive motors with the Block II optical unit motors and removing the flywheel, thus
creating Block 1-100 optics coupling data units. The Block I[-100 motor drive
amplifiers were thus designed to optimize the servo performance of all elements
of the subsystem, and changes were riade to Block 1-0 and I-50 electronics
(resolver-drive amplifier, cosecant amplifier, and two-speed switch) for noise
suppression and more linear operation. These changes did not result from flight
problems but were effected to optimize the design based upon deficiencies noted in
the previous subsystems tested. No optics problems were encountered during testing
of the Block I-100 configurations, though several out-of-specification conditions
occurred that were caused by anomalies existing at the component level. These
are fully described in AC Electronics Division document XDE34-T-55. Schedule
and cost difficulties combined to cause removal of the star tracker and horizon
photometer prior to design evaluation testing.

2.2.4 Block IT Design

Several problems became apparent during testing of the first few Block Ii optical
subsysiems, all involving image motion in the sextant field of view under conditions
when no motion should have occurred. The problems were the result of the attempt
to control image motions in the subsystem at low-level slew rates and at standstill,
Specifically, the problems were the following:

1, Image creep due to hand controller and motor-tachometer voltage. The
Block 11 subsystem was mechanized with anticreep protection to prevent
undesirable random image motion due to controller and motor-tachometer
residual voltages present when the controller is returned to mechanical
null. The anticreep protection was obtained by controlling the B+ voliage
to the sextant drive amplifiers, using the controller output voltage to
regulate the anticreep electronics, which in turn applied or removed
the B+ to or from the amplifiers. The anticreep electironics contained
a time delay of approximately 0.3 sec that maintained the B+ voltage 1o
the amplifiers after removal of the hand controller signal, and thus
allowed tachometer feedback to stop any sextant line-of-sight motion
after the controller was returned to its neutral or null position, With
the B+ voliage removed from the amplifiers, ihe gsextant servo loops
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were deenergized and, theoretically, the unwanted image motions would
have been inhibited. However, with the system in 2 deenergized state,
unwanted image motion was found fo occur because of insidious torques,
mechanical imbalances, and electrical anomalies.

2. Image hop. Upon reapplicaution of B+ voltage to the sextant motor drive
amplifiers, an electrical tr ansient resulted in a jump motion of the sextant
jines of sight. This problem was eliminated by rewiring so that only
the power output stage of the amplifiers had the B+ voltage controlled;
the remainder had a constant B+ supply.

3. Shaft residual image motion; trunnion drag and motor reverse drive by
antibacklash spring. After opening of the shaft servo loop by the anticreep
circuit, an image motion caused by a sextant shaft rotation was noted.
This was caused by torque supplied by the flex-print wiring of the sextant.
Investigation of this problem revealed a hesitation of the image motion
(trunnion drag) for low rate constant trunnion commands, This was
caused by torque supplied by the trunnion resolver lead wires overcoming
the trunnion dead zone takeup spring torque. No easy solution was
available for the shaft residual image motion, but the trunnion drag could
be removed by increasing the dead zone takeup spring torque, Increasing
this spring torque could, however, cause the spring to drive the trunnion
when the anticreep circuitry opened the trunnicn servo loop.

4, Image creep resulting from motor single phasing and from motor drive
amplifier feedthrough. These problems were both encountered on the
sextant trunnion, With the anticreep circuitry opening the trunnion servo
loop and thevery low friction of the trunnion gear train, trunnion motion
could occur because of the motor control winding source impedance
(single phasing) and/or residual voltages present in the motor drive
amplifier (feedthrough).

All the above problems, execpt for trunnion drag, were associated with the anticreep
protection, while the trunnion drag could be corrected if there were no anticreep
protection. The final solution was to remove the anticreep electronics from the
power servo and to increase the trunnion dead zone spring torque. Image motions
due to the hand controller and tachometer residual voltages are present in the Block
1I design, but have been found tobe within acceptable limits for the various subsystems
which were produced.

9.3 FLIGHT EXPERIENCE, COMMAND MODULE

Of the optical units flown on the first 11 AFOLLO flights, only one experienced
mechanical failure, During the APOLLO 9 mission, a pin in the telescope shaft
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angle counter became loosened, floated around inside the optical unit base, and finally
lodged itself between the elements of the ghaft resolver split gear, The telescope
was thus made unusable for nominal landmark-tracking. Because the opera-
tion of the sectant was unaffected, missior success and safety were not comp-

romised,

Allinertial measurement unit alignments and realignments attempted with the optical
subsystems on all manned APOLLO flights have been successfully completed.
Typically, the sighting measurement error, defined as the difference between the
known angular separation between the two stars sighted versus the measured
separation, was 0, 012 degree, or less. Flight experience to date, in using the optics

for navigational sightings, is gummarized in Sectinn 6 of this report.

2.4 ERROR ANALYSIS

In the Block II GN&C system, the optical subsystem interfaces with the computer
through the electronic coupling data unit. In operation, the computer reads the
positions of the telescope and sextant optical lines of sight by summing the pulses
received from the two optics channels of the coupling data unit. The data unit
generates pulses, the granularity being approximately equal to 10 arcseconds for
the trunnion angle and 40 arcseconds for the shaft angle. Since these pulses are
the main interface between the optics and the computer, this section shows the static
accuracy of all the optical subsystems tested, The raw data used in the accuracy
calibrations can be found in AC Electronics APOLLO Engineering Memorandum
AP-M 12001 (Revision G), OS5 Test Results for Block II Sysiems.

Fourteen separate optical subsystems were tested. The following are the average
static accuracy results, expressed as one-sigma values:

1, Sextant trunnieon angle: 12.9 arcseconds
2. Telescope trunnion angle: 162 arcseconds
3. Sextant shaft angle: 28.4 arcseconds
4, Telescope shaft angle: 116,4 arcseconds

2.5 DESIGN CRITIQUE OF THE BLOCK 1I OPTICAL SUBSYSTEM

The following critique constitutes a number of conclusions and recommendations
as a result of operational analysis of the Block II optical subsystem configuration.
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1. Automatic Senscrs

During the return from the moon, it is difficult to find suitable earth landmarks for .
visual sightings. The earth's horizon provides a suitable navigation reference.
The horizon-photometer permits an accurate determination of the horizon reference
attitude, which is several times better than can be done manually. The photometer

would also permit onboard earth reference during unmanned flights.

The star tracker would be a considerable aid to the astronaut during navigation
measurements. During unmanned flights it would permit automatic onboard naviga-
tion and automatic inertial measurement unit realignment,

2. Optics Control System Design

Residual torques in optical unit components (flex-print, resolver leads, etc) caused
subsystem problems by moving the lines of sight when no input commands have
been applied to the servos. An increase in friction load of the sextant gear trains

should eliminate this kind of problem.

Error sensing feed forward from the sextant to telescope would minimize accelera-

tion errors during high rate tracking tasks with the telescope.

3. Optical Design

A factor-of-three improvementin the telescope resclution can be realized by optimal
optical design. The present design fulfills APOLLO requirements, but the resolution
improvement would also improve light transmission and light scatter characteristics.
4. Mechanical Design

An optics protective door would improve optical subsystem performance, reliability,
and durability. The door should be designed as an integral part of the subsystem

to maximize its performance in conjunction with the optics.

More extensive purging and sealing of optics subsystems are desirable, Greater

careis required to reduce the problem of dust accumulation zlong the oplical puins,

The general utility of the optics as anavigation {ool is somewhat limited u¥ scattered

light and reduced field of view. The optics baffling and spacecraft structure should

be redesigned with more emphasis on visibilty requirements.
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SECTION 3.0
LUNAR MODULE OPTICS, ALIGNMENT OPTICAL TELESCOPE

3.1 DESIGN REQUIREMENTS AND FUNCTIONAL DESCRIPTION
3.1.1 Requirementis

The alignment optical telescope originated from the need for a method of alighing
the inertial measurement unit onboard the lunar module. Since navigational tasks
were assigned primarily to the radar systems, the sole task of the telescope was
to make star sightings accurate to about 1 mrad. Because of its single important
function, the simplest practicable designwas impleménted; i.e., having no electronic
components or interfaces, except for reticle illumination.

Astronauts on the lunar surface must be able to identify stars for inertial measurement
unit alignment or realignment. The optical telescope therefore requires a large
field of view (60 degrees) for pattern recognition with high transmission. Another
requirement, protection from the adverse scatiered light environment, was not
achieved until late in the program because of changesin both hardware and concepts
of star identifiability. Since the axis of the telescope had to be located vertically,
a periscopic designwas adopted. Optical and mechanical schematics are presented
in Figures 3-1 and 3-2.

MIT/IL checked and verified the optical performance of the alignment optical
telescope. (The optics were designed by Kollsman Instrument Corporation,) The
telescope is of unity magnification and, with high efficiency antirefleclion coatings,
achieves about 60-percent luminous transmission. The design includes the use of
an aspherical first lens {(fourth-order correction) for control of pupil location. A
spiral reticle pattern provides readout capability; both the rotational and radial
position of atarget can be determined by one degree of freedom (i.e., reticle rotation).
An angle counter, located on the recticle drive shaft, provides mechanical readout
readable to 0.01 degree. For in-flight inertial measurement unit realignments,
stars cross the rectilinear pattern of the reticle as a result of spacecraft motion,

(Figure 3~3a and b depicts the principles of measurement. )

BRICEDING PAGE BLANK NOT FILMED
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Fig, 3-3a Depicts the Principles of Measurement

Zero Reference

Fig. 3-3b Depicts the Principles of Measurement
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3.1,2 Puntional Description

As maybe visualized in Figure 3-3a, the lunar-surface, star-position measurement
technique utilizes a polar coordinate systemn, where the radial angle is obtained by
use of a double Archemedean spiral.

Superimposition of the star and the double radial reticle provides a direci shaft
angle measurement (phi in the figure) when the angle counter geared to the reticle
rotation is read. Subsequent rotation of the reticle to superimpose a star between
the double spiral yields an angle difference (sigma) analogous to trunnion angle
simply by:

frunnion = 360 - (6 - ¢)

12
where: ¢ = rotation to radial reticle
8 = the total rotation fo spiral crossing
30 _ 1/12 = proportionality constant; i.e., spiral tracks from zero
360 ~ trunnion to 30-degree field rotation in 360-degree counter
rotation

The onboard computer determines unambiguous star position in the field of view,
relative to the center, by use of the above equation, the angles inserted by the
astronaut, and by a time mark through a pushbutton command. (Since the moon
rotates in inertial space, and sinecethe iwo angle measurements are not simultaneous,
and because the two star sightings needed for realignment are not simultaneous,
care is taken to optimize the sighting mark schedule.)

The azimuth and elevation angles of the center of the telescope field, referred to
the navigation base coordinate frame, are stored in the computer. Therefore, each
star position in atwo-star sighting sequence is known and the present-versus-desired
stable member orientation can be determined for inertial measurement unit alignment
or realignment.

There are six viewing detents that provide for rotation of the field about the
longitudinal axis of the telescope to known sighting positions referred tothe navigation
base coordinates, The locus of the line described by the center of the field in this
rotation is a line of constant latitude nominally inclined 45 degrees to the Y-Z plane
of the navigation base and lunar module spacecraft, Measured in this plane, the
viewing positions are separated by 60 degrees. In the forward detent the center of
the telescope field lies nominally in the X-Z plane of the craft.
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The forward detect position is normally used for inflight sightings. An auto-
matic spacecraft maneuver places the selected target star near the center
of the field, Thereafier, minimum-impulse attitude commands by a hand controller
cause the farget to ngpparently cross the X-X (horizontal) and Y-V (vertical) reticle
lines. The X-Y mark pairs (recorded inertial measurement unit gimbal angles)
provide a pointing vector in the basic inertial reference frame; multiple mark pairs
provide the required accuracy for each vector and two-star sighting sequences permit
inertial measurement unit realignment. After the stable member realignment, an
automatic spacecrafi maneuver to point the telescope reticle center at a third star
yields assurance, if need be, that the realignment was not erronecus,

3.2 PROBLEMS AND SOLUTIONS

During the course of the alignment optical telescope design evaluation progrem,
several important problems were revealed, The most significant follow:

i, Because the second focal plane of the telescope was tobe used for off-axis
measurements, all optical elements in advance of the reticle had to be
stabilized against cross-axis mechanical shifts of a few ten-thousandths
of aninch, Ullimately, the only means of accomplishing this stabilization
inveolved epoxying all lens elemonts in their respective housings and
taper-pinning all mechanical interfaces, A detailed discussion of the
extensive evaluation asgociated with this problem can be found in reports
E-1978 and E-2034,

2. The shift of focus at the second focal plane from air to vacuum conditions
amounted to 0.025 inch (0.4 diopter), an amount sufficient to introduce
significant parallax errors. Tosolvethis problem, the alignment optical
telescope had to be focused and aligned under simulated vacuum condi-
tions. Because provisions for evacuating the inner tube of the telescope
werenot readily available at the APOLLO field sites, special techniques
had to be established for testing purposes. If the telescope were
subjected to excessive siress before flight deployment, it would require
return f{o the manufacturer to be checked for all possible deviations
from specification,

3. Another major source of parallax-related error occurs because the focal
surface is curved, while the reticle iz flai, Because star images are
not coincident everywhere with the sharpest recticle image, movement
of the eye across the exit pupil creaies a relative motion between star
andreticle, Tominimize this effect, the focus was designed to be optimum
halfway out in the field, and sightings within 5 degrees of the edge of
the field of view were not recommended.
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4, To provide beiter coverage of the celestial sphere, the telescope has
six detented viewing positions about the axis of the tube. At {irst, only
the three forward positions were to e used (the three rear positions
were obstructed by a protective cap); thus, accurate coordinates for
the centers of only the forward fields of view were cetermined by optical
measurement on a precision fixture. The test fixiu -es lacked the ability
of testing the rear detent positions, since this was rot an original design
requirement, With the replacement of the protecti: e cap by a scattered
light shield, the rear postions could be of use; a muthematical technique
was devised to calculate the rear detent coordinat:'s on the basis of the
three forward positions.

5. At about the midpoint of #he telescope production schedule, a serious
scattered light problem was revealed in {ests simulating the operation
of the instrument on the lunar surface in sunlight, The rendezvous radar
gyro packag nssembly in front of the telescope had been painted white,
thereby incre. sing to intolerable levels the amount of stray light hitting
the telescope head prism. Also, NASA{MSC engi:eers and astronauts
had established a threshold visibility requirement ensuring perception
of fourth-magnitude stars, a magnitude fainter tha. MIT/IL's criterion.
To correct these problems, a conical sun shace was designed and

implemented to provide the required shielding froi 1 sunlight.
3.5 FLIGHT EXPERIENCE, LUNAR MODULE (AOT)

Although no explicit mechanical failure has been revealed in the flight operation 7
the telescope, the extrapolated accuracies of inertial measurem antunit realignments
placed some doubts upon the performance characteristics of 11e telescope prior to
the APOLLO 12 mission. Sincemost of the erroy budget is at'ributed to observer
(parallax) error, additional experience with observational tecl 1iques was needed to
reduce inflight errors. The outstanding pinpoint landing of A! 'OLLO 12-—prepared
for by a very accurate inflight realignment preparatory to the thrusting maneuvers
—indicated that the instrumen: could be used to the limit o its intended design
accuracy. Moreover, post-flight analyses of inertial measurer.ent unit realignment
data made on the lunar surface with the telescope were within the specified accuracy
limits (ref. MIT/IL 235 memo 70-15, 3 March 1970).

3.4 ERROR ANAILYSIS

A detailed RMS analysis of alignment opiical telescope-inertial measurement unit
alignment accuracies was performed to ascertain the degree o which the guidance
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and navigation sysiem satisfied specifications. Error sources were separated into
twn groups: alignment (fixed) errors and random {variable) errors, Because of
relatively large parallax (random) errors, especially in lunar surface realignments,
it is beneficial to require multiple readings on stars. In fact, in the case of lunar
surface realignments, two or more sets of readings are required fo satisfy the
specification (2 mrad, 3 sigma per inertial measurement unit axis). Tables 3-1
and 3-II demonstrate the effects of multiple readings,

3.5 CRITIQUE

The sole significant area critical to the design of the alispament optical telescope
was the requirement for accurate off-axis measurement. Inthe future, if a wide-angle
telescope is employed for angle measurement, it should have two degrees of freedom,
allewing marks to be made in the center of the field of view,
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TABLE 3-1
INFLIGHT ALIGNMENT ERRORS

INFLIGHT ALIGNMENT ERRORS 1o
NO. OF SIGHTINGS

OVERALL 3d IMU ALIGNMENT ERROR ERROR PER AXIS

PER STAR
153 sec 89 sec 1
114 sec 66 sac 3
108 sec 62 sec 4
99 sec 57 sec 7
3o (per axis) = 1.3 mils far n =1; ¥ mil for n = 3. ;‘

NO. OF SIGHTINGS

OVERALL 3d ERROR TRANSMITTED TO AGS ERROR PER AXIS

PER STAR
161 sec 93 sec 1
125 sec 12 sec 3
119 sec 69 sec 4
111 sec 64 sec. 1

3¢ (per axis)=l.4milsforn=1; L.l milsfor n = 3.

TABLE 3~II
LUNAR SURFACE ALIGNMENT ERRORS

LUNAR SURFACE ALIGNMENT ERRORS lo
NO. OF SIGHTINGS

OVERALL 3d [MU ALIGNMENT ERROR ERROR PER AXIS “PERSTAR (]
258 sec 150 sec 1
167 sec 97 sec 3
152 sec 88 sec 4
130 sec 75 sec 7

3o {per axist = 2.2 mils far n = 1; 1.4 mils for n = 3.

NO. OF SIGHTINGS

OVERALL 3d ERROR TRANSMITTED T0 AGS ERROR PER AX|S —PERSTAR (M)
263 sec 152 sec 1
175 sec 100 3
160 sec 93 stC 4
140 sec 81 sec 1

3¢ (per axis) = 2.3 mils for n = 1; 1.5 mils for n = 3.
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SECTION 4.0
VISIBILITY STUDIES

41 INTRODUCTION

The chief optical problem in space navigation is to be able to see and/or track a
star of magnitude +3 or +4 in the presence of another star {the sun) some 30 magnitudes
brighter. Inmore familiar units, 30 stellar magnitudes is 120 decibels on an energy
scale; an acoustical engineer would recognize immediately the impossiblity of hearing
a faint sound near the threshold of audibility in the presence of a sound so loud as
to cause pain. Fortunately, the length of light waves is so much shorter than the
length of sound waves that the focused image of astar formed bya properly designed
optical system tends to be isolated from its surroundings. Partly for the same
reason, optical baffles are more effective than acoustical baifles. Even so, there
is always a residuum of scattered light in the field of view and MIT/IL has from
the outset been keenly aware of the deleterious effect of stray radiations.

In the designof optical systems, rays of light from a single point source are traced
through the system, whose elements are modified uniil the resulting image resembies
a noint whose minimum gize is set by diffraction. The effect of scattered light is
ignored during design procedures. Thisis expedient because as soon as the system
has been fabricated, it is a relatively simple exercise to evaluate iis performance
in the presence of extraneous sources.

The assumption that the sunis the only source of stray radiations was an oversimplifi-
cation, because a spacecraft near the earth or moon can receive almost as much
unwanted luminous power from either of these celestial bodies as from the sun
iiself. (Inirinsically, the luminance of the sun is enormously greater than the
luminance of either planet; but the solid angle subtended by the sun can be a tiny
fraction of the golid angle subtended by the earth or the moon.) Indeed, the spacecraft
itself must be regarded as an additional celestial body, and any sunlit area thereof
i¢ suspect in proportion to the solid angle that that area subtends at the window of

an onboard instrument.

The structure of the spacecraft itself has been modified i-om time to time, and

these modifications can potentially restrict the capability of the three principal optical

43



devices (scanning telescope, sextant, and optical telescope}, even when the modified
siructure lies outside the actual field of view of the instrument.

4,2 TESTS AND RESULTS

This section summarizes the tests and results that have direct bearing on the visibility
through the current configuration of the APOLLO optical subsystems, The information
can be classified in the following categories:

1, Thresholds in the absence of sources of scattered light
Visibility in the presence of scattered light from direct sunlight alone

3, Visibility in the presence of scattered light from illuminated spacecraft
structures

4, Visibility in the presence of a bright target (e.g., moon, earth) in the
field of view

8. Star-landmark and star-horizon visibility through the sextant,

In the absence of stray light, the visibility through a telescope is a function of the
light transmission, collecting ajerture, andunaided eye adaptation., Thetransmission
of the Block I sextant and scanning telescope was measured; scanning telescope
transmission runs about 30 percent, sextant star line of sight 25, landmark line of
sight 4, Sell-off requirements refer to the luminous transmission of the telescope
and both lires of sight of the sextant. Changes in the Block 1l system have increased
the telescope transmission by 10 percent and the star line of sight transmission of
the sextant by about 1% percent. As a rule, transmission can be determined very
accurately by calculation on the basis of curves for glass and coatings. The alignment
optical telescope transmission runs about 60 percent,

Lengthy tests were run with four of five subjects during 1964 to determine the liminal
stellar mapnitude observable with the unaided eye and with the scanning telescope.
The results were as follows: 6.5 magnitude (50 percent detection) threshold for
unaided eye, and 5.5 magnitude through the telescope. These results agreed very
well with predictions and the work of others. Much time was spent in verifying the
eye pupil diameter versus adaptation level curve in order to be able to approach
scattered light problems analytically. In general, the approach was to verify
experimentally some of the basic relationships between photometriec quantities and
visibility terms, then to proceed to take photomeiric data during the actual tests
and deduce the visibility limits from them. Occuasionally, a visual situation would
be set up during a specific test configuration to reinforce the evaluation technique.
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Most of the scattered light tests at MIT/IL have been concerned with sun input
alone. A good deal of the work done in late 1964 and 1965 was made inapplicable
for APOLLO because the external part of the command meodule optics was modified
significantly with the introduction of the ablative covers to replace the optics doors.
The work mainly involved mapping the plane of the scanning felescope under direct
solar illumination. The results of this work and also a summary of the threshold
studies were reported at MSC status review meetings at MIT/IL during the period
mentioned.

Work during late 1965 and early 1966 was devoted primarily to the alignment optical
telescope simulations. Most of the resulis are still applicable to the present telescaope
exceptthat a conical sunshade designmade the instrument less vulnerable to scatiered
light. The alignment optical telescope tests utilized a wooden maodel of the rendezvous
radar antenna assembly that is in front of the telescope and obstructs some of the
forward field of view, After the bulk of these tests were run, the gyro package of
the rendezvous radar assembly was painted diffuse white. As a result, the scattered
light environment was seriously changed. It was around this time that MSC decided
to engage inits own full scale alignment optical telescope-~lunar module simulations,
the results of which led to the approval of a very effective baffle which had been
recommended by MIT/IL.

Work on the Block I-100 series sextant under solar illumination was accomplished
in March 1966. From the resulis, predictions were made of sextant performance
with the ablative cover installed on the basis of the additional mechanical protection
afforded by the cover, Further simulationin 1968 on the present sextant configuration
led to final conclusions, Tests in mid-1967, reported at the August 1967 quarterly
review meeting, revealed the basic sun-angle restriction for the present scanning
telescope configuration, The ablative cover design for this instrument is, in general,
an improvement over the previous cover design, except that a region around -90
degrees shaft angle is made useless because of an overlap of the sextant crown
rim. Also, the scanning telescope is still vulnerable to lunar module structure

contact.

Because of the overriding requirements concerned with reentry ablative action, no
changes on the scanning telescope and sextant which would improve the present
visibility were possible, However, a significant change was effected in time on the
telescope cover to prevent the viewer from seeing the edge of the ablative crown

and the command module outer skin.

Realistic simulation ~f spacecraft structures which are significant scattered light
sources was possible at MIiT/IL only for the alignment optical telescope. Effects
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of both the lunar module surface around the telescope and the rendezvous radar
assembly were simulated, Initial plans were made to represent lunar module
interference with the command module optics by using a silhouette at one-fourth
scale, but the idea was dropped because it would have been difficult to justify the
results based on such a poor imitation of the shape of the lunar module, MSC
realized the difficulties in this area (mainly facility and budgetary problems) and
congtructed a life-sized model of the capsules for scattered-light testing.

Early attempts were made in 1864 to evaluate effects of bright targets in the field
of view. Resulis based on the simulations indicated that constellation recognition
was not possible in the scanning telescope when a fuil moon or a brighter target
was in the field of view. One major difficulty in simulating the earth is the large
radiant power required to provide for a target subtending 20 degrees, There is
much to be gained, with regard tofuture applications of yvisual star-finding telescopes,
by constructing a meaningful simulation of bright, extended targets in the field of
view.

Star-landmark visibility in the use of the APOLLO sextant has been the subject of
much analysis and testing at MIT/IL. The basic work associated with the choice of
the beamsplitter characteristics in the landmark line of sight v 1s accomplished
during 1964 and 1965. In brief, the goal in designing the beamsplitter was to optimize
the land-sea contrast for earth landmarks. The main subject, visibility of stars
against bright landmarks, was analyzed photometrically, Theresults of this analysis
were verified by observation and reported to MSC. For situations relevant to a
typical APOLLO mission, the sextant star-landmark visibility was found adequate.
A 3.5 magnitude or brighter star can be seen on the brightest lunar feature and a
2.5 magnitude star or brighter can be seen against a typically bright earth landmark.
No substantial previous work had been done on the use of the earth horizon visually,
mainly because an automatic horizon sensor had been provided until the Block II
design, and a problem in the availability of earth landmarks during the last half of
a transearth trajectory was not revealed until late in the program. In practice,
star-earth landmark observations are seriously hampered by cloud cever appearing
in the star line of sight.

Much work has been done by MSC personnel with an alignment optical telescope-lunar
module simulation. Such tests indicated the necessity for additional protection of
the prism from backscatter from the radar assembly. This protection took the
form of a conical shaped horn, recommended by MIT/IL and developed by MSC, to
be fastened to the telescope head prism housing. During the course of the ielescope
tests, MSC was able to verify the visibility predicted from its own photometric
readings, but, because of theunavoidable presence of backscatter from air particles,
it was difficult to perform a visual test that would satisfy the astronauis,
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SECTION 5.0
MATERIAL AND COMPONENT PROBLEMS AND SOLITIONS

5.1 BERYLLIUM FABRIC ATION TECHNIQUES

Originally, sintered blocks of beryllium were machined using conventional tools,
but difficulties were realized inthat the crystal lattice is sensitive to such techniques.
Electric discharge machining was then employed and found successful, Exireme
caution was exercisedinthe removal of material during machining since an excessive
rate of metal removal allowed the formation of compounds such as beryllium carbide,
“esulting in an uneven surface. Such surfaces can act as sites for corrosion either
by entrapping machining fluid or entrapping solvents and moisture during subsequent
cleaning operations,

The machining of screw holes appeared to be a problem area, but the use of layer
tap drills obviated any difficulties. Inserts were a problem but special tools and
techniques were developed to facilitate their fabrication.

In general, beryllium is a corrosion-resistant material, but only if the material
can be kept clean. Due toexcessive handling, some corrosion did occur and several
corrosion preveniion techniques were developed., A method for anodizing large
intricate pieces was developed, but a number of auxiliary anodes was necessary,
The final soluiion was to anodize the less iniricaie components and to paint the
outside of the opticsunit assembly base. A number of corrosion-prevention schemes
forthe inside of the base weretried with the final utilization of a passivation process
using a potassium dichromate-phosphoric acid solution forming a complex beryllium-
chromium-phosphorous compound. An integral part of this process was the prior
cleaning with oxalic acid.

5.2 MOTOR-TACHOMETER OPERATIONS IN VACUUM

Difficulties were encountered in operating motor iachometers that had been designed
for air operations. Since, in a vacuum, there is no heat transfer due to convection,
the rotor reached high temperatures and caused binding of the motor bearing and
rapid degradation of the lubricant in the bhearings. Design modifications included
blackening of the rotor drag cup to increase heat transfer, using bearings of increased
radial play to prevent binding, and adding extra lubricant to the bearings., Exireme
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care had to be taken during manufacture to prevent contamination, and tolerances
had to be sirictly controlled. The motors underwent comprehensive acceptance
tests in a thermal-vacuum environment to eliminate motors which did not conform
to the specifications. Because the rotors in the motor tachometers operated in a
high temperature environment, bearings with metal ribbon retainers had to be
employed, thus precluding the use of lubricant reservoirs.

5.3 DEVELOPMENT OF A 64-SPEED RESOLVER

Manufacturing problems made continuous liaison between contractor and vendor
mandatory. The connector potting disintegrated, necessitating a change inthe silicone
potting material fromtype RTV 11 to RTV 881, Accuracy requirements necessitated
strict dimensional tolerances on resolver and mounting. The resolver failed the
insulau.on resistance test, necessitating achange in the insulation test. The stability
of the unit was a continuing problem, as resolver shifts occurred after running in a
thermal vacuum environment., This caused further manufacturing modifications,
including dowel potiing.

5.4 BILARING LUBRICATION

Silicone oils were chosen for use as a lubricant for bearings and gears, both inside
the command module in an oxygen environment and in the optical subsystem when
exposed to avacuum environment. A methyl ¢hiorophenyl silicone fluid was utilized.
A mixture of grease and the oil was used to reduce creepage losses, The lubricant
was chosen after considering the operational and environmental factors involved,
based upon the following lubricant requirements:

1. Low viscosity and thermal coefficient of viscosity, making it suitable
for lubrication of instrument bearings over a wide temperature range
Low evaporation rate in vacuum

Stability in an oxygen environment

Low toxicity hazard

[ 320 S s B L
- e e .

Test results run by a number of organizations, including MIT/IL, on

operational life in a vacuum environment,

The evaporation rate was considered a major factor in determining if liquids and
greases would serve satisfactorily at elevated temperatures, Simulated tests were
run to determine the effects of evaporation, degradation, and dissociation.
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5.4.1 Lubricant Characteristics

Silicone oils are synthetic compounds containing the elements silicon and oxygen
as an inorganic backbone, with organic side groups substituted on the silicon along
the polymer chain. The silicone oils are of relatively short polymer size and have
few or no crosslinks,

The volatility of the silicone fluids is dependent on the viscosity or molecular weight,
and in vacuum it is primarily due to volatilization of the lower molecular-weight
polymers. The silicone oils do have a flash point but offer a greater degres of
flame resistance than domany organic lubricants, A problem with the use of silicone
fluids is that they exhibit very low surface tension with ensuing creepage problems.
The value for surface tension is lower than for most mineral oils. However, the
silicone fluids still possess some of the best viscosity-temperature characteristics
of the commercially available liquid lubricants.

The shear characteristics of an oil are important in lubricant applications, These
silicone fluids behave as Newtonian fluids up to shear rates of 10 000 secnl. This
means that the apparent viscosity under shear is independent of the shearing rate,

5.4.2 Labyrinth Seals

Labyrinth seals were utilized to reduce losses of lubricant due to the hard vacuum
environment. Simulated tests were run using narrow passages, and from these
tests it was deduced that all bearings and gears on the space ride of the optics

5

would actually operate in a soft vacuum, i.e., approximately 10" Y torr as opposed

to 10712 torr in a hard vacuum.
55 VACUUM WELDING

In a vacuum environment, once the oxide layer that is present on metal surfaces is
ruptured or an adsorbed layer is evaporated, there is no possibility of reformation.
With similar metals and metals of compatible crystal structure, welding and bonding
may occur. Some metals are less prone to weld and where possible such materials
were utilized in the design. By the use of labyrinth seals, the vacuum inside the
optical unit seal is not as severe as the vacuum outside, thus giving surface-adsorbed
layers much longer life. Silicone lubricant was added on the gear teeth to prevent
metal-to-metal contact and reduce friction.

48



5,6 LOCKING COMPOUNDS

To prevent loosening of several components during vibration, anaerobic sealing
compounds were used for locking, Surface preparation of parts is critical prior to
application of such components and a minimum amount of compound was found to

be necessary; failures below the minimum occurred during vibration tests,
5.7 OQUTGASSING PRODUCTS

The use of certain plastics (such as silicones) as gasket material caused some
concern; such plastics would exude a fluid during vacuum exposure. The problem
was overcome by vacuum-baking such materials or by changing to a fluorocarbon
gasket material that would not exude. Haze on the spacecraft windows during flight
was attributable partly to adsorbed liquid derived from the fluid used during electric
discharge machining operations, and partly to the silicone gaskets. A more efficient
cleaning operation of the optics base and a change in the gasket material solved the
problem, even though no difficulties of this origin arose in flights.

All materials used in the optical subsystem were subjected to tests for outgassing,

but supplier variations sometimes caused difficulties,
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SECTION 6.0
OPTICAL SUBSYSTEM ANALYSIS

6.1 EARTH-HORIZON DEFINITION PROGRAM

This secticn discusses the general objectives of the APOLLO earth-horizon definition
program, an effort toward making possible autonomous spacecraft navigation in
cislunar space. It describes the objectives and major components of the program
effort and outlines the time schedule followed, Finally, it discusses the relative
magnitudes of the malor' sources of horizon measurement error substantiated by
an evaluation of C ~Mission (APOLLO 8) cislunar navigation. At this writing the
data evaluation from APOLILO missions 10 through 12 and the horizon definition
sightings planned for APOLLO 13 are areas of the program not yet completed.

6.1.1 Program Objectives

The objective of this program was fo define the characteristics of the earth's horizon
that are pertinent to the APOLL.O optical subsystem. The fundamental parameters
are the altitude of the horizon above the earth's geoid and the statistical variations
in this altitude. The geometric constraints involving sun and spacecraft position
are also of great importance,

The horizon, seen by an ogbserver in space, is not the terrestrial surface but rather
some part of the atmosphere. The optical thickness of the atmosphere is only about
0.1 or 0.3 in the vertical direction, so it appears transparent to observers looking
through it at a steep angle. However, the navigation measurement line of sight is
tangent to the surface so it looks through the atmosphere edgewise. The horizontal
optical thickness of the atmosphere is 80 times the vertical thickness so the optical
thickness of the navigation line of sight is at least lﬂ.l If a sharp demarcation is
seen in the horizon, it is either a high altifude cloud formation or an atmospheric
aerosol layer; it is never the solid earth,

1. Transmissionof light (T) is related to optical thickness . by the eguation T = e .
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The visual appearance of the horizon is determined by the light-scattering properties
of the atmosphere. The visible horizon extends 40 or 50 km ahove the surface.
The intensity and color characteristics of the horizon change considerably between
the upper and lower regions. Figure 6-1 illustrates a typical horizon profile in
terms of eye response parameters, The intensity is nearly constant at low altitudes,
but decreases exponentially with altitude in the upper region. When the horizon is
viewed throughneutral optics, the hue (dominant wavelength)is a biue {4700A) varying
from 80 percent purity at high altitudes to 25 percent, or nearly white, at lower
altitudes. The APOLLO sextant optics contains a beamsplitter designed for zpactral
contrast between landmark and sea: it transmiis red light, but blocks the blue light,
The horizon appears orange when viewed through this filter as she 'm by the second
set of lines in Figure 6-1, Unless high-altitude clouds or aerosol layers are present,
the variations are smooth and continuous, and no distinct transitions are visible.
The difficulty of the locator sighting task is further compounded by the fact that the
sextant reticle was designed for landmark sightings; it is not optimized for marking
on the substellar peint of the horizon.

The visible horizon that the earth presents to the space navigator lacks a salient
feature that can beused as an altitude reference, analogous to the sea level reference
used by the nautical navigator. The navigator mu-t define a feature that he can
subjectively identify on the horizon profile, and use this as his reference point when
making angular measurements. Typical candidates for this locator might be the
whitest point, the bluest point, the upper threshold, or some point midway between
the blue and white. The selection of an optimum locator requires an analysis of
the statistical properties of each candidate. The gtatistical characieristics can be
divided into two categories: hwman eye response and atmospheric optical properties.

The major factors that influence the optical properties f the horizon are air density,
sun angle, clouds, ground albedo, and aerosols. Density at certain aitifudes can
vary by as much as 50 percent due to temperature variations, Seasonal latitude
and diurnal variations are systematic and their average values are predictable.
However, local weather patterns can cause large deviations fromnominal conditions.

The appearance of the horizon is dependent upon the sun elevation angle. This
dependency is especially evident at low sun angles. The sun angle that the navigator
ina returning APOLLO vehicle sees depends on the orientation of the measurement
plane and varies throughout the trajectory in accordance with the day of the lunar
month during which the flight takes place. The most critical navigation situation
occurs 2 to 5 hours before reentry. This is the latest time at which optical
measurements, useful for state vector updates preparatory to reentry, can be made,
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At this point in time the spacecraft is near enough to the earth that horizon errors
dominate over sextant errors. Unfortunately, in this critical situaticn, the elevation
angle of the sun above the local horizon is very small, making the effects of sun
angle very important, Therefore, establishing an error model of the horizon
measurement that includes the effects of sun angle and establishing the geometric
constraints under which the model and the measurement are valid became important
objectives of this program.

Ground albedo influences the horizon by regulating the amount of light that is absorbed
or reflected by the lower boundary of the atmosphere. Clouds affect the horizon in
twoways: their high reflectance changes the apparent albedo of the lower boundary,
and, if the cloud amount is high, the lower boundary is raised from ground level to
cloud top level. Secondly, if the cloud tops are at high altitude, they will stand out
as distinct features on the otherwise smoothly varying horizon profile, This effect
obscures features that are present in the lower part of the profile in the absence of
clouds and distracts and disorients a navigator looking for subtler horizon features
in the profile,

Atmospheric aerosols (haze, dust, smog, ete.) affect atmospheric scattering io a
significant degree. At very low altitudes, aerosol scattering is more prevalent
than scattering due to the presence of air molecules. Aerosol distributions vary
substantially in different geographic locations and from day to day in any one location.
Aerosol density generally decreases with an increase in altitude more rapidly than
air density: aerosols are therefore less important at high altitudes than at low,
However, a thin aerosol layer of low density can have very substantial cptical
significance when viewed edgewise. These layers are more significant than their
total density would suggest because they, like high altitude clouds, cause perceptible
distortion of an otherwize smoothly varying profile.

The principal situationunder investigation was the daytime sunlit horizon. However,
a number of other situations were considered. The backlit horizon, the iwilight

horizon, and the raoconlit horizon are all of interest o the APOLLO navigator.

6.1.2 Program Tasks

The overall horizon definition program was composed of 13 separate tasks or
projects, A block diagram showing the relationships between these projects is shown
in Figure 6-2. Partof the project was experimental and the remainder amathematical
evaluation combining both experimental and theoretical data.
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The general outline of the program is as follows, An atmospheric scattering model,
based on the optical properties of the atmosphere, is developed. This project yields
a computer program that can calculaie the horizon profile for any specified
meteoralogical condition, This program, combined with a inetecrological model,
determines the shape and the statistical properties of the horizon profile. This
result, combined with a human performance model, allows prediction of the theoretical
accuracy of a horizon measurement.

The MIT/IL optical simulator made several important contributions f{o the program,
It is used to train astronauts for the flight experiments, as well as for the actual
navigation procedure, and to provide human performance daia for the theoretical
evaluation. Human performance invisual taskes is very sensitive to the circumstances
of the situation and to the "gamesmanship" of the test, While a vast amount of data
were available on human response, none were specifically applicable to the APOLLO
horizon navigation situation. While some of the available data could be used to
make prelitinary estimates, new data, taken in as realistic a simulation as possible,
were required to determine human performance.

The simulator also provides an importani reference against which theoretical plans,
evaluations, and predictions can be tested for feasibility, realism, and order of
magnitude accuracy prior to flight testing.

Horizon photographs were required for the simulator activities. Artificially
generated scenes can be used to evaluate some human performance parameters.
However, due to the complexity of the horizon phenomena and the importance of
subtle visual clues, the problems of generating realistic scenes are prohibitive. A
number of photographs taken on GEMINT flights were suitable for this experiment.
A number of additional photographs taken of specific horizon situations would be
required if the full potential of the simulator were to be realized.

Color photography is a very inexact process. While an accurate theory of ‘color ]
reproduction exists, the nature of the photographic processis such that im plementar
tion of the ideal procedure is impossible. Photometric calibration of the photographs
were used, first to verify that the photo is a reasonable representation of the
theoretical ho'zon and secondly to provide benchwork calibration of the eye response
data from the simulator experiment.

The optical simulator cannot be used directly to evaluate the altitude and variation

of horizon locators because of the infidelity of the photographic process. Instead,
the simulator provides human performance data for a situation similar to the
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navigation task. Simulator performance, calibrated by the photo calibration project,
is transformed toperformance in the real situation by appiying a human performance
model o theoretical horizon profiles,

The atmospheric scatiering model isthe fundamental building block in this program,
It provides the horizon profile reference definition and sets the standards by which
photographs for the simulator are accepted. The X~15 horizon definition experiment
provides accurate, well documented experimental data to verify the accuracy of the
scattering model (see report R—648), Without this confirmation, the validity of the
theoretical horizon profiles would be difficult to verify,

The guideline which has beenused in defining this program is that every theoretical
component should be backed up by experimental measurements and that each
experimental component should be examined theoretically for consistency and for
statistical significance. This philosophy provides redundancy within the program
so that results could be obtained even if unforseen problems were to hinder some
of the projects, and it enhanced confidence in the results through the cross-checks

between components.

6.1.3 Program Schedule

The schedule of the major activities in this program is outlined in Figure 6-3.
The herizontal bars indicate the development of major projects, The arrows between
blocks indicate the flow of essential information between nrojects.

The first activity for the first quarter of 1968 was the evaluaiion of preliminary
data from the atmospheric scattering model to identify the parameters that are
most significant in influencing the physical appearance of the horizon. Simulation
data indicated that a well defined target can be marked with an accuracy of 5 to 10
arcseconds, one sigma (0.25 to 0.5 mile at a range of 10 000 n. mi,) by a navigator
using the APOLLO optics. Therefore, meieorclogical and other natural factors
that perturb the horizon by more than 0.5 km are significant.

Using this criterion, the required meteorological data were identified and located,
The next step in the meteorclogical project was io collect extreme values of the
parameters and computie the variations in locator altitude caused by these perturba-
tions, thereby showing which factors dominaied the variability. Since statistical
properties of the dominating faciors (cloud cover, sun angle, and eye response)
determine the statistical properties of the navigation measurement errors, all
factors werenot examined in the same detail. The dominating factors were examined

57



8g

67 1/4 - 68 214 - 68 3/4 - 68 | 414 - 68 69
Meteorological Average Locate Range of Statistical
Parameters Values Data Variation Modei
' |
Atmosphere Preliminary [ Develop Advanced [ X - 15 Data Theory
Scattering Model Theory Modeli Analysis Evaluation
L . r ' L
Horizon é{jent;fy t tSensitivity Statistical
ignificant | to
FHencmenon Pa?'ameters Variaples | Model
! :
Measurement Define Preliminary | Refine Final Final
Error Model Program | Model Model Model Report
. L
Human Preliminary | Refine Final
Performance Model Model Model
1 )
T Simulations | Astronaut [ Simulations
Simulation Evl;ll){:e:ttigﬁ With Gemini| Training | with Apollo
Photographs Photographs
o l“'
Flight Navigation
Flight Tests Test () D) Tests (E)

Fig. 6-3 Major Activities in the Program




to determine their statistical properties while the lesser factors were examined

only to demonstrate that their maximum effect is small compared to that of the
dominant factors.

The atmospheric scattering model was updated to include ail the significant factors
and to perform the calculations to the required accuracy. The necessary physical
and optical theory was developed and the computatioral procedure was formulated,

When the resuilts of the X-15 horizon definition experiment became available, they
were used to verify the accuracy of the theoretical model. The meteorological
conditions of the air massg observed by the X—15 were used asinputs to the scattering
model. The final phase of the scattering model Project was an evaluation of its
accuracy based on the X~15§ results,

Optical simulation experiments began in the second quarter of 1968, These
simulations used GEMINI horizon photographs and other scenes to provide prelimi-
nary data onhuman performance that could be combined with the horizon phenomenon
variation model. At this point many different horizen locators could be compared
and the optimum one selected, This allowed the definition of a preliminary
measurement error model to be used in navigation analysis in the GSOP for the
early APOLLO {flights.

As soon as a preliminary measurement error model was defined, the simulator
could be used to train crew members for both the general navigation procedure and
for the photography and navigation experiments that support this program,

6.2 THE VISUAL HORIZON

A typical horizon profile is shown in Figure 6-~4, The three parameters plotted
against altitude are 1) intensity (relative brightness to human eye), 2) hue (dominant
wavelength), and 3) spectrat purity (zero purity is white, 100 perecent purity is
monochromic light). While the hue remains constant at 4800A (blue), the purity
changes from 10 to 40 percent which is sufficient to change the apparent color from
white to blue. This effect can be seen on any color photo of the horizon taken on
MERCURY or GEMINI flights,

The atmospherichorizon profile is determined by light scattered from air molecules,
dust and aerosol particles, and clouds. Both direct sunlight and reflected light
from the ground, the lower atmosphere, and low altitude clouds illuminate these
scatiering sources. Ozone, which absorbs light in part of the visible spectrum, is

another important factor in atmospheric optics,
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The lower partof the horizon (10 km and below) is dominated by cloud cover effects,
While the atmosphere appears to be nearly transparent to an observer looking through
itvertically, it is so thick when viewed edgewise (as is the case in horizon observations)
that the surface of the earth or even low altitude clouds cannot be seen at the horizon.
An additional factor that prevenis observation of the terrestrial horizon is the high
occurrence of cloud cover. If an apparent solid earth horizon is seen in the white
diffuse horizon layer, the feature is actually either a high altitude cloud or aforeground
cloud. Figure 6-5 illustrates the geometry for thwse situations., If the low altitude
discontinuity was used as a navigation reference, its uncertainty would probably be
about 4 to 6 km, 1o,

The mid-altitude horizon (10 to 20 km) is most strongly affected by variations in
air and aerosol density. Variations in aerosol amount can affect the contrast between
the blue and white regions, and variations in either air or aerosol affect the altitude
at which the blue-white transition occurs,

Two types of air density variations occur: systematic variations with latitude and
season, and random variations associated with local weather disturbances, Dust
and aerosol variations are partly systematic with season and geographic area and
partly random. The random variations of both air and aerosol are about the same
magnitude as the systematic variations so corrections for known variations would
not improve the navigation accuracy by a substantial amount. The horizon altitude
uncertainty caused by dust and aerosols (=1 to 3 km) is slightly greater than the
air density contribution (9= 1 or 2 km). Dust and aerosol distribution and variability
are very poorly documented and are the most serious limitations in theoretical
studies of horizon profiles,

The upper part of the horizon (above 20 km) is sensitive to air density, sun angle,
and earth albedo variations. The altitude uncertainty of this part of the horizon is
about 3 t0o 5 km, 1v. Here, systematic variations with latitude, season, and time of
day dominate the random variations, and avery complicated model would be required
to compensate for these variations. Even if such a compensation was employed,
the random variations would still make this altitude region less accurate as a
navigation reference than the middle altitude region,

6.2.1 Beamsplitter Effecis of the APOLLO Optics

The most significant feature of the APOLLO optics is the dichroic beamsplitter
that is used to combine the star and landmark lines of sight. The beamsplitter
trensmits part of the red but almost none of the blue light, from the landmark line
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of sight to the eyepiece and reflects most of the light from the star line of sight to
the eyepiece.

The beamsplitters transmit red but no blue, causing the horizon to appear as a
different color through the sextant than when viewed normally, The resulting change
is that the lower pari appears red or orange rather than white, and the top appears
pink or gray rather than blue. The disadvantages of this for horizon sightings are
1) red light is more suzceptible to variations of clouds, aerosols, and albedo than
blue light, and 2) the unnatural color complicates the astronaut's task.

6.9.92 Sources of Horizon Measurement Error

The relative importance of the major sources of uncertainty are discussed below.
The magnitudes presented are based on preliminary investigations and are intended
only to illustrate major factors.

The first categorization in analyzing an accuracy of an optical measurement is to
separate the characteristics of the detector and phenomenon. When discussing
horizon phenomenon, two factors must be specified; the pertinent wavelengths and
the altitude of the locator. These distinctions are necessary because the factors
that determine the horizon profile, weather, ozone, albedo, aerosols, and clouds

have different effects at different wavelengths and are often localized in altitude.

Figures 6-6 and 6-7 illustrate the variation in half-maximum intensity altitude due
to albedo and sun angle variations as a function of wavelength, These curves have
notable minimums in a region around 3800A making that wavelength ideal for
navigation such as the APOLLO tracker-photometer, which uses electro-optical
censors. The reason for this minimum is that ozone absorption has two peaks
centered at 2500A aad B000A, and is nearly zero at 3800A. Daily and geographic
variati~ns in ozone density cause perturbations at the wavelengths where absorption
is st1 1 addition to a direct attenuation proportional to density, the ozone

absorption complicates the effects of albedo and sun angle.

The wavelengths longer than 3800A are more variable than the shorter wavelengths
because they peneirate to lower altitudes where they are susceptible to albedo and
cloud variations. The shorter wavelengths see a much thicker atmosphere so air

density, which is more stable than elouds or albedo, is the dominant variable.

Human eye response, which determines the wavelength of interest to visual observa-
tions, is restricted to the 4500 to 6500A range. The transmission characteristics

63



PR ...

¥9

(o)

KM

1.2

1.0

0.75

0.50

0.25

Variation in H”2 o \\
due to Albedo NN
\\ \
| |
0.3 0.4 0.5 0.6

Wavelength ( 1 )

Fig. 6-6 Variation of Half-Maximum
Intensity Altitude

KM (0)

1.25 _
Variation in H”2 max..
when sun elevgtion is
Lo varied from 15 to 40° /Y
075
050 T
7~Possible uncompen-
satible error due to
0.25 [, ozone & albedo effects
0 1
0.3 0.4 0.5 0.6
Wavelength ( W )

Fig. 6-7 Variation of Half-Maximum
Intensity Altitude



of the dichroic beamsplitter in the APOLLO optics restrict the applicable range to
5500 to 6500A, which is the region of greatest sensitivily to phenomenoclogical
variations,

A number of visual locators are feagible and each has a different sensitivity to
phenomenon variations. Low altitude locators such as point of maximum intensity
or lower discontinuily are most sensitive to c¢loud and aerosol perturbations.
High-altitude locators, such as threshold or upper discontinuity, are sensitive to
ozone and albedo perturbations. Middle altitude locators, such as half intensity
and point of color change, are susceptible to sun angle and ozone variations, Table
6-T lists several of these locators and preliminary estimates of the relative
magnitudes of each.

The performance of the human eye as a sensor is very sensitive to the nature of
the task it is assigned. Tf is vastly inferior to photometric devices for measuring
intensity magnitude, but it is fairly good at detecting discontinuities. Therefore, it
can be expected to locate discontinuities and points of change much more accurately
than it can detect thresholds or half-maximum intensities. Approximate estimates
of eye performance for several locators are also lisied in Table 6-1 for comparison.

TABLE 6-1

COMPARISON OF VISUAL HORIZON LOCATORS
Source of Variability of I..ocator's*
Variation
1 2 3 5
Air Density 2 km 0.7km { 0.7km | 0 km 0.1 km
Ozone 1 0.5 1 0 0
Albedo 3 0.5 0.5 0 1
Clouds 1 2 0.5 4 3
Aerosols 0.5 0.7 0.5 2 2
Sun Angle 2 1 1.5 0 1
Phenomenon Subtotal 4.5 2.5 2.2 4,5 4
{bias error)
Eye Detecticn 3 km 3 km 2 km 0.3 km| 1 km
(random error) ;

*Locators:

1: upper threshold
half-maximum intensity
mid-purity point .
lower discontinuity

o o™

brightest point
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Note that the phenomenon error behaves as a bias. The correlation distance is
probably a few thousand miles. The eye detection error should be random with
near-zero mean. The probable minimum sun elevation angle constraint is 10 to 15
degrees, From the point of phenomenon stability, a middle altitude (10 to 12 km)
locator is desirable. The best locator at this altitude is probably the mid-point of
purity change, This is the point where the horizon appears to change from bright
orange to dim white. (See Figure 6-4.) While the eye response is most accurate
using the low altitude discontinuity locator, the phenomenon variation of that locator
makes it a poor navigation reference.

The dichroic beamsplitter filter affects the profile in several ways. The pr'incipal
effect is that the wavelength range transmitted to the eye is narrower than it would
be if aneutral beamsplitter wereused. This reduces color contrast, thereby degrading
the accuracy of locators that depend on color. This is partially offset by the fact
that locators which depend on intensity are enhanced if color contrast is not present
to confuse the scene. Another effect of the filter is altitude selection. The long
wavelengths transmisted by the dichroic originate low in the atmosphere where the
profile is very susceptible to cloud interference. If a neutral or blue filter was
used, the profile would originate higher up where the phenomenonological stability
is better.

6.2.3 Selection of Liocators

In order touse the horizon as anavigation reference, some identifiable visual feature
must be selected. A number of possible locators are listed in Table 6-1, The
most salient low-altitude locator is the low-altitude discontinuity. This is the apparent
horizon caused by a cloud or aerosol layer that appears to stand out in the white
part of the profile. Actually the filter would make this part look orange or pink but
the discontinuity should stand oui equally well,

The best middle altitude locator is the point where the color change from white to
blueis half complete. With APOLLO dichroicfilter 2, the color change is so ill-defined
that a different locator must be described. The point where the intensity falls fo
one-half its maximum intensity could be used. However, the eye is not well suited
for this type of task so this locator could not be identified as accurateiy as the
color change locator.

The high-altitude locator, the upper threshold, is the highest point where light from

the atmosphere can be detected against the blackness of space. This locator is
affected less than mid-altitude locators by beamsplitfer variations but more than
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the low-altitude locator. The threshold identification task is the most sensitive to
psychological factors such as adaption level, visual sensitivity, and judgment,

The altitud: and variability numbers presented in Table 6-11 indicate the approximate
magnitude of the effects referred to in the above discussion.

TABLE 6-11
DESCRIPTION AND SUMMARY OF LOCATORS WITH TYPIC AL
BEAMSPLITTERS

Altitude Low Medium High

(apparent (color {upper
Beamsplitter horizon) change) threshold)

Discontinuity Whit= to Blue Threshold

Neutral h =0 km h=17km h =35 km
6=4to 6 km =21t 3km o =3 to 5 km

APQOLLO F ad to Pink Threshold

No. 1 Same as above Not Usable h =32 km
Beamsplitter o =31t05 km

6.2.4 Geometric Aspects of Navigation Sighting

Several geometric aspects of the navigation sighting situation are of interest because
they limit measurement opportunities and define the envelope of conditions that must
be analyzed and verified by tests. The typical midcourse navigation situation is
shown in Figure 6-8. Two system constraints are very critical in this situation.
The line of sight {o the earth passes very close to the sun, so scattered light from
the sextant objective and structure can saturate the image in certain situations.
Figure 6-9 is a projected view of the sun and earth from the spacecraft in a
representative navigation situation. Figure 6-9a shows the anticipated constraints

and 6-9b shows the effect of pessimistic values for the constraints.

This is
defined as the angle of the sun above the local horizon measured at the point where
the landmark line of sight is tangent to the earth. (The apex of the angle is at the

The second constraint illustrated in Figure 6-9 is sun elevation angle.

earth and not at the spacecraft.) This constraint is necessary because the visual
appearance of the atmosphere is different when the sun is low (near twilight) rather

than when the sun is high.
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The scattered-light constraint limits sky area in which stars can be sighted and in
some cases excludes use of the earth. The sun elevation constraint limits use of
the horns of the illuminated earth crescent, (With the geometry shown in Figure
6-8, the illuminated earth is a narrow crescent.) Since the star used must lie on
the plane defined by the spacecraft, the center of the earth and the horizon, this
constraint also limits the sky area in which stars can be used. The result of this
sky area limitation is a limitation on !%e probability of finding a usable navigation
star in a given situation. These effects become more severe as the spacecraft
approaches the earth, so the constraints limit the last measurement opportunity.
Since navigation accuracy is a function of measurement opportunity, these constraints

directly affect reentry accuracy.

6.2.9 Summary of Sighting Constraints

If sextant measurement is to be feasible, the following constraints must be met:

1, Trunnion Angle—The trunnion angle must be greater than 2 degrees and
less than 50 degrees, unless the sunis within 45 degrees of the landmark
line of sight in which case the maximum trunnion angle is 45 degrees.

2. Star Magnitude— The star must be bright enough to be acquired against
the background and tracked across the landmark line-of-sight target.
The minimum star intensity is shown in Table 6-TII.

TABLE 6~1II
MINIMUM STAR INTENSITY

Earth Moon
Herizon 3 3.5
Landmark 1 2.5

The advantage of horizon measurements is that they can be made with dimmer stars
than can landmark measurements because, in the case of the earth, the upper thresheold
locator is only 1/10 as bright as the lower aimosphere or a landmark, In the lunar
case, the interface at its edge and black space defines the locator.

Another advantage of horizon measuren:ents is that, by moving the landmark line

of sight through a small angle {1/2 degree or so), acquisition can be done against
space rather than against a bright earth or moon background in the landmark case,
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3. Scattered Light—The Lackground illumination due to sunlight scattered
off the optical elements must not be so bright that it obscures either
the star or the horizon image. Star availability tables for various missions
were prepared using anempirical model based on contour plots of solur
simulstor data to calculate the scattered light criterion as a function of
star magnitude as well as geometry.

4, Sun Elevation— The local sun elevation aagle at the tangent point for
horizon measurements or at the landmark must be high enough to e
illuminate the target without distortion, as shown in Table 6-1V.

TABLT 6-1V
MINTMUM SUN ELEVATION ANGLE

Earth Moon
Horizon 10° 0 ,
Landmark 10° 5° -
5. Landmark Slant Angle—Due to optical foreshortening and atmospheric

thickness, landmarks with large slant angles are unusable. See Table
8-V. (The angle is between vertical at the landmark and the landmark
lineof sight.} This constraint does not apply to horizon measurements.

TABLE 6-V
MAXIMUM SLANT ANGLE

Earth Moon

s}

45° 60

6.2.6 Optical Simulation Results

Three types of simulation tests are reported: 1) star visibility against a uniform
background, 2} stars against a horizon or landmark, and 3) the horizon or landmarks
against scattered light.

6.2.6.1 Stars Against Uniform Background

The most significant factor in evaluating star visibility is the specific nature of the
task. Detection, tracking, and acquisition each involves significantly different
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physiological mechanisms. Tests show that th. thresholds differ by up to two star
magnitudes from one task to another while the repeatability of any one task seldom
varied by one-half star magnitude between subjects or tests.

Figure 6-10 presents star magnitude visibility threshold versus background bright-
ness for three tasks. Theequivalent brightness of lunar and earth features is noted
on the plet. The brightness unit on the plot is scene brightness times sextant
transmission expressed in foot-lamberts.

The fact that the tests were conducted viewing this equivalent scene through AFPOLLO
optics which have an objective area and magnification different from the naked eye
is implicit in the plot and should be considered when comparing it with other data,

The lower set of lines is derived from Tiffany data (corrected for objective and
exit-pupil area, magnification, and one-eye observation). These data represent a
detection task  The subjects knew exactly where the star would appear and were
asked to guess whether it was on or off. Although this task is not relevant to the
APOLLO situation, the data are useful as a comparison with the other tests and as
an indication of the effect of focus (image size).

‘The acquisition test dataare shown by the upper cross-hatched band in Figure 6-10,
This test determined the star magnitude that the subject could, without difficulty,
acquire in any unknown part of the field of view and track without fear of losing it.

The tracking test data, plotted between the acquisition and Tiffany datz, represent
the dimmest star that can be tracked successfully., A star this dim is very difficult
to acquire unless the subject knows exactly where to look. Tracking is possible
only if the subject keeps his eye on the star at all times, The star magnitude
criterion listed in Section 1 is shown by solid lines in Fijure 6-10.

6.2.6.2 Stars Against Horizon and Landmarks

Tests using a star and GEMINT photographs of the horizon showed that the upper
threshold could be marked easily and accurately with a third magnitude or brighter
star. Stars as dim as fourth magnitude can be used with aslight increase in operator
effort and a small decrease in mark accuracy. When lower altitude locators, such
as apparent ground level or cloud-top altitude were used, stars of 0.5 to 1.5 magnitude
were reguired.
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Tests on landmarks were very sensitive to scene-brighins -+ factors such as ground
albedo and the presence of oceans or clouds. The minimum star magnitude ranged
from 0.5 to 3.0 magnitude depending on these factors.

6.2.6.3 Horizon Against Scattered Light

These tests showed that the edge of the earth or moon could be detected even though
the scattered light intensity was many times greater than target intensity. The
most sensitive factor is a shift in the apparent upper threshold altitude due to the
upper part of the horizon profile being obscured by scattered light before the brighter,
lower partis affected. The criterionselected to define the constraint is the scatiered
light level that causes a shift of 5 to 10 km in the altitude of the locator. This
effect was found to occur where the scattered light intensity reached about one-half

the normal profile maximum intensity.

While the upper threshold is obscured by scattered light sooner than landmarks or
lower aliitude horizon locators, use of the upper threshold does not restrict
measurement opportunities because scattered light generally obliterates the star
before the locator is affected.

6.2.7 Scattered Light Intensity

The scattered light data presented here were taken from tests performed with an
actual APOLLO optical subsystem (completed with ablative cover) illuminated by a
solar simulator, The scattered light intensity was found to be a very complicated
function of geometry and no simple definition could be found. Previous models
using 15-degree circles and 5-degree sectors are over-simplifications. No format
less complicated than the series of contour plots presented here are adequate to
represent the data,

Figures 6-11 through 6-17 present the gcattered light test datainthe form of confour
plots. The landmark line of sight is in the center, trunnion angle is measured
radially from the center, and shaft angle between the sun plane and the measurement
plane is represented in the azimuth coordinate of the polar plots. For each figure
the sun was placed at a different angle to the landmark line of sight. The contours
map the scaitered light intensities sufficient to obscure stars of the indicated
magnitude. The threshold criterion used is the acquisition criterion plotted as a
dotted line in Figure &6-10,

The scattered light data are expressed in star magnitudes rather than in conventional

photometric units for iwo reasons. First, star visibility is the relevant factor;
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second, conventional photometric units are difficuit to apply since the scattered
light is not focused at any image plane in the optics path and does not pass through
the normal exit pupil. The data were calibrated by star visibility tests similar to
those described in Section 6.2.6.

6.3 POSTFLIGHT MEASUREMENT EVALUATION

Figure 6-18 shows the schedule of cislunar midcourse navigation measurements,
computer program P23, for the G-Mission (APOLLO 8) plotted on a diagram of tre
translunar and transearth trajectories. Fifteen state vector updates were scheduled
in all: 2 early in translunar coast and 13 at intervals throughout the transearth
return. Three marks were specified on each of three to five gtars for each update,
each mark requiring an individual P23 entry, In all, cislunar navigation during
G-Mission transearth coast entailed 177 performances of P23, producing a total of
177 marks on 59 stars, (Note that one star in each sequence was usually marked
on twice.) The figure gives the nominal time of each sequence of program activity,
the decimal star code of each 3-mark star-horizon measurement in the sequence,
threeinitials (e.g., NEH, FEH, signifying near-earth horizon and far-earth horizon,
respectively; NMH, FMH, signifying near-moon horizon and far-moon horizon) and
the times of the three midcourse corrections that would have been computed onboard
using the return-to-earth program, P37, had communications failed, (Note that,
before taking measurement marks and at half-hour intervals while marks are being
taken, it is necessary to calibrate the sextant optics to compensate for measurement
errors due to trunnion bias.)

Figure 6-19 shows the change in perigee that resulted from a group of 15 sightings
made on the lunar horizon at a distance of 45 000 n. mi. during the translunar leg
of APOLLO 8. At the end of this group of measurements, the indicated perilune
was 67.1 n, mi., about 1.8 n. mi. lessthan the value later reconstructed from Manned
Space Flight Network radar data from earth, Perigees computed onboard using
either the return-to-earth program or orbit parameter display, R30, should converge
in the manner shown during a sequence of midcourse navigation star-horizon
measurements, whether earth- or moon-centered.
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CHAPTER II
RADAR SUBSYSTEM

SECTION 1.0
INTRODUCTION

The lunar mission relies on measurements from three independent radars, each of
which interfaces with its respective Guidance, Navigation, and Control Sysiem for
improvement of the vehicle state-vector estimate. The lunar module carries two
radars: a landing radar (LR) for terminal guidance measurements during the
powered descent and a rendezvous radar (RR) for tracking the command module in
free-fall descent to the lunar surface and during ascent rendezvous. The command
module is equipped with a VHF ranging system. These radar interfaces with the
GN&C system involve both hardware and software in a relatively complex inier-
relationship, the evolution and current status of which is described in subsequenti
sections. Table 1-1 is achronological listing of the milestones in radar development.

TABLE 1-1
CHRONOLOGY OF HARDWARE DEVELOPMENT
AND EQUIPMENT EVALUATION

June 1964 Development of landing radar simulator for use in the MIT/1L

to March 1965 hybrid simulation. Two signal dataconverters were received
in March 1965 from RCA, one for incorporation in the hybrid
simulator and the other for preliminary evaluation of the
landing radar datainterface with the computer. The second
unit was later transferred to Grumman,

July 1965 Evaluation of digital interface characteristics of landing and

to March 1566 rendezvous racdeys, Prototypeunits of each digital interface
were received from RCA in July 1965. The two units were
later incorporated in a radar data input simulator for the
lunar module guidance computer and installed in the System
Test Laboratory.

March 1966 Design and assembly of test facility for playback of recorded

landing radar signals and for processing of these signals
through the radar electronic assembly and computer.
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TABLE 1-I (Continued)

CHRONOLOGY OF HARDWARE DEVELOPMENT

June 1966

November 1966

January 1967
to November 1967

June 1968

August 1968

November 1968

January 1968

to June 1968

February 1869

AND EQUIPMENT ZVALUATION

Tvalution of the rendezvous radar's angle interface, using
RCA's angle interface simulator, a stripped radar antenna
with breadboard type servo circuits.

Use of the landing radar prototype 2L for study of simulated
signals. Recordings of signals were procured from Ryan
Aeronautical. The 2L radar system was later used for

recordings of tracker noise,

Use of 4L landing radar for processing and evaluation of
the 1966/67 flight test data.

Adaption of landing radar digital data simulator for simulation
of VHF ranging data. This simulator was used in October
for COLOSSUS program cvaluation.

Use of 10L landing radar electronic assembly for evaluation
of simulated radar signals,

Evaluation of interface characteristics of the VHF interface
circuits provided by RCA. These circuits were later
incorporated in a simulator for command module software
testing,

Useof 10L. and P32 Ianding radar electironic assemblies for
evaluation of 1968 flight test data, The P32 radar was
received on April 23, 1969,

Integration of rendezvous radar routine R29 with the

navigation system tostudy effects of gyro voting and of gyro
failures.
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SECTION 2.0
ORIGINAL RADAR REQUIREMENTS

The present radar performance and interface characteristics reflect several basic
system requirements that were defined in 1964 when NASA adopted the two-vehicle
command-lunar module concept for the lunar mission. Twomajor mission premises
at this early point in APOLLO development strongly affected radar requirements:

1. The vehicles should have a self-sufficient, onboard capability to perform
their respective tasks.

2. The command module should have the capability of rescuing the lunar
module from a clear orbit,

Tn practical terms, premise 1 required onboard sensors on the lunar module, both
to assure successful rendezvous with the command module by continuous measurement
of the relative state vector between the twovehicles, and to provide terminal guidance
measurements in altitude and velocity with respect to the lunar gurface for the
necessary soft landing.

Satisfaction of the rendezvous sensor requirement was ultimately achieved through
the present two-gimbal rendezvous radar. Initial consideration, however, was given
to a radar design utilizing a body-fixed antenna that was pointed by attitude control
of the lunar module. Such an arrangement, however, provided no opportunity for
lunar module tracking of the command module from the lunar surface, thus failing
to fully satisfy the self-sufficiency ground rule. Subsequently, the concept of a
two-gimbal tracking radar capable of rarge, velocity, and angle measurements
evolved and was adopted to meet this requirement. This two-gimbal concept became
the rendezvous radar specification. Anidentical radar was specified for the com» -and
module to satisfy the requirement that thisvehicle be ableto rescue the lunar- .odule.

To satisfy premise 1 for the lunar landing, several terminal guidance sensors were
originally considered, However, the most promising candidates were a laser ranging
system pointed at the intended site during the powered descent, and a combined
radar aliimeter and velocity sensor. The eventual choice of a landing radar approach
was based primarily on the then much more highly developed and demonstrated
radar state-of-the-art compared to the relatively new lager technology, as well as

on the less critical pointing reguirements of a landing radar sysiem.
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In regard *» the command module, reconsideration of mission requirements and
hardware problems in later periods of APOLLO development led first tothe removal
of the command module rendezvous radar, then ultimately, to the restoration of a -
radar capability inthe form of a VHF ranging system. This arrangement was backed
up by the optical subsystem and command module computer for the rendezvous

function.




SECTION 3.0
EVOLUTION OF THE RADAR SPECIFICATION

Initial specification of the APOLLO radars for MIT/IL purposes was based on the
results of early mission analysis at MIT/IL and on an appreciation of the performance
limits of radars that could be developed to meet the program schedule. The
specification task was complicated by the fact that the radars were to provide
measurements to several users, including the astronauts, and would have to meet

performance requirements satisfying other systems in addition to the G.1&C system.

The first documenied statement of radar requirements and specifications at MIT/IL
was made in APOLLO Report R—404 which defined operating limits and general
performance requirements, and specified the elecirical interface characteristics
between radars and the GN&C system for both erhicles'..l The report defines the
two-gimbal tracking capability of the rendezvous radar and the multi-beam landing
radar, both of which are easily recognized in their final implementation on flight-
qualified spacecraft,

Complementing and expanding the general requirements described in R—404 were a
series of 'aterface control documents (ICDs) negotiated between MIT/1L and the
respective vehicle prime contractors. The purpose of the control documents was
to define the physical, electrical, and functional characteristics of the interfacing
systems in sufficient detail to permitthe various contractors to proceed independently

with the design, development, and testing of the system elements.

To make possible the opportunity for a lunar landing prior to 1870, development of
the APOLLO hardware and evolution of the ultimate mission plan proceeded
simultanecusly during the 1960's. The criteriaforhardware were therefore originally
based on very early mission analyses and concepts likely to be modified by later
refinements. To provide a relatively stable design basis for detailed definition of
radar requirements, particularly in the area of utilization and function: of the radars,
MIT/IL assembled and publishedtwo documents that greatly expanded the information
presented in R—404, and that effectively defined a reference mission for use of the

radars in an onboard automatic guidance, navigation, and control context for the

1. See Vol. I, Appendix A, Abstracts, R-404.
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lunar miss:ion.2 These two documents (E-1903 and E-1904) specified the radar
characteristics necessary for support of the GN&C system during lunar descent,

stay, and ascent. The specifications were predicated on mission plans described
both in R~404 and R-446.%

Although E-1903 and E-1804 did not become conirolling documents directly, they
illustrated theneed for aninclusive, definitive, radar-interface control specification,
reviewed and approved by NASA, Reports E—1903 and E-1904 subsequenily served
as the basis for the radar portions of the "Lunar Module Primary Guidance,
Navigation, and Control Subsystem, Equipment Performance and Interface Specifi-
cation," Grumman document LSP-370-34, approximately 30 percent of which is
devoted to specification of the rendezvous and landing radar interfaces with the
GN&C gystem, The interface between the VHF ranging system and the command
module computer is similarly definedin a Nurth American Rockwell document, based
onmutual negotiation of interface requirements between MIT/IL and North American
for subsequent review and apprcval by MSC. Both performance and interface
specifications also incorporate all interface control documents by reference.

2. See Vol.I, Appern-z A, Abstracts, E-1903 and E-1804.,
3. See Vol, I, Appendix A, Abstracis, R—404 and R—446,
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SECTION 4,0
RENDEZVOUS RADAR (RR)

4.1 RADAR FUNCTIONAL REQUIREMENTS

The primary task of the rendezvous radar is to measure range, range rate, and
line-of-gight (LOS) angle information with respect to the transponderon the command
module and furnish it to the GN&C system. The rendezvous radar is capable of
providing data during all mission phases, except when the lunar module is atiached
to the command module and during the powered descent.

During ascent and rendezvous, the GN&C system uses the radar data to update or
improve the estimated value of the lunar and command modules relative velocity
and position vectors (state vectors), At other times, rendezvous radar data are
used for comparigson with measurerments from other independent sources, such as
the lunar module abort guidance system (AGS), the command module VHF ranging
system, or Manned Space Flight Network (MSFN) data, for subsystem failure
detection. During the docking phase, rendezvous radar measurements are employed
by the lunar module crew to facilitate the critical maneuvers prior to hard contact.
The rendezvous radar is operated either with the lunar module puidance computer

or in a manual mode under crew control.

The GN&C system is capable of ungle-designating the rendezvous radar anfenna to
the predicted command module line of sight, and issuing the auto angle-tracking
enable signal when the indicated line of sight is within 0.5 degree of the computed
target position. In addition, the GN&C system protects against rendezvous radar
gsidelobe acquisition within electrical tracking limits, and slews antenna gimbals
from one angular coverage mode to another. The angle reference interface between
the rendezvous radar and the GN&C system is at the navigation base, with all radar

angle data referenced to this interface,

4,2 OPERATING LIMITS

The operating limits of the rendezvous radar are based on mission plans and
requirement analyser described in R-404 and R—446, which assumed an 80 n, mi,

command service mcdule lunar orbit during rendezvous radar tracking from the

lunar surface, and a direct ascent [or the lunar module in rendezvous. Some of the
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limits, such as the 400 n. mi. maximum radar range, were predicated on satisfaction
of abort requirements. Full specification of the operating limits is given in Grumman
document LSP-370-3A. However, the following are among the more important limits.

Operational range ., ........ e e . . 500 ft to 400 n, mi,
Rangerate .....,........ st e e e e e ae .. £4900 ftfsec
Range acceleration ,...... R 1] ft!sec2 for lunar overfly
LM angular velocity . . . .. .. 10 deg/sec per axis with degraded

dynamic angle accuracy;
! deg/sec per axis with full angular
accuracy

The flight plan for the actual lunar landing miss .on differed from the reference
mission of R~446 in two principal ways: f{irst, the command module lunar orbit
altitude was 60 rather than 80 n. mi. as originally assumed; and second, the ascent
rendezvous followed a concentric flight plan rather than a direct asceni, These
changes served to expose the rendezvous radar to slightly greater velocity and
acceleration limits than originally‘specified, and to increase somewhat the fotal
operating time of the radar during rendezvous. However, ample design margins
made possible the safe extension of radar operating limits to meet the needs of the
actual lunar landing mission plan.

4,3 ANGULAR COVERAGE

The rendezvous radar anienna is mounted on the inner gimbal of a two-axis gimbal
gystem as shown in Figure 4-1. This design provides the necessary capability for
angle-track of the target transponder within wide angular limits despite variations
of the line of sight with respect to the spacecraft, both during free-fall of the lunar
module and during the command module overfly of the landed lunar module, The
order of the gimbal system and its orientation with respect fo the lunar module
permit controlled tracking through the zenith, in anticipation of lunar module tracking
of the command module from the Iunar surface, For this reason, the pole of the
gimbal configuration lies parallel to the Y axis of the lunar module.

Historically, the names assigned to the radar gimbal axes were influenced by
command module sextant nomenclature. Early plans for the command module called
for a radar mounted on the service module with radar gimbal order identical to
that of the sextant and with axes correspondingly parallel. Thus, thé rendezvous
radar inner axis was named the {runnion axis and the outer axis was called the
shaft axis, This radar gimbal order, however, was not suiiable for landed lunar
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Fig. 4-1 Rendezvous Radar Antenna Assembly
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module tracking of the command module overily, and the rendezvous radar gimbal
order was later reversed, However, use of the original radar gimbal terminology
persisted. Thus, contrary to convention, the outer gimbal axis of the rendezvous
radar, which is supported by the yoke of the antenna mounting pedestal, is referred
to s the "caaft" axis, while the inner radar axis is designated "trunnion" axis.

From a purely mechanical standpoint, the double gimbal system allows wide antenna
angle coverage over approximately three-quarters of a sphere. To avoid possible
problems of gimbal-servo marginal stability, however, the region over which the
rendezvous radar may be electrically positioned and controlled by the computer is
somewhat more limited, and is achieved in two modes, as illustrated in Figures
4-2 and 4-3.

The rendezvous radar is constructed with mechanical stops to prevent the radar
from inadvertent contact with the spacecraft in the regions of physical interference.
The stops are of the energy absorbing variety, i.e., springs backed by hard stops.
The sectors nominally occupied by the hard stops are indicated by the shaded regions
in Figure 4-3. Shaft gimbal contact with the springs occurs approximately 5 degrees
before the hard stop is encountered. In the shaft axis, the Mode 1 spring encounter
angle is 60 degrees, while for Mode 2 the angle is 27~ degrees.

4,4 MEASUREMENT ACCURACY

The measurement accuracy of the rendezvous radar for purposes of automatic
guidance, navigation, and control is specified in detail in Grumman Specification
LSP-370-3A. A summary of measurement performance is given in Table 4-I.

4.5 DESCRIPTION OF RENDEZVOUS RADAR
4,5.1 Summary

The rendezvous radar (Figure 4-4) designed for the APOLLO mission is a lightweight,
highly reliable and accurate space-stabilized continuous wave tracking radar that
functions in moon, gpane, or earth environments, as well as in the presence of the
reaction control system. In the lunar module, the rendezvous radar supplies data
in three system modes of operation: Primary, Abort, and Manual,

In service, the radar is angle-designated o, and acquires coherently, its assoeciated

transponder in the command moduls, thereafter tracking it automatically. In the
LGC mode, the radar supplies angle, digital range, and range rate data to the GN&C
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RENDEZVOUS RADAR MEASUREMENT ACCURACY

TABLE 4-I

Error
Operating
Parameter Interval 3o Random Max. Bias

400 n.mi. to 120 &t ' 0.05% of range or +500 f,
Range 440 n, mi. to 50.6 n, mi, 1% of range or 80 [t

50,6 n,mi, to 80 ft. +120 ft
Range Rate 400 n, mi. to 80 ft 1, 3% of range rate or 1.3 fps + 1 fps
Angle 400 n. mi. to 100 n,mi, Linear decrease

{a)* 6.3 mr. to 5.8 mr.
{Vector sum (b)* 4.8 mr, to 4.5 mr, System: 15 mr,
?f unceriainty 100 n. mi, to 5 n,mi, (2} 5.7 mr, (LM & RR)
in both axes) (b} 4.3 mr
: * ER only: 8 mr,

51to 1 n,mi.

1n.,mi, to 80 Ft

(a)
{b)

{a)
{b)

Linear increase
5.7 mr, to 11,0 mr,
4.3 mr, to 8,2 mr.

11.0 mr.
8.4 mr,

*(a) For gimbal rate < 0. 2°/sec

(b} For narrow-band limit cycle




system. In the Manual mode, these data and also inertial line-of-sight angular
rate are supplied to the astronaut display panels.

4,5,2 Rendezvous Radar Parameters

The following table lists significant radar parameters:

Radiation frequency .. .......... e e e e ... 9832.8 MH=z
Received frequency ... . ... .00 e e s ... B792,0 MHz
Radiatedpower .. .. .. v it v i v s e ens . 300 mW
Antenna design .............. e e . . Cassegrain
Trackingmethod . .....,........ ... Amplitude monopulse
Antenna diameter ., ... .. ..., ... 00 e e ... 24in,
Antenna gain . .. .... ... ... .. e h e e e ... 32dB
Antenna beamwidth ..., ............... 3.25—4.0 degrees
Antenna sidelobelevel .. ...... -13 dB adjacent to main lobe
Angular coverage ...... s e s e e e a .. XM by 225 degrees
Number of GFTOS .. .« v v v vt v s s e . 4 (2 redundant)
Modulation . . ........... . . . Phase Modulation by 3 tones:
200 He, 6.4 kHz, 204.8 kH=z
Receiver channels .. ... Gt e e e e e e s R
Receivernoisefigure . . . . . . ... ..o v v .+ 10 dB max,
Receiver intermediate frequencies 40.8 MHz, 6.8 MHz, 1.7 MHz
Unambiguous maximum range ............ e ... 405 n. mi,
MinimUum Tange . . v o v s v e o v v v v o v v e oo O 3 1 i
Maximum Iange Tale . « . v v e o s o v oo o rsonas +4900 ft/sec
Range dataoutput . ................ 15 bit serial format
Range scale factor . . . . . .. .. (400 to 50.6 n. mi.)—75.04 £t/bit
Range scale factor . . . .. . ... (60,6 n. mi. to 50 ft)—9.38 ft/bit
Range rate scale factor ...............-0.6278 ft/sec/bit

N L
e A A CE

Power consumption (while tracking) .........
Weight
4.5.3 Operation

The rehdezvous radar is designed to track a cooperative transponder. The radar
and the transponder each use varactor semiconductors as the muiltiplier and
transmitiing elements, Due to the high duty cycle characteristics of varactor
multipliers, transmission and reception are on a CW basis for achievement of range
performance, Gyros on the rendezvous radar antenna stabilize the line of sight
against the effects of lunar module body motions, and permit accurate measurements
of line of sight angular rate.
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Angle tracking is accomplished by using the amplitude-comparison monopulse {or
simultaneous lobing} technique to obtain maximum angular sensitivity and boresight
accuracy. Range rate is determined by measuring the two-way Doppler frequency
shift on the signal received from the transponder. Range is determined by measuring
the time delay between the transmitted signal's modulation waveform and the received
signal's waveform.

4,5.4 Antenna

The rendezvous radar antenna assembly includes not only the usual microwave
radiating and gimbaling elements, but other internally mounted electrical components
including gyros, resolvers, multiplier chain, modulator, and mixer-preamplifiers.
In lieu of microwave transmission elements such as waveguides and rotary joints,
flexible low-frequency coaxial cables connect the outboard antenna cumponents to
the inboard electronics assembly. Flexible cable is used at each of the rotary
bearing points.

The antenna is of the four-horn amplitude-comparison monopulse configuration.
The Cassegrain type antenna is used tc minimize the total depth of the antenna
structure. The antenna transmits and receives circularly polarized radiation to
minimize the signal variations resulting from attitude changes of the linearly
polarized transponder antenna. Components are distributed inside the antenna to
achieve balance around each axis. Each axisis controlled by a brushless servomotor
that is driven by pulse-width modulated drive signals,

Four rate-integrating pyros are used for space stabilization and angle-rate
measurement of the line of sight, They are located in the lower section of the
trunnion axis to act as a counterweight. Only two of the gyros are used at any one
time and a voting logic system, not located on the antenna, transfers contr. | to the
other two gyros in the event of a failure in either of the two gyros being used. The
voting logic system compares the two active and one of the redundant gyro outputs.
A two-speed resolver is mounted on each axis for high accuracy angle-data pickoff
for the computer and for display.

The multiplier chain, phase-meodulator, and mixer-preamplifiers are mounted
internally behind the antenna dish. The multiplier chain supplies X-band power for
radiation and local oscillator excitation. This is made possible by the fact that the
trangponder replies with a freguency side-step equal to the first IF of the radar.
The heat dissipated by the multiplier chain is radiated back into space by the dish.
The phase modulator employs a ferrite rod that is mounted inside the waveguide,
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An externally mounted solenoid stresses the magnetic field in the rod. The ranging
tone signals are then applied to the solenoid, varying the elecirical length of the
rod to phase-modulaie the X-band carrier. Three balanced mixers and three
preamplifiers are included in the antenna assembly, one for each of the three channels:
reference, shaft error, and trunnion error,

4.5.5 Receiver

The receiver is a highly stable three-channel, triple-conversion superheterodyne.
It has intermediate frequencies of 40,8, 6.8, and 1.7 MHz. The bandwidth of the
first and second IF amplifiers is approximately 3 Mz and the bandwidth of the
third IF amplifier is approximately 1 kHz. Two channels are provided for amplifying
the shaft and trunnion axis error signals and one channel is provided to amplify the
sum or reference signal. The receiver also includes phase-sensitive detectors for
generating angle error signals, an AGC circuit for controlling the gain of the three
receiver channels, an IF distribution amplifier unit for supplying reference channel
signals to range and frequency trackers, and a gated local oscillator-mixer for
generating the second local oscillator signal. The second loecal oscillator frequency
is obtained by beating the frequency-iracker voltage-controlied oscillator output
with a reference freguency to produce a surm frequency exactly 6.8 MHz lower than
the incoming 40.8 MHz Doppler-shifted frequency. After the second mixer, the
Doppler frequency is removed and all subsequent signal processing is accomplished
at fixed carrier frequencies. The most siringent requirement on the receiver is
that the three channels must gain-track within £2.5 dB and phase-track within 27
degrees over a dynamic range greater than 70°C.

4.5.8 Frequency Synthesizer

The frequency synthesizer generates all the fixed frequencies required for coherent
signal transmission and reception. A single 1,7-MHz stable crystal oscillator and
a system of multiplication, division, and mixing are used to produce the required
frequencies, including 2 CW output signal for excitation of the transmitter multiplier
chain. The synthesizer also generates various receiver, local oscillator, clock,
and reference frequencies used by the receiver, the signal data converter, and the
trackers.

4.5,7 Frequency Tracker

The frequency tracker tracks the coherent narrow- line specira received from the
transponder by phase-locking the voltage- -controlled oscillator (VCO) with the
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incoming narrow-line spectrum. The phase detector for the phase-locked loop uses
a 6.8-MHz signal from the frequency synthesizer as a reference., The error signal
drives the oscillator to such a frequency that, when it is used as a local oscillator
signal for the second IF mixer after being mixed with 2 27.2- MHz synthesizer signal,
it removes the Doppler frequency shift from all signals in succeeding IF stages
and ensures passage of the signal through the 1,7-MHz filters. These filters have
a bandwidth of 1 kHz. The tracker employs a frequency sweep circuit for sweeping
the oscillator frequency across the Doppler frequency range (£100 kHz) to search
for the received signal. A threshold detector senses the presence of a carrier
signal within locking range, stops the sweep, and permits the voltage-controlled
oscillator to phase-lock.

4.5.8 Range Tracker

The range tracker determines the range to the transponder by measuring the phase
angle between the transmitted tones and the received tones, It operates in the
following manner. The 6.8-MHz signal received from the transponder is dernodulated
in a coherent product detector that uses a 6.8-MHz quadrature reference, The
individual sine-wave ifones are extracted from the receiver noise using bandpass
filters, Range phase delay is measured independently on each of the three tones in
a closed tracking loop. Three reference square waves are locally generated, each
having variable phase with respect to the transmitted tones, This phase delay is
adjusted until the reference square waves have matching phase with respect to each
of the received tones. The reference square waves are produced digitally by
comparigson between a running high-speed counter and a low-speed, forward-backward
range counter. The low-speed range counter is driven forward or backward until
phase null is achieved in each of three phase detectors. The range counter is then
drivenforward or backward by incremental range pulses obtained from a de-to-PRF
converter that is controlled by weighted integration of the three-phase detector error
signals.

4.5.9 Servo Electronics

The antenna servo electronics contain amplifiers for driving the ante‘nna shaft and
trunnion axis servomotors, amplifiers for driving the gyro torquer coils, and voting
logic for selecting the correct gyro pair. The servo electronics, in connection
with the antenna components and radar receiver, form an inner and outer closed
loop for each axis. The inner or stabilization loop maintains the antenna boresight
on the target, based upon tracking error signals from the monopulse receiver, In
the angle designate mode, this locp is open and acceptis the lunar module computer
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designate data, which commands the anienna boresight to the target supplying an
automatic track enable signal for the rendezvous radar when within 0.5 degree of
the computed target line of sight. This signal, together with frequency lock-on,
:loses the tracking loop. The antenna continuously tracks the target by maintaining
the monopulse receiver angle error signals at null. The antenna may also be slewed
manually at fixed inertial rates., The enable signal necessary to close the auto
track loop is supplied by a manual switch in Manual mode.

The antenna shaft and trunnion motors are 32-pole, brushless, permanent-magnet
rotor types driven by pulse-width modulated drive signals applied to the sine and
cosine windings of each motor. Reversal of the direction of rotation is accomplished
by reversing the motor windings across the pulse-width modulated drive voltage
obtained by on-off switching of the 28-Volt de power at a 1.8-kHz rate,

A gyro voting system, consisting of performance comparison and logical switching
circuits, automatically detects and removes a malfunctioning gyro. Of the four
gyros, two are used to stabilize the antenna. Each peir can perform the control
function, The voting system determines whether the active pair contains a failed
gyro by comparing the output of each of the active pair and one of the redundant
pair. If a failure or degradation occurs, the other pair is switched in to stabilize
the antenna.

4,5,10 Signal Data Converter

The signal data converter accepis range and range rate data from the range and
frequency trackers for conversion to the 15-bit serial format required by the
computer. Data are shifted out to the computer on range or range rate output lines
on command. The rendezvous radar also sends various discrete radar status
indications to the computer, selects radar modes, and processes display data for
activation of the astronaut display panels.

4,5,11 Self-Test

Radar self-test circuits are located in the frequency tracker subassembly. These
circuits permit testing of the radar without a cooperating transponder. The self-test
circuit permits a check of transmitter power, phase-lock at minimum signal level,
angle error detection, AGC action, and range and range rate measurement. Insertion
of single values of range and range rate permit quantitative checking viathe displays.
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4,6 TRANSPONDER
4,6.1 General

The transponder (Figure 4-5) receives the rendezvous radar's transmitted CW signal
and generates a phase-locked reply signal for transmission back to the rendezvous
radar. The ranging modulation on the received signal is also retransmitted to the
radar. Thetransponder, like the radar, uses a single multiplier chain for transmitter
and local oseillator. This is made possible by designing the transponder to reply
with a carrier frequency exactly 240 / 241 times the received carrier frequency,
which results in atransmitted frequency 40.8 MHz lower thanthe received frequency.
A small portion of the transmitter ouiput is used for local oscillator excitation,
resulting in a first IF of 40,8 MHz. Since the transmitted and received frequencies
are separated, use of a diplexer permits operation with a single antenna.

4.6.2 Transponder Parameters

The following table lists the significant parameters of the transponder:

Received frequency . . .. ... o v v oo v e+, ... 9832.8 MHz
Radiated fTeQUENCY . . . v v v v v v aessoasaes 9792,0 MHz
Radiated power ..., ... .... e e e e r e s es 300 mW
Modulation .., ... PM by 3 tones 200 Hz, 6.4 kHz, and 204,8 kHz
Weight . . ......... e e et e e cievas. 15,21

4.6.3 Operation

The transponder phase-lock operation is as follows. The carrier signal from the
rendezvous radar is received and converted to the first IF of 40.8 MHz. The signal
is amplified and mixed with a 34-MHz second local oscillator signal to produce a
6.8-MHz second IF. A voltage-conirolled oscillator is pulled in frequency in an
automatic phase contirol loop to phase-lock the incoming 6,8-MHz IF carrier to the
oscillator signal. Multiplication of the oscillator frequency by a factor of 1440
produces the transmission and first local oscillator frequency. Acquisition is
accomplished using an oscillator sweep and threshold circuit similar fo the one
used in the radar.

The ranging tones are extracted from the 6.8-MHz received signal in exactly the

same manner as in the radar. After bandpass filtering and amplification, the tones
are applied to the phase modulator for retransmission to the radar,
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4.6.4 Transponder Self-Test

Circuits are included to permit testing of the transponder without the rendezvous
radar., A {esi oscillator operating at a single frequency permits the transponder to
phase-lock without an external input. _ae transmitter power and AGC action may
be checked, in addition to phase-lock, at a minimum signal level,

4.7 TRANSPONDER ACQUISITION SEQUENCE

The normal acquisition sequence for the rendezvous radar and transponder is
automatic. In simplified form, this sequence is as follows:

1. The radar antenna, under computer control, is designated in angle so
that its transmiited CW radiation can be received at the transponder.

2, The trangponder, which was previously sweeping in frequency, senses
this radiation, siops its sweep, and phase-locks io the received radar
signal. It then retransmits this signal side-stepped by 40.8 MHz,

3. ‘The radar receiver, which was previously sweeping in frequency, stops
its sweep and phase-locks to the received {ransponder signal, The
maximum completion time of steps 2 and 3 is 4.4 sec.

4, The lunar module computer iransmits AUTO TRACK ENABLE when
antenna resolvers indicate that the boresight line of sight is within 0.5
degree of the computed target line of sight.

a. The radar angle tracking loop is closed upon completion of steps 3 and
4 and the error is nulled.

6. The radar activates ranging modulation and the range tracking error is
nulled within a maximum of 10.6 sec after step 3 is completed, The
coherent loop is now closed.

7. The radar indicates a DATA GOOD condition to the computer, based on
both range and range rate lock-on completion. Angle, range, and range
rate data are now available to the computer and the astronaut display
panel, Angle rate also ig available to the display panel.

4.8 RENDEZVOUS RADAR-COMPUTER ANGLE INTERFACE

The lunar module computer controls the rendezvous radar antenna assembly in angle,
and the radar communicates angular measurements of the line of sight to the computer
by means of the rendezvous radar-computer angle interface, The performance and
electrical charnrcleristics of this interface are specified in Grumman P&{ document
LSP~370-3A and Grumman-MIT/IL. LGC-RR Angle Interface Control Document,
1.15-370-100086.
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Each rendezvous radar gimbal axis mounts a precision duat (1 and 16) speed resolver.

When the radar is under lunar module computer control, the resolvers are excited

from a stable 800-Hz signal furnished by the GN&C system power and servo assembly

(PSA). The sine and cosine outputs of each resolver are fed to the GN&C system

- coupling data units (CDUs), which perform an analog-to-digital transformation of
this information into 15-bit binary words with a bit weight of approximately 0.01
deg/bit, In this way, the computier is advised continuously and unambiguously of
radar shaft and trunnion angle with respect {o the spacecraft io a resolution of
approximately 0.01 degree,

The computer controls the pointing of the radar antenna in each axis by establishing
the desired rate to the coupling dataunit, which, in turn converts it to a proportional
800-Hz command derived from the power and servo assembly 800-Hz reference.
‘T'he coupling dataunit analog signal is transmitted to the radar electronic assembly,
where it is demodulated. The resulting signal is applied to the torquer of the gyro
corresponding to the gimbal being commanded. A displacement of the gyro float
occurs, producing an output from the gyro microsyn, which in turn is amplified to
excite the direct-coupled gimbal torquer. The gimbal accelerates, reaching a
steady-state angular velocity such that the gyro precession torque nulls the command

- torque, except for a small imbalance necessary to overcome friction and losses,
A fixed digital command from the computer thus induces a steady-state angular
rate of the gimbal.

During the process of positioning the antenna, the computer repeatedly checks the
angular location of the gimbal and adjusts its command to be proportional to the
displacement of the gimbal from the desired final position, The radar and computer,

in combination, comprise a position servo with no steady- state position error.

The angle interface proper evolved from larger considerations relating to the
performance characteristics of the integrated rendezvous radar-computer nositioning

closed loop. Two design considerations were particularly important:

i, To evolve a design, each portion of which could be developed and tested
independently, .
2. To evolve adesign with a non-critical interface, allowing the subsystem

on either side of the interface to be interconnected te form a complete
closed loop without stability or performance problems.

In the case of the angle interface, one key to satisfaction of these criteria was the
presence of stabilization gyros in the radar gimbal servos, By torquing these gyros
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from the lunar module computer with an 800-Hz command signal, a simple, reliable
interface design was achieved, Within the radar, it was possible to design the gimbal
stabilization subloops to possess wide bandwith compared to the daia sampling rate
established by the computer for closed loop angle positioning, thus avoiding problems
of marginal stability.

Ancther important factor in meeting the basic interface design criteria was the
adoption of a previously proven design for angle readout of the radar gimbals, The
resolvers selected for the radar are identical, both electrically and physically, to
those used by MIT/IL for inertial measurement unit angle readout, Futhermore,
the radar resolvers interface with coupling data units identical to those employed
with the inertial platferm, This commonality of design greatly reduced the potential
angle interface problems and assured performance of known precision and reliablilty,

4,9 RENDEZVOUS RADAR-COMPUTER DIGITAL INTERFACE

In addcion to the angle interface, the rendezvous radar responds to and communicates
with the GN&C system by means of an entirely digital interface existing between
the radar signal dataconverter and the GN&C computer, This interface is described
in the previously referenced R—404 and E-1904, and is specified in Grumman
document LSP-370-34A andinGrumman MIT/IL Interface Control Document LIS-370-
10004, "LGC-LM Electrical interface."

The digital interface is the means by which the computer digitally commands and
controls the radar, as well as the path by which the radar transmiis digital
measurement and status information to the computer. The signal paths comprising
the interface are indicated in simplified form in Figure 4-86.

The radar interface circuits contained in the signal data converter consist of:

1. A gate, controlled by the computer, feeding a binary counter with a
parallel transfer output capability for accumulation of range rate data,

2. A reversible range register and parallel transfer circuits for range
data.

3. A 15-bit shift register capable of accepting the parallel transfer of a

word from either the binary counter or the reversible register, and
cont-olled for serial shift-out by the computer.

Upon receipt from the computer of a readout command in the form of a pulse train,
the contents of tne radar shift register are serially shifted across the interface to
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the compuier, the 1 bits being transferredonal’sbus and the 0 bits being transferred
on a 0's bus. The most significant bit is shifted out first.

A continuous pulse train gate~reset is transmitted to the radar whenever the computer
is operating. Selection of the data to be read out (range or range rate) and the
time of readout are accomplished by the computer through activation of the
appropriate gate-strobe pulse train to the radar.

To read out range rate, the computer transmits the range rate sirobe pulse train
which causes tite range rate gate in the radar to turn on (open), thus permitting the
range rate signal in the form of a bias frequency plus Doppler frequency to enter
the binary counter and accumulate a count that is a function of line-of-sight rang:
rate. Upon withdrawal of the gate strobe pulse train, the gate is turned off (closed)
when the next pulse of the gaie reset pulse trainisreceived. Range rate is furnished
to the computer interface by the radar as a digital word: SRR = [fd + fBRR]7RR
where fd is a frequency in the radar proportional to range rate; fBRR is a bias
frequency; a.m:lwr'RR is the counting interval generated by the gating action of the
computer,

In the computer, range rate is calculated as follows: VRR = kRR (SRR - fBRR
T‘RR), where VRR is range rate of lunar module with respect {o the command module,
and kRR is the scale factor to convert the range rate count obtained from the radar

to fif sec.

To read out range, the same type of strobe pulse trainis transmitted by the computer
except that it causes the parallel transfer of a complete range reading to the shift
register from the revereible range register internal to the rendezvous radar, The
range measured by the radar along the radar boresight is computed in the lunar
module computer by the fellowing equation: R = KnrRR’ where Kn is the bit weight
and r'RR is the range count cobtained from the radar upon computer readoul command,
Two range scales, used by the computer to convert the range count into range in
feet, cover the required operating range, The scale change occurs at 50.6 n, mi,
and the gquantization bit sizes for the high and low range scales are I(l = 75.04 and
K2 = 0,38 ft, respectively. The range scale change from high to low is indicated by
the radar to the computer by a Range Low Scale Factor discrete signal that is
issued when the range counter is rescaled. The radar accepts from the computer
a status discrete (see Figure 4-6) designated AUTOMATIC ANGLE TRACK ENABLE,
that enables the radar to initiate automatic angle track of the target once the computer
has completed its angle designation, Removal of this discrete by the computer
causes the radar fo return to angle conirol by the computer, The radar provides
the computer with the status discretes detailed in Table 4-1I.
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TABLE 4-1I
RENDEZVOUS RADAR-COMPUTER STATUS DISCRETES

Item Description Function

1 Power On and Automatic
Mode , . D
Indicates radar power is on and radar is in
Automatic mode of operation (under computer

control).

2 Data Good Indicates to a high probability that range, range
rate, and angle data from the radar are within
accuracy specifications and are valid for com-
puter use,

3 Range Low Scale Indicates that computer should use radar scale

factor specified for close-range measurements.

Note: All discrete signals are unipolar dc.

The radar-computer digital interface employs standard circuit designs that are
common to interfaces between the computer and other subsystems,

The computer pulse tranemitter circuits are transformer-coupled to the czble
harnesses leading to ihe radars, and provide driving point impedance at the
transformer outputs of approximately 50 ohms during transmission. Thetransformer
coupling affords dec isclation for reducing ground loop problems, and provides line
balance that tends to minimize electromagnetic interference difficulties. Pulses
are transmitted in the cable harness on twisted pairs of approximately 62 ohms
characteristic impedance. The low source inipedance of the pulse transmitter circuits
was originally intended to drive higher impedance loads through short cable lengths,
However, in the development of the lunar module cable harness, some of the lines
conveying pulse waveforms across the digital interface reached nearly 40 ft in length.
To avoid the possibility of anomalous circuit behavior resulting from pulse waveform
distortion due toreflections on the pulse lines, it appeared desirable to impedance-
match these lines at both ends. The computer pulse transmitter circuits exhibit a
nominal source impedance of 50 ohms over a wide range of loads and were already
adequate for this purpose. Modifications of the signal data converters of both the
rendezvous and the landing radars were subsequently carried out to provide cable
terminations of nominally 65 chms.
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The radar signal converters contain pulse driver circuits whose output impedances
vary somewhat with load, due to the non-linear characteristics of the output
transformer. When loaded with the 200-ohm nominal impedance of the computer
receiver circuits, pulse driver source impedance was measured as 20 ohms. Under
these conditions, the pulse characteristics at the computer exhibited some overshoot
at the leading edge and ringing on the trailing edge. The computer pulse receiver
circuits, however, were designed for special immunity to pulse distortion and
degradation. After being switched to the ON condition by the leading edge of the
applied pulse, the circuits remain on for approximately 34 sec before returning to
the OFF condition. For a period of approximately 12 #sec following turn-on, the
computer logic maintains the receiver circuits insensitive to further inputs and
eliminates false triggering on transients as well as dependenc.: on a trailing edge
for turn-off. For these reasons, no adjusiment of receiver circuit impedance level
to match cable characteristic impedance was necessary,

The digital interface proper worked very reliably throughout the flight testis, the
ground checkout activity, and the missions, However, inthe course of the development,
iwo idiosynerasies which adversely affected the reliability of digital data transfer
were discovered in the circuiis communicating with the interface.

4.10 RENDEZVOUS RADAR INTERFACE SOFTWARE

The radar subsystems provide the GN&C system with dataessential to the successiul
performance of the mission. The fask of developing the software to interface the
radars with the GN&C system proved io be of major proportions, characterized by
considerable complexity and sophistication. The magnitude of the computer routine
and program task stemmed from the various steps required to provide thenavigation
inputs that, in the case of the rendezvous radar, included acquisition control, command
of the desired measurements, transfer of data across interface from the radar to
the computer, processing of data, testing data for reasonableness, generation of
keyboard panel displays and alarms, insertion of radar measurements and status
indications on the digital downlink telemetry, and protection of the radar functions.
The software desipn task was further complicated by the fact that the radar was to
be used in the mission as a dual-mode device; i.e., it was i{o be capable of either
automatic or manual {astronaut) operational control. Under automatic control, the
software design was required to advise the astronaut of certain conditions of radar
function and malfunction to permit him to exercise his judgment and control of the
radar through recyele and measurement-rejection capabilities. These factors,
together with software accommodation of radar idiosyncrasies, resulied in software
designs requiring a substantial portion of computer's permanent or fixed memory,
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A detailed description of the radar seofiware programs, routines, and downlink ligts
can be found in the Guidance System Operation Plan, Sections 2, 4, and 5.

4.10.1 Computer Angle Control of the Rendezvous Radar

GN&C system control of the radar takes advantage of computer-contained knowledge
of the linz of sight from the lunar module fo the command module, As a first step
in activating the radar for computer use, the computer software is designed to
determine the line-of-sight direction by differencing the lunar and command module
state vectors to derive a pointing vector, designated I os This vector is then
used as a reference for pointing the radar boresight toward the transponder mounted
on the service module, There are two principal advantages to this approach: first,
computer-commanded pointing of the antenna assembly obviates the need for a
self-contained automatic angle-search mechanism which would complicate the radar,
add to weight and power consumption, and raise associated reliability questions;
second, the computer pointing protects the radar against sidelobe acquisition,

The problem of sidelobe acquisition is indigenous to any narrow-beam radar and
always requires design consideration. In the case of this radar, four stable sidelohe
lock~up points exist in Mode 1 at a radius of approximately 6 degrees from the
boresight, as illustrated in Figure 4-7, and others at larger angular radii may exist
under high signal strength conditions. To be assured of main beam aequisition, the
radar electrical boresight must be pointed within 3 degreesof the true line of sight.
In the process of angle acquisition, the computer monitors the radar gimbal angles
with respect to those corresponding to the computer-calculated line of sight and
issues commands to the gimbal servos, causing convergence on the commanded
angles. When the radar approaches within 0.5 degree of the commanded angles,
the computer issues the ANGLE TRACK ENABLE discrete that allows the gimbal
servos to respond on a closed-loop basis to the microwave angle error signals of
the antenna assembly rather than computer commands, provided the radar range
rate tracking loop has acquired the transponder signal. The radar antenna slews
to null the error signals by aligning its boresight to the true line of sight to the
transponder, If the pointing error between boresight and true line of sight is less
than 3 degrees at the time the ANGLE TRACK ENABLE discrete is issued by the
computer, a radar angle pull-in on the main radiation lobe is assured.

Radar pointing uncertainties arise principally from inertial measurement unit
misalignment, errors in the knowledge of lunar and command module state vectors,
angle bias in the radar boresight, and tilt errors from misalignment of the radar
in mounting to the lunar module. The combination of boresight and tilt error is
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controlled by the Performance and Interface Specification to 15 mrad maximum,
Toassure a 99.74-percent probability that the radar pointing error does not exceed
the 3-degree limit at the time the computer gives the ENABLE discrete, the computer
uncertainty in pointing must be 2.83 degrees or less.

The software design provides compensation for rate lag errors of the radar gimhal
serves under steady-state angular-rate drive conditions, The gimbal servo velocity
constant is controlled by the P&I Specification to be 1.0 sec-l +25, -20 percent,
When the radar is tracking the orbiting command module from the lunar surface,
line-of-sight ratesupto 1 5mrad/sec are experienced and corresponding steady-state
gimbal servo lag errors of up to 15 mrad develop. If not corrected, this condition
would contribute to the radar pointing error, Toeliminate this possibility, nominally
exact compensation is provided in the software by actually commanding the radar
to a pointing vector that leads the caleulated line of sight by I second in time,

"Staleness' compensation is also built into the software to maintain radar pointing
accuracy. The staleness condition arises because of the finite time required to
integrate the relative state vectors of the spacecraft to current time prior to
differencing for I108° In program P20, the Rendezvous Navigation Program', the
Kepler integration requires about 0.5 sec to advance each state vector. In P22, the
Lunar Surface Navigation Program, because only the command module state vector
is calculated, the integration time is about 0,5 sec, To avoid staleness and associated
angular errors in 1o the Kepler subroutines are performed for current time
plus €, where ¢ is the average time required to complete the Kepler integration.

The computer commands for angle designation of the anienna assembly are applied
to the radar gyro torquers. The trunnion gyro is affixed io the radar inner gimbal
and directly senses trunnion rate. The shaft gyro is also mounted on the inner
gimbal, and rotates with the trunnion. Its sensitivity to shaft rate therefore is
propertional fo the cosine of the trunnion angle, being maximum for B = 0 or 180
degrees and zerofor Op = & 90 degrees, The software design recognizes this situation

in computing gimbal commands,

Let Cs(l) and CT(l) be the shaft (S) and trunnion (T) commands to the radar coupling
data units for the antenna in Mode 1, and CS(Z) and CT(2) be the corresponding
commands for the antenna i~ Moede 2, Initially, the unit vector An defining the
desired direction of designation in navigation base coordinates is obtained fror_n
stable member coordinates as follows: ap = [SMNB] UNIT (_I‘_'LOS), where [SMNBJ
is the stable member {o navigation base transformation and _r_'LOS iz the lag-
compensated line-of-sight vector. The commands are then computed as follows:
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cos S
CS(I) = K up - 0 {1)
~g5in 8

Cg2) = -Cg(1) (2)

sin T sin S
CT(I) = CT(Z) = -K{ up - cos T (3)
sin T cos 5

where S and T are the present shaft and trunnion angles and K is a scale factor
used to establish the proper number of bits in the radar coupling data units. A
limit check is made by the computer to ensure that no more than 384 bits are sent
to the coupling unit.

The CS command produces rotation in the shaft axis until the trunnion axis becomes
perpendicular to up. The CT command produces rotation about the radar trunnion
axis until the shaft axis is also perpendicular to un. If the gimbal servos are
linear with identical gain, the simultaneous application of CS and CT causes
designation along a great circle containing un and the radar boresight.

In the region of linear control, each gimbal of the radar responds to the 800-Hz
command from its associated coupling data unit with a sensitivity of 2
deg/sec/Vrms £12.5 percent. Maximum coupling unit command corresponds to 384
bits scaled at 13.18 mV/bit, or 5.06 Vrms +10 percent. The linear region of control
is defined as that for which the coupling unit output lies between 12 mV and 3.0
Vrms, where 12 mV is the approximate quantization level of the unit, For coupling
unit commands above 3.0 V, the gimbal servo may saturate but must drive at least
7 deg/sec for an arbitrary command level of 5.4 Vrms.

In instances where the angular separation between the radar initial pointing and the
desired pointing, Uy, is approximately 10 degrees or greater, the computer may
command full slew in one or both gimbal axes, causing drive saturation. The designate
path of the boresight will then not follow a great circle route until commands to
both gimbals have been reduced to within the linear range.

The basic technique of angle designationutilizes the computer and radar as a sample

data servo system, with a sampling period of approximately 0.5 sec. Typical
performance for one gimbal under linear control is illustrated in Figure 4-8. At
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sampling time, the computer computes the angular separation between the present
and desired gimbal angles and issues a command rate that would null the error in
1 second. This process repeats approximately every half-second, so the remaining
angle erroris approximately halved within each sampling interval and the commanded
rate is approximately halved at the time of each sample. The actual gimbal angle
converges asymptotically with time on the desired angle and the rate converges
asymptotically toward zero. Because the sampling period is long compared to the
duration of transients in the wideband gimbal servo, and because of the asymptotic
reduction in commanded rate, the stability of the complete computer-radar gimbal
closed loop is assured, and the possibility of angle overshoots is virtually eliminated.

This basic angle designation technigue is used in coasting flight, during the command
module overfly of the landed lunar module, and for positioning the radar with respect
to the lunar module body axes. In the first two instances, the dynamic problems of
the moving line of sight are obviated by suitable lead compensation of the designate
vector, U, as previously explained.

4,10.2 Rendezvous Radar Search Routine

In the early stages of radar development, several radar and GN &C system performance
uncertainties affected the acguisition capability of the radar. In the radar, these
uncertainties included the final main beam gain and beamwidth of the antenna, the
minimum discernible signal (MDS) capability, and the transponder power, antenna
gain, and pattern. In the GN&C system, the unknowns were platferm alignment
error and state-vector errors at the specific time of first angle designation of the
radar. The extent of lunar and command vehicle attitude censtraints was also an
unknown at this time. Because the combined effects of these factors on the radar,
the probability of acquisition at maximum range of 400 n.mi. could not be accurately
forecast. The concept was therefore evelved of a search routine for exploring a
volume of space in the vicinity of the calculated line of sight, with the intent of
increasing radar acquisition probability. The subroutines necessary to achieve this
search were designed into the software, identified as R24, the RR Search Routine.

The astronaut may select the RR Search mode if the normal RR Designate Routine
fails to acquire the target., The RR Search Routine then designates the radar antenna
in a hexagonal search pattern about the estimated line of sight, This pattern is
hexagonal where dimensions between parallel sides are 5.6 deg, as shown in Figure
4-9. At the beginning of this mode the radar is designated for € seconds along the
estimated line of sight to the target defined by the unit veclor u; a. Afterwards,
the computer sequentially designates the radar to each coruer of the hexagon for a
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period of § sec before repeating the process, starting with a new designate along
ihe line of sight unit vector (ELOS) for 6 seconds, The time required {o generate
this search pattern is approximately 42 seconds.

Approximately every 6 seconds, the position and velociiy vectors of the command
and lunar moedules are used to compute Yy 05 in the basic reference coordinate
frame and the relative velocity (_\[LC) in stable member coordinates. The routine
then computes the desired radar pointing direction (QD) which may be along Y; ~g
or to one corner of the search pattern (see Figure 4-9), The routine proceeds to
designate the radar by issuing rate commands to the radar gyros approximately
every 0.5 second with approximate corrections being made each time for lag error
and target motion,

The advantage of the search activity may be seen from Figure 4-10. The notched
hexagon represents the path traveled by the center of ihe antenna beam. The
concentric circles about the origin indicate angular displacement from the designated
line of sight, and the irregular contours reveal beam dwell time. The boundary
marked 5 sec encloses all pointing angles with respect to the designated line of
sight that have been continuously exposed for at least 5 sec during the search to
the radar main beam;i.e., that region of the main beam within 2 degrees of electrical
boresight. This exposure provides at least the nominal acquisition probability of
85 percent at 400 n. mi. in one search of the velocity tracker for every pointing
angle within the contour, In effect, the region for specified long range acquisition
probability has been expanded by the Search Routine from a cone of 4 degrees total
angle, under normal designate conditions, toa cone of 9 degrees average total angle.

An acduisition achieved by use of the Search Routine offers no protection from
sidelobes, since the 3-degree criterion described in Section 4.10.1 may obviously
have beenviolated. Such acquisitions must be verified for main beam lock by manual

procedures referred to in paragraph 5.2.4.1.3 of R—5671.

4.10.3 Rendezvous Radar Angular Mode Conirol and Limits

From a purely mechanical standpoint, the two-gimbal design of the radar anienna
assembly permits the radar boresight io be physically positioned over an angular
range in excess of three-quarters of a sphere. As a practical matter, however,
because of areas of mechanical interference hetween the antenna and the lunar module,
and to maintain the quality of computer control of the radar as well as the accuracy

1. Guidance System Operation Planfor Program LUMINARY, MIT/IL Report R—567,
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of radar angle measurements, the region of radar utilization while interfacing with
the GN&C system is somewhat more limited. The coverage regions are represented
in Figure 4-11, and occur in twu modes, depending on the trunnion angle:

Mode 1: 270°< 0 < 90°
Mode 2: 2709 >0 > 90°

where Op is the angle read by the coupling data unit from the trunnion resclver,
When the radar is under GN&C system control, it may be pointed and released or
pointed and held with respect to the spacecraft at any angular position within the
dashed lines. This capability, called up by astronaut request through the computer
was designed into the sofiware primarily to permit the radar to be positioned for
minimum field-of-view interference during optical sightings with the alignment optical
telescope and to atlow orientation of the antenna for minimum heat loading during
the lunar stay. It is also of great convenience in pre-flight checkout, The regions
within which the radar may be angle-designated by the computer for transponder
acquisition and within which the radar must measure to specified accuracies are
shown by the solid lines.

Since the Mode 1 and 2 regions do not overlap, it is evident thal some means must
exist to command the radar from one mode to the other. Under computer control,
this capability is zrovided by a routine designated as R25, the Radar Monitor Routine,
thatis designzd to accomplish the mode changing functions despite marginal stability
in the radar shaft gimbal servo during this transitionary period. 7“he marginal
gtability condition arises from the fact that to transfer to the other mode, the radar
boresight must pass through the pole of the gimbal systerny i.e,, the radar boresight
becomes parallel to the shaft axis, At this time, the input axis of the shaft gyro is
perpendicular to the shaft axis and is insensitive to shaft rotation. Thus, in the
vicinity of the pole, rate feedback from the gyro is negligible and the shaft servo is
marginally stable.

In the design of the software, moding instabilities are alleviated in two ways: first,
only the trunnion axis is driven during pole passage, preventing cross-coupling
disturbances that could exist if both axes were driven during mode change., Second,
the trunnion axis is commanded at maximum rate during pole passage to minimize
the time duration of negligible shaft-axis-rate feedback and prevent the development
of undesired shaft-angle perturbations.

4,10,4 Radar Angle Limit Protection

The computer softwareis designed to protect the radar gimbal system from damage
when the radar is in use as part of the overall GN&C system and the gimbal angles
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exceed the limits shown in solid lines in Figure 4-11, The desirability of
computer-continued protection was recognized early in the radar development
progran: bucause radar inertial stabilization of the boresight can result in gimbal
impact onto the radar mechanical stops due tovehicle attitude changes., To forestall
any possibility of physical damage due to mechanical impact of the gimbals with
the stops, R25 performs a gimbal-angle check every 0,48 sesc. This check also
prevents serious power drain and dissipation problems resulting from attempts by
th2? gimbal servo to maintain the inertial heading of the boresight if a gimbal were
into its stop. If one or both gimbal angles reach or exceed the allowable limit, R25
assumes control of the anienna assembly and commands the radar boresight to the
vehicle X-axis in the case of Mode 1, or to the vehicle Y-axis, in the case of Mode
2 type of operation. Once the reposition has been accomplished, R25 relinquishes
control of the antenna assembly and allows the radar either to revert to its
self-contained inertial stabilization mode or to be angle-designated by another
software routine for a new acquisition attempt

4,10,5 Aided Acquisition

In the design of the radar and the interface functions, the maximum gimbal rates
possible by computer command were deliberately constrained to relatively low values;
i.e., a maximum of 10 to 12 deg/sec, to avoid possible dynamic and transient
overshnot problems associated with high-speed servos and to make certain that the
coupling data unit analog-to-digital maximum conversion rate of approximately 70
deg/sec was not exceeded. Slow radar slew rates pose no problem in free-fall
phases of the mission where the time reguired, even for a change of mode, is not
critical, However, during the command module overfly of the landed lunar module,
the time available for accurate tracking of the transponder by the radar is less
than 3 minutes, and guick acquisition is imperative. The design of the software
materially assists in this situation by providing a pre-positioning function in
antieipation of subsequent entry of the line of sight within the angular iracking limits
of the radar. The computer commands and holds the radar boresight close to the
mode edge for earliest intercept of the target line of sight. As soon as the line of
sight enters the Mode 2 tracking limits, the compuier initiates the Normal Designate
Routine for the earliest a~juisition,

4,10.6 Angle Bias Istimation

One of the unique features of the software design is the inclusion of a Kalman filter
for estimation and compensation of angle measurement bias inherent in the lunar
module-rendezvous radar system, Under ideal conditions, the Kalman estimator
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eliminates bias errors in the radar angle measurements, leaving only the random
uncertainties. Three sources of possible bias error exist in the lunar module-
rendezvous radar configuration:

1. Bias due to deviation of the antenna electrical boresight from the line
of sight indicated by the resolvers

2. Bias due to til{ of the radar reference coordinate frame with respect to
the lunar module navigation base, as might occur in the mounting of the
radar to the spacecraft

3. Bias due to lack of orthogonality in the radar gimbals,

In the manufacture of the radar, gimbal orthogonality is maintained toc better than
20 arcseconds, eliminating non-orthogonality as a practical source of bias error,
However, boresight and tilt biases may be substantial, although the total bias is
limited by the P&I Specification to 15 mrad,

At the time the Kalman estimator was first considered, it was not realized that the
two principal categories of bias—boresight and tili—would generate different error
behavior as a function of antenna pointing. The computer was sized to include 9 x 9
matrix operation for estimation of vehicle position, velocity, and radar angle bias,
A 3 x 3 matrix which was part of the 9 x § capability provided the estimation of
individual shaft and trunnion angle bias. Bias estimation, however, was restricted
by this design toasingle category; the estimation process was capable of assessing
either 1ilt bias or boresight bias, but not both. The introduction of a more
sophisticated estimator with the ability to sort out both tilt and boresight bias was
notfeasible since the requirements for a 12 x 12 mairix operation would have imposed
unacceptable demands on design of the computer in terms of increased storage and
computation needs.

Another problem in bias estimation was related to the radar angle error model
that, for several practical reasons, assumed that the radar angle measurement errors
could be very simply characterized as bias and random types. The Kalman bias
estimator was synthesized on this model, As a practical matter, however, the radar
never exhibited bias in the ideal, time-~invariant sense. A wariation with time in
the average angle measurement error always occurs during periods of radar usage,
produced principally by such factors as temperature change in the radar electronics
assembly, polarization variation, mechanical deflections of the radar pedestal and
lunar module mounting point caused primarily by temperature changes, and electrical
boresight variations accompanying changes in antenna pointing with respect to the
lunar module structure. These variations are influenced by vehicle attitude history
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during the mission and, although generally systematic, are very difficult to predict.
The time variation of the average error suggests two questions:

1, What is considered as bias under these conditions?
2. What degree of stationarity in bias is required to allow the Kalman

estimator to converge on stable predictions of usable accuracy?

The answers to these questions were based on the minimum time interval in which
{rajectory geometry changes could be expected to allow for good estimation of both
state vector and bias, A satisfactory working definition stipulated that bias was
the mean value of the measurement error inany 10-minute tracking interval, Random
error was then defined as the variation sbout the mean of the measured parameter

based on a 10-minute averaging interval.

Simulation studies of typical Kalmanbias estimator designs established a stationarity
criterion limiting the bias time rate of change to 0.5 mrad or less in any 10-minute
interval. The performance characteristics of the radar itself do not permit the
satisfaction of this requirement. For example, movement of the radar boresight
from one edge of Mode 1 to the other may be accompanied by a boresight deviation
of several milliradians, while a 90-degree polarization change canproduce a boresight
variation of as much as 2 mrad. The problem of satisfying the bias stationarity
condition is therefore a system problem of controlling vehicle attitudes and attitude

rates to prevent rapid changes in bias in the radar.

During mission analysis and planning phases at MIT/IL, it became evident that the
difficulty of both the single-class bias estimation limitation of the compuier’s 9 x 9
matrix and the bias siability requirement could be dispelled by establishing a
constraint on the pointing angles permitted the radar during periods of utilization
of radar angle measurements for state-vector update. BSuch a constraint was
introduced in the SUNDANCE program agsembly by causing the lunar module to
re-orient its Z-axis toward the command module whenever the angle between the
7Z-axis and calculated line of sight exceeded 30 degrees during radar tracking
periods, The effect of this design feature was to limit antenna assembly pointing
to a portion of a 60-degree cone centered around the lunar module Z-axis. Within
this region, the boresight variation is less than a milliradian and, under mission
conditions, the stability criterion is satisfied, Because of the small boresight
deviation, the Kalman estimator performs well in determining the angular bias,
whether the filter is designed for tilt or for boresight bias estimation.

For reasons not connecied with the radar, the LUMINARY programs are designed
to maintain the lunar module Z-axis within a degree or two of the calculated line of
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sight during the ascent rendezvous. The departure of the radar pointing from the
0,0 direction (Oshaft = 0° and Otrunnion = 0°) is also no more than 1 or 2 degrees,
and the performance of the Kalman bias estimator is further enhanced by this close
attitude control. Note that radar pointing constraints become effective enly after
acquisition has been achieved, and do not prevent the initial angle designation of
the radar anywhere within its specified angular control limits for purposes of target
acquisition.

While it is possible to control lunar module attitude for the benefit of the radar
during free-fall phases of the mission, this option does not exist when the radar is
tracking the overflights of the command module from the funar surface. In this
application, the radar boresight may sweep from edge to edge of Mode 2 in 3 minutes
with boresight bias deviations of 4 to 5 mrad. In addition, the tilt of the radar
coordinate system with respect to the navigation base after the shock of landing is
unknown. There is little chance of gsatisfying the bias stationarity condition, and
the Kalman estimator is confronted with an unknown mix of tilt and boresight bias.
Under these circumstances, there iz no feasible remedy for bias uncertainties, and
the computer software is designed fo utilize only range and range-rate information
for state-vector updating,

4,10.7 Punctional Protection of the Rendezvoug Radar

The computer programs are designed to include several features to ensure optimal
use of the radar. One such provision is a calculation of range to the command
module, based on lunar and command module state vectors. If the calculated range
exceeds 400 n. mi., the computer refuses to proceed with the radar routines and
displays an alarm. The intent of this feature is to prevent the radar from being
used beyond its 400 n. mi. design limit, which could result in degraded range
measurement accuracy or in ambiguous range readout.

Ancther software feature automatically changes the radar angular mode, if necessary,
to allow the radar designation along the calculated line of sight, cr prevents
designation if the line of sight does not lie within either mode limit. This latter
characteristic prevents the radar from driving in' o the gimbal mechanical stops
and it avoids excesszive reposgitioning of the antenna.
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NOT FILMED

PRECEDING PAGE BLANK SECTION 5.0

LANDING RADAR

5.1 FUNCTIONAL REQUIREMENTS

The landing radar is employed during the latter portion of the lunar-module powered
descent. It is a terminal measurement device providing range and velocity
measurements for final update of the lunar module state vector in the computer as
the wvehicle approaches the lunar surface. The radar provides slant range and
orthogonal velocity components witt respect to the lunar surface, referenced to the
antenna coordinate system.

The tracking circuits of the radar measure the Doppler ghifts along three velocity
beams and the range along an altimeter beam, By appropriate coordinate
transformation within the radar electronic assembly, the desi’tred velocities and range
in antenna coordinates are obtained. Within the pguidance computer, a further
transformation relates the meaguremenis to platform coordinates prior to update
computations.

5.2 OPERATING LIMITS

The operating limits for the radar as originally derived and as currently specified
in the Performance and Interface Specification are based on MSC Design Reference
Mission Number ! and onavery cautious estimate of minimum lunar radar reflection
coefficients, Among the more important limits are the following.

Maximum Altitude . . . . ... ... ... 25 000 ft for range data;
15 000 ft for velocity data

Minimum Altitude . ...... e h et e e 10 £t for range data;
5 i for velocity data

Velocity limits on antenna axes:

e e e e e e e e e e e e as . —2000 to 50O fps
Xxa
gat e e e e e e s es s e, 500 1Ips
.............................. 3000 o -500 fps
za
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5.3 MEASUREMENT ACCURACY

The radar measurement accuracy for purposes of antomatic landing is specified in
detail in LSP-370-3A together with conditions applicable to the specification. A

summary of measurement performance is given in Table 5-1,

TABLE 5-1
LANDING RADAR MEASUREMENT PERFORMANCE SUMMARY
a, Range accuracy (3g)

25 000 3000 2000
Altitude Range to 3000 ft to 2000 ft to 10 it
Accuracy 2% 3% 1.5% + 5 ft

b. Velocity accuracy (3g)
Altitude '
Range 15 000 6000 2500 200

Velocity to G0OOO ft to 2500 ft to 200 ft to 5 ft
Parameter

Vx 1.5% 1.5% 1.5% 1,5% or 1.5 fps

Vy 2.0% 3.5% 49, 2.5% or 2.5 fps

v, 2.0% 2,5% 3% 2.5% or 2,5 fps

5.4 DESCRIPTION OF THE LANDING RADAR

The following paragraphs describe the operational landing radar.

§.4.1 Antenna Coordinate System

The radar antenna coordinate system is defined in Figure 5-1. Lines 0-1, 0-2, and
0- 3 represent the principal radiation axes of velocity beams 1, 2, and 3 respectively,
and line 0-4 represents the axis of the altimeter or range beam. Theradarmeasures
velocity with respect to this coordinate system, but measures slant range along the
axis of beam 4, In the flight radars, ¢ = 20 38 degrees and 2~ 24,55 degrees.

The radar antenna coordinate system is related to the GN&C system navigation
base by a specified set of Euler angles (2,8) for each of two radar antenna positions,
Definition of the Euler angles is shown in Figure 5-2,
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Fig. 5-1 L,R, Antenna Coordinate System
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5.4.2 Physical Descripticn

The radar is composed of two assemblies with atotal weightof 43.3 lband amaximum
power consumption of 132 Watts. A photograph of the two assemblies appears in
Figure 5-3, The antenna assembly is locaied external to the lunar module descent
stage on the underside of the spacecraft, adjacent to the retrorocket skiris, Thermal
finishes and protective coatings are applied to the antenna assembly to conirol
temperature during all phases of the APOLLO mission, Vacuum- deposgited aluminum
is used in conjunction with selected thermal-paint patterns to carefully control the

ratio of thermal energy absorptance to emittance.

The antenna assembly contains a2 three-beam, CW, velocity-sensor, receiver-
transmitter and a single-beam, frequency-modulated, CW altimeter receiver-
transmitter. Thetransmitting and receiving antennas are planar arrays. The velocity
sensor and aliimeter transmitting arrays are mechanically interlaced into a common
aperture. The beam angles are fixed in the antenna coordinate system.

5.4.3 Landing Radar Operation

The radar senses the velocity and slant range of the lunar module relative to the
lunar surface by means of athree-beam Doppler velocity sensor and aradar altimeter.
The velocity and range information is processed and made available to the computer
in serial binary form,

The radar, located in the descent stage of the lunar module, is packaged in two
replaceable assemblies shown in the block diagram, Figure §-4, The antenna assembly
{AA) serves to form, direct, transmit, and receive four narrow microwave beams,
To perform this function, the antenna agsemblyis composed of two interlaced slotted
waveguides for transmission, and four space-duplexed planar arrays for reception.
The transmitting arrays forma platform on which are mounted four quadrature-pair
balanced microwave mixers, four dual audio-frequency preamplifiers, two solid-state
microwave tramsmitters, a frequency modulator, and an antenna pedestal tilt
mechanism. The elecironic assembly {EA) contains the circuitry required to track,
process, convert, and scale the Doppler returns that provide the velocity and slant
range information to the lunar module computer.

The CW microwave energy from the velocity sensor's solid-state transmitter is

radiated toward the lunar surface by the transmitting antenna. Reflected energy is

received by three separate receiving antennas. The received Doppler-shified energy
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Fig. 5-3 LR Antenna and Flectronic Assemblies
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is homc;n:lymed1 in the balanced mixers to yield an outpui-difference frequency that
is the Doppler shift between the received and transmitted signals. The difference
is directiy proportional to velocity between the lunar module and the lunar surface
along the beam axis.

The altimeter transmitter is frequency-modulated in a sawtooth manner at arepetition
rate of 130 Hz, The altimeter microwave energy is applied to the aliimeter
transmitting antenna and directed at the lunar surface, The backscattered received
energy is also homodyned to produce a difference frequency at the output of the
balanced mixers, proportional to the slant range along the range beam, plus the
Doppler shift. A Doppler correction, derived from Doppler measurements of beams
1 and 2, is made in the range computer of the electronic assembly before transmission
of range data to the lunar module computer.

The quadrature outputs of the three velocity sensors and the altimeter mixers arc
applied to associated audio preamplifiers containing automatic gain switching based
on received signal strength.

The signals at the preamplifier outputs are applied to the frequency trackers in the
electronic assembly. After searching and acquiring the signal over the expected
frequency range with a narrow-band trackin: filter, the frequency trackers track
the centroid of the signal spectrum. The output of each velocity tracker is a signal
of 153.6 kHz plus a frequency corresponding o the nower centroid of the velocity-
beam Doppler spectrum, The output of the range tracker is a signal of 153.6 kHz
plus a frequency corresponding to the centroid of the Doppler-shifted spectrum of
the range-beam return.

The velocity tracker outputs are routed to the velocity data converter [ computer
for resolution into components corresponding to the antenna coordinate system.
To facilitate indication of the sign of the velocity, each of the resolved signals is
presented to the signal data converter in the form of a pulse train deviated from a
153.6-kHz center frequency by an amount proportional to the coordinate velocity.
The signal data converter interfaces with the lunar module guidance computer by
accepting strobe signals from the computer for pating and readout of velocity data
in serial binary form. The serial binary radar output information is fed to the

computer,

1. A heterodyning process used in a receiver with zero intermediate frequency.
The function of ihe local oscillator in a conventional superheterodyne receiver is
¢ apluted by a portionof the transmitted signal thatis leaked into the batanced mixer
to profuce the output difference freguency.
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The range tracker output enters the range data converter for compensation of beam
4 Dop-~ler shift and emerges as a pulse train whose frequency is proportional to
slant range, This outputis applied tothe signal dataconverter for gating and transfer
to the computer.

Radar status signals, which include Range Dbia Good, Velocity Data Good, Antenna
Position Indication, and Range Scale Factor, are provided to the computer in the

form of discrete relay contact closures.

5,4,4 Landing Radar Design Features to Counter Vehicle Effecis

Of necessity, the radar antenna ass_-uiy is mounted on the underside of the lunar
module descent stage to provide both aview of the lunar surface during the powered
descent and maximum available mechanical mounting rigidity, However, the
environment is unfavora : for best operation of the radar,

One problem encountered early in the design of the lunar module was interception
of part of beam ! by the rear leg and foot of the module. Tomiy:mize this difficulty,
the antenna assembly mounting point was relocated and the antenna ceordinate gystem
was skewed with respect to the module body axes to displace beam 1 from the rear
leg. The skew angle,a, is -6 degrees (Figure 5-2).

In the powered descent, during the period of desired usage of the radar, the lunar
module changes pitch angle (i.e., rotates about its Y-axis) by a total of approximately
75 degrees, a change that is too exireme to allow acceptable incidence of the radar
beams with the lunar surface. By providing the radar antenna cssembly with a
two-position pedestal and the capability of quickly reaching either position by rotation
about the antenna Y -axis, the effect of vehicle pitch variation is circumvented, making
possible acceptable radar performance. The angles specifying the two fixed antenna
assembly positions are §; = - 24 degrees and 52 = 0 degree (Figure 5-2).

Another problem for the radar was potential spurious signal inputs arising from
modulation of reflected antenna sidelobe energy. Modulation was possible from
mechanical sources such as vibration of the descent engine bell, vibration of the
lunar module rear leg and foot, and movement of the thermal blanket on the underside
of the module descent stage. There was a possibility also that weak spurious signals
could be produced by the scattering of radar gv “rom the descent engine plume.
Considerable analytical and experiment . ..ort was expended both by the radar
supplier {Ryan) .nd Grumman to determine the magnitude of these problems,
Subsequently, several features were included in the radar design ‘n preclude these
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difficulties in the radar environment, RF shields were added to the radar antennas
tc reduce sidelobe sensitivity. A non-vibratory reflecior was interposed between
the antenna assembly and the engine bell fo divert radar sidelcbe energy from the
bell and thus prevent modulation, The radar acquisition circuits were designed to
distinguish between the desired single-sideband, Doppler-shifted return, and double-
sideband, amplitude-modulated return, The circuits thereby rejected acquisition
and track of much of the vibration-induced spurious signals, which are often of the
double-sideband variety. Finally, the passbands of the Doppler preamplifiers were
substantially attenuated at low frequencies to decrease receiver sensitivity to
vehicle-induced noise signals strongest in the low frequency region. This protection
against spurious lock-up was achieved, however, at the price of enlarging the
zero-Doppler dropout region because of receiver insensitivity to low frequency
Doppler signals.

5.4,5 Landing Radar~-Computier Interface

The radar responds to and communicates with the GN&C sysiem by means of a
digital interface between the radar signal data converter and the GN&C system
computer, This interface is described in R—404 and R-1904, and is specified in
LSP-370-3A and in ICD LIS-370~10004, "LGC-LM Electrical Interface."

The digital interface is the means by which the computer digitaily commands and
controls the radar, as well as the path by which the radar transmits digital
measurement and status information to the computer, The signal paths comprising
the interface are indicated in simplified form in Figure 5-5,

The radar interface circuits contained in the signal data converter include:

1, A gate for each radar measurement (SX A SyarSza S A)’ controlled
by the computer, feeding a binary high speed counter,

2, A high speed counter capable of accumulating a count conirolled by the
selected gate, and of serially iransferring the count to the computer on
command.

Selection of the data to be read out (range or velocity) and the time of readout are
accomplished by the computer through activation of the appropriate gate sirobe-pulse
train to the radar. A gate-reset confinvous pulse train is transmitted to the radar
whenever the computer is operating. To read out, the computer first iransmits the
desired strobe pulsetrainthat, in combination with the gate-reset pulseirain, causes
the associated gatein the radar to turn on (open), permitting the measurement signal
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to enter the binary counter and accumulate a count that is a function of the selected
parameter. Upon withdrawal of the gate strobe pulse train, the gate is turned off
{closed) when the next pulse of the gate-reset pulse train is received. Upon receipt
from the computer of a readout command in the form of a pulse train, the contents
of the radar shift register are serially shifted across the interface to the computer,
the 1 bits being transferred on a 1's bus and the 0 bits being transferred on a 0's
bus, The most significant bit is read out first. No more than one parameter gate
is commanded open by the computer at any one time, and another gate will not
subsequently be commanded open until the gate strobe counter readout cycle of the
first data transfer has been completed.

The radar accepts from the computer a discrete command designated Antenna
Position 2, causing the radar to move the antenna to Position 2 in the absence of an
overriding manual command.

The radar provides to the computer the discrete status signals shown in Table 5-1L
All discrete signals are unipolar de.

TABLE 5-T1
LANDING RADAR STATUS DISCRETES

Status Discrete T Fuanction

VELOCITY DATA GOOD| TIndicates thatvelocity datafrom the radar are within
accuracy specifications and are valid for computer
use except for a period of 4 sec after first ap-
pearance or reappearance

RANGE DATA GOOD Indicates that range data from the radar are within
accuracy specifications and are valid for computer
use, except for a period of 4 sec after first ap-
pearance or reappearance

ANTENNA POSITION 1 Indicates that the radar antenna occupies position
1

ANTENNA POSITION 2 Indicates that the radar antenna occupies position
2

RANGE LOW SCALL Indicates that the computer should use the radar

scale factor specified for close range measurements
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The landing radar-computer interface employs standard computer circuit designs
common to interfaces between the computer and other subsystems. A description
of the salient electrical characteristics of this interface and circumstances affecting
its design appear in Seciion 4.10.

5.5 LANDING RADAR INTERFACE SOFTW ARE

A considerable body of subroutines is carried in the computer specifically for use
with the landing radar. The sofiware selects the measurement desired from the
radar at the appropriate time, commands and controls the readout, extracts the
bias count from the velocity data, apolies scale factors, tests the data for validity,
transforms the data into appropriate coordinate systems, weighs the data, updates
the state vector with weighted measurements, generates panel displays and alarms,
commands the radar antenna to Position 2, responds to DATA GOOD status, and
applies radar outputs to the telemetry downlink,

The velocity data are obtained from the radar with respect to the radar antenna
coordinate system of Figure 5-1, and are transformed by the computer into the
navigation base coordinate system.

The velocity deta furnished at the computer interface by the radar comprise three
binary data words of the following form:

Sxa = [ + 1g) 2+fB] R

Sya = |Gy - fz)+fB] LR

Sza= |3 - f2)+fB:| "R

where SX A SY A and SZ A correspond, respectively, to the velocity components
along the -XA. +YA‘ and +ZA antenna axes of Figure 5-1, The quantities fys f2,
and f3 arethe beam IDoppler frequencies, fB is the bias frequencyused in the radar,
and LR is the time interval used by the radar when couniing the cycles of the

above frequencies so as to produce the data words S The fime

x4’ Sypr and Sg .
interwval TLR is 80,000 msec,

In the computer, the velocity along each antenna coordinate axis is computed from
the above data words as follows:
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Vxa = Exa Bxa fBLR

Vya “kya Byp TR}

Vya = ¥za Bza TR
where Vyear Yy pr and Vo A 2T the radar measured velocities along the positive

antenna coordinate axes, and k and k,, , are the corresponding scale factors

xa’ Py ar
used to obtain the above velocities in feet-per-second.

The range data obtained from the radar are measured along the range heam shown
in Figure 5-1, These data are sent to the computer from the radar as a binary
data word, RLR' which represents the count of a certain frequency in the radar
during the time interval LR Within the computer, the range 'R along the range
beam is computed as follows:

A¢Lr1 BLR

r
LRk

LR2 TLR

where kLRl and kLR2 arethe bit weights, respectively, for the long and short range
scales in order {o obtain IR in feet. When the radar range low scale discrete is
being received from the radar by the computer, kLRE is used.

A summary of the processing constants required by the computer for radar operation
follows:

fB .......... e e e e e e e e + . .. Velocity bias frequency.
B R I S IR Counting interval of the radar,
Kyp g v Scale factor to convert (SX A ip TLR)

to velocity along the radar antenna coordinate XA (Figure 5-1) in

feet-per-second for the counting interval LR

Ry porrme o Scale factor to convert (Sy 4 ~fg 7] B)
to velocity along the radar antenna coordinate YA in feet-per-second
for the counting interval TI_.R'

Ry p oo Scale factor to convert (S, 4 ~fp 7 p)

01, 81 eemm e e e a Respective angles between the radar antenna
coordinate system in Position 1 and the navigation base coordinate
system (Figure 5-2},

02, 52 e e e Respective angles between the radar antenna
coordinate system in Position 2 and the navigation base coordinate

system {Figure 5-2),
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Kigpevorcees W+ veeeese..., Bit weight in feet for long range scale,

kLRz ................. .... Bit weight in feet for short range scale

€ vttt e e Angle of range beam with respect to the -XA axis
of the radar antenna,

A complete description of the radar software is contained in Sections 4 and 5 of the
SUNDANCE and LUMINARY GSOP series.

5.5.1 Computer Processing of Velocity Daia

Early in APOLLO development, before the fine details of the interface between the
radars and the GN&C system had been decided, the measurement accuracy of the
landing radar was computed on the basis of data smoothing provided by 406-msec
accumulation time in the radar high speed counter for velocity measurements, and
200-msec accumulation time for range. However, accumulation of the velocity bias
irequency (fB = 153.6 kHz) alone in 400 msec exceeded the 15-bit capacity available
for the landing radar-computer data transfer interface. Since provision for 400
msec of analog smoothing in the radar, or alternatively, the reduction of the radar
bias frequency both implied substantial redesign of the radar, a decision was made
{0 accomplish the smoothing task in the computer by an incremental technique.
For this purpose, the standard computer radar read subroutine, consisting of an
80-msec gate pulse train followed shortly by the readout command pulse train, was
invoked several times in succession; the individual measurements obtained were
summed and averaged in the computer. Experimental investigation conducted at
MIT/IL with a radar electronic assembly as part of the Phase II Integration Tests
concluded that averaging of five 80-msec data samples to yield a single velocity
measurement afforded an optimum trade-off between data smoothing andme asurement
error due to datastaleness, Radarvelocity measurements are therefore the average
of five 80-msec samples. Because smoothing is not as important, all other radar
readouts by the guidance computer (rendezvous radar, VHF ranging, and landing
radar range) are accomplished with a single read gubroutine cycia.

Although the special ireatment of radar velocity readout furnishes the necessary
smoothing, it also introduces larger quantization errors than those associated with
a single continuous 400-msec accumulation interval, Results of analyses of these
errors are givenin the reporis referenced belcuw.2 In the case of APOLLOQ 11 radar

2. "Velocity Errors in Lunar Landing Radar Caused by Digital Processing," E-19837;
Janusz Sciegienny, March 1966 (See Part 1V, Appendix A, Abstracts, E—-1937); See
also the results of "Quantization Error Studies," E. P. Blanchard; Enclosure 3,
Minutes of Radar Integration Meeting No. RIM-115n; MSC-Houstan; 6 May 1968.
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implementation, the gquantization bias was shown t-» be negligible, with random
quantization error less than 0.5 fps peak under worst case conditions,

5.6.2 Landing Radar Reasonableness Test

One of the major uncertainties complicating the radar design was that of the lunar
surface reflectance at the operating frequencies of the radar. For design purposes,
best available information was used to define a conservative minimum reflectance
23 a function of beam angle of incidence; a maximum reflectance 12 dB greater
than minimum was postulated. The radar was required to operate within specifications
over this reflectance range. Analysis revealed that a radar of sufficient sensitivity
to measure within specifications under minimum reflectance conditions would, under
maximum reflectance, be vulnerable to cross-lobe lockup (tracker acquisition and
track of a spurious signal), arising either from (1) receiver main-beam reception
of sui.ace-reflected transmitter-antenna sidelobe energy, or {2) receiver beam

sidelobe reception of surface-reflected transmitter-antenna main-beam energy.

Full recognition of this problem occurred after much of the radar design had been
completed. Because substantial design changes would have been required to protect
against sidelobe lockup in the radar, a decision was made fo implement a data
reasonableness test in the computer for the exclusion of false data from sidelobe
lockup, Consequently, all lunar module program assemblies have contained a radar
reasonableness test that compares each radar measurement with the same quantity
as determined from the lunar module state vector. In APOLLO 11, the velocity
acceptance criterion was

|sa} = (7.5 +0.125 V1)) fps

where §q is the difference between the radar velocity measurement and the value
estimated from the state vector, and VT is the magnitude of the lunar module
estimated velocity. The range acceptance criterion was

|| = (200 +0.125 1) £t

where §q is the difference between the altitude derived from the radar range
measurement and the estimated altitude, and h ig the estimated altitude with respect
to the landing site. The altitude reasonableness test is omitted above high gate
because of the possibility of improperly excluding valid altitude data that may be in
error by several thousand feet when the radar is first employed in the powered
descent. Although the reasonableness test was specifically designed fo combat
cross-lobe lockup, it will obviously reject any measurement that fails {o meet the

criterion, regardless of the cause of the error.
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SECTION 6.0
VHF RANGING SYSTEM

6.1 FUNCTIONAL REQUIREMENTS

The active vehicle during rendezvous is normally the lunar module that performs
its navigation measurements with the inertial measurement unit during maneuvers
and with the rendezvous radar during coasting phases. Early APOLLO planning
contemplated an identical radar on the command module to act as a backup system
by providing range, angle, and range rate measurements to the command module
computer and to the lunar module via voice link, but this scheme was eliminated
from the program as mentioned in Section 2.0.

In July of 1867, MSC directed tha. the existing backup capability of the command
module-based navigation system be augmented by modification of the existing VHF
communications link to measure range, thereby supplementing angle data available
from the optical subsystem, i.e., the scanning telescope and the sextant.,

During a lunar mission, it is intended that while the lunar module, as the active
vehicle, is performing its rendezvous navigation, the sensorsin the command module
provide an independent check on lunar module navigation. The command module
may also assume the active role in rendezvous in the event that the lunar module
GN&C fails or that the lunar module propulsion system is unable to perform the

required rendezvous maneuvers,
6.2 OPERATIONAL CHARACTERISTICS

The range measurement capability of the VHF communications eguipment was
achieved by modifying the transceivers in both the command and lunar modules.
The meodifications affected the interface with the GN&C system in the command
module only.

Basically, the ranging system is implemented by incorporating aranging unit (digital
ranging generator) in the command module and a range tracker (range tone transfer
assembly)} in the lunar module. Operationally, the ranging mode is initiated by
astronaut call-up in the command module. The transceiver in the lunar module
acts as a transponder; it receives, demodulates, and re-keys the lunar module
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transmitter with the recovered and reconstituted modulation. The signal is received
at the command module receiver and demodulated. The time delay between the
transmitted and received modulated signal is measured in the command module
ranging unit. The time delay is a measurement of the two-way propagation time,
including equipment circuit delays. The fixed circuit delays are compensated for
in the measuring process and the time delay is converted to a range measurement,
A three-tone modulation system eliminates ambiguity at long range and provides
the required accuracy at short range.

Ranging activity is astronaut-initiated in the command module and begins an automatic
sequence using the three ranging modulation tones, The acquisition phase, which
takes between 10 and 15 sec to complete, is followed by a tracking phase employing
only the high frequency ione. Valid range da.a are obtained only in the tracking
phase, Simultaneous operation of voice modulation and range measurements is
possible only during the tracking phase. Potential voice transmission interference
with the lower two ranging frequencies used during acquisition is automatizally
inhibited during this peried. As an operational procedure, voice transmission is
not used when the VHT system is developing range data for use in updating the
command-to-lunar module state vector.

Upon completion of proper acquisition as verified by inte:ual tests, the tracking
phase begins and a DATA GOOD discrete is issued hy the VHF sysiem to denote
that valid range data are available for use in the guidance computer. The DATA
GOOD tests are performed automatically during the acquisition sequence and prior
totransferring range dataupon computer command, The VHF range dataareutilized
for state vector update at approximately 1-minute intervals.

6.3 OPERATING LIMITS

The VHT ranging system is designed tomeasure range to specified accuracies over
a range interval from several hundred feet to 200 n. mi. for all range rates and
accelerations occurring during rendezvous, In addition, in the interval between
200 and 327 n. mi., the VHF system in conjunction with the command module computer

is capable of unambiguous measurement to unspecified accuracies.
6.4 MEASUREMENT ACCURACY
VHF ranging accuracy is nominally 450 ft, 30, within the operating limits. Ranging

accuracy is determined primarily by uncertainties in the signal delays occurring
within the VHF circuitry. These delays vary principally with temperature and
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somewhat with signal sirength about a mean value that can be determined for an
ensemble of VHF ranging systems and compensated for in a calibration procedure.
Thermal noise is a relatively small contributor to total measurement uncertainty,
These properties of the system result in measurement uncertainty that is nearly
independent of range,

6.5 COMPUTER-VHF RANGING INTERFACE

Figure 6-1 is an interface block diagram of the added digital ranging generator
{DRG). The connections to the guidance computer are shown encircled,

The governing doecument defining the interface characteristics of the VHF ranging
equipment and the guidance computer is North American ICD No, MH01-01380-2186,
Signal waveform and timing requirements, circuit source and load impedances, as
well as wiring and shielding of interconnections, are detailed in this document.

Five pairs of leads interconnect the computer to the VHF ranging equipment. The
computer generates two outputs: a Range Sirobe signal and a Readout Command
signal. Each signal is transmitted to the VHF system on a pair of leads, Range
data between the command and the lunar modules are furnished by the VHF ranging
equipment on two pairs of lines in the form of a 15-bit binary word. A DATA
GOOD discrete signal is furnished to the computer when the data from the VHF
equipment are suitable for use by the computer.

Toinitiate the transfer of range data, the computer transmits to the VHF equipment
a range strobe consisting of a train of 256 pulses at a 3.2-kHz rate, occupying a
total time interval of 80.000 msec.

Approximately 5 msec after completion of the range strobe, the computer transmits
a COMMAND READOUT signal which is a train of 15 pulses at a 3.2-kHz rate,

The VHF squipment utilizes the range strobe to initiate the transfer of data to the
range output register and uses the COMMAND READOUT signal to sequentially shift
the data from the range register to the computer on each of two data lines, one line
for binary 0's and the other for 1's. The most significant bit is shifted first,

6.6 INTERFACE EVALUATION TESTS

During October 1968, MIT/IL was furnished with a simulator of the VHF ranging
digital interface unit for three specific purposes: 1) to evaluate the ranging unit
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design to ensure functional compatibility between the VHF ranging system and the
navigation system, 2) to verify compliance with the interface control document,
and 3) {o provide a ready means of injecting precisely defined data into the computer
for purposes of software program verification.

6.6.1 VHF Interface Simulator

Figures 6-2 and 6-3 show the general configuration of the unit after minor
modifications were incorporated at MIT/IL.

The circuitry of the unit is loecated on two boards, one designed to simulate the
readout register of the VHF digital ranging generator and the other to simulate the
interface circuits between the digital ranging generator and the guidance computer,
The interface circuit board was adapted from a production type unit and is an excellent
simulatinn of the operational equipment both mechanically and eleetrically, The
unit was furnished with an 8-foot cable representative of the spacecraft harness,

The VHF ranging interface simulator is fully representative of the operaticnal
equipment from afunctional point of view, T.La Linaryrange switches which establish
the range data to the computer replace the »sgic leveic furnished by the three-tone
range tracker of the actual equipment, The front panel DATA GOOD switch gates a
representative excitation sgignal {o the interface discrete circuit, The resulting
static range signal transferred to the computer from the preset storage register is
precisely defined,

6.6.2 Evaluation

The simulator was subjected to a variety of tesis under laboratery conditions to
ensure compatibility with the computer and compliance with the interface control
document including evaluation of such operational charactoristies as signal waveform,
signal timing, input and output impedances, and the cffect of transmission lines
typical of those expected in the spacecraft configuration.

The tests showed fully compatible operation between the simulator and the computer,
8.7 VHF RANGING SYSTEM INTERFACE SOFTWARE

Rendezvous Tracking Data Processing Routine R-22 is the compuier routine that
periodically processes the sextant and/or VHF ranging datatoupdate the state vector

of either the command or the lunar module. R-22 is automatically called by
Rendezvous Navigation Program P-20,
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Prior to utilization of VHF ranging data, P-90 calls Preferred Tracking Attitude
Routine R-61 that controls the attitude of the command module with respect to the
line of sight to the lunar module to assure proper coverage of the lunar module by
the sextant field of view, the rendezvous radar transponder antenna pattern, and
the VHF antenna pattern.

Once the astronaut has set the VHFR flag, indicating his desire to utilize range
measurements in the state vector update process, R-22 reads VHF data no oftener
than once per minute, provided the VHF DATA GOOD discrete is present, and
interleaves these .neasurements with angle data obtained from the sextant, However,
neither sextant nor VHF data are employed for update during poriods of command
module maneuver to avoid possible measurement errors. The software includes
an update check that signals an astronaut alarm in the event that the incorporation
of measured data would produce a change of state vector in excess of predetermined

limits, and automatic update is suspended pending astronaut disposition.

R-22 counts the number of VHF measurements that have been used for update
purposes and displays this information to the astronaut via the keyboard and display
panel on command. The software also places VHF range measurements and all
status information associated with the VHFR-command module computer interface
on the telemetry digital downlink,

A more detailed description of the VHF ranging software is contained in subsection
5.2.4 of the COLOSSUS GSOP.
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SECTION 7.0
FLIGHT TEST PROGRAM

7.1 GENERAL

MIT/IL participated in an APOLLO Radar Flight Test Program conducted at the
White Sands Missile Range (WSMR), New Mexico.

Flight testing was undertaken to assist in the engineering evaluation of both the
rendezvous and the landing radars. Certaintests were performed to directly measure
the performance characteristics of the radars themselves. Other tests were
performed to gain information basic to the math models for describing each radar
in order to predict performance in the mission regimes which could not be tested
in flight or by any other means. Such flight test data as accuracy, angle biases,
signal strength, beam dropout regions, and sidelobe acquisition were invaluable in
developing the math models,

MIT/IL reguired flight test data for the Phase IT GN&C radar system integrated
tests in order to veriiy computer programs and evaluate the combined subsystem
data-processing performance. The trajectory and test evaluations were designed
to provide radar data over as wide a range of probable mission profiles as possible
in view of a number of practical constraints associated with the flight program,
and were designed to duplicate, insofar as was practical, the trajectory interrelation-
ships of range, range rate, and acceleration, and angle, angle rates, and acceleration
that were anticipated for the pertinent phases of the APOLLO mission,

7.2 FACILITIES

The WSMR facility was selected for radar flight testing because of the inherent
advantages of a large operating area already possessing most of the required
i»~trumentation and enjoying a close proximity to Holloman Air Force Base. The
Army provided cinetheodolite and ground radar tracking coverage at many locations
within the confines of the range itself. WSMR also had available extensive facilities
for reducing the vast niumber .f cinetheodolite photographs needed io establish the
aircraft state vector accurately. These refined tracking data, along with the data
from the radars, were then processed by Computing and Software, Inc., at Holloman
Air Force Base. This organization developed the final data-reducing and printout
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formats for the flight tests. Inaddition, WSMR provided timing equipment in support
of the IRIG timeline arid office facilities for NASA and contractor personnel,

Twotest aircraft were acquired by NASA, aT-33 jet aircraft and an 5ti-3A helicopter.
These two vehicles, while not capable of the high velocities that would be encountered
during the lunar landing, could provide a significant portion of the flight conditions
required for acceptable landing radur testing, Although the long distances at which
the rendezvous radar was to operate could not be duplicated, the existing aircraft
capability facilitated evaluation of the ru: dezvous radar-computer performance over
a considerable range of radar operation,

Interfacing between the radars and the data recording equipment was accomplished
by Grumman manufactured support equipment that simulated computer interrogation
or strobing of the radars and then processed the radar data for recording.

The flight testing program required ove. two years for completion, During this
period several major operational and equipment preblems were encountered, most
of which were associated with the landing radar tests, Early testing was initiated
with prototype radars that did not possess the performance or reliability
characteristics of the final production units, Later testing utilized radars highly

representative of the mission hardware and demonstratec both improved performance
and reliability.

Mounting constraints on the aircraft restricted the extent of mi.sion simulation
teste. The landing radar, for example, required enrlosure within a radome pod to
protect it from the airstream. However, specific fixed orientation of the pod with
respect to the aircraft was necrssitated by aerodynamic considerations, and the
possibility of tilting the landing radar to simulate miajor portions of the descent
profile was precluded.

One outstanding problem that caused many delays and a great deal of retesting was
the slipping of the time reference on the flight vehicles., In the case of the landing
radar, timing errorsquite seriously degraded the coordinate transformation required
for cine and radar data correlation., Oceasional weather conditions — cloud cover,
blowing dust, etc, — hampered operation, requiring many tesis to be rescheduled
or repeated.

7.3 MIT/IL RENDEZVOUS RADAR TESTS

The radar was mounted on a lunar module mockup and an adjustable pedestal laocated
at the origin of the WSMR flight {est range., The transpeonder was mounted on the
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underside of either the T-33 jet aircraft or the SH-3A helicopter. From the flight
data, IBM-compatible magnetic tapes were prepared containing rendezvous radar
interface digital data and WSMR theodolite tracking data in the same coordinate
system and parameters (range, range rate, and angle) as the raw radar data. Because
the Kalman filter was unable to estimate more thanone type of bias (tilt or boresight)
prior toinitiation of the tests, the radar antenna tilt bias, with respect to the pedestal,
was adjusted to less than 1 mrad, making possible later checks on the ability of the
Kalman filter to estimate boresight bias.

7.3.1 Rendezvous Radar Lunar-Stay Simulation Tests

These tests simulated the portion of the mission where the command module, in
lunar orbit, passes over the landed lunar module with the « «dar in antenna Mode 2
for acquiring and tracking the command module transponder through the module
trajectory over a 90-degree line-of-sight sector nominally centered at the lunar
module's zenith.

The aircraft altitude and speed were selected to achieve a line-of-sight angle rate
of 1 deg/sec maximum (the required iracking rate of the ractr) at the zenith.
Lateral offset was introduced in some tests to approximate the conditions that might
exist with the lunar module tilted or out of the command module orbital plane. The
effect of reduced signal strength at orbital ranges between lunar and command modules
was simulated by attenuation of the transmitted power between the radar and its
transponder. WSMR cine tracking facilities were employed during these tests.
Many over-flights were accomplished in directions that tested radar tracking aceuracy
under conditions where angular rates were produced about the trunnion axis only,
the shaft axis only, and both axes together. Over the angular regions covered, the
radar exhibited a small bias (approximately 3 mrad) with a bias variation of 1 or 2

mrad over most trajectories.

The range-rate data from the radar exceeded accuracy specifications; however,
during the early tests with the prototype radars, evidenca of cycle slip in the range
tracker appeared in some cases, particularly in the long range (300 n. mi,) flight
tests. This difficulty disappeared after the protoiype radars had been replaced
with production units.

7.3.2 Rendezvous Radar Rendezvous Simulation Tesis

Within practical limits, these tests simulated conditions that the radar would
encounter during.descent from and ascent to the command module. For these tesis,
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the Pearl Site lunar module mockup was rotated upward about the Y-axis of the
radar coordinate system, with the radar placed in angle Mode 1 and tracking the
flight vehicle over the trajectories indicated in Figures 7-1 and 7-2, Thetiransponder
transmitier power was sufficiently reduced to simulate the signal-to~noise conditions
anticipated during rendezvous.

A seriesof semi-circular flight patterns were flown, using both the T-33 and SH-3A
at altitudes varying from 3000 to 24 000 feet above ground level (AGL) and of differing
radii {see Figures 7-1 and 7-2). The intent was to develop range rates and angular
rates simulating those expected to exist during the lunar module free-fall part of
themission. Observations of range, range rate, and, in particular, angular tracking
accuracy were made. Test resulis indicated that, at line-of-sight angles greater
than 30 degrees above the horizon, the radar had angular biases of the order of 2
to 3 mrad with a bias variation of slightly over 1 mrad., At line-of-sight angles
below 30 degrees above the horizon, the radar angular accuracy requirements were
not expected to be met because of multipath problems from ground bounce. Range
and range-rate data were within specifications over the complete path of the
trajectories flown. In many cases, however, the test flight profile was not optimum
for radar evaluation,

An additional series of tests was performed in which the SH-3A helicopter flew a
straight-line course in front of the radar site., The parameters for this trajectory
were chosen so that the actual range and range rate could be extrapolated to match
the true rendezvous values. Essentially, the entire trajectory was contained within
30 degrees of the lunar module Z-axis. Data from these flights were employed in
a computer simulation at MIT/IL for the purpose of evaluating the Kalman filter
with actual radar data. Figures 7-3 and 7-4 show typical results of the Kalman
filter estimation utilizing the WSMR flight test data. The results of the simulation
proved that the filtering process converged quickly and was accurate,

7.3.3 Polarization Tests

These tests were conducted to determine the relationship between polarization shift
and boresight bias shift. The flights passed in front of the radar, which had its
pedesial elevated 30 degrees about the Y-axis. Tast-to-West and West-to-East
flights were criss-crossed with North-to-South and South-to-North flights and with
flights at 45 degrees relative azimuth, all at the same altitudes to display different
aspects of the transponder antenna to the radar at specific line-of-sight angles,
Radar shaft and trunnion angles were compared to the WSMR cine readings in the
radar coordinate system. Results of this test were entirely consistent with the
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predicted polarization effects. Maximum boresight deviations observed were of
the order of 2 mrad.

7.3.4 Rendezvous Radar Pearl-X Test

The Pearl-X test was devised to test the tracking ability of the rendezvous radar
at long ranges by calling upon a radar based at WSMR to track a transponder on
board the APOLLQ 7 command meodule during overflights closest to the White Sands
area, The radar was slaved in angle to the precision tracking Rampart radar at
the WSMR site to establish radar angle acquisition. The radar performed extremely
well, acquiring and tracking at ranges, range accelerations, and range rates
substantially beyond the design specifications, leading to high confidence in its abililty
to support the missions.

7.4 LANDING RADAR TESTS

Ag far as the landing radarwas concerned, the WSMR flight tests were of the utmost
importance simply because there was no other satisfactory method for measuring

landing radar accuracy and observing its performance under varied conditions,.

The radar was mounted on the underside of the T-33 or the SH-3A, with its Z-axis
forward and its X-axis down. An attitude reference system (Litton LN12A) was
installed on each aircraft to provide pitch, roll, and yaw information, permitiing
transformation of cinetheodolite data into the radar coordinate system, An IRIG
timeline base was used as time referen.e, enabling correlation between radar and
cine data to within 5 msec. The data derived from the radar were in two forms:
analog Doppler data derived from the radar preamplifier outputs recorded on
14-channel magnetic tape, and data read from the electronic assembly digital
interface circuits and recorded on iBM-compatible tapes. The transformed
cinetheodolite data were also taped in ihe same format ag the radar digital data.
Of particular significance in these tests was the fact that up to the time of flight
test conclusion, the flight test radar did not contain the more recent modifications
of the mission flight models simply because the modifications did not exist at that
time. One such modification was the reduction of the 80.00l-msec gate strobe to
80.0001 msec. Another was the reduction of the pulse width of the radar internal
readout pulses. These changes had the effect of reducing the velocity bias introduced
by the readout configuration from 0.4 to 0.015 count. In the case of the Y-velocity
component, the changes reduced the bias atiributable to these causes from 0.5 to
0.018 fps. Hence, ti 2 radar velocity readouts ii: the mission flight equipment should

be slighily more accurate than indicated from assessment of the flight test data.
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7.4.1 Landing Radar Mission Simulation Testis

Because of antenna mounting constraints on the T-33, simulation of that portion of
the descent profile within the velocity range of the T-33 could not produce meaningful
results.

The SH-3A helicopter, however, was employed to duplicate portions of the descent
profile below 600 feet altitude where the landing radar antenna is in Position 2.
The purpose of the test was to duplicate the anglular relationship between the four
antenna beams and the veloeity vector, and to observe data accuracy, beam dropouts,

and possible cross-lock re-acquisitions.

Although the stipulated trajectory was exceedingly difficult tofly, test resultis showed
that many tracker dropouts occurred, and were valuable in verifying the radar math
model, Cine accuracy at the low altitudes deteriorated such that radar accuracy
could not be ascertained. No radar cross-lock acquisition was evident during these
tests.

7. 4.9 Zero-Doppler Dropout Tests

Tests were made with the SH-3A helicopter at various altitudes calling for thevehicle
to initiate a straight and level flight path, wait for the radar trackers to lock up,
and then, at different climbing attitudes, slow down until the trackers unlocked.
Cine and radar data were compared at each point where any one of the velocity
beam trackers lost signal. Figure 7-5 shows the tracker dropout regions as a
function of altitude and velocity.

7.4.3 Cross Beam Lock-on Tests

Although an occasional cross-lock conc 'tion occurred between beams during some
of the flight tests, a special test war developed to intentionally induce cross-beam
jock-on. The test was a circular course with the SH-3A in a 15-degree left bank
and pitched between +21 and -91 degrees, placing either Beam 2 or 3 vertical at
each end of the pitching excursion. The radar was turned on, allowed Lo achieve
acquisition, and a readout of the range beam and each orthogonal velocity was
performed. The radar tracking was then re-interrupied and the entire procedure
repeated. All reacquisitivons were studied, and ezch cross-lock case was noted. In

this series of tests, cross-lock was observed in about 30 percent of the acquisitions.
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7.4.4 Peceleration and Attitude Angle- Rate Tests

These tests were designed to assess radar performance during a vehicle slowdown
and vehicle attitude change rates that are consistent with those expected during the
mission,

Verification was obtained of radar performance during the slowdown, when angular
rates were low, However, 2s the vehicle went through the larger rates (at lower
speeds), timing differences between the cine data and the attitude reference readout,
which were not accounted for in the data reduction program, introduced errors in

the caleculation of the reference data and prevented assessment of radar performance.

7.4,5 Range Beam Tests

These tests were designed to induce a radar range-scale change, The aircraft was
flown over Little Burro peak (an approximate 1500-foot change in range) to observe
radar measurement behavior during scale-factor switching, Range scale-factor
switching usually occurred when the range dropped to less than 2500 feet and returned
to high scale when the range increased to greater than 3000 feet. These results
verified that the radar design met P&! Specification switching-hysteresis
requirements.

7.5 FLIGHT TEST REFERENCES
The following documents are flight test references:

1. GAEC Document LTP-370-205 dated 15 July 1865, "Lunar Excursion
Module Recommended Radar Flight Test Plan and Control Document."

2. GAEC Flight Measurements List, LMO 372-477, dated 1 Dec. 1963,

3. "LEM-PGNCS P&I Specification (Draft),”" LSP-370-3, 17 Feb, 1966,

4, GAEC Test Data Memorandum LMO-822-198 dated 28 Feb, 1966, "PEARL
Computer Programing Status."

5, MIT/IL Report 23R-660328, “Specification of MIT/IL Data ¥Foim
Requirements for WSMR Radar Flight Tests,” dated 28 Mar. 190686,

6. "Flight Test Control Document for Project APOLLO Lunar Excursion
Module Radar Systems Boresight and Flight Tests," NASA/MSC, dated
26 April 1966,

7. "MIT/IL Flight Trajectory Reguirements and Recommendations for
LEM Radar Tests at WSMR," Document 23R-660622, 6 June 1966,
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10,

i1,

12,

13.

14,

15,
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TRW Project Technical Report TASK ASPO-344, "Rendezvous Radar
Flight Test Plan," NAS 9-4810 {05952-H0O35-R0-00) 15 Sept, 19686,

TRW Project Technical Report TASK ASPO-34A, "LM Landing Radar
Afrcraft Flight Test Plan," NAS 8-4810 (05952-H0-23-R0-00), 7 Sept.
1966,

TRW Project Technical Report ASPO Task 34B, Geometric Transforma-
tions Associated with Project PEARL," dated 14 July 1967,

"MIT/IL Fiight Trajectory Requirements and Recommendations for
LEM Radar Tests at WSMR," Document 23R-660622 Rev, A, 28 Dec.
19468,

GAEC Document LTR 372-010, dated 11 Nov., 1968, "Lunar Module Test
Reportfor Rendezvous Radar Flight ‘ests at White Sands Missile Range."
Ryan Report 53966-112, "Analysis of Low Altitude Flight Tests LM
Landing Radar Model P-11X," dated 21 March 1969.

Ryan Report 53966-114, "Analysis of High Altitude Flight Tests LM
Landing Radar Model O-11X," dated 7 April 1969,

WSMR National Range Mata Reports Prepared by Computing and Software,
Inc, Holloman, New Mexico,
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SECTION 8.0
INTERFACE TESTING PROGRAM

8.1 INTRODUCTION

Toassure electrical and functional compatibslity of the radar design with the GN&C
system, MIT/IL was initially provided with prototype models of the digital interface
circuits of both the landing and the rendezvous radars. The evaluation of these
interface units and their integration with a laboratory model of the lunar module
guidance c¢ nputer constituted the Phase I portion of the MIT/TL test program.
Phese II of the test program encompasses the evaluation of the rendezvous radar
angle interface with the coupling data units and the lunar module computer, together
with the verification of the computer programs that control readout processing and
interpretation of digital and angle data from both radars. In addition, the Phase II
program inciuded the processing and evaluation of flight test data from White Sands
Proving Grounds to verify radar characteristics and the mechanization and
programing of the computer.

8.2 PHASE T TEST PROGRAM

The Phase I test program started in July 1965 with the delivery of the landing radar
andthe rendezvous radar digital interface units from RCA, Burlington, Massachusetts.
The principal test objectives were satisfied by early March 1966, when operation
of data and discrete-signal transfer into the first available lunar module computer
(600M) was demonstrated. Portions of the AURORA sofiware program, which contains
all the subroutines for system testing of the navigation equipment, were used to
control the computer,

The evaluation tests of the radar digital interface equipment were designed to examine
the circuit performance and to ensure that both the literal requirements and intent

of the governing interface specifications were met.1

The interface circuits were evaluated under laboratory conditions and covered the
following topics:

1. GAEC-MIT/IL Interface Control Document LIS-370-10004; See also Performance
and Interface Specification LSP-370-3A.
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1. Electrical circuit characteristics,

2, Timing requirements and tolerances under conditions of deteriorated
pulses,
3. Effects of transmission cables of different characteristice and lengths

on performance of pulse circuits, and
4, Operational performance of interface circuits and verification of the
computer programs.

Figure 8-1 is a simplified block diagram showing the equipment components of the
Phase T interface iests. In each test it was necessary to stimulate the interface
units with signals representing the raw data of the three velocity components and
of the altitude of the landing radar as well as of the range and the range rate of the
rendezvous radar. Stimulation was obtained in one channel at a time from a pulse
generator with a precise crystal-controlled PRF. A number of typical stimulation
frequencies are available covering the range of the raw frequencies of all data
channels.

Diserete data, such as DATA GOOI} RADAR IN AD TOMATIC MODE, and ANTENNA
IN POSITION 2, were simulated by the operation of switches. Discrete data from
the computer to the radars were checked with an indicating meter. (Most discrete
signals to or from the computer are dc voltage levels of either 0 or 28 Volts,)

The interplay between the computer and the two radar signal data converters
(high-speed counters) is under control of the lunar module computer or equivalent
simulation equipment. F-1 the evaluation of the effects of pulse timing and pulse
degradation, it was necessary to use special test equipment to generate the gate
control puises, Sl and 52, For system performance tests, cable measurements,
and vevitication of computer programs, the digital interface equipment was connected
to the computer and to the display and keyboard., A core rope simulator provided
the programs and also controlled the computer until permanent core rope memories
wuore available. For some of the laboratory testis, a computer simulator was also
used to provide the necessary timing signals {S1 and S2) and to permit readout of
data on an oscilloscope.

8.2.1 Phase I Test Equipment

Several major pieces of equipment were especially designed for use during the Phase
I test. Figure 8~2 shows the rencezvous radar digital interface unit, a modification
of the original unit delivered to MIT/IL by RCA. The control panel was equipped
with switches for the stimulaticn of the discrete inputs. A running-time counter
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was added to keeptrack of the operating hours forthe » . pose of equipment reliability
evaluation.

The landing radar digital interface unit (Figure 8-3) was assembled at MLIT/IL,
using the RCA signal data converter and the discrete circuits. The control panel
was organized the same way as that of the rendezvous radar,

Figure 8-4 depicts the entire digital interface simulator, consisting of the interface
units of both radars and a power and stimulation unit. The latter provided power
to the simulation equipment and contained on the right side the precision PRI
generator, capable of stimulating any one of the data channels with a calib: ated
pulse train corresponding to the raw frequencies developed by the radar systems,

For laboratory evaluation of the radar interface circuits and of pulse transmission
problems, MIT/IL made use of a computer simulator (Figure 8-5) developed by the
MIT/IL Computer Group, This simulator contained all the circuits for addressing
any one of six radar data channels, and provided for timing the readout of two signal
data converters. Driving and load cireuits were ideutical to those of the lunar
module guidance computer.

8.2.2 Problems Encountered In The Phase I Tests

The governing interface control documentis a general document specifying the types
of standardized circuits available in the computer for interfacing with other
subsystems. Dynamic characteristics of these interface circuits are specified for
arbitrary resistive loads and the specifications refer to conditions at the computer
connector. The interface control document was conceived and writien to pertain to
a lumped-parameter interface.

In the lunar module however, the radars are tied to the computer connector through
substantial lengths of line: 20 ft for the rendezvous radar, and 40 ft for the landing
radar. For the pulse waveforms of the interface, these interconnections behave as
transmission lines and present distributed parameter characteristics at the computer
connector,

An incompatibility exists between the interface control document and the conditions
actually present at the interface in the integrated configuration, and coniributed to
the difficulties of verifying interface characteristics against control document
specifications, In some cases, disparity between specified and actually obtainable
conditions prevented a direet verification. The situation was further complicated
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at the start of the Phase I tests by the fact that neither the computer nor the radar
pulse circuits matched the characteristic impedance of the interconnecting
transmission lines, with the result that considerable waveform distortion nceurred
from line reflections. This condition was later ameliorated by redesign of some of
the radar pulse interface circuits.

8.2.3 Test Resulis

The results of the Phase [ interface testing program were reported in MIT/IL
Document No. E~1976, Evaluation Phase I, Final Test Report (May 19(’:56).2

A few of the more pertinent conclusions are detailed in the following paragraphs.

The Phasel interface tests demonstrated that, under laboratory conditions, the digital
interface circuits of the engineering prototypes of both radars met the applicable
requirements of interface specification LIS-370-10004. The equipment functioned
properly for the entire running time, about 400 hours. Even with simulated 40-ft
spacecraft cabling on the landing radar and 20-ft cabling on the rvudezvous radar,
all the pulse and dc discrete circuits worked without error.

The radar digital interface equipment was used with the Model 200 LGC for computer
program verification of the radar digital interface portion of the AURORA programs,
Since the rendezvous radar range-data output uses all 15 available digits, the decimal
readout capability of the display and keyboard was found unsuitable for range testing
because of its 14-digit limitation. However, either binary panel readout or the
downlink printout can be used,

A valuable aspect of the Phase 1 tests and experirnents was the exchange of design
data and test information that may have bearing on reliable operation of the mating
pieces of equipment. The tests brought out that the radar interface circuit designers
chose touse the trailing edge of the reset pulses and the leading edge of the selected
gate strobes to develop the timing gates for the measurements of radar parameters,
despite the faet that the pulse trailing edge is undefined in the interface conirol
document. This design did not, however, lead to any malfunction, even though the
trailing edges of the pulses could be substantially distorted by transmis.ion through
long, unterminated cables, Since the cable experiments were a joint (Grumman-
MIT/1L) effort, data were exchanged with Grumman on the engineering level as
soon as they became available. The results led to circuit revisions of the radar

2. See Part IV, Appendix A, Abstracts, E—1976.
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interface units to provide terminations of nominally 65 ohms, resistive, on the
transmission linee from the computer; the interface conirol document was updated
to reflect the change, This proper termination eliminated waveform rise and fall

problems,

The evaluaticn of the pulse transmission cables demonsirated the specially designed
immunity of the lunar module guidance computer to pulse distortions, primarily
because the computer circuits work from the leading edge of the pulses, which are
wirin specifications.

In the course of the transmission experiments with a simulated spacecraft harness,
a problem of feedback across unshielded cables was encountered, Proper operation
was obtained when all shields of pulse transmission cables were tied to spacecraft
ground at both ends. This grounding has since been established by Grumman as a
requirement to be covered by installation specifications rather than by the elecirical
interface specifications,

The evaluation of the landing radar interface design also indicatea the following:

1, The overlap of Sirobe ! and 2is critical in assuring accuraite data readout,

2, Timing delays inside the signal data converter are produced by one-stiot
multivibrators. Measured delays did not agree with given timing
diagrams and the question arose as tc whether the critical sequence of
"data transfer" and "counter reset' that oceurs with the signal data
converter could be maintained over the entire temperature range and
from production unit to production unit, A recommendation was made
to Grumman that the timing of these one-shot delay circuits be carefully
checked on each unit.

3. Timing of the signal data converter timing gate is from leading and
trailing edges of the S$2 and Sl pulses, respectively, Satisfactory
operation was obtained in the laboratory environment, but it would be
desirable to standardize on the leading edge-, as is done throughout the
GN&C system equipment,

4, The input impedance of the signal data converter pulse circuits was
200 ohms op the 2L prototype.. Following an MIT/IL recommendation,
Grumman authorized a design change on later units that reduced the
impedance to a nominal value of 65 ohms, providing good termination
for the pulse lines from the computer.
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8. While the rendezvous radar digital interface unit examined in the Phase
I tests served the purpose of exercising the lunar module guidance
computer and verifying the compatibility of the interface design, the
unit could not be considered representative of the later production
equipment.

8.3 PHASE II TEST PROGRAM

8.3.1 Evaluation of Rendezvous Radar Angle Interface

In June 1966, a special model of the rendezvous radar antenna with prototype servo
circuits was received at MIT/TL to evaluate the interaction between the radar and
the coupling data units, inertial measurement unit and computer. This evaluation
examined 1) the stability of the servo circuits, 2) the accuracy of angle readout
under conditions of vehicle motion (base motion), and 3) the accuracy of antenna
angle designation for different routines of target acquisition. There were also
questions of electrical compatibility, involving, for example, the signal polarity of
interfacing circuits.

The prototype antennais shown in Figure 8-6, installed on a rate table that provides
angular rates and accelerations about a vertical rotation axis. The antenna is tilted
45 degrees so that base rotation provides equal inputs to both the shaft and trunnion
axes of the antenna. iIn the prototype antenna a counterweight was substituted for
the reflector dish. The ball below the antenna is the inertial measurement unit,
and in the background on the right is the cabinet containing the servo circuits.

The performance of the proiotype equipment confirmed the soundness of equipment

specifications, The equipment also permitted testing of the radar-related com puter
tines during their development. There was one shortcoming in the protovype,
owever, that later proved to be very significant. The production type radars contain
a redundant set of gyros that had been left out on the prototype for economy. The
voting logic associated with the comelement of four redundant gyros caused Servo
instabilities when the radar was slewed at high angular rates, Detection of these
problems at Kennedy Space Center led to ajoint effort between the radar manufacturer
and MIT/IL o assess the extent of the problem and to evaluate hardware and software
fixes. In February 1969, MIT/IL evaluated a flight type radar (P-8) in its System
Test Laboratory in a setup similar to that of Figure 8-6. The results of these

special tests are reported in a separate section.
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8.3.1.1 Servo Evaluation

Theradar antenna is a two-axis, gyro-stabilized platform with its own stabilization
circuits. The computer conirols the orientation of this platform relative to the
inertial angular reference provided by the inertial measurement unit or relative to
the vehicle reference frame. Control of the radar servos is required for the angular
acquisition of the target (command module transponder), Whken the radar is in its
Angle Tracking mode, the computer reads the shaft and trunnion angles of the antenna
upon demand from the navigation reutines.

During angle designation, the computer closes two servo lcops, one for each gimbal
axis, At a sampling interval of 0,5 sec, the angles are measured, error angles are
computed, and an inertial slew rate is commanded to each platform axis for the
duration of the sampling interval. The slew rate is proportional to the error angle
and is set to reduce this error to one-half in the next half-second interval. This
very conservative approach was selected to allow for gain tolerances in the outer
servo loop. A gain increase by more than a factor of 2 would be required to cause
an overshoot in the angle designation servo, Gain is also affected by the relative
length of the sampling interval and the fain tolerances of the digital-to-analog
converters and of the analog cirecuits, Transients of the stabilization system at the
time of angle readout might also prevent proper operation of the digital servo.

Laboratory experiments quickly showed that anticipated gain tolerances and the
transients of the stabilization loops were acceptable and that the outer loop gave
very smooth angle designation.3 However, the good results preceded the introduction
of gyrovoting circuits and the realization of excessive time delays in the computation
routines.

A subject of early concern was the likelihood of servo instabilities when changing
from one mode of angular coverage of the antenna to the other, Mode changes
require "plunging" of the antenna crunnion angle through the gimbal system pole
region in 90 degrees for which the shaft angle stabilization had gain compensation
prohlems and was very seusitive to backlash in the error angle detectors. To overcome
these difficulties, it was decided to plunge throﬁgh the pole trunnion angle at a high
angular rate of about 10 deg/sec while no shaft command rate was applied. This
schem&had tobe proven experimentally in the presence of base motion. The plunging

3. W. Tanner and W. Salizberg, "Electricai Characteristics of Rendezvous
Radar/Computer Angle Interface; Evaluation of Stabilization and Designate Servo
Loop Interaction with Guidance System," Radar Group Memo, 1 September 1966,
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procedure was satisfactory with the prototype antenna but later became a problem
when failures of redundant gyros were simulated. Base motion, in particular base
rate reversals, put a severe requirement on the antenna tracking servo and on its
stabilization equipment. During such base reversals, the static friction of bearings
and seals impart a jerk to the antenna. A highly bred servo had been designed to
keep the antenna alignment within about 1 mrad during these jerks. But the large
servo bandwidth of about 20 Hz required extreme stiffness in the mounting base
and mounting structures. In the laboratory it was difficult to provide the necessary
stiffness because of the limited weight capacity and the limited stiffness in the rate
table itself. Base vibrations were sustained by the antenna servos when the trunnion
angles were beyond 60 degrees. The base vibration had to be recognized as an

instrumentation problem and separated from the performance data.

The results of the base motion tests3 are shown in Table 8-1, Note that the angular
errors are given for different values of static friction torque on the two axes, The
first column in each case is for natural friction at room temperature., The friction
was then increased by special adjustable friction devices that simulated conditions
at low ambient temperatures. The angular errors were excessive for the trunnion

axis servo and had to be corrected by later servo refinements,
8.3.1,2 Comparison with MIT/IL Digital Simulation Model

Part of the MIT/IL digital simulation of the navigation and guidance hardware is a
model of the rendezvous radar antenn:z servos and of the angle readout and slew
control provided by the coupling data units. To decrease the complexity of this
simulation, the high order antenna serve was approximated by a second-order system
of differential equations. A block diagram of this approximation is shown in Figure
8-7. The approximation was based on the results of a detailed design analysis by
the radar manufacturer (RCA) by matching the transient response of the stabilization
loop for a step of slew rate input, It remained to be seen whether the performance
of the real antenna was sufficiently different io require an adjusiment of the
parameters of the digital mocel.

Figure 8-8 shows the angular rate response of the sirmulated radar during a typical
angle designation. The graph is for the trunnion of the two-axis system, Note the
finite rise time of the command rate changes, produced by digital-to-analog converter
of the CDUs. The transient response of the antenna system is essentially over
after the half-second sampling interval.

The performance of the real antenna was close enough to the digital model so that
paraeter changes were not necessary. Using the worst tolerance buildup in loop
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TABLE 8-1
BASH MOTION DISTURBANCE
SHAFT AXIS TRUNNION AXIS
FRICTION - 180z-in. | 44o0z-in. | 108oz-in. | lBoz-in. | 3%0z-in. | 5loz-in.
| Rotation Average ‘
Reversal | Acceleration Peak Angular Error (mrad) Peak Angular Error (mrad)
" per axis per axis '
0°/sec 0 £0.1% - - £0.1% - -
0.7%/sec | 14°/sec 0.3 0.4 0.8 1.2 2.0 2.4
1.4%fsec | 17%/sec 0.3 1.1 1.2 2.0 2.5 3.0
2.8%/sec | 40%/sec 0.5 1.4 1.2 2.0 3.0 4.8

Al . : .
‘Bervo noise fluctuations in absence of base motion.
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gain, the angular overshoot of the model was larger than that of the real antenna.
Rise time and duration of the angle transient were reasonably well maiched, Data
on the servo performance and its comparison with the digital model are contained

in the three radar group rrxemoas.3’4’5

8.3.1.3 Dither Problems

Production madels of the radar antenna did not perform as well as the prototype.
Excessive tracking errors were traced to backlash in the stabilization cirecuits.
The problem was eliminated by introducing a 12-Hz "dither" signal whose purpose
was to eliminate the elecirical backlash in the modulation and detection circuits of
the stabilization loop.. It was expected that some of this 12-Hz signal would exceed
the backlash and actually vibrate the antenna, This was verified by adding the proposed
dither circuit to the equipment at MIT/IL and by recording angle outputs at high
rate. A report was issued on this prcﬂ::lem.6

The possibility of antenna vibrations was of lesser importance. Of prime concern
was the capability of the high speed angle readout (resolver-CDU-computer) to follow
these small vibrations and possibly put an unnecessary burden on the computer. Tn
addition, angular rates exceeding ¢ deg/sec caused by the vibration could not he
tolerated, Exceeding this limit would cause the CDU to switch into another operatmg
mode with insufficient readout accuracy. The problem was resolved by amending
the interface specifications to require that the dither be applied only inthe Auto-Track
mode and that the total tracking error resulting from dither not exceed 2 mrad on
the readout resolver.

 8.3.1.4 Computer Program Evaluation
Up to January 1968, the radar interface tests were conducted with the experimental

AURORA program in the guidance computer. This program permltted antenna angle
designations relative to body coordinates and relative to the inertial measurement

3. Ibid.

4. W. Tanner and W. Saltzberg, "Rendezvous Radar Angle Interface Simulator,
Investigation of 400/800 cps Jerk and Angle Designation with Base Motion," Radar-
Group Memo, 17 October 19 66,

5. W. Tanner, K., Glick, W, Saltzberg, "Angle Readout Accuracy, Comparison of
. Rendezvous Radar Simulation with Experiments, Comparison of Interface
Performance with Speclflcatmns, ' Radar Group Memo, 15 February 1887,

6. W. Tanner, "Effects of Dither on Trunnion Angle Readout,' Radar Group ‘Memo,
28 February 1967, :
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unit stable member. But the radar routines were not tied in with navigation
computations, nor was there a capability to perform a search pattern with the radar,
The prototype mission program assemboly was called SUNDANCE, As early versions
of this program became available in January, extensive evaluation began. While
the effort of program evaluation in the System Test Laboratoryis reported elsewhere,
the following remarks relate to the interaction between computer and antenna servo.

Two items were of eritical importance: 1) the antenna's mechanical axig had to be
designated within a fraction of a degree toward a target moving at 15 mradf sec and
2) angular acquisition of the target and performance of a space-gtabilized search
patiern had to be possible from any starting peint within the two modes of angular
coverage, Experiments to confirm pointing accuracy and search and sequisition
performance used a light beam pointer for visual observation and an independent
angie recording from the high speed resolvers of the two antenna gimbals, The
mirror mounted on the trunnion near the crossing of the two gimbal axes is shown
in Figure 8-6. This point was on the rotation axis of the rate table so that the

mirror would not leave the optical aperiure of a reference mark projector when .

base motion was applied.

Tn order to recogrize lag errors of the designate servo, it was necessary to mark
atime reference with the angle recordings of the gimbal angles. Special initialization
of command and lanar module orbits for which the time of zero crossings of trunnion
and shaft 'angles were known was entered in the guidance computer's navigation
program, The computer memory stinulator permitte'd' countdown to the reference
time and recording of the instant together with the angle readout.

Tarly in program development, investigationin the 'System Test Labdratory revealed
an inherent lag error in the digital designate servo that required compensation.
More important, some of the subroutines used for definition of the target location
(invehicle coordinates), particularly aKepler integration routine, were putting delays
into the designate loop and causing substantial overshoots of the antenna during
tarpet acquisition and search pattern generation. Eventually these problems were

resolved by sophistication in the computer programs. . The capability of exercising '

the computer programs on ahardware system, however, bas saved fimein recognizing
"the problems and in checking out correetive measures..

8.3.2 Evaluation of Landing Radar Data Readout

Durin'g' Phase I testing, the electrical and functional coﬁipé.tibility of the interfacing
circuits was established between landing radar and computer. Phasell testing started
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in March 1866 and its purpose was to establish the statistical characteristics of
'1andin"g radar readout by means of a realistic simulation of input signals to the
radar, as well as by using radar signals that had been recorded during the flight
tests at White Sands. These flight tests produced the first data in December 1566
and a second series of tests, conducted with production landing radar assemblies,
provided final test data and terminated late in 1868, One major objective of the
tests at MIT/IL was to verify the soundness of the technique of reading velocity
data, The computer effectively controls the smoothing time applied to the radar
data by selection of the counting interval of the frequency counter. This interval
was to be 400 msec long but had {0 be broken down into five successive but separated
80-msec intervals for reasons of compatibility with computer architeciure. The
‘question remained as to whether or not the number of B0-msec samples should be
changed to obtain the desired accuracy of the data, |

The first effort of MIT/IL was the implementation of a test facility in the System-
Test Laboratory that could accept recordings of simulated radar signals as well as

flight test signals., The equipment was assembled from commercial components

and from special test equipment built at MIT/IL in the permd between March and
November of 1968, The setup is shown in Figure 8-8, The landing radar electronic

assemblyis shown mounted in its handling fixture and cold plate on the small table.

To the left is the recirculation unit for the coolant, A l4-channel tape reproducer '
provides raw Doppler signals as well as reference and digital control signals for

the radar. 7 ‘The rack on the right contains radar power supplies and controls,

signal conditioners and phase equalizers, telemetry discriminators, and decom-

mutators for the multiplexed conirol signals. In addition, there is a time reader

‘for the recorded IRIG-B reference time. The radar-is tied into the lunar module

guidance computer which, in {urn, downlinks the radar data into digital recording

equipment called the downlink simulator. A diagram of the system for flight data
reduction is shown in Figure 8-10.

8.3.2.1 Statistical Characteristics of Data Readout Using Simulated Input Signals

Based onan early descent tra;]ecfory a.nd onthe antlmpated pitch angles of the landing
radar, a specﬁma’cmnwas prepared to procure magnetic tape recordings of simulated
radar signals. This specificationis contained in the document referenced in footnote

7. Simulation and recording of the 51gnals were carried out by Ryan, San Dlego.
The tirst tapes were delivered to MITIIL in November 19686, 8

7. E. ‘Blanchard, “Requlrements for MIT/IL Phase I Landmg Radar ‘Simulation
Tapes," Document 23N-R 660930, 30 September 1966,

8. Ryan Aeronautical Compa.ny, Report No, 53974~ ~46 of 27 January 1967, Data
Package of M.1.T. Tapes 9 through im. .
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The magnetic tapes contained recordings of statistically independent signals for
three Doppler trackers or for the three trackers involved inranging. Superimposed
on the signals was thermal and vibration noise that could be expected at the given
simulated altitude, Also simulated was a so called "RF viewfactor noise" that
represented interference from the engine bell and from the rear landing leg.
These two objects were in "view" of some of the the radar beams and their
vibrations produced signal noise. All interference signals based on the vehicle
configuration of 1966 were analytical predictions and represented the most realistic
model for a radar carried on a rocket-propelled vehicle, The later flight tests did
not have the typical vibration and interference environment and, therefore, lacked
a feature that only signal simulation could provide.

8.3.2.1.1 Random Errors and Readoui Delays,—The basic source of random errors
of ‘a Doppler velocity sensar is the spatial distribution of radar reflectors within

the footprint of each radar beam. This type of error ig proportional to the sguare
root of V/T. Visthe velocity component across the beam axis; T is the smoothing
time. There are other sources of error: thermal noise, tracking servo noise,
interference noise, and quantization noise in the digital data readout. Under ideal
conditions, a Gaussian error distribution is obtained and only then does the above’
relation of the error to smoothing time hold, S

Table 8~1I lists the total 3-0 velocity errors that were seen by the guidance computer
- for three orthogonal axes. Simulated s.ignals ‘with a stationary center frequency
were fed into the 4L landing radar electronic assembly. Special programing of the
Junar module guidance computer permitted a five-sample (of 80 mgec) readout of
the radar's dutput counter (signal data converter) at érate’ of one readout per second,
The five samples were accumulated in the guidance computer and downlinked for
recording, The data were then compared with reference signals that had also been
recorded on the magnetic tape. The statistical sample in each of the tabulated
results is about 100 to 120 error points. Range error data are hased on a single
80-msec readout interval of the radar's output counter. '

A more difficult task was wne determination of lag errors. As the vehicle velocity
changes or more important; while the vehicle changes attitude, the radar signal
frequencies change .at a rate that can be predicted. During pitch-up end site .
redesign'ationmaneuvers, rapid changes can he anticipated in radar signal frequency
that might either cause loss of tracking or at least a lag error in the velocity data.
These rapid frequency changes were simulated by frequency up and down ramps.. -
Precise time eorrel:tion between the readout of the radar data and the recorded
reference signals permitted the measurement of bias error that could be attributed
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fo the lag in the frequency iracking servos. These errors are listed in the center
portion of Table 8-II,

Some of the simulated data could not be processed because of explainable
instrumentation difficulties. But with the low velocity flights, difficulties cceurred
(points 8 and 9) with the acquisition of the signals, As a result, the acquisition
sensitivities of later radar systems were changed,

8.3.2.1.2 Frequency Tracker Noise Investigation,— All simulation recordings
contained first a series of clean sinusoidal signals for functional testing of the system
and to establish a performance baseline for the tests. For some simulation points,
these baseline data showed large random deviations. After extensive experimentation

these random errors were traced to a cross- crapling effect in the four frequency
trackers of the 4L radar system, an early prototype. Figure 8-11 depicts the error
distribution for one of the worst-case situations, a test point representing marginal
radar signal amplitude and 1ow vehicle velocity (26 fps). The lopsided error
dlstnbut.on is an indication of cross-coupling between the frequency irackers
 associated w:.th beams 1 and 2. The large errors are attributed to servo noise.
Precaution was taken to avoid instrumentation errors; the data were read with an
indepe_ndent. counter, thus excluding the quantization error associated with the
- guidance computer, Painstaking analj-sis of the error data indicated that cross-
coupling might cause excessive errors during lunar missions. The possibility of
such error was later eliminated by adding shielding between the frequency trackers.

8.3.2.2 Processing of Flight Test Data

The flight tests 6f both the rendezvous and the landing radars at WSMR were under
direction of MSC. The portion pertaining to the landing radar evalnation had the
objective of exposing the radar system to an operational flight environment and of
measuring its performance over terrain that reasonably simulated the properties
of the lunar surface. The high-speed, high-altitude portion of lunar descent was
simulated by mstallmgalandmg radarona T-33 jet trainer. The low-speed portions
of the descent used an SH-3A hehcopter as test bed, Radar and instrumentation
were in packages that could be transferred from one test vehicle to the other,

MIT/IL participated in the definition of {rajectories for the test flights. Some of
the flights represented critical sections of "Design Reference Mission 1" trajectory
of the lunar module; others were aimed at observing such radar functions as tracker
-acqu151t1on and the sW1tch1ng of the range scale factor of the ranging system. A
series of straight and level flights provided dsta on the statistical distribution of

183



¥6T

VR St S T e o b i i s hn b, e

._ SIGNAL SOURCE: RYAN SIMULATION OF POINT 8 (STATIC)

TOTAL VELOCITY: 261ps
SLANT RANGE: 1891t

S 100Hz)| 1.

BEAM 1 } 190 Hz 41Hz | 2L.5db |78 mV
BEAM 2 | 190 Hz 41 Hz 21.2" db |76 mV

IMEAN
+3,.9 pps or 0. 38 fps
: 2 pp _ p
: I ’ } | ]_‘S__PEC. LIMIT 3 SIGMA ERROR -

(99, 7% PROBABLE ERROR)
(78% OF ACTUAL READINGS WITHIN SPEC. LIMITS)

50% OF DATA
|

e

213 SAMPLES

q"ﬂ\%\ +50 +f00 ' +150 pp;
=7pps| +15,5dp5 IDEAL 50¢% PROBABLE RANDOM ERROR

P

1 1 - 1
- - ¥ i +
-5 +5 +10 +15 fps
Fig, 8-11 V-Velocity Tracker Error—Probability Density



radarerrors. Up and down flights by the helicopter simulated conditions just prior
to the landing of the lunar module, and provided data on the probability of radar
drop-out because of zero velocity along the Doppler beams,

Schedulez did not permit instrumenting the test vehieles with components of the
guidance system. Instead, a ""3050" flight instrumentation computer was installed
for radar data readout and a Litton type LN-124 inertial platform was used for the
determination of vehicle attitude. Initially, a time reference was provided via a
VHF link from the White Sands telemetry station, but a reference time generator
was later carried onboard. Data from the radar and the reference plaiform, the
timing signals, and a variety of envirommental information were recorded by an
onboard tape recorder.

Flight trajectories were tracked by cinetheodolites. From tracking data and from
attitude data recorded onboard the aireraft, Computer and Software Company of
Holloman, N,M., prepared reports and data on magnetic tape, These data included
the flight trajectory and reference range of the radar in its own coordinate system,
and finally an error evaluation of the onboard digital data, All of these operations,
as well as the instrumentation of the two test vehicles, were under direetion of
Grumman.

In antieipation of changes in the programing of the lunar module guidance computer
and to permit end-to-end testing of the radar as integrated with the guidance system
in its final hardware configuration, a second avenue of data processing had been
planned. The raw data from the radar, consisting of three pairs of Doppler signals,
one pair of range signals, and a number of signals defining the operating state of
the radar, were recorded on board. These recordings were used at MIT/IL in
conjunction with an independent radar electronic assembly to confirm on a real
system the proper processing of radar data by the guidance cdmpu{er. Figure 8-12
shows in block form the concept of recording flight {est data, the reprocessing of
the raw signals in a system configuration at MIT/IL, and the data processing required
to compare the data of the navigation system with the original flight trajecto'ry.

The reprocessing of the recorded anaiog radar signals wag performed in the MIT/IL
- System Test Laboratory using the equipment shown in Figures 8-8 and 8-9., The.
use of the tape memory simulator in donjunction with the guidance computer permitted
special programing of the computer, This was raquired fo change the number of

samples in ‘the velocity readout, to accomimodate the 1.0 word-per- secordi downlink,

and to incorporate programs for ris cugmtmn or updat:.ng of errars in the downlink
transmission, Particularly difficult was the problem of time correlation between
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recorded data and the reference trajectory, since the computer readout was
asynchronous with the time recording on the analeg input iape. Correlation was
obtaj_ned by recordihg timing signals from the analog tape and from the computer
on a high speed paper recorder and by comparing the relative location of the iraces.

The output of the signal processing in the System Test Laboratory was a punch
tape (or later a "digistore" magnetic tape) that contained radar data and a time tag
provided by the guidance computer, These data were then processed together with
radar reference data, which were provided by Grumman on computef-compaﬁble
magnetic tape. Data processing at MIT/IL interpolated the trajectory data for the
exact time of the radar data readout and produced the error data for velocity and
slant range. The resulis were also plotted automatically. Typical data plots are
shown in Figures 8-13 through 8-18. '

8.3.2.2.1 1%66/1867 Flight Test Data,—The first series of flight tests used '7L-type'
landing radar onboard the two aircrafts. Inthe laboratory, the datawere consequently

proceséed through the 4L slectronic assembly and a lunar module guidance computer,
using special programing that was compatible with the 10 word-per-second downlink
simulator (latest downlink capacity is 50 Words-per-second). After along period
of difficulties with flight instrumentation, recording levels, time recordings, and
data processing problems, it was finally possible 1o get a realistic reproduction of
radar signals into the system and to correlate the radar data with original trajectory
data with a timing error of less than § msec.

L-2185 gives the results of the 1967 tests.g The errors of velocity and slant range
‘measured by the radar were generally within specification limits. This was
partieularly true for high speed flights, Error data relating to the 4L radar and
error data originating from the 7L onboard sys‘hem were in agreement. However,
there were afew low level and low velocity flights that showed random errors beyond
specifi_ca.tion limits in the order of 310 6 ft/sec as well as occasional errors of 15
to 20 fifsec. ‘Some of the larger errors could be associated with {racker acquisition
after a dropout. Some of the smaller errors were the result of __decorrelation_ by 1
second of the attitude and velocity data in computing the reference velocities.
‘Unfortunately the data from low level, low velocity flights were sparse and did not

' permit clear identification of the error socurces.

The relatively large random errors invelocity suggested consideration of an increase
" in the number of velocity sampies.  This would increase the effective smoothing

9, W. Tamner et al,, "Laﬁding Radar/LGC Interface Experiments, Part II, Flight
_Test Data I—_'.ackage," ®-2185, 30 September 1967.
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time and thus reduce the errors. To observe the effect of changes in smoothing
time, the regular five-sample readout was complemented by reprocessing the analog
tapes, using first three and thennine samples, Several typical flighis were analyzed -
this way, only to find that the large random errors were hardly affected by the
sampling technique. The distribution of errors was anything but Gaussian, These
observations led to the conclusion that there was an erratic interference causing
the errors. Until this interferénce was identified and subsiantially reduced, there

~ was no reason to alier the data readout seguence of the radar, -

Bince there had been several changes incorporated in the production radars after

the 7L system was buili, it was decided {o implement a second program of flight

testing with special emphasis onlow-level flights using up-to-date hardware. Another

action taken as a result of the unsatisfactory tests at low velocities was the

implementation of a reasonableness test for radar velocity and range data in the

compuier in order to recognize and Jdiscard bad radar data, In addition, a 4:-sec_:ond .
delay was incofporated before radar datacould beused after re-acquisition following

a dropout. The weighting of radar velocity data was reduced to 0.2 thereby reducing

the contamination of navigation daia by an erratic radar reading,

8.3.2.2.2 1968 Flight Test Data,—The new series of flight tests made use of the -
111. landing radar system onboard the aircraft; the 10L electronic assembly was
installed at MIT/IL shortly after it was received in August 1968. Installation tests
~ using old flight test recordings showed noticeably irnpx_'oved s.ensitivity of the radar -

tracker at lowveloeity and better acquisition characteristics, However, there were
occasional internal in{erference problems in the digital circuiiry and consistent
- malfunction in the switching of the range circuits into low range. BSince the 10L
equipmentwaé the best available, it was used for processing of thenew high-altitude -
data taken with the T-33. On 25 April 1969, MIT/ IL received a replacément unit,
Electronic Assembly P32, that wasused 1mmed1ate1y to prowde datz on the critical
low altﬁ:ude, low velocﬂ:y fhghts. ' '

The re'sults of radar system evaluation at MIT/IL were presented at the Radar

Integratmn Meetmgs ‘at MSC of 2 April, 6 May and 25 June 1969, and are contained

10,11,12

in the minutes of these mee_tmgs An example of the data is glven in Figures

10, W. Tanner, "Landmg Radar Flight Tes’r. Data of 1968 G- thhts,“ (Presen.tatlon .
delivered at MSC Radar Integration Meeting, 2 April 1969),

11, W, Tanner, "Landing Radar Flight Test Data Processing at MIT/1L,;" (Presentatwn
delivered at M3C Radar Integratmn Meetmg, 6 May 1863).

12, W. Tanner, "Progress of Landing Radar Data Processing of 1968 Flight Tests
(Final)," (Presentatmn delivered at MSC Radar Integra’cmn Meehng, 26 June 1969)
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8-13 through -8-18. The first two graphs ghow slant range, altitude, and the three
velocity components for the radar system versus flight time, The pe.rticular flight
was an almost vertical ""Yo-Yo," during which radar dropout followed by acquisition
problems are expected. The next four graphs show the radar errors in range and
velocity. S |

The range data are qulte good even though they are "noisier' than on most flights.
The last data point iz an example of an error that was caused by a double pulse in
the readout strobe of the serial data readout., Two such errors were identified in a
total of about 1000 range readings. The same type error had been recorded during
system tests at Kennedy Space Center in the readout of velocity data. Since there
‘was a good chence for a higher rate of occurrence of this error, the double pulse
. was removed by a hardware fix called BOLDon the APOLLO 11 system, and by 2
program change in the computer of later flight systems.

The velocity data show several dropouts that are indicated by the interruption of
‘the solid line; Vertical velocity (X-component) is usually very good and within a
fraetion of 1 ft/sec of the reference velocity. Horizontal velocities (Y and Z) have
larger errors, There are a few data poinis out of line, They were removed since
they could be correlated with an instrumentation problem associated with gain-state
switching in the radar receiver,

Statisticsl analysis of the error data was difficult because of the low number of
data points per flight. ™ order to increase the sample. flighis of similar nature
- were combined into groups, The mean error and the standard deviation were then
computed for the dataof the entire group. Table 8-1II is the summary of the errors
for the h1gh—alt1tude, high-velocity flightsusing the T-33 aircraft. These data were
taken with the 10L elecironic assembly. Each data block is given for arangeinterval
in altitude and one in forward velocity. The numbers within the block identify the
flight numbers, To the right are the bias and RMS errors for the three velocﬂ:y
componen‘ts and for the ra.nge component

All the previous radar data had been processed by using modified AURORALS
programs in the computer and by recording of the data on punched paper tape
When. the P32 electronic assembly became. avallable, ﬂlght type computer programs '.
were used with the high speed (50 word-per-second) downlink with data recording-
on’magnetic tape. Thedata prooessing algo had to be adagied to thenew data format,

13, AURORAwas the first program for the Junar medule guidance eomputer de51gned .
for hardware oheekout
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The dataon the 1ow- altitude, low-speed flights were processed with this 1atest_ system _
configuration and represent an end-to-end test for the combination of radar system
and the navigation computer. Table B-IV is the summary for these low-level flight
data, '

The data obtained at MIT/IL by processing of recorded raw radar signals through
an actual system contained slightly larger random errors than the data originating
from the 11L onboard radarsysterm; It ignot known whether the increase in standard
deviationis due to time correlation problems or to slightly different characteristics
of the frequency itrackers beiween the 11L and the P32 radar systems, The fact
~ that itwo independent systems gave consistent resulis greatly enhanced confidence
that the landing radar onboard the APOLLO 11 {fiight would perform well. The
shakedown tests in the System Test Laboratory also revealed the possibilities of
dcquiring erroneous. data, Protective measures such as the reasonableness tesis
could be incorporaied into the compuiter programs on the basis of first-hand-
knbwledge of the problem. Tt was demonstrated that system testing of a Doppler
sensor system with recorded raw radar data is a workable approach, and that the
actunal flight trajectory can be correlated with the radar recording to better than 5
msec and can reproduce velocity to betier than 0.5 ft/sec.
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TABLE 8-III

ERROR STATISTICS OF LANDING RADAR FLIGHT TESTS

Bias and RMS errors after removal of erratic data. Tabulation for groups of 1958
high speed flights (T-33). Data processing using EA~10L and modified AURORA
' programs. Data include errors of reference trajectory, gquantization, lag time.

Altitude Range ' Forward Velocity (FPS)
- (FT) - 200 ~ 400 ' o o400 - 720

26000 - 36000 - || List | VELX Bias/RMS ' 75-1 | #0.7/1.7

_ of VELY Bias/RMS 78-1 -1.2/3.1

Climb . Runs | VELZ Bias/RMS -0.3/1.2

R Bias/RMS “+387/85

o S 72-1 . .
. : . : - 79-2

15000 - 30000 _ _ 79~ 3 +0.4/0.9

72-4 +1,7/3.3
794 +0,4/1.2
78-2 | ¥5/108

Dive

75-7 +'0.5§1.0 76-1 +1.2H.8
| 76-3 | +5.4/2.5 76-2 | +0.7/1.8
12500 - 17000 g3 |+0.4/0.8 - +0.4/1.5

77132 | | +45738

. , oo | Ts-s | +L.7/2.3
5000 ~ 9500 | 748 ig:%ﬁ:i

+11/67

73-1 +1,1/1.8
78-7 +1.4/1.4
+1.7/2.8

3000 - 4400
o =77
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TABLE 8-IV

ERROR STATISTICS OF LANDING RADAR END-TO-END FLIGHT TESTS

Bias and RMS errors after removal of erratic data, Tabulation for groups of 1968 low level
. G-Flights, M.I.T. data processing using FA-32, LLGC 800 or 100M, LUMINARY 97 programs,
50 wps downlink, Data include errors of reference trajectory. '

. #0¢

| Altitude Range
- (FT).
530 - 1200 .|| List | VELX Bias/RMS §7-1 | +0.2/0.4 57-3 | +0.2/0.35
of . | VELY Bias/RMS - | +0.2/0.9 64-1 |-0.23/0.8
Runs VELZ Bias/RMS . | -0.2/0.8 +0.1/0.6
: | R Bias /RMS +176 +_275
N . 67-4¢ | +0.3/0.4 57-3 | +0.1/0.2 . 61-5 |+0.4/0.5
" 400 - 800 g : - +0,1/0.4 57-4 | +0.1/0.7 61-8 |-0.1/0.7
CEE T _ . : -0.2/0.5 64-3 |+0.2/0.5 +0.3/0.8
1278 175
o 70-4. | 0.0/0.2 67-5 | +0.3/0.8 57-6 | 0.0/0.3 61-4 |+0.8/0.4
95 - 200 : 0.0/0.7 67-5 | -8.1/8.6 64-5 |+0.1/0.6 -0.7/1.1
. -0.1/0.4 -0.4/1.1 _ -0.3/0.5 +0,3/1.0
“A73 =173 0/3 +3/8
_ N 61-3 +0.'r.;,!0.4
4p - o +0.2/0.0
40 - 91 +0.4/0.6
+12710
. 70-3 +0.11;0.6 78-2 +0.1;0.4
an -0.2{1.3 | 0.0/0.8
35 - 60 -0.4/0.9 -0.1/0.5
-3/ -274




CHAPTER IIL o
CANDIDATE SUBSYSTEMS

SECTION 1.0
GENERAL INTRODUCTION

This chapter discusses the design and developmenti of three candidate subsystems
that were considered for use in APOLLO, but which, for the reasons stated, were
not incorporated into the final guidance, navigation, and control (GN&C) system.
Thethree subsystems discussedare the star tracker-horizon photometer, the map
and data viewer and the Junar module 6p‘t:ical rendezvous system,
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SECTION 2,0
TRACKER-PHOTCMETER

2.1 INTRODUCTION

The onboard measurement of included angles between selected stars and the earth's
horizonor earth's landmarks is arequired backup function for maintaining knowledge
.of spacecraft position and velocity.l To supplement this normally manual task, a
star tracker and horizon photomeler were designed as part of the Block I-100 and
Block IT optical subsystems (0SS). The startracker was to provide automatic tracking
of a preselecied siar along the sextant étar-line-of-sight (SLOS), A horizon
photometer was to serve as a reliable means of recording the acquisition of a well
defined point within the earilh's atmospheric horizon élong the sextant landmark-line~
of-sight (LLOS), ' o ' '

The tracker-photometer arrangement is particularly effective when the spacecraft
is in a near-earth orbit from where atmospheric conditions may make it difficult
for the human eye {o accurately define a horizon locator or to see a cloud-obscured
landmark. In addition, the iracker-photometer subsystem can make star/horizon
angle measurements in much less time and with fewer display and keyboard (DSKY)-
operations than with measurements obtained manually,

The location of the star iracker and horizon photometer is shown in Figure 2-1,
The star fracker lihe of sight is parallel to the sextant star line of sight and the
horizon photometer line of sight is parallel to the sextant landmark line of sight.

2.2 BTAR TRACKER

" The star tracker provides precise star direction error information for the sextant
'~ trunnionand shaft servo lubps when {he optical subsysteni_ is operaﬁng’ inthe Tracking
" mode, The instrument iz capable of tracking stars of third visual magnitude or
- brighter, -U'sin.g the opties' servo loops, the siar tracker funciions as a nulling
device that maintains a preselected star at the cenfér of the sextant field of view.
Sj'nchronoﬁs demcdulators generate X and Y servo error signals proportiénal to
 starimage distance from thecenter of the field of view to drive the sextant trunnion

and shaft, '

1. See R—447 and R.--‘J;Q_ﬁ, Vol. Ia.Appendi:;:‘A, Abstracts.
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Figure 2-2 is a block diagram of the star tracker, Starlight is introduced to the
tracker objective lens thi'ough an extension of the sexiant indexing mirror and two
orthogonal mirrors, The starlight is modulated by two tuning fork resonator
agsemblies. The modulated starlight is then collected by a'condensing lens, and
the image focused on the cathode of the photomultiplier tube (PMT). Elecfricél
signals from the phototube are amplified, synchronously demodulated, and then
modulated by an 800- Hz reference s1gna1 to produce the X and Y tracker output
signals.

The light modulator assembly consisis of two tuning forks, one for each sextant
starline of sight degree of freedom, that vibrate with precisely controlied frequencies
and amplitudes. Slits attached fothe tines of the forks convert the @qntinuous starlight
into bursts of light that have unique phase and frequency components for the star
pogition within the tracker's field of view. Electrical pulses carrying this position

information from the phototube are then demodulated to drive the sextant motor-drive = -

amplifiers.

Thge synchronous demodulators extract both the fundamental .(fl and f2) and second
harmonic (2f; and 2f2) components of the modulated starlight as the star moves in

thefield, The fundamential components are modulated by the 800-Hz reference signal
producing the X and ¥ outputs that are then transformed into shaft and trunnion
servoerror signals., The harmonics are summed to provide automatic gain control
of the phototube and a star presence signal to the computer.

2,3 HORIZON PHOTOMETER

The horizon photometer uses the "signature" or "locator” phenomenon of the horizon
profile asviewed from space at a known altitude above the limb of the earth, Analysis
has shown that an accurately predictable relationship exists beiween the iniensity
- of a sunlit horizon viewed from space and the intensity at a given altitude above the
limb of the earth. This relaticnship, termed a horizon profile, has been determined
to depend on such factors as the scatfering of sunlight and extinction of aerosols
(i.e., attenuatidnpf- sunlight) as a function of altitude. The half-power intensity of
a given profile reliably occurs at approximately the same altitude above the limb

for certain wavelengths, This phenomenon therefore defines a locator or signature

within the profile. Theoretical considerations indicate that the variation of the horizon

signature with altitude will vary as little as approx:tmately #0.5 n., mi. for a scan
performed in or near the uliraviolet region (to exclude interference from clouds)
in the band 3700-3800A, This corresponds to a s;gnature stability of approximately
+2 arcminutes when viewing the horizon along a target line of sight from an orbital

208



STAR 4, ..

l

‘

PR

S

f/f

TUNING FORKS [
& APERTURES

oy

15551 OBJECTIVE LENS
/—‘»——J X AXTS FORK DRIVE AMP]
(.___/““‘“—,__"_w AXIS FORK BRIVE AMP|

AN

COLLECTOR LENS

PHOTOMULTIPLIER TUBE
PREAMP

"] SYNC DEMOD - fy

800 Hz

MOD TRACKER X

CUTPUT

§__"]SYNC DEMOD - 217 }—

800 Hz

I SYNC DEMOD - fp |

s

}
TRACKER Y
[ LMOD f——turpur

——{SVNC DEMOD - 27}

POWVER SERVO ASSEMBLY

VARIABLE HIGH VOLTAGE

~— POWER SUPPLY AND STAR [+—

PRESENCE DETECTOR

!

100 Hz STAR PRESENCE
AMPLIFIER

|
AGC AMD STAR
PRESENCE SIGNAL

—— STAR PRESENCE QUTPUT

Fig, 2-2 Star Tracker, Block Diagram

209



altitude of 150 n. mi. See Figure 2-3, Tt has been dejermined experimentally, for
example, that a horizon scan time of 10 seconds through the target at the center
wavelength of 4200Aproduces avariation of signature with altitude of +1.0 arcminute.2

The horizon phot'ometer which was designed to use this signature phenbmenon is

shown in the block diagram of Figure 2-4, Light from the earth's horizon passes

through an uliraviolet filier and is collected by an objective lens that fucuses the

received light into a tuning fork precision oscillator assembly, Pulses of modulated

light are then directed fo a photomuiltiplier through a collector loms.  ‘The

photomultiplier produces electrical pulses with timing corresponding to the modclated

light pulses, and with amplitude corresponding to the radiance of that portion of the

horizon profile being viewed. A narrow-band amplifier provides high-gain and

low-noise amplification of the photomultiplier outpui, The peak detector stores the.
maximum value of the horizon intensity signal and, when the intensity drops to one~haif

peakvalue, the comparator, through the horizon gate, signals the compuier o record -
the trunnid_n angle and time,

2.4 NAVIGATION TECHNIQUE WITH THE TRACKER-PHOTOMETER

For a star-horizon angle measurement using the tracker-photometer, the navigator
or computer first locates the desired navigational star in the sextant star line of
sight, and the siar iracker is used io keep the star pfecisely in the star line of
sight ‘during the ensuing maneuvers with the optical subsystem in the Track mode,
Then, by appropriate spacecraft attitude changes, a point near the earth’s horizon
between the center of the earth and the horizon is acquired in the landmark line of
sight, As the horizon is seanned along a line outward from the center of the earth
toward the tracked star, the angle between the star line of sight and the landmark
line of sight is monitored. When the horizon marks the half-power signature point,
the trunnion angle is recorded by the computer as the star-horizon angle.

2.6 CONCLUSIONS

The addition of the star tracker and horizon photometer to the existing optics would
have permitted automatic sightings at low altitudes as well as in translunar flight,
“but component assembly, scheduling, and cost difficulties combmed to cause removal_
of the tracker-photometer. from the optics des1gn nJ anuary 1968, Although a
configuration incorporating the tracker-photometer into the Block TI GN&C system
was designed, it wasnot 1mp1emented in the fllght hardware des:.gnated for ma.mlme

APOLLO flights. - '

2, C, G_r'ay, _R_—_GQB, M.I.T, X-15 Horizoﬁ Definition Experiment Final Report.
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Experiment M—438 has been under consideration for performance aboard APOLLO
Applications Program flighfs tomakeuse of the traclcer-photometer. The proposed '
experiment has three objectives: validating the definition of a stable horizon
signature and demonstrating its usefulness for onboard spacecraft navigation;
_validating the techniques of horizon position measurement; and providing a world-
wide check on the horizonmodel. The jmplementation of these objectives is planned
through the logical extension and synthesis of the APOLLOGN&C system. Applications
of the tracker-photometer to future manned space flights, both for automatic inertial
piatform realignments und for automatic navigation, are discussed in WMIT/IL reports
E=2246 and E-2389.
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SECTION 3.0
LUNAR MODULE OPTICAL RENDEZVOUS SYSTEM

3.1 INTRODUCTION

The lunar module optical rendezvous sysiem, or LORS program, was initiated in
1965 as an alternativeto the rendezvous radar (RR) subsystem. The optical rendezvous
system was io replace the rendezvous radar and the alignment optical telescope on
the lunar module and was to provide the following: star direction information for
alignment of the lunar module 1nert1al measurement unit (IMU') measurement of
line of sight parameters between the lunar and the command service modules to
derive range and range rate data for rendezvous guidance, and guidance information
during the lunar module descent phase and during fixed site operations on the lunar
surface. In addition, the optical rendezvous system could be used to-help guide the
lunar module to previous SURVEYOR or other preselected landing sites on the lunar
surface,

The MIT/IL rolein the optical rendezvous system development was that of technical
advisor to NASA, Tn 1862, MIT/IL suggested that an optical tracker system be
used for rendezvous of the command module with the lunar mod_ﬁle. In 1964-65,
MIT/IL compiled a list of requirements for a rendezvoﬁs system in response to a
NASA request. A number of MIT/IL guidance and navigation personnel participated
in the review of the airborne design, reliability, ground support equipment, and
optical rendezvous subsysiems integration with the GN&C system, including computer
software, Hughes Aircraft Cqmpany was selected to build the optical rendezvous

~ system, under subcontract to AC Electronics.

Due to increased confidence in the rendezvous radar as a more highly developed
and demonstrated state-—of the—art system, the optlcal ‘rendezvous system. was
canceled for use on mainline APOLLO ﬂlgh’cs and the role of MIT/IL ceased in its
development, This section, therefore, describes the development of the system

-through early 1966.

3.2 FUNCTIONAL CAPABILITIES

The optical rendeiﬁous' sys"'ceni' c'on.‘is'i"sts_ brincip.a;lly.bf an op_ti.cal' tracke'r,. moﬁnﬁéé'
on the lnar module, and & luminous beacon, mounted on-the command module.
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The iracker was designed to detect and track specified targets to an accuracy of
0.15 mrad, one sigma, relative to the lunar module navigation base. One target is
the command module luminous beacon, which should be detectable under ideal
conditions at ranges up {o 400 n. mi. Other capabilities include the tracking of the
sun-illuminated command module to a distance of 400 n. mi. and the tracking of a
third magnitude star in the presence of a fifth magnitude star. The beacon should
. be detectable against the sun-illuminated moon toa distance of 40 n, mi, The tracker
is able to acquire and maintain track to the 0.15 mrad accuracy limit during lunar
module body rates of up to 1.0 deg/seec., During lunar module body raies of up io
10.0 deg/sec, the tracker is able tomaintain track, but not io the required accuracy.
Tn 2 separate mods of operation, the beacon could be tracked by the lunar module
flight crew usiﬁg a hand-held sextant, '

3.3 OPTICAL RENDEZVOUS SYSTEM COMPONENT DESCRIPTION
The following is a description of the operation of the optical tracker, the role ofr _
" the lunarmodule gu1dance computer (LGC) inthe opt1cal rendezvolis system operation,

and the luminous beacon.

3.3.1 Optical Tracker

The optical tracker (Figures 3-1 and 3- 2) is a single line-of-sight instrument with
Ctwo’ degreev of freedom (azimuth and elevatmn) that uses four photomulhpher tubes
(PMTs) as optical sensors. Tt weighs approximately 30 pounds and consumes 80

Watts peak and 40 Watts average power The tracker operates in two modes. Star .

Track and Beacon Track,

Tn the Star Track mode, light passes through anutating wedge prism, which imparts
a 5.0-mrad offset to the image light path. When the prism is rotated, the star -
: image sweeps out a circle in the focal plane of the tracker's Céésegrain objective.
A maslc, located in the focal piane, divides the field of view into four axes, deflned
by two perpendlc;ular sets of two colinear slits, in a eross pattern (Refer to F;gure
3-8.) Four relay prisms, located behind the mask near the focal plane, conduct
light from the four slits to the four phototubes, The relay prisms thus act as sector
division opties, with each photomultiplier generating an electrical pulse when the
star image sweeps across its associated slit. The nutating i:ncism is driven at a -
constant speed- of 32 rps by an induction motor and is mechanically 6oupled to a
phase generator that prowdes prlsm rotation ang;e mformatmn to 'the tracker's.
sa.gnal processmg ‘electronics.
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Figure 3-3 shows the pulse position modulation technigue used in the Star Track
mode. With the target located at zero error angle, ine target image deseribes a
circular trajectory (indicated by the solid eircle} that intersects each of the slits
at equally spaced time intervals. The demodulation technique which is used for
converting this target positioning information into an error voltage is shown at the
right of Figure 3-3. Sine and cosine reference signals (from the prism phase
generator) are also shown, The positions of the signale from the various
photomultipliers, as indicated by Sy, '82-, 83’ and 3, depend upon the error angle,
€. For example, if ¢ is zero, all four detector output pulses coincide with the zero
crossings of the reference waveforms as shown, Signals from detectors 1 and 3
are summed and sent into one channel where the sum is compared with the reference
sine wave; similarly, signals from channels 2 and 4 are summed and compared to
the reference cosine wave in a separate channel, Thus, failure of any one phototube
in no way diminishes iracking information if the image nutation rate is greater
than 32 rps. When the signals are located in time position as shown by the solid
_ lines, the reference waves are sampled at their zero crossings and zero error
- voltage is produced, - |

When an error angle € exists in azimuth, as indicated by the dotted targeti-image
~ trajectory circ-]_.e.in Figure 3-3, the tir'riing_' of signals S, and 83 is not altered. On
the other hand, the timing of signals 82 and S, is altered in such a way as to bring
82 and 5, closertogether intime. Tf 52 and 5 34 are multiplied by the cosine reference
wave in a sampling circuit, a negative error voltage resulis. The oppcsﬂ:e effect

exists with an error angle in the opposite direction.

Tn the monopulse modulation mode (Beacon Track) four phototubes labeled 1, 2, 3,
and 4 are arranged in the form of a four-quadrant array and the overall field of
view is restricted by means of a cireular field siop. The nutating prism is locked
 in a known position and the slit mask is removed from the optics focal plane by a -
rotary actuator. The beacon image is now nonrotating and slightly out of focus and
falls direetly on the faces of the four relay prisms. This type of monopulee system
is a.nalogous to radar monopulse sys tems that have been in use for many years,
The angle error s:.gnal is proportional io the difference beiween the sums of the
signals obtained on opposite sides of a quadrant array, The equafions for the
~modulation index achievable in the system are indicated in Figure 3-3, ‘At the right,
a plot of the way this modulation index can be made to vary is shown as a function
of the error angle¢. The error angle is the amount of d1sp1acement of the target
image from‘the center of ihe- array. The slope of the- modula‘tmn index versus
‘error angle curve depends upon the size of the blurred image of the target,” This -
blurred image of the 'target is indicated by the symbol Db in the figure. For large
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values of Db’ the error angle curve rises approximately linearly uniil a value of
error angle egual to Dblz is reached; at this point the image is entirely contained
on one gide of the array and the modulation index is unity.

To complete the control loop, line-of-gight azimuth and elevation error signals,
generated by the signal processor, energize the tracker optics gimbal drive motors,
and dual speed resolvers supply angle information to the tracker coupling data unit,
When the line of slghi is within 5 degrees of the sun's limb, a sun sensor aciivates
a sun shutter to block the optical path and protect the phototubes from direct solar
#lumination.

When the tracker is not in use, it is oriented by lunar module computer command
into a siowed position, and the sun shade is capped by a protective cover., The
cover contains, as a self-test feature of the optical tracker, a point light source
that can simulate a flashing command module heacon and a steady star image.
 Each timeé the tracker is used, the computer iniiiates a self-test routine before the
cover is removed. | |

The coupling data unit provides the position information link between the tracker
and the computer. The unit provides the analog-to-digital conversion required to
read the tracker gimbal angles into the computer, the digital-to-analog conversion
‘to allow the computer to position the tracker gimbals, and an analog output proportional
t¢ the difference between the actual gimbal angle and the angle commanded by the
computer.

- 3,3,2 Lunar Module Computer Contral

The operation of the optical iracker, except for power application by the crew, is
controlled entirely by the computer program, including {racker mode selection and
evaluation of the azimuth and elevation angle information. When the {racker is
s turned on, the lunar module eomputer commands the Star ’I‘rack mode, verifies,
that the azimuth and elevation angles indicate the stow pos:.tmn, and turns on the
self-test light in the stowage cover. I no tracker failure is indicated (TRACKER
WARNING on the display), the. compuier unsiows. the tracker and. posﬂmns it to
within #1,0 degree of the expected target line of 51ght The computer may also
" command lunar module reorientation to select an approprlate target.. A search
program, genera’ced internally in the iracker, is then started and, when a target of
sufficient magnl’cude enters the field of view, the program is teriminated and the
automatic trackmg process begins. The computer now accepts and processes the
tracker angle data. . If the tracker encounters. a limit stop in azimuth or elevation,
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the computer orients the iracker io reacquire the target when it leaves the stop,
based on its computation of the target's path,

After the tracker ig turned on, if the computer initiates the Beacon Track mode,
the above sequence is followed, except that the self-iest light in the stowage cover
ig pulzed at a 32-pps rate to simulate the flaghing command module beacon. When
the tracker is in the Beacon mode, a 5-mrad fixed bias exists in the line of sight;
the computer removes this bias from the tracker line-of-sight coordinates as
determined from thes angle inpuis to the computer.

When the computer has p'rocessed the necessary tracking information, it either
commands. the tracker f{o assume the stowed configuration or repositions the line
of sight to acquire a new target., The crew is advised by the computer to turn off
the tracker power after it is stowed., '

3.3.3 Commeand Module Luminoug Beacon

The major components of the luminous beacon are two xenon flagh lamp and condenser
units and a single electronics package consisting of two power supplies and a
controller, all within a gingle housing. See Figures 3-4 and 3-8,

Twomodes of operation, Autotrack and Visual, are seleciable by the command module
crew, In the Autotrack mode, the '.1amps are pulsed continﬁously at 32 pps with a.
pulse duration of 5 to 15 microseconds; in the Visual mode, the lamps are pulsed
at 32 pps for 0.5 sec on followed by a 0.5 sec off~-time, (The Visual mode was to
be used for sightings by the lunar module crew, using a hand-held sextant,) Providing
8 Joules of optical energy in an 80-degree conical field, the beacon requires 330
Watts peak power. Telemetry signals indicate proper operation of each flash lamp
chamnel, '

3.4 REFERENCES
The functional operation of the optical rendezvous system and its testing at the

GN&C level aremore fully described in AC Electronics Division Experimental Design
- Exhibit XDE34-T-53. The LORS-LGC interface is describe'd in XDE34-R-301.
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SECTION 4.0
MAP AND DATA VIEWER

4.1 INTRODUCTION

The map and data viewer (M&DV) wag designed and built as pari of the Block I
GN&C éystem for the command module. A second version was designed for the
Block TI configuration, but was not incorporated into that system because of weight,
cost, and schedule limitations,

The function of the map and data 'vieﬁrer is to provide to the crew of the spacecraft
visual aceess fo such information asnavigation charts, flight instructions, computer
settings, and systems status by projecting images from a spool of 16-mm film onto
aviewing screen above the optical subsystem optics panel, The astronaut accesses
the information for display by operating controls on the indicator and control panel.
In the Block T configuration, GN&C circuit malfunctions are antomatically presented
by 11 annunciator lights adjacent to the projection screen. Figure 4-1 shows the
viewer and its associated controls on the indicator and control panel.

4,2 GENERAL DEVELOPMENT

Two configurations of the map and data viewer were designed by MIT_/IL. The
first design (Block I) was released to Kollsman and a number of units were
manufactured, The second design for Block II was never released. With 80 percent
of the design completed, NASA deleted the viewer from the GN&C system in February
1965 L However, since the design was so near completion, MIiT/ 1L requested NASA
suppori to finish design of the Block II configuration and to build one prototypa.

This support was granted and comple’non of the Block 1I 6951gn effort beganin March
1965, The prototype was finished in October and was functionally evaluated under

0-g flight conditions at Wright-Patterson Air Force Base in November.3

1, Contract Change Authorization No, 153-0009 to NASA Contract NAS9-153
{Removal of the Map and Data Viewer). ,
2, Task 3, Contract No._ NASQ-4065 {1, 1.T. DSR No. 55-358),

3. I.5. J olmson and W, E. Patterson, M. I T, Internal DG Memo No. 585 Mzero G
Plight Tests of G&N equipment; WPAFB, 15-18 November 1965" (29 November_ )
1965). : .
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The optical subsystem was designed to provide maximum resolution and magnification
in the space available. System magnification was 18,5 and resolution exceeded 7
lines/mm on the screen, Under ideal conditions, the eye can resolve about 1.0
areminute. At a 12-inch viewing distance, this is equivalent to 11 lines/mm. The
optics were breadboarded and tests were run using NBS resolving power 'I:argets
and strips of l6-mm film taken by the MIT/IL Photographic Laboratory The
maximum resolution of the test film was 96 lines/mm. On the view screen, ihe
smallest target was resolved (i.e., 5.2 lines/mm) with no measgurable difference in
resolution between the center and edges. Screen luminance was uniform (75 percent
of center luminance at corner of screen; this variation is not noticeable to the eye),
and there was no noticeable distortion of the image, Subjective tests indicated that
color rendition was good and that - the image was clear and well defined. Ambient
light levels for different viewing modes were satisfactorily defined,

4,3 MAP AND DATA VIEWER PHYSICAL DESCRIPTION

This section describes the design features common to the Block I and TI viewer
configurations, with emphasis on Block TI, Significant differences between the two
configurations are given in Table 4-1L.

The viewer was designed for viewing 16-mm color film on a 5,4 by 7.4 inch rear.
projection sereen, In order to allow access to an unlimited amount of filmed data,
the viewer used interchangeable cartridges, preloaded with 75 feet (3000 frames)
of film, ' -

. Figure 4-2 depicts the viewer housing and a layout of the internal condition lights.
Ali:hough not functionally related to the viewing screen, the condition lights are
mounted in the viewer assembly; their function is to provide indications of specific
GN&C system malfunctions (inertial unit temperature, accelerometer failure, ete.).

'The Block II design allows for two modes of film positioning (slew and manual) and
variable intensity for viewing under different ambient 11ght conditions, Provision
is provided for replacement of the projection lamp in case of failure., The weight
of the unit (less externzl conirols) is 8.25 pounds.

4,3.1 General Construction

Most viewer structural components were fabrlcated from cast magnesium, Viewer

' cans‘l:ruct:.on may ‘be described relative io its major components for greaier -

clarification ag the housing assembly, gearbox assembly, film cariridge, access
door assembly, and electronics assembly.
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TABLE 4-T

CHAR'ACTERIS.TICS OF BLOCK T AND BLOCK IT MAP ANDDATA VIEWER

Ttem Block T M&DV Block II M&DV
Lens Ektar 2, 1.4, 25 mm Same
Magnification - 18.5 Same
Resolution . 80 linesfmm (Kodachrome II) | Same

4,8 lines/mm at screen

il Standard double sprocket Same

' 16 mm film

2 Lampsg ~ 2 fila-

Lamp

Lamp Replacement

Screen
Magazine Capacity

Mqisture Resisiant
Film Drive Modes

Frame
Mirror

Weight (including

. ‘magazine and film)
Magazine {including
weight film)

Two filaments, 5W and TW

Manual Replacement
Polacoat, moveable
50 ft - 2000 frames

No

manual;

single step, bidirectional
slew ~ 20 frames/sec
Machined beryllium
Machined beryllium

9,43 1b

10.6 oz (300.5 grams)

ments{lamp

Rotating Turret
Mylar; sealed

75 ft - 3000 frames
{(thin base Mylar)
Breathing enclosures
on projection system
end lamp housing
manual; variable-
slew - 0 1070
frames/sec

Cast magnesium
Cast magnesium,
nickel coated

8.25 1b

7.4 oz (208 grams)

 PRECEDING-PAGTLBLANK NOT FILMED
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4.8.1.1 Housing and Moisture Seal Assembly

The houging assembly, as shown in Figure 4~2, was fabricated from cast magnesium,
It provides mounting lacilities for the gearbox agssembly, two mirrors, the condition
light assembly, and view screen. A conirol is--providéd that permits manual vertical
positioning of the film.

The view screen is made of Mylar and is attached to the viewer houging by a
moisture-proof seal, Some models of the viewer included provisions for the screen
to be scribed with vertical and horizontal indices to allow measurement of relative
coordinate positions on projected maps, ete. Aseries of marks on the boitom poriion
of the sereen, in conjunction with indices on the film, indicated approximate location
in the total film strip of the frame being viewed, This was to enable rapid slewing
to a particular section of the film strip for approach to the specific film data frame
desired. A moisture seal shroud (Figure 4-2a), consisting of a lightweight cover
sealed to the viewer housing and the gear box, is fitted with a pressure relief valve

-.and - desiceator to prevent moisture fogging and damage to the internal optical
components.

4.3.1.2 Film Cartridge

The film cariridge (Figure 4-3) consists of two spools with associated externally
. driven gears and sprockets that transport up to 75 feet of 16-mm film past a light
. apertuxe The viewer gearbox provides a loading recess for the film cartridges.
Th'e'cartmdge is inserted through the access door and loaded into the gearbox recess,
Gearbox and cartridge alignment is achieved by means of a locating pin and by
reference surfaces on hoth the Cartrid}ge and projection lens.

The 1ocatmg pin is embedded in the gearbox housing and mates with a slotted hole
in the cartridge aperture block; this ensures correct positioning of the apertur
relative tothe projection lens and obtains correctmeshing of the gears, The gearbox
and cartridge sprocket drive gears are Speclal 5~ tooth, longraddendum gears., During
" loading, the film is aligried so that a frame is centered in the aperiure when a tooth
space of the sprocket drive gear is centered on the aperture opening.

4.3.1,8 Access Door Assembly

The door (I"1gure 4-4) provides access to the gearhox for loading and unloading

film _cartmdges. In addition; the door supports the projection lamp, condensing -

lens, and relay mirror,
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The specially designed projection lamp is mounted on the rear of the access door,
The condensing lens, mounted adjacent ito the lamp, receives the light and directs
it to a dichroic relay mirror. The relay mirror reflects the visible light through
90 degrees and directs it through the ecartridge aperture when the door is closed.
" Long wavelength radiation is transmitied through the mirror to a heat sink,

4.3.1,4 Electronics Assembly

The original requirements for the viewer were based on a use concept that had
much of the datastored in the same sequence as would be used during flight, Thus,

" the Block I film drive had two modes: a single frame step {forward or backward)
and a slew mode of about 20 frames per second in addition {o the manual drive
mode. The slew mode allowed for changes in the sequencing requlred for flying
alternate or abort missions. '

Later, mission planning tended away from the very vigorously pre-planned timeline
o the more flexible modularized concept. The ability for rapid slew to allow random
access then became a paramount requirement. To accomplish this, the film drive
in Block T1I was redesigned io allow a continually variable speed from 0 1o

o = A

approximately 70 frames per second. This design greafly simplified the viewer .
elecironics circuitry and decreased the weight of the viewer by 9 oz.

A linear resolver is attached to the data frame cantrol lever on the G&N panel.
Using the linear resolver as the command input and a tachometer as the feedback
element, a simple rate control servo was desigried for film drive control.

4,3.2 Map and Da’ta Viewer Mechanization

The viewer gearbox assembly drives the film carfridges in fwo directions, forward

and reverse, and houses the projection lens that projects the light passing through
- the cartndge aperture Simultaneously, the gearbox must permit angular film speed

to vary as the effectwe diameter of the film spools changes, wlule maintaining a .
uniform rate of feed through the aperture. '

Figure 45 {llustrates the cartridge and gearbox drive system. The cartridge drive
gears (A and B) extend beyond the housing o engage their respective gearbox drive
components (C" and D). .The iwo cariridge sprockets on each side of the aperture
block are driven by gear E that engages its gearbox drive components (gear T). '
. Gearboxmotor Bl prowdas constant drive tothe pinned gear and shaft system (gears

s
0
'

H]
4
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F, G, and H), that drives resolver B2, slip clutch C1, and cartridge sprockets (through
gears I and F). '

The siip cluiches (Cl and C2) are set at 0.85~inch-ounce torque. To protect the
film, the clutches glip or disengage when frictional loading increases above this
value. The overriding clutches (C3 and C4) are free-wheeling in one direction and
transmit torque in the other. The cartridge drive spool gears A and B are driven
directly through the override clutches by gears C and D Aslip cluich and. overriding
clutch are in series between the sprocket drive shaft and each spool drive shaft,
The slip clutches allow variable angular speed with changes in effective spool
diameter, thus maintaining a constant linear film speed. Thebverridin'g'clu’tches .
permit forward and backward £ilm movement by permitting the "feed" spocl tounwind
freely, while the "take-up" spool is being driven.

The manual film drive conirol serves asa backup in case of motor malfunction,
and also perm1ts ineremental adjustment at each frame position, ‘I‘he contrel is
mechanically connected to moior and drive gearing.

~ 4.3.3 Optical System

The viewer optical system (see Figure 4-8) consists of a projection lamp, reflector,
a condensing lens system, a dmhrom relay mlI‘I‘OI‘, a pro;]ectmn lens, and two
" nickel-coated magnesium mirrors. '

Two projection lamps are provided for the viewer; they are mounted on a rotating
" turret and, in the event of failure of one lamp, ‘the other can be manually rotated .
into operating position. Iach lamp contains two filaments to provide three levels
of film illumination and an integral focusiﬁ'g reflector. Light emanating from the
projection lamp is made convergent and is directed onto a dichroic reldy mirror
by the condensing lens system; the mirror is dichroic so that thermal ensrgy from
the lamp is removed from the optical pathto prcvlde some degree of thermal isolation
y of the film, The mirrorturns the light 80 degrees and directs it through the cartridge -
' 'aperture into the pro;jector lens; that is, 1.4, 25-mm witli a fixed aperture and
‘geared foeus ring. The lens is focused from the viewer front panel by turning a
shaft and pinion that engages the lens focus ring gear, The 1mage path from the
proj jector lens is turned 180 degrees by two nickel-coated magnesmm mirrors and
d1rected onto the Mylar view screen.

The pro,]ectmn lamp, mounted on the rear of the access door, is deslgned fcr lugh
filament streng‘:h and long life, Tt contains two 6-Volt ﬁlaments of 5and T Watts,
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with 12-Watt total capability using both filaments simultaneously. The dual filament
design makes available three levels of light intensity at the filament design color
temperatire of 2870°K. This greatly enhances resoclution of eolor film used in the
viewer,

4. 3.4 Operation

The viewer is operated by'cbntrols on both the viewer and the indicator and control
panel. The panel control provides remote film slewing; the viewer panel contains
a manual input control that permits manual positioning of the film to the frame

desired in the event of a failure in the remote capability.

The GA&N panel also houses the POWER and BRIGHTNESS switch that is used in

- conjunction with the viewer INTENSITY switch to control projection lamp input power.

This switching arrangemeni provides the capability of varying the lamp infensity -
(adjustment of view screen brighiness) without affecting lamp color temperature,
This feature provides for optimum image definition under all anticipated ambient
lighting conditions, Figure 4-7 shows the projection lamp control circuit with the
switching sequence required for intensity control.

4,4 DEVELOPMENT TESTING OF BLOCK 1I CONFIGURATION

The final phase in the development of the Block Ii viewer was an evaluation of the
design for selected environmental stresses. The viewer was subjected to medified
tests of ND 1002037 (Environmental Qualification Specification) for sinusoidal and
random vibration, pressure, humidity, and shock. The performance of the equipment
was checked periodically dquring the tests and after each cycle and phase. Except

. for momentary degredation during short transient periods, the performance and

image display quality were excellent. The condition and performance of the unit at
the conclusion of the tests indicated an adequate tolerance to the stress levels of
these tests, '

4.4.1 §$ine-Wave Vibration Tests

Six sine-wave 1-g vibration test cycles were conducted for 8 minuies each along

each of three orthogonal axes for a total of 18 tests. This controlied frequency
was varied linearly from 15 to 2000 cps. Image quality was monitored during each

_test cycle, and mechanical performance was checked at the termination of each -
cycle. No failures occurred and image quality was degraded only at 130 cps. The -

maximum acceleration recorded on the primary: structure was 6 g at a mid-point
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between the end-support locaticns, The spring-loaded access door underwent a
15-g acceleration in one direction and a 12~g acceleration in the other., Because of
the semi-gecure . condition of the door, this response was anticipated, The buffeting
did not damage integral components such as the lamp turret, lamp-house enclosure,
or condenser lens housing. The strap-on desiccator "'breather valve' was vulnerable
to breskage due to its location with respect to the center of gravity and the radius
of gyration, It underwent 12-g acceleration near the frequency of 130 eps,

4,42 Random Vibration Testis

Fourteen random vibration test cyeles were run on the equipment while sensitive
locations were monitored and recorded, The minimum time for each cycle was 6
minutes, with a constant, controlled input Iete: of 7.86 g rms. During the sixth
cyele, the filaments of the working lamp shorted and fused. Because each filament
went 'dead" on only the bypassed sida of the fusion weld, there was nototal illumination
loss; the remaining "live" portici : of the filaments provided limited and unsym-~
 metrical illumination of the viewing screen. The spare lamp, which had been
subjected to essentially the same vibration levels as had the workirg lamp, was
then rotated 90 degrees into the working position, If restored the viewing screen
luminance to its proper level.

During this series of random vibration tests, iwo marginal aspects were noted in
the construction of the desiceating "breather valves." Only the valve which was
provided with an auxiliary strap-down 'suppcirt was able to withstand the applied
vibration. The other developed a fatigue fracture line along the root of the thread
encompassing the boss by which it mounts into a tapped hole in the eqmpment
. This weakness could be eliminated by a simple redesign of the valve body. Unless
the retention spring maintains a positive load onthe desiccant material, the granules
of desiccant become loose and tend to pulverize. If this cccurs, the resultant dust
could present a contamination problem, even though the containment filters have
prevented sach occurrences thus far. This potential hazard can be avoided by using
a suff:u.mentquantlty of desiccantso that the retention spring is compressed to one-half
-its freelength. With sufficient installed compress:.onmthe retention spring, vibration
will not compact the desiccant beyond its compressive reach,

4.,4.3 Pressure Tests

Three pressure chamber tesis were runtoverify thP ~ . A ¥ the 0.030 magnesmm
sheet, moisture-sealing enclosure. To simulate _ounts ‘and rates of pressure
change anticipated in the APOLLO command module, 'l:hn_a chamber's. pressure was
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rapidly reduced toimpose pressure differentials of 10 and 5 psi upon the equipment.
After reducing the chamber's pressure by these values, the chamber was “released”
back to approximately 15 psi. Due to the fact that a 5 to 10 psi positive, internal
pressure might beimposed on the equipment during a mission, an internal pressure
relief valve was tested for preventing damage to the optical enclosure and found to
be adequate, Except for sudden surges of pressure, the desiceating "breather valves"
are designed to balance internal-to-external pressure differentials to within 1-1/2
psi. The sheet metal enclosures are designed to withstand this level of pressure .
differential, externally, or internally. The rate of pressure drop was 5 pounds in
1-3/4 minuies and 10 pounds in 4 minutes. Pressure was increased at one~half
this rate, '

4,4.4 Moisture Tests

Five moisture tests were conducted per MIL-STD-810 method 507.1 in an effort to
determine the capacity of the seals and enclosures. for preventing moisture migration
in a condition of high ambient humidity, Each test cycle began with the relative
humidity at 85 percent and a linear temperature increasge from 70° to 120°F over a
periodof 2 hours; 120°F was then maintained for a pericd of 6 hours with the relative
humidity held at 85 percent or more; finally, the temperature was lowered,
uncontrolled, from 120° to 70%F over a period of 16 hours at approximately 95
percent relative humidity.

Throughouf test 1 there was no indication of moisture migration aid no degradation
of the image on the viewing screen.”The lamp was on continuously to permit constant
monitoring of the viewing screen; this constant illumination might aid in humidity
control and should be limited in further tests to operation when the scresn image '
checks aretobemade. Test 2, conducted on this basis, showed nomoisture migration.
Because ambient pressure was static during these moisture tests, pressure was
varied during the remaining {ests to induce moisture migration.

Moisture tests 3 and 4 included the moisture-temperature schedule of tests 1 and
2, plus periodic fluctuations in ambient precsure fo cause the "preather valves' to. -
aspirate under conditions of high humidity. The pressure was reduced from 30 in.
Hg to 20.5 in. Hg in 4 minutes, held at 20.5. in. Hg for 15 'm'inute's,_fhen increased to
30 in, Hg in 2 minutes, This cycle was repeated five times in fests 3 and 4, with
relative humidity occasionally reaching 97 percent, Checke of tlie image on the
viewing scréen were made at 4-minute intervals, Af no .chec":kpoint in either test
was there any sign of image degradation on the view screen. These-results- were .
satisfactory. After test 4, theindicator gel in the 'breather valve™ of the projection
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system's enclosure was removed, dehumidified, and reinstalled. It contained 3.12
grams of water. S

The moisture tests were comprehensive. Humidity sensors indicated an absence
of a dew point condition. Tests 3 and 4 were conducted within a potential dew point
range, but failed toyield atrue dew point effect. Unit design material and components
prevent the dew point effect. The thin-walled moisture enclosures are constructed
of magnesium, which has a high coefficient of thermal conductivity. Any temperature
change in the ambient conditions is quickly transmitied by the magnesium to the
atmosphere on the opposite side. This low thermal resistance reduces the temperature
transfer, destroys the sharp gradient, and prevents the dew pbint effect.

It seemed'mandatory, however, that the effects of a true dew point condition be
known, especially at the viewing screen and other critical locations; e.g., interfaces
between film magazine and illumination system and the magazine and the praojection
system.

To ereate a true dew peint condition at the viewing screen and other parts of the
optical system, a sharper temperature rise was instituted in test 5. The initial
 phaseof the test cycle was modified so that the temperature rise from 70° to 120°F
was accomplished in 1 hour and 40 minutes, rather than 2 hours. This sharper
temperature rige caused a momentary fogging of the viewing screen. Because the
image on the screen remained fogged for less than 2 minutes, it was apparent that
the temperature gradient at the screen dropped suddenly. Visual inspectionfollowing
this series of moisture-temperature-pressure tests disclosed evidence of some
surface-grain corraosion as well as & small amount of blistering of finish paint
(maximum diameter of blisters being 3/16 inch). There was no evidence of any

impairment of the structure, seals, and enclosures, or the performance of the unit.

4,45 Drop Test

. The "quél'ific':a’cion" drop test was conducted as a final test phase for the Block I -

viewer. This test conformed to ND-1002037 for 20 g, Visual inspection of the unit
following this shock test disclosed no evidence of structural or operational

3 jmpairment. ' R - '

4,5 PORTABLE CONFIGURATION

With the deletion of the viewer from the CM«C 'sys.tem, subsequent design efforts
centered upon studies concerning the film drive mechanism to allow random access
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{see paragraph 4.3.1.4); and z poriable version of the viewer using the basic optics

and film drive mechanism,

The interest in a portable version of the viewer grew from two considerations.
The first requirement came from the 0-g functional tests at White Sands Missile
Range. During these tests, it was noted that the viewer could easily be seen by all
three astronauts when encouched in theirusual operating position at the main display
console. If the viewer was portable, its use could be expanded to cover both lower
equipmeﬁf bay and main display console operations, and the unii could be secured
to the spacecraft for use in several convenient locations. The second requirement
for a portable configuration arose when an eyepiece stowage unit was designed and
installed in the space previously occupied by the viewer.

Starting with the present optics design and film drive mechanism, various ar-
rangements were studied. ‘The most promising one is shown in Figure 4- 8, The
optics designwas not modified in orderto maintain the same high resolution capability
of the original design; namely, 90 lines per mm on color film. A wooden mockup
was constructed to#erify thé convenience of the portable configuration. It appeared
that by reducing the screen size to alier the size of the final package, the individual
film frame data would have been reduced so as to become unintelligible,
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Fig, 4-8 Map and Data Viewer - Portable Configuration
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