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1.0 SUMMARY

The Apollo 5 mission, the first mission of a flight configuration
lunar module (LM-1), was successfully flown on January 22 and 23, 1968.
The primary objectives of the Apollo 5 mission were to flight-verify the
ascent and descent propulsion systems and the abort staging function for
manned flight. These objectives were met.

Lift-off occurred at 22:48:08 G.m.t. (05:48:08 p.m. e.s.t.). The
S-IVB stage inserted the lunar module/S-IVB combination into an earth
orbit after 10 minutes 3 seconds of powered flight. The lunar module
loads and vibrations measured during this phase of the flight were within
the design capability of the structures. Cooling commenced after S5-IVB
stage cutoff, and the egquipment temperatures were properly regulated by
the coolant system for the remainder of the mission. The lunar module
was separated from the S-IVB stage at 00:53:50, using the control engines.
Separation disturbances were small. The lunar module was maneuvered to
a cold-soak attitude which was maintained by the guidance system until
early in the third revolution. A minimal control engine duty cycle was
required to maintain the desired attitude.

Midway through the third revolution, the first descent engine firing
was initiated. The planned duration of this firing was 38 seconds; how-
ever, after only 4 seconds, the guidance system shut down the engine.
Both the guidance system and the propulsicn system operated properly, and
the premature shutdown resulted from incomplete systems coordination.

After the premature shutdown, a planned alternate mission which
provided minimum mission requirements was selected. At approximately
06:10:00, the automatic sequencer within the onboard mission programmer
initiated the sequencing for the second and third descent engine firings,
the abort staging, and the first ascent engine firing. Attitude rate
control was maintained with the backup control system. The descent engine
gimballed properly and responded smoothly to the commands to full throt-
tle. The thermal aspects of the supercritical helium pressurization sys-
tem could not be adequately evaluated because of the short duration of
the three descent engine firings. During abort staging, all system op-
erations and vehicle dynamics were satisfactory for manned operations.

After the first ascent engine firing, the primary control system was
reselected to contrecl the spacecraft attitudes and rates. Because the
primary system had been passive during the abort staging sequence, the
computer program did not reflect the change of mass resulting from stag-
ing. Therefore, computations of control engine firing times were based
on the mass of a two-stage vehicle and resulted in an extremely high pro-
pellant usage by the control engines, eventually causing propelilant



depletion. Because of excessive control engine activity, the control
engine cluster temperatures exceeded the upper red-line limits but with-
out any detrimental effects.

The reaction control system was subjected to abnormal operating con-
ditions as a result of low manifold pressures after propellant depleticn.
Continued operation under these abnormal conditions resulted in three
malfunctions within the system; none had any appreciable effect on the
mission,

The second firing of the ascent engine, initiated by the automatic
sequencer, began at 07:44:13 and continued until thrust decay at 07:50:03.
During the initial portion of the firing, attitude rate control was main-
talned using propellants from the ascent propulsion tanks through inter-
connect valves to the control engines. However, the sequencer automat-
ically closed the interconnect valves, thus depleting control propellants.
With the loss of rate control, the vehicle began tumbling while the as-
cent engine was firing. All tracking was lost within 2 minutes after
thrust decay. The lunar mcdule had been in a retrograde orientaticon
during the controllied portion of the firing, and trajectory simulations
show that the lunar module entered over the Pacific Ocean soon after
firing. The predicted point of impact was approximately U400 miles west
of the coast of Central America.

The overall performance of the lunar module was good and met all
requirements for manned orbital flight. All operational systems were
successfully verified, and the abort staging sequence was demonstrated.



2.0 MISSION DESCRIPTION

2.1 PLANNED MISSION

The Apollo 5 mission was planned to consist of two descent engine
maneuvers, two ascent engine maneuvers, and an abort staging. The over-
all planned snd actual missions are shown in figure 2-1 and the event
times are given in table 2-I. The first descent engine maneuver duration
was to be 38 seconds (26 seconds at 10-percent throttle and 12 seconds at
full throttle). The second descent engine maneuver thrust profile was
to be representative of the profile expected for lunar landing. The
profile was to consist of five phases extending over T34 seconds. The
abort staging seqguence was to be initiated at the end of the random
throttliing phase with the descent engine operating at full throttle and
controlled by the guidance computer. The abort staging sequence was to
include descent engine shutdown and ignition of the ascent engine for a
5-second firing.

The second ascent engine maneuver, to propellant depletion {approxi-
mately 445 seconds), was to be the termination of the primary mission.
Extended mission activities were planned to continue until the remaining
consumables were expended.

2.2 ACTUAL MISSION

The actual mission is compared with the planned mission in fig-
ure 2-1. All major events during the actual mission are shown in
figure 2-2.

Lift-off occurred at 22:48:08 G.m.t. (05:48:08 p.m. e.s.t.)} on
January 22, 1968 (fig. 2-1). The lunar module was separated from the
S-IVB stage at 00:53:50 and was maneuvered to a cold-scak attitude. After
two and a half revolutions, the first descent engine maneuver was initi-
ated by a discrete from the guidance computer. As planned prior to flight,
the maneuver was begun with less than normal pressure in the propellant
tanks. However, as a result, the computer shuf down the engine after only
L4 seconds because the thrust buildup did not satisfy the programmed
velocity/time criteria. Both the guidance system and the propulsion
system operated properly, and the premature shutdown was the result of
incomplete systems coordination.

After the premature shutdown, an alternate mission — the minimum
mission requirements sequence — was selected. The major differences
between the planned and the alternate mission were deletion of the
73L-second descent engine firing and substitution of mission programmer
control for guldance computer control during all firings.
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A 33-second firing of the descent engine was initiated at 06:10:46
by an automatic sequence within the mission programmer. The sequence
continued with a third descent engine firing, an zbort staging, and the
first ascent engine firing. The sequence was stopped by ground command
after the first ascent engine firing.

A second mission programmer sequence was used to initiate the second
ascent engine firing. The firing was planned to continue until propellant
depletion. During the initial portion of the firing, rate control was
maintained by the control engines, usiag propellant from the ascent pro-
pulsion system through interconnect valves. The sequencer automatically
closed the interconnects, and since the control engine propellants were
already depleted, the vehicle began to tumble. Vehicle rates became of
such magnitude that propellants could not flow into the engine, and
helium ingestion caused thrust decay prior to propellant depletion. All
tracking was lost about 2 minutes after thrust decay, thus terminating
the mission.



2-3

TABLE 2-I.- APOLLO 5 MISSION EVENTS

. Mission elapsed time,
Event hr:min: sec

Planned

Actual

Launch Phase

Range zero - 22:48:08 G.m.t. 00:00: 00 00:00:00

Maximum dynamic pressure 00:01:14.2 | 00:01:11.5
S-IB stage inboard engine cutoff 00:02:19.3 00:02:19.0
S-IB stage outboard engine cutoff 00:02:22.3 00:02:22.3
S-IB/S-IVB stage separation 00:02:23.6 | 00:02:23.5
S-IVB stage start command 00:02:25.0 | 00:02:24.9Q
S-IVB stage cutoff signal 00:09:58.4 | 00:09:53.3

Orbital Phase
Orbital insertion 00:10:08.4 [ 00:10:03.3
Nose cone jettison 00:10:43.5 00:10:38.5
Adapter panel deployment 00:19:58.5 | 00:19:53.5
Initiate +X translation 00:54:01.5 | 00:53:50.1
IM/S-IVB stage separation 00:54:06.5 [?00:53:55.7
Initiate maneuver to cold-soak attitude 00:55:53 00:54:32.3
Initiate maneuver to attitude for first 03:55:31 03:55:09.6
descent engine firing

+X translation 03:59: 47 03:59:33.9
"Engine on" discrete 03:59: 54 03:59:41.4
Engine on 03:59: 5k 203:59:41.7
"Engine off' discrete 0L:00:32 03:59:45.6
Engine off 04:00:32 | ®03:59:45.7

a .
Because of parameter sample intervals, the events shown could
have occurred any time in the second previous to the time shown.
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TABLE 2-I.- APOLLO 5 MISSION EVENTS - Continued

+X translation
+X translation
+¥ translation
+X translation
+X translation
Descent engine
+X translation
Descent engine
Engine off

+X translation
Descent engine
+X translation
Descent engine
Abort staging
Descent engine

Ascent engine

Mission elapsed time,
Event hr:imin:sec
Planned Actual
Mission Programmer Sequence 1171
Sequence III initiate 06:10:00

on 06:10:05 06:10:07.4
off 06:10:15 06:10:17.5
on 06:10:20 06:10:22.4
off 06:10:25 06:10:27.2
on 06:10:31 06:10:33.h
on (second firing) 06:10:39 | %06:10:41.7
of f 06:10:4h 06:10:46.3
to full throttle 06:11:05 06:11:07.8
06:11:12 | %06:11:1k4.7
on 06:11:36 06:11:38.4
on (third firing) 06:11:4k | 206:11:46.7
off 06:11:49 06:11:51.3
to full throttle 06:12:10 06:12:12.8
06:12:12 06:12:14.3
of f 06:12:12 | %06:12:14.7
on (first firing) 06:12:12 06:12:1h.7
off 06:13:1k 06:13:1k4.3

Ascent engine

a
Because
have occurred

of parameter sample intervals, the events shown could
any time in the second previous to the time shown.




TABLE 2-I.- APOLLO 5 MISSION EVENTS - Concluded

2~

Mission elapsed time,
Event hr:min:sec

Planned

Actual

Mission Programmer Sequence V

Sequence V initiate 07:43:55
+X translation on 0T:43:57
Ascent engine on (second firing) C7:L4l:09
Engine fire override command

+% translation off o7 hh1h
+X translation on 07:45:08
+X translation off O7:45:24

Ascent engine thrust decay

0T
o7

o7
OT:
07:
aT:
07

bl
shly:
Iy
Wl
L5:
:27.3
50:

L5

00.3
12.7
15

17.3
11.3

03
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Figure 2-1.- Pianned and actual Apollo 5 mission.
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3.0 TRAJECTORY DATA

A comparison of the planned and actual trajectories of the Apollo 5
missicn is presented in this secticon. The trajectories referred to as
planned are preflight-calculated trajectories obtained from references 1
and 2. The actual trajectories are based on tracking data from the
Manned Space Flight Network and on the actual spacecraft data. Marshall
Space Flight Center (MSFC) supplied the trajectory data for the launch
phase up to the time of lunar module/S-IVB separation, and a detalled
analysis is presented in reference 3. The orbital analysis in this sec-
tion is based on the preliminary best estimate trajectory data generated
in 21 days after the end of the mission; the final trajectory data will
be released in supplement 2 to this report.

The earth model for all trajectories and analyses of the trackers
contained geodetic and gravitational constants representing the Fischer
ellipsoid. The state vectors for the events are based on results from
the orbital analysis in section 3.2. These vectors are in the Geographic
Coordinate system defined in table 3-I. The ground track of the orbit
and the location of the tracking network sites for this mission are shown
in figure 3-1.

3.1 LAUNCH

Launch phase conditions were nominal as shown in figure 3-2. Mach 1
occurred at 00:00:59.8 at an altitude of 24 574 rfeet and was approximately
0.2 second earlier than expected but occurred at the planned altitude.

The maximum dynamic pressure of 655 lb/f‘t2 oceurred at 00:01:11.5. This
was 2.7 seconds earlier and 2862 feet lower in altitude than planned.

The actual cutoff times for the inboard and outboard engines were
within 0.3 second of the planned times. The conditions at outboard en-
gine cutoff, as presented in table 3-II, were 11 ft/sec low in velocity,
2339 feet high in altitude, and 0.23 degree high in flight-path angle,
when compared with the planned conditions. The S-IVB stage engine cutoff
was D seconds earlier than planned but was within the 3-sigma limits.
The velocity and flight-path angle were low by 2 ft/sec and 0.01 degree
respectively, and altitude was high by T66 feet, when compared with the
planned conditions in table 3-II. Orbital insertion occurred 10 seconds
after 5-IVB stage engine cutoff. The insertion conditions listed in
table 3-1I were based on launch vehicle powered-flight data and S-IVB
stage first-revolution tracking data.

>



The Goddard Space Flight Center provided tracking solutions of the
S-IVB stage after lunar module/S-IVB stage separation. A lifetime of
15 hours 32 minutes was computed for the S-IVB stage, with predicted
entry in the 10th revolution near the east coast of Australia.

3.2 ORBIT

3.2.1 Trajectory Profile Analysis

Trajectory reconstruction was divided into the four free flight
phases defined by the following maneuvers: (1) lunar module/S—IVB stage
separation, (2) first descent engine firing, (3) second descent engine
firing (mission programmer sequence IIT), and (4) second ascent engine
firing (mission programmer sequence V).

The preliminary C-band evalustion is based on individual station
performance for each tracker used in celculating the trajectory profile.
Figure 3-3 is a summary of the C-band evaluvation in the form of residual
statistics. The bias magnitude was calculated as the mean value of the
residuals for the observations in a given phase. The noise magnitude was
calculated as the rms value of the residuals. All residuals were ob-
tained by subtracting the observed values from the computed values for
each tracker, based on the data fit.

The preliminary S-band evaluation is based on total system perform-
ance rather than on individual staticn performance. This evaluation was
accomplished by comparing the orbital vectcrs obtained from selected
S-band data with comparable C-band data.

During the pre-separation phase, the data from the two Bermuda track-
ers and Tananarive provided a usable fit, although not as good as desired.
However, at Tananarive there appeared to be a 0.0b-degree azimuth bias,
which was subsequently rejected (fig. 3-3). S-band data were not avail-
able for this phase; therefore, no compariscns can be made between the
S-band and C-band state vectors.

Phase 1 extended from lunar module/S-IVB stage separation to the
first descent engine firing. As shown in figure 3-3, a good data fit was
obtained with data from Antigua, Bermuda, Patrick, Merritt Island, and
the first pass over White Sands. White Sands, Merritt Island, and Ber-
muda exceeded the theoretical noise 1limits, but the bilas was well within
theoretical limits and the data were acceptable. A comparison of the
converged S-band and C-band state vectors for this phase agreed within
150 feet in position and 0.21 ft/sec in velocity.

Thase 2 extended from cutoff of the first descent engine firing to
the second descent engine firing. Here again, as shown in figure 3-3, a



3-3

good fit was obtained with data from Grand Bahama, Merritt Island, Car-
narvon, and White Sands. The converged S-band and C-band state vectors
agreed within 420 feet in position and 0.62 ft/sec in velocity.

Phase 3 (first ascent engine firing to second ascent engine firing)
had greater inaccuracies because of low radar elevation angles and the
excessive firing cycle of the control engines. Tananarive and Ascension
provided sufficient C-band tracking data for satisfactory orbit determin-
ation, even though Tananarive again had an undesirable azimuth bias. For
the first time, Ascension data were usable. The Ascension S-band resid-
uals (the only S-band data) for phase 3 agreed favorably with the two
C-band residuals for this phase,.

Tracking data which were available but not used in the best estimate
trajectory were deleted for various reasons. Canary Island data in the
pre-geparation phase were inconsistent with the other three stations. In
phase 1, the Carnarvon range data degraded the solution, and White Sands
appeared to be locked on a side-lobe of the antenna during the second
pass. In phase 2, the Hawali data were inconsistent with the fit, and
Ascension data contained discontinuities in range and azimuth similar to
the range discontinuity exhibited for the high ellipse portion of the
Apollo L mission.

Time histeories of space-fixed velocity, flight-path angle, and alti-
tude for the four trajectory phases previously described are presented in
figure 3-L. Pigure 3-5 shows a profile of apogee and perigee altitudes
during the mission.

3.2.2 Lunar Module/S-IVB Stage Separation

The separation conditions contained in table 3-IIT were obtained by
simulating the separation sequence using a phase 1 vector and ilntegrating
this back through the sequence by using platform gimbal angles and accel-
eration data, and actual spacecraft mass characteristics. The wvalidity
of this simulated soluticn is indicated by comparing an orbital analysis
pre-separation-phase vector to a phase-l vector at the time of separation,
then comparing the pre-separation-phase vector to the simulation, and
finally comparing the phase-l vector to the simulation. The pre-
gseparation—-phase vector and the phase-l vector agreed to within 7200 feet
in position and 6 ft/sec in total velocity. The pre-separation-phase and
simulation vectors agreed to within 7900 feet in position and 8 ft/sec
in total velocity. The phase-l and simulation vectors agreed to within
600 feet in position and 2 ft/sec in total velocity. The separation con-
ditions computed by MSPFC agreed with the conditions in this report to
within 3200 feet in position and 5 ft/sec in velocity; however, the MSFC
conditions were ccmputed using complete first revolution tracking data
cn the S-IVB stage only.
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3.2.3 Maneuver Profile Analysis

The actual event time history of the maneuvers performed during the
two mission programmer sequences is shown in table 2-I. Figure 3-6 shows
space-fixed velocity, flight-path angle, and altitude for mission pro-
grammer sequences IIT and V. Figure 3-1 shows the simulated ground track
for entry of the ascent stage. Table 3-IV presents a comparison of state
vectors reconstructed from guidance and navigation accelerometer data,
radar tracking data (best estimated trajectory), and the simulated tra-
Jectory program. Table 3-V includes state vector comparisons between
the onboard guidance computer, the real time computer complex, and the
best estimated trajectory. The three times chosen for the comparisons
in table 3-V were (1) orbital insertion, (2) immediately prior to the
onboard-computed first descent engine firing, and (3) the state vector
time for the navigation update sent prior to the second ascent engine
firing.

Mission programmer sequence IIT maneuvers.- The mission programmer
sequence IT] maneuvers were reconstructed using two independent post-
Tlight trajectory programs. The two reconstruction programs used in
extrapolating the maneuvers were the guidance and navigation trajectory
reconstruction program which processes accelerometer data, and a quasi
six—degree-of-freedom operational trejectory simulation program. The
guidance and navigation accelerometer reconstruction program, which is
considered the most reliable source for generating the maneuver recon-
struction, did not include the finalized set of inertial messurement unit
performance errors including misalignments, but did include the preflight-
predicted accelerometer scale factor and bias terms. The mission pro-
grammer sequence III maneuver profile is shown in figure 3-6. The third
and most accurate method of determining the conditions at the beginning
and end of a maneuver 1s integration of the free flight tracking vector
(best estimated trajectory) to the specific event. The comparisons of
state vectors derived from the three data sources are presented in
table 3-IV for the first ascent engine firing (abert staging) and cut-
off of the first ascent engine firing. A state wvector established from
tracking data during free flight phase 2 at 06:09:52 was used to ini-
tialize the simulsted sequence T1I maneuver. Actual gimbal angleg for
sequence III maneuvers were implemented intco the simulation program to
provide an equivalent six-degree-of-freedom orbital integration/attitude
control profile. The thrust profiles for the second and third descent
engine firings and the first ascent engine firing were based on chamber
pressures, vehicle propellant weights, and the rate of propellant usage.
During the start and shutdown of the first ascent engine firing, the
simulated results agree closely with the guidance and navigation recon-
struction and the radar tracking (best estimate trajectory) conditicns,
as can be seen from table 3-IV.
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The conditions presented for the tracking vector comparison at abort
staging were obtained from the NORAD skin tracking vector of the descent
stage integrated back to the time of abort staging. The best estimate
tracking vector presented for cutoff of the first ascent engine firing
was determined by integrating a phase-3 vector back to cutoff. This vec-
tor agreed with the guidance and navigation accelerometer reconstructed
and simulated state vectors. The orbital elements at the completion of
the first ascent engine firing are presented in table 3-VI.

Mission programmer sequence V maneuver.~ The second ascent engilne
firing was initiated at a retrograde orientation with a subsequent de-
crease in velocity up to the time of reaction control propellant deple-—
tion. Gimbal lock occurred at 07:47:30, after which time the accelerom-
eter and angle data were meaningless. The maneuver profile for the second
ascent engine firing to the time of gimbal lock, shown in figure 3-6, was
obtained from the guidance and navigation accelerometer reconstruction
program. Using a state vector from phase 3, the maneuver profile for the
second ascent engine firing was also reconstructed by means of the simu-
lation program which used gimbal angles and the actual thrust profile to
the time of gimbal lock. The comparison of the results at gimbal lock
between the two programs is good. The differences shown are attributed
to control engine thrust effects on the state vector, and radical changing
of the gimbal angles, and the uncertainty in the preliminary thrust pro-
file.

The position and velocity vector at gimbal lock obtained from the
guidance and navigation accelerometer reconstruction program was inte-
grated to ascent stage impact, assuming a ballistic entry. Another pro-
file was reconstructed, using the position and velocity vector from the
trajectory simulation program results at gimbal lock, by integrating a
tumbling non-thrusting ascent stage to thrust decay and then a ballistic
entry to impact. The results of these two cases, representing the con-
ditions at thrust decay, entry (L00 000 feet), and the impact coordinates
are shown in table 3-IV. The impact coordinates are within approximately
110 n. mi. The ground track of the second ascent engine firing and the
entry of the ascent stage that immediately followed are shown in fig-
ure 3-1. The solid line represents the maneuver profile based on the
guidance and navigation accelerometer reconstruction of the program and
the dashed line shows the simulation from gimbal lock to impact.

Several simulations were made in order to determine the dispersion
of the impact point caused by ascent engine thrusting during the time
from gimbal lock to thrust decay (153 seconds). In these cases, atti-
tude rates as high as 25 deg/sec in all axes were simulated. The dis-
persion in the impact points was no greater than 135 n. mi.
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TABLE 3-I.- DEFINITION OF TRAJECTORY AND ORBITAI, PARAMETERS

Trajectory parameters

Geodetic latitude

Longitude

Altitude

Space-fixed velocity

Space-~-fixed flight-path angle

Space-fixed azimuth

Apogee

Perigee

Period

Inciination

Definition

Spacecraft pesition measured posi-
tive north from the equator to the
local vertical vector, deg

Spacecraft position measured positive
east from the Greenwich meridian to
the local vertical vector, deg

Perpendicular distance from the ref-

erence ellipsoid to the point of
orbit intersect, ft

Magnitude of the inertial wvelocity
vector referenced to the earth-
centered, inertial reference coor-
dinate system, ft/sec

Flight-path angle measured positive
upward from the geocentric local
horizontal plane to the inertial
velocity wvector, deg

Azimuth of the projection of the
inertial velocity vector cnto the
local geocentric horizontal plane,
measured positive eastward from
north, deg

Predicted maximum altitude above the
oblate earth model, n. mi.

Predicted minimum altitude above the
oblate earth model, n. mi.

Time required for spacecraft to com-
plete 360 degrees of orbit rotation
(perigee to perigee, for example), min

Angle between the orbit plane and
the eguator, deg



TABLE 3-IT1.- LAUNCH PHASE PLANNED AND

ACTUAL TRAJECTORY PARAMETERS

3~7

Condition Planned Actual

S-IB Stage Inboard Engine Cutoff
Time from range zZero, hr:min:sec 00:02:19 00:02:19
Geodetic latitude, deg North . 28.69 28.68
Longitude, deg West . 80.03 80.03
Altitude, Tt 192 979 194 228
Altitude, n. mi. e e e e e e e e e e e 32 30
Space-fixed velocity, fit/sec 7578 7563
Space-fixed flight-path angle, deg . . . . . . 27.85 28,12
Space-fixed heading angle, deg E of N 75.71 75.78

5-IB Stege Outboard Engine Cutoff
Time from range zero, hr:miﬁ:sec 00:02:22 00:02:22
Geodetic latitude, deg North . 28.70 28.70
Longitude, deg West 79,68 79.98
Altitude, ft 203 675 206 01k
Altitude, n. mi. 3L 34
Space~fixed velocity, ft/sec TTT71 T760
Space-fixed flight-path angle, deg . 27.39 27.62
Space-fixed heading angle, deg E of N 75,64 75.71




TABLE 3-TI.-~ LAUNCH PHASE PLANNED AND ACTUAL

TRAJECTCRY PARAMETERS ~ Concluded

Condition Planned Actual
S-IVB Stage Engine Cutoff
Time from range zero, hr:min:sec 00:09:58 00:09:53
Geodetic latitude, deg North . 31.52 31.50
Longitude, deg West 62,6k 62.57
Altitude, ft . . 535 Loo 536 166
Altitude, n. mi. 88 88
Space-fixed velocity, ft/sec 25 661 25 659
Space-fixed flight-path angle, deg . 0.0 -0.01
Space-fixed heading angle, deg E of N 85.71 85.50
Insertion (S-IVB Stage Cutoff Plus 10 Seconds)
Time from range zero, hr:min:sec 00:10:;08 | 00:10:03
Geodetic latitude, deg North 31.57 31.56
Longitude, deg West 61. U8 61.81
Altitude, ft 535 L1 536 233
Altitude, n. mi. 88 88
Space-fixed velocity, ft/sec 25 684 25 €8l
Space-fixed flight-path angle, deg 0.01 0.0
Bpace-fixed heading angle, deg E of N 86.13 85.92




TABLE 3-III.- ORBITAL PHASE PLANNED AND

ACTUAL TRAJECTORY PARAMETERS

3-9

Condition Planned Actual
IM/S-IVB Stage Separation
Time from range zero, hr:min:sec 00:54:06 | 00:53:56
Geodetic latitude, deg South . 31.54 31.50
Longitude, deg East 106,81 106.04
Altitude, ft 733 098 T28 T07
Altitude, n. mi. 121 120
Space-fixed velocity, ft/sec . . . . . . . . 25 hsh 25 L58
Space-fixed flight-path angle, deg 0.0 0.0
Space-fixed heading angle, deg E of N 94,11 gk4.58
Tgnition of First Descent Engine Firing
Time from range zero, hrimin:sec 03:59:5k 03:59:k2
Geodetic latitude, deg South . 26.62 26.84
Longitude, deg East 103.12 102.52
Altitude, ft . . . . . . . . . . o 0w 706 396 704 0Ll
Lltitude, n. mi. e 116 116
Space-fixed velocity, ft/sec . . . . . . . . . 25 488 25 488
Space-fixed flight-path angle, deg . -0.18 ~0.14
Space-fixed heading angle, deg E of N 72.03 T2.34
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TABLE 3-III.- ORBITAL PHASE PLANNED AND ACTUAL

TRAJECTORY PARAMETERS - Continued

Condition

Planned

Actual

Cutoff of First Descent Engine Firing

Time from range zero, hr:imin:sec . .
Geodetic latitude, deg Scuth
Longitude, deg East

Altitude, ft

Altitude, n. mi.

Space-fixed velocity, ft/sec
Space-fixed flight-path ang;e, deg

Space-fixed heading angle, deg E of N

.

0L:00:32
25.80
105.65
703 857
116

25 622
-0.05

T0.84

03:59:46
26.76
102.79
TO3 T16
116

25 h90
-0.14

72.23

Ignition of Second Descent Engine Firing

Time from range zero, hr:min:sec
Geodetic latitude, deg North
Longitude, deg West

Altitude, ft

Altitude, n. mi.

Space-fixed velocity, ft/sec
Space-fixed flight-path angle, deg

Space-fixed heading angle, deg E of N

06:10:L42
28.14
115.595
570 883
ol

25 656




TABLE 3-III.- ORBITAL PHASE PLANNED AND ACTUAL

TRAJECTORY PARAMETERS - Concluded

3-11

Space-fixed heading angle, deg E of N

Condition Planned Actual
Cutoff of First Ascent Engine Firing

Time from range zero, hr:imin:sec 06:13:1L4

Geodetic latitude, deg North . 2L,91

Longitude, deg West . . . . . 105.41

Altitude, £t . . . . . ., 571 155

1Altitude, n. mi. ol
Space-fixed velceity, ft/sec 26 319

Space-fixed flight-path angle, deg . -0.36

Space-fixed heading angle, deg E of § 110.09

Ignition of Second Ascent Engine Firing'

Time from range zero, hr:min:sec 0T7:4k4:173

Geodetic latitude, deg North . 30.21

Longitude, deg West 150.75

Altitude, £t . . . . . 699 611

|a1titude, no mi. . . 115
Space-Tixed velocity, ft/sec 26 157

Space-fixed flight-path angle, deg . ~1.51

99.82
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CTABLE 3-1IV.- MISSTON PROGRAMMER SEQUENCES IIT -AND V STATE VECTOR COMPARISON

Veotor description Time, Velocity,|Flight-path Heading Latitude,|Longitude, |Altitude,
and sgource hrimir:see ft/sec angle, deg |angle, dem deg deg n. mi,

First ascent engine firing 06:12:1k.7
on {abori stage)

Accelzrometer reconstructed 25 800 0.218 1C8.48 26,28 -109.49 9h.6

Skin tracking (HORAD) 25 795 0.326 108.81 26,06 -109.32 93.9

Simuluted 25 794 c.212 108.48 26.28 ~109.48 9.8
Firsy uscent enpine firing 06:13:14.7
oft (thrust to zero)

fccelerometer reconstructed 26 31l -0.36¢ ©10.06 2%.90 -105.41 94.8

Best estimate trajecteory 26 319 -0.359 110.09 2h.91 -10%.41 gh.0

(phuse 3)

Sirulised 26 321 —0.4s52 112.08 24,89 -105.37 9k.6
Gimbal lock 07:47:29.9

Accelorometer reconstructed 25 803 -1.77 105.5% 27.16 ~136.87 96,1

Simulated 2L 792 -1.65 105.58 27.19 -137.00 96.6
Thyust decay 07:50:C3.0

Acceleromeler reconstructed 24 965 ~2,329 110.18 2h.02 -126.78 72.8

Simuluted 2k 951 -Z.27 110.23 24,04 -126.92 Th.7
Zntry (400 000 feet)

secelercmeter reconstructed| 07:50:L1.6 | 25 016 —2,5h 111.2% 23.10 -12k.31 65.8

Simulated 07:50:54.3 | 25 016 -2.L6 111.62 2280 -123.64 65.8
Impact

hegelerometer 124.10 -112.85

Simulzted 1T7.22 -111.21




TABLE 3-V.- NAVIGATION STATE VECTOR COMPARISONS

N Inertial - . . . .
Vector description T1me, velocity, Flight-path Heading Latitude, Longitude, Altltgde,
hr:min:sec angle, deg angle, deg deg deg n. mi.
ft/sec
Insertion 00:10:03.3
Guidance computer 25 682 ~0.049 85.08 31.81 -61.85 87.7
Best estimate trajectory 25 686 0.006 85.91 31.56 -61.81 88.2
(pre-separation)
Real time computer complex 25 685 -0.001 85.94 31.55 -61.80 83.1
{instrument unit)
Prior to first descent 03:15:28
engine firing
Guidance computer 25 669 0.087 107.47 27.39 -65.52 89.9
Best estimate trajectory 25 656 0.152 107.62 26.87 -66.25 92.3
(phase 1)
Real time computer complex 25 656 g.152 107.62 26,87 -66. 2L 92.3
Navigation update vector 06:21:21
Guidance computer 25 621 0.184L 120.41 10.58 -T4.89 96.0
Best estimate trajectory 26 184 1.hk20 120.05 5.98 -75.19 112.4
{phase 3}
Real time computer 26 213 1.350 120.07 9.94 ~75.12 109.8

a
complex

aThis real time computer complex vector was the navigation update.

€T-¢
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TABLE 3-VI.- ORBITAL

ELEMENTS

Phase Condition Planned Actual
Inserticn Apogee, n. mi. 123 120
Perigee, n. mi. 88 88
Period, min . 88. L5 88,39
Inclination, deg 31.62 31.63
IM/S-IVB Apogee, n, mi. 121 120
stage sep-
aration Perigee, n. mi. o7 90
Period, min . 88.58 88.43
Inclination, deg 31.62 31.63
Completion Apogee, n. mi. . 17h 120
of first
descent Perigee, n. mi. 116 92
engine
firing Pericd, min 89.95 88,47
Inclination, deg . . . . 31.62 31.6h
Completion Apogee, n. mi. 519
of first
ascent Perigee, n. mi. 93
engine
firing Period, min . 96.07
Inclination, deg 31.48
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4.0 LAUNCH VEHICLE PERFORMANCE SUMMARY

The launch vehicle, AS-204, satisfactorily placed the lunar module
into orbit on January 22, 1968. All assigned mission objectives were
met and no flight anomalies occurred affecting mission accomplishment.,
A detailed analysis of launch vehicle performance is contained in ref-
erence 3.

The launch vehicle rolled from 90 to T2 degrees east of north be-
tween 00:00:09.2 and 00:00:37.9. The programmed pitch attitude profile
was accomplished between 00:00:09.2 and 00:02:15.3, at which time an
essentially constant pitch attitude was maintained until the initiation
of active guidance. Active guidance was initiated 16.0 sgeconds after
separation of the 5-IB/S-TVBE stages. Shutdown of the S-IB stage engine
occurred at 00:02:22.3 {0.1 second earlier than predicted). At S-IB
stage engine cutoff, the actual trajectory parameters compared with nom-
inal were 10.8 ft/sec low in space-fixed velocity, C.L40 n. mi. high in
altitude, and 0.011 n. mi. less in range.

Separation of the S-IB/S-IVB stages occurred at 00:02:23.5, followed
1.4 seconds later by ignition of the S-IVB stage. All ullage rockets
functioned as expected and were successfully jettisoned.

S~IVB stage engine cutoff occurred at 00:09:53.3 (5.1 seconds earlier
than predicted). The nose cone/adapter separation seguence was initiated
45,2 seconds after S-IVB stage engine cutoff and adapter panel deployment
was initiated at 00:19:53.5 (both events were 5.0 seconds earlier than
predicted). The lunar module separation sequence was started at
00:53:55.2.

At 5-IVB stage engine cutoff, the actual trajectory parameters com-
pared with nominal were 2.3 ft/sec less in space-fixed velocity,
0.11 n. mi. high in altitude and 16.3 n. mi. greater in range.

All portions of the orbital safing experiment on the S-IVB stage
were performed successfully, including propellant venting, propellant
dump, and stage/engine pneumatic supply dump. The hydrogen start bottle
was not scheduled to dump.



5.0 COMMAND AND SERVICE MODULE PERFORMANCE

(This section is not applicable.)
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6.0 LUNAR MODULE PERTFORMANCE

6.1 STRUCTURES

5.1.1 Loads

Adapter and lunar module loads and lunar module/adapter interaction
loads were calculated for the critical design loading conditions; lift-
off, 5~-IB midboost, and end of S-IB boost. Lunar module accelerations
and plume impingement pressures during abort staging were examined. Com-
parisons with design and predicted values were made where appropriate.

Lateral loads during thrust bulldup are caused by the steady drag
load from ground winds and vehicle dynamic excitation from wind gusts,
vortex shedding, and unsymmetric S-IB engine thrust buildup. These ex—
citations result in a large constraining shear and moment at the base of
the launch vehicle before release., The lateral loads after lift-off are
caused primarily by the sudden removal of the constraining shear and mo-
ment at release. Typlically, large axial dynamic oscillations result
from the S5-IB engine thrust buildup and the release of tension in the
launch vehicle held-down arms.

Before and during lift-off, the ground winds were light (& to

5 knots) with almost no gusts. There was no evidence of vortex shedding
and none was predicted at the observed wind speeds. Each pair of dia-

metrically opposite 5-IB outboard engines, the usual source of unsymmet-—
ric thrust buildup excitation, ignited almost simultaneously; therefore,
the loads experienced at 1ift-off were low.

The winds aloft (fig. 6.1-1) during the boost phase were not severe,
and the maximum calculated angle of attack due tc winds was 1.92 degrees
in the maximum dynamic pressure region.

The maximum axial acceleration and compressive loads were experienced
immediately prior to S-IB inboard engines cutoff. The end-of-boost axial
acceleration for this mission was 4.35g, very close to the nominal pre-
diction of 4.38g, and well within the design value of 4.90g.

Adapter loads.- The adapter loads were calculated from the lunar
module accelerometer data at 1lift-off and at the end of S-IB boost
(figs. 6.1~2 and 6.1-3). These loads were well below the limit load
capabilities and agree closely with the predicted loads.
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Adapter loads during the maximum ga region of flight determined
from the calculated angles of attack and actual lunar mcdule accelera-
tion were also well below limit capabilities. The adapter internal vent
pressure {fig. 6.1-L4) was determined from launch vehicle measurements lo-
cated in the S-IVB stage forward skirt. Predicted pressures within the
adapter (based on actual trajectory and measured ambient pressure) showed
close agreement with actual pressures.

Lunar module loads.- Six linear accelerometers (three translational
and three rotational) were mounted on the ascent stage 76 inches from
the lunar module center of gravity (launch configuration). Figures 6.1-5
and 6.1-6 show accelerations measured by these accelercmeters at 1lift-
off and at S-IB shutdown, respectively. These two conditions represent
the most severe low-frequency oscillations experienced during the flight.

Maximum lunar module load factors in the lateral and longitudinal
directions are shown in table 6.1-7. The table shows that for all phases
of the mission, the maximum measured load factors encountered were less
than design. Close agreement is shown between predicted and measured
values, within instrumentation accuracy.

Loads experienced during descent and ascent engine start-up are
eritical for the respective engine support structure. Strain gage in-
strumentation (CA252LS) on one of the descent engine upper support struts
was used to obtain locad data from lift-off to abort staging. This in-
strumentation was calibrated to measure axial force in the strut. Igni-
tion of the descent stage engine at the 10-percent throttle setting
caused only small load oscillations and the transition to full throttle
was smooth. The maximum compressive force recorded vas 3240 pounds dur-
ing both firings at full throttle. The predicted value for these struts
(pased on a thrust of 9840 pounds at full throttle) is 3085 pounds com-
pression.

The critical loads for the ascent engine suppcrt structure are a
function of the engine start-up transient. The chamber pressures for
the first and second ascent engine firings were 164 and 178 psia, res-
pectively, as compared with the design value of 178 psia. The thrust
rise times for both firings are shown in table 6.13-I in section 6.13.
These times are longer than those used for design (0.013 second); conse-
quently, the loads experienced were less severe than the design ccndi-

tions.

Lunar module/adapter interaction lcads.- The 16 outrigger struts
were instrumented with strain gages to provide continuous load data.
The lunar module/sdapter interaction loads (fig. 6.1-T) were determined
by summing the strut loads F1, F2, F3, and Fi to obtain the reactions

RX’ Ry’ and RZ at each of the four adapter support peints. A typical
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outrigger strut load time history is shown in figure 6.1-8. The measured
strut lcads for the end of S5~IB boest, which were the maximum loads ex-
perienced on any strut during this flight, are shown in table 6.1-II. A
comparison of the measured, predicted, and design loads for the struts
shows that in all cases, the measured loads were less than allowable
Joads. The predicted outrigger strut loads based on data from the six
linear accelerometers agree well with the measured strut loads; this im-
plies that the analytical model used for the design analysis was reason-
ably accurate. These predicted values were determined for inertia

effects only. The apex-fitting reactions determined from the strut loads
are shown in table 6.1-ITI, which is a comparison of the calculated and
design interaction loads. All of the significant calculated loads were
less than the design loads. Two of the calculated reaction loads slightly
exceeded the design loads for the end of S-IB boost condition. However,
the difference between the calculated and design loads for the -Y apex R

and RZ reactions was within the accuracy of the instrumentation used i

for the measured lcads. In any event, a greater design load does exist
for another end-cof-boost design condition.

Abort staging.- Abort staging pressure measurements on the ascent
stage lower surface and the descent stage upper surface are shown in
figures 6.1-9 and 6.1-10, respectively. Table 6.1-IV shows the peak
pressures measured on the ascent and descent stage surfaces, with the
design limit pressures and ground test results from White Sands included
for comparison. The peak pressures measured during the flight were all
lower than the design limit condition. The maximum measured pressure
of 2.01 psia occurred on the +Y side of the ascent stage midsection base
heat shield about 47 milliseconds after peak ascent engine chamber pres-
sure. The descent stage pressures peaked from 10 to 50 milliseconds
after peak ascent engine chamber pressure. The ascent stage base heat
shield pressures peaked from 25 to 130 milliseconds after peak ascent
engine chamber pressure (see section 6.17). Ground tests (ref. L) showed
that the peak heat shield pressure occurred 0 to 15 milliseconds after
peak ascent engine chamber pressure. The design and ground test pres-
sures are all for zero separation distance.

The following facts also indicate that no structural damage occurred
to the ascent stage during the abort staging:

a. The rate of cabin pressure decay remsined constant.
b. The pressure and temperature measurements (GA1133P and GA1113T)

in the cavity between the ascent stage structure and the base heat shield
remained constant. '
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The

6.1.2 Vibrations

vehicle was instrumented with vibration accelerometers having

the ranges and freguency responses shown in table 6.1-V. Additicnal
ingtrumentation information is contained in section 13.2 and reference L.
An adequate analysis of the flight vibrations during the transient con-
dgitions associated with engine starts and shutdowns cannot be conducted
because many of the vibration measurements were time-shared. As a result,

only inte
1.25 seco

rmittent data were obtained: +the time-shared channels provided
nds of data during each pericd of 3.9 seconds, and the oscilla-

tions induced by engine starts and shutdowns decayed to very low levels

in 3.9 se

conds.,

Examination of osecillographs for the launch and boost phases of the

flight sh
to launch
duration

tions dur
configursa
sity anal
lowing cr

a.

b.

f.
yaw axes)

g -

n.

i.

ows that the maximum vibration occurred at lift-off in response
vehicle noise. Lift-off vibrations were significant for a

of approximately 8 seconds. The absence of significant vibra-
ing boost 1s attributed to the relatively clean aerodynamic

tion of the Apcllo 5 nose cone and adapter. Power spectral den-
yses of data recorded during lift-off were prepared for the fol-
itical equipment areas:

Ascent stage oxidizer tank bottcm cover (X and Y axes)

Ascent stage oxidizer tank support strut (7 axis)

Descent stage oxidizer tank upper cover (¥, Y, and 7 axes)
Landing radar antenna (normal to the plane of the antenna)

Ascent engine support structure (sides 1, 2, and 3)

Navigation base (inertial measurement unit) (roll, pitch, and

Ascent stage aft equipment rack (X, Y, and 7 axes)
Ascent stage tunnel equipment area (1, 2, and 3)

Descent engine thrust chamber (X, Y, and Z axes)

Most of the vibration levels measured in the 22 areas cf the ve-
hicle were below the current lunar mcdule Fflight vibration criteria de-
rived from the lunar module test article-3 {(LTA-3) test data. However,
data from 4 of the 22 exceed the current flight vibration criteria when

compared
levels.

as measured, or exceed the criteria when scaled to design limit
The factors of safety which were applied to the mission levels
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to obtain design limit levels for the acceleration spectral densities
were 1.32 for the equipment and 1.52 for the tanks. (The respective
safety factors for the vibration amplitudes are 1.3 and 1.5.) In addi-
tion, the measured vibrations were scaled to the worst combination of
Saturn V and Saturn IB levels to obtain maximum mission levels. This
was accomplished by assuming a one-to-one relationship between sound
pressure and vibration acceleration measured on the Apollc 4 and 5 mis-
sions. Of the four measurements, only two - the aft equipment rack and
the landing radar anftenna - exceed the current flight criteria by sig-
nificant margins, and those only in narrow frequency bands. However,
when compared on a root-mean-square basis (that is, square root of the
area under the acceleration spectral density curve), none of the measured
vibrations exceed the current flight vibration criteria.

Lunar module eguipment qualification tests have been conducted to
at least one of three sets of criteria, depending on when the equipment
was procured. (1) BEquipment procured prior to the end of 1966 (comple-
tion of LTA-3 testing) was tested to analytically derived vibration cri-
teria. (2) Equipment procured between the end of 1966 and the end of
1967 was tested to vibration criteria derived from the LTA-3 test data.
(3) After the end of 1967, an acceptance vibration test program was be-
gun, and some equipment was acceptance-~tested to higher vibration levels
than used in the qualification tests. This equipment was given a delta
qualification test toc provide an adeguate margin.

Comparisons made in the subsequent paragraphs will be to current
flight vibration criteria {derived from LTA-3 test data) and to the ac-
tual levels to which the equipment was qualified.

Vibration of the navigation base (inertial measurement unit) ap-
proached the flight vibration criteria (LTA-3) as measured and exceeded
the criteria when scaled to design limit conditions, as shown in fig-
ure 6.1-11. However, neither the measured nor the scaled vibrations ex-
ceeded the level to which the inertial measurement unit was subjected
during qualification testing. HNo data are presented for the pitch-axis
vibration because measurement GGO002D did not function properly.

Vibration response of the landing radar antenna exceeded the flight
vibration criteria (LTA-3), as shown in figure 6.1-12. However, during
acceptance vibration tests, the landing radar antenna was exposed to
vibrations in excess of those measured in flight.

Figure 6.1-13 compares the response of the ascent stage oxidizer
tank bottom cover to the flight vibration criteria (LTA-3). The criteria
are exceeded at frequencies of 96 and 160 Hz. Vibrations at those fre-
quencies are similar to those measured cn the LTA-10R descent stage oxi-
dizer tank and are considered to have no effect on the structural integ-
rity of the tank and its support structure. During the tank qualification



6.1-6

test, a response at 150 Hz was also noted at the same measurement loca-
tion. Since this response far exceeded the LM-1 response, no further
testing is required.

Vibrations measured on the aft eguipment rack exceeded the flight
vibration criteria at a frequence of 210 Hz and, when scaled to design
limit levels, also exceed the criteria at 40 Hz (fig. 6.1-14). FEach com-
ponent on the aft equipment rack was qualification-tested for the ascent
and descent engine operation levels, which covered the L0 Hz peak. All
but two of the components attached to the aft equipment rack had been
tested to levels at 210 Hz [table 6.1-VI) which exceed the flight vibra-
tion criteria (LTA-3). Additiocnal tests are not telieved necessary for
the two components (battery and digital uplink assembly) for the follow-
ing reasons: First, the abort electronics assembly was not installed on
ILM-1. The absence of this mass would tend to result in higher vibration
responses. Second, the affected components are mounted on different cold-
rails than the one where the flight measurement was located. LTA-3 trans-
missibility data indicate attenuation at 210 Hz from the location of the
flight measurement to the locations of the battery and the digital uplink
assembiy.

Orbit.- Vibrations were insignificant during steady-state descent —
and ascent engine firings. Figure 6.1-15 presents typical vibration data
for the following four orbital flight conditions:

a. Control, descent, and ascent engines not operating (instrumen—
tation/telemetry noise floors)

b. Third descent engine firing {start and 10 percent throttle)

¢. Third descent engine firing {full throttle), abort staging,
and first ascent engine firing

d. First ascent engine firing, including shutdown transients

Ascent engine ignitions produced a short-duration discrete frequency
oscillation of approximately 55 Hz on the inertial measurement unit roll
axis. Ignition for the second firing produced 1.5g on the rcll axis.

The ascent engine shutdown produced high frequency oscillations of the
thrust chamber, but data in figure £.1-15 indicate that these oscilla-
tions were not transmitted to equipment. Comparison of power spectral
density analyses of inertial measurement unit and ascent stage aft equip-
ment rack vibrations to lunar module criteria show that steady-state
firings of the ascent and descent engines produced insignificant vibra-
tions.

Low-freguency vibration.- No significant low-frequency vibrations
(P20 Hz or less) were observed during the mission.




TABLE 6.1-T,- IM MAXIMUM LOADING CONDITIONS

Flight condition Load Predicted Measured Design®
Lift-cff
Maximum lateral
acceleration Longitudinal load factor, — 1.20 1.60
Lateral load factor, g 0.25 0.20 0.65
Maximum longitudinal
acceleration Longitudinal load factor, 1.60 1.48 1.60
Lateral load factor, g . 0.03 0.65
Maximum qu Longitudinal load factor, 2,00 2.00 2.00
Lateral lcad factor, g 0.09 0.12 0.30
End of S-IB boost Longitudinal load factor, L_ 38 L.35 b.90
Lateral load factor, g .10 0.07 0.10
Abort staging Longitudinal load factor, - 1.20 -

Lateral load

factor, g

Not detectable

aDesign values are for Saturn V conditions.

L-T'9
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TABLE 6.1-I1.- LM OUTRIGGER LOADS AT END OF S-IB BOOST

(MAXIMUM AXTAL ACCELERATION)

Measured Predicted Allowable

Avex Strut load, load, load,
klb k1b k1b

+Y 1 -12.47 -1k, 27 -23.3
2 17.01 16.39 21.0

3 21.50 21.53 25.3

4 -16.03 ~-16.h5 -23.3

+7 1 -13.16 ~-13.70 -23,3
2 16.91 16,7k 21.0

3 17.84 17.07 21.0

b ~12.6k -13.22 -23.3

-Y 1 -15.61 -16.25 -23.3
2 21.36 21.51 25.3

3 15.63 16.52 21.0

4 -12,63 =1L, 14 -23.3

-7 1 -12.18 -13.51 -23.3
2 16.88 17.07 21.0

3 18.01 16.70 21.0

b -13.12 ~13.97 -23.3




TABLE 6.1-III.- LM/ADAPTER INTERACTION LOADS AT END OF

S-IB BOOST (MAXIMUM AXTAL ACCELERATION)

Calculated Design
Apex Reaction load?, load {70° F),

klb klb

+Y RX 35.98 41.19
Ry -2.70 = hp

RZ -0.37 -1.18

+7 RX 32.h5 36.55
RY -0.66 -1.62

R, -2.44 ~-3.87

-Y RX 34,77 L1.06
RY 3.78 3.75

R, 0.45 -0.43

-7 Ry 32.53 36.72
RY -0.12 -0.88

RZ 2.05 -5.09

aCalculated from measured loads in table 6.1-TT,

6.1-9
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TABLE 6.1-IV.- PEAK SURFACE PRESSURES AT STAGING

LM-1 measurement number \ Lo-1 . Design limi? PAil t?itogita’
i L 6.1- 1 6.1-10 peak pressure, psia|pressure, psia un —
(see figs 9 and ) (P_=18k psiz) (p_=178 psia) | (P_=193 psia)
Ascent stage base heat shield
GBOBO1P 0.69 1.33 -
GBOBOZP 0.28 1.h9 —
GBOBO3P 0.21 2.26 -
. GROBOLP 0.82 2.02 -
GBOBOEP 1.17 1.56 -
GBOBOTP 1.31 2.90 2,20
G30808P 0.56 2.16 0.99
GBOSOOP C.T1 3.28 2.12
GROS1LF 0.29 1.08 -
GBOS12P 2.01 2.25 3.65
v GBO8B13P 1. 2.h4s -
GRO81hLp 1.0 3.19 3.06
GBOB15P 1.2 2.98 2.69
. GBO816P 0.4 0.66 0.86
GBO622P 0.59 0.84 0.80
Descent stage upper stage (Ezilgé_ggia)
GBO9O1P 0. 2.34 0.77
+Y GBO903P 0. 2.34 1.6L
GROQOLP 0.5 0.63 -
GBO9O2P .5 0.90 1.56
s GBO90OSFE 0.6 1.51 0.64
GROYOTP 0.7 1.85 1.07
NCTES: 1. PC is ascent engine peak chamber pressure

£l o

Li-1 pressures are peak values and did not occur at the same time
Design pressures are based on 1/10-scale model data
Botnt design and PA-1 pressures shown are for zZero separation distance

5. PA-1 data shown were obtained from apvroximately the same locations

as LM-1 measurenents

6. PA-1 tests simulating IM-1 were run at White Sands.

was used for ascent stage pressure comparison.

Test run TA-00T
Test run TA-00L was tae only run

on which +Y descent stage surface pressures were obtained for peax engine chamber

pressure conditions.




TABLE 6.1-V.— VIBRATTON MEASUREMENTS

6.1-11

N Range, Freguency .
Number Measurement description a response, Time-shared
Hz

GA1501D [Vibration, ascent engine support structure, side 1 30 1000 Yes
GA1502D |Vibration, ascent engine support structure, side 2 30 1000 Tes
CA1503D |Vibration, ascent engine support siructure, side 3 30 1000 Yes
GA1571D | Vibration, ascent engine oxidizer tank, X axis 10 160 No
GA1572D |Vibration, ascent engine oxidizer tank, Y axis 10 110 Yes
GA1S573D |Vibration, ascent engine oxidizer tank, %2 axis 10 110 Yes
CA2681D | Vibration, descent engine oxidizer tank, X axis 10 110 No
GAZ682D | Vibration, descent engine oxidizer tank, Y axis 10 110 Yes
GA2683D | Vibration, descent engine oxidizer tank, Z axis 10 110 Yes
GA3601D |Vibration, ascent stage aft equipment bay, X axis 20 1000 Yes
CGA3602D | Vibration, ascent stage aft equipment bay, ¥ axis 20 1000 Yes
GA3603D |Vibration, ascent stage aft equipment bay, 7 axis 20 1000 Yes
GA3661D | Vibration 1, tunnel equipment area 30 2000 Yes
GA3662D | Vibration 2, tunnel equipment areca 30 2000 Yes
GA3663D | Vibration 3, tunnel equipment area 30 2000 Yes
GG6O0LD | Vibration, navigation base, roll 2 2000 Yes
GGH002D Vibration, navigation base, pitch 2 2000 Yes
GG6003D | Vibration, navigation base, yvaw 2 2000 Yes
GNT7559D | Vibration, landing radar antenna 10 110 Yes
GUT691D | Vibration, rendezvous radar dish antenna 10 110 Yes
GP2801D | Vibration, ascent engine thrust chamber, X axis 163 2000 No
GP2802D | Vibration, ascent engine thrust chamber, Y axis 35 2000 o
GP2803D | Vibration, ascent engine thrust chamber, Z axis 35 2000 No
GQT301D | Vibration, descent engine thrust chamber, X axis i 2000 llo
GQT302D0 | Vibration, descent engine thrust chamber, Y axis 141 2000 o
GQT303D | Vibration, descent engine thrust chamber, 2 axis 1k 2000 No
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TABLE 6.1-VI.~ VIBRATION LEVELS TO WHICH EQUIPMENT MOUNTED ON THE

ATT EQUIPMENT RACK WAS TESTED AT 210 Hz

Test level

Component at 210 Hz,
g2 /Hz
S-band power amplifier 0,075
S-band transceiver 0.075
VHF transceiver 0.075

Signal processor assembly 0.1

Digital up-link assembly 0.005
Caution and warning electronies assembly 0.075
Signal conditioning electronics assembly 0.067
Pulse code modulation and timing electronics assembly 0.075
Abort electronics assembly 0.075
Attitude and translation control assembly 0.075%
Ascent stage battery 0.005%
Electrical control 0.067
General-purpose inverter 0.075
Rendezvous radar electronics assenmbly 0.095

Note: IM-1 vibration data at 210 Hz scaled to the design limit
level was 0,012 g2/Hz.
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6.2 THERMAL CONTROL

6.2.1 Launch Phase Thermal Response

Lunar module.- During the launch phase, all LM structural and thermal
protection temperatures remained within 5° F of predicted values, based
on 15 measurement locations for water and propellant tank temperatures
and 47 locations for structural and thermal protection temperatures.

Adapter.- The thermal environment for the adapter during the boost
phase was determined from the response of 12 thermocouples on the inner
and outer skin of the adapter. The maximum recorded temperature was
185° F and occurred at 00:02:07 on the outer skin at longitudinal station
XA6TO, T degrees from the +Y axis. This peak temperature was considerably

less than the design limit of L90° F.

No correlation was made between flight data and the analytical pre-
dictions for the adapter temperatures because the aerodynamic configura-
tion was unique for this mission and because the temperature levels were
well below design limits.

6.2.2 Control Engine Flume Tmpingement

The effect of the control engine plumes impinging the descent stage
thermal protection during thrusting of down-firing engines was determined
by the temperature sensors located as shown in figures 6.2-1 and 6.2-2.
The predicted temperatures were higher than the actual temperatures dur-
ing withdrawal of the lunar module from the adapter (fig. 6.2-3). This
was attributed to the following conditions:

a. The thermal mass of the senscr was not considered in the pre-
dictions.

b. The predictions were based on a solar soak prior to plume im-
pingement; this primarily affected internal temperatures.

c. Sensor GB3023T (fig. 6.2-1) was covered by two layers of foil,
and sensor GB30Z2TT was covered by a layer of Kapton.

Tests were made to determine the effect of the thermocouple mass.
The results showed that the effective Inconel skin thickness for the
thermocouple was 5.5 mil. Temperature measurements from sensor GB3033T,
which was attached to a 1.25-mil Inconel sheet, were compared with the
postflight analysis data (fig. 6.2-3(a)), using the 5.5-mil effective
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thickness, for the LM/S-IVB stage separation. The correlation is very
good. Sensor GB3031T, alsc attached to Inconel foil, showed good cor-
relation with postflight data (fig. 6.2-3(b)) during the LM/S-IVB stage
separation.

Sensor GB3023T was covered by foil (fig. 6.2-1). Figure 6.2-3(c)
compares the flight data with post-test analyses. One further assumption
was made in this analysis. It was assumed that exhaust gases pressurized
the space between the foll layers which covered the senscr. A pressure
of 0.015 psi, equivalent to that behind the plume shock off the ascent
stage tank bay, was assumed. The differences between the data and the
analysis were within the accuracy of the instrumentation. Internal sen-
sors, such as GB3021T and GB3022T, were not affected to the extent the
surface sensors were, because they were located beneath insulation
(figs. 6.2-1 and 6.2-2) and experienced slower heating rates.

Internal sensor GB3029T (fig. 6.2-3(d)) recorded approximately the
same temperature response as outboard sensor GB3027T. This is not rea-
sonable because the internal sensor was covered by an additional eight
layers of Kapton.

The maximum temperatures recorded during +X translations for the
second and third descent stage firings and during abort staging were as
follows:

Maximum (s
Time,

Sensor number temperature, .

o hr:min:sec

GB3033 830 06:11:57
GB3023 630 06:10:54
GB3031 230 06:10:55
GB3025 85 06:12:00
GB3021 Lo 06:12:12

6.2.3 Descent Stage Heat Shield

The thermal measurement locations on the descent stage heat shield
are shown in figure 6.2-L. The first descent engine firing was of in-
sufficient duration and thrust level to affect the heat shield. The
second descent engine firing resulted in nominal temperature rises of
LO® F on the heat shield surface. Measurements located beneath the
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insulation blanket showed no soak-back effects on the titanium structure.
The data acquisition time for the third descent engine firing was in-
sufficient to determine effects on the base heat shield. The descent
engine cavity temperatures remained at a nominal 72° F until the measure—
ment lines were severed at abort staging.

6.2.4 Abort Staging

Temperature data for the sbort staging sequence were reviewed for
the following areas: the descent stage blast deflector and top surface,
and the ascent stage heat shield, ascent engine compartment, and cabin
cover,

Blast deflector temperature measurements at the locations shown in
figure 6.2-5 were lost at the time of the ascent engine firing. These
temperatures remained at a nominal 70° F during the orbital portion of
the mission. A temperature rise of 680° F was predicted for the
3.7-second separation period after engine firing, but no data were re-
ceived. During the ground tests of ascent propulsion test article 1
(PA-1), the measurements at comparable locations were also lost.

Descent stage top surface sensors were located as shown in fig-
ure 6.2-5. All temperatures remained in the range of 60° F to T0° F
throughout the mission until abort staging occurred. The temperature
measured by GBOUOLIT, located on the +% deck, increased from 75° F to
200° F in 0.1 second at staging. The temperature then dropped to 1L0° F
in 0.1 second. The temperature measured by GBOUO2T rose from 60° F to
110° F in 0.1 second. The temperature measured by GBOLO3T remained at
68° F throughout this period. These three sensors were attached to the
outboard face of the tank bay upper aluminum decks facing the fiberglass
cover. The fast temperature response recorded by sensors GBOLOIT and
GBOYO2T was indicative of ascent engine exhaust gas impingement on the
sensors which indicated a break in the fiberglass shield. The recorded
temperatures are shown in figure 6.2-6.

Ascent stage heat shield thermocouples GBO302T, GBO303T, GBO30LT,
and GBO305T were lost at the time of engine firing. No instrumentation
losses, such as those on the blast deflector, were experienced on the
ascent stage during ground tests. Measurements GRBO301T, GBO306T, and
GBO307T continued to functicon and showed no response to ascent engine
firing. The measurements were located on the inner face of the heat
shield, which was covered with an insulation blanket (fig. 6.2-7) and
were not expected to show any response. Temperature measurement GA1113T,
located on the outer surface of the heat shield structure but beneath the
insulation blanket, remained st a nominal 69° F. A rise in temperature
would have indicated an insulation blanket failure.
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Preflight predictions, made on a nominal 5-second engine firing,
indicated that the ascent engine cover temperature would rise 10° F. The
actual firing was 60 seconds and resulted in a rise from 57.5° F to 75° F
on cover measurement GBO201T (fig. 6.2—8).

Ascent engine compartment temperatures GBO601T, GBO602T, and GBOA03T
(fig. 6.2-7) were affected by engine nozzle backface temperature, which
reached 150° F. The measurements were lccated under an insulation blanket
on H-film and Mylar and showed no response to the abort staging. Predic-
tions, which assumed gaseous flow, showed a rise of 10° F for a 5-second
firing; consequently, it is concluded that the backflow of hot gases did
not occur.

6.2.5 Ascent Stage Structure

Ascent stage structural temperatures were obtained from three meas-
urements (GBO203T, GBOZ2OLT, and GB0O205T) located on the cabin floor and
walls. Sensor GB0203T, located on the cabin floor, decreased 3° F during
the 3-hour attitude hold and remained at a nominal 54° F until abort
staging. The temperature then rose in a similar manner as the ascent
engine cover measurement GB0O201T, and reached 71° F at the time of the
second ascent engine firing (fig. 6.2-8). The close thermal conduction
relationship between the cover and cabin floor contributed to the similar
responses. Measurements GBQ2CLT and GB0205T, located on the cabin wall,
decreased 1L.5° F and S° F, respectively, during the attitude hold
(fig. 6.2-9). Although located on the walls, these measurements are
close to the cabin roof and docking tunnel and are not considered indica-
tive of total cabin wall temperatures. During the 3-hour attitude hold,
the docking tunnel experienced a cold environment which, through conduc-
tion, influenced these sensors.

Ascent stage fuel and oxidizer tank measurements, GPOT18T and
GP12187T, varied only 3° F during the mission. These data are within
3° F of the preflight predictions.

Ascent stage heljum tank temperature measurements, GPO201T and
GP0202T, remained within 8° F of preflight predictions until the first
ascent engine firing. A temperature drop of 28° F for sensor GP0O201T
and a drop of 18% F for sensor GPOR202T were caused by helium gas expan-
sion resulting from pressurization of the propellant tanks with the
helium gas (fig. 6.2-10). The temperature then rose to 51° F prior to
the second ascent engine firing. Measurements GPOZ01T and GPO202T dropped
to -98° F and -90° F, respectively, again because of helium expansion, as
was expected for the ascent engine firing to propellant depletion.
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The reaction control system propellant tank temperature measure-
ments GR2121T and GR2122T remained at a nominal 66° F throughout orbital
flight. Reaction control system helium tank temperatures, GR1089T and
GR1099T, remained at 60° F until the time of the second descent engine
firing. At this time, these measurements dropped 20° F and 30° F, be-
cause of helium expansion.

Descent stage fuel tank temperature measurements, GQ3718T and
GQ3T719T, remained at TO° and 73° F, respectively. Oxidizer tank tempera-
tures GQU4218T and GQU2I9T remained at T1° F throughout the orbital flight.

Sensors GB3727T, GB3728T, and GRB3729T were located on the S-band
steerable antenna, and sensor GB3733T measured the VHF inflight antenna
temperature. Figure 6.2-11 shows the cyclic data for measurements
GB3728T and GB3729T. Minimum temperatures at the end of the 3-hour

attitude hold were in the -28° to -35° F range. The cyeclic variations

(fig 6.2-11) were expected because of the environmental cycling during
orbit. There was no evidence of control engine plume impingement.

The VHF inflight antenna temperature measurement GB3T33T, received
solar heating during the 3-hour attitude hold. The orbital temperature
cycling is clearly shown in figure €.2-12. There was no evidence of
plume impingement indicated.

6.2.6 Second Ascent Engine Firing

Data were lost about 8 minutes after initiation of the second ascent
engine firing. This did not allow sufficient time to assess engine fir-
ing effects on the ascent stage heat shield, engine compartment, or
cover.
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6.3 LANDING GEAR

(This section is not applicable.)
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6.4 PYROTECHNIC

There was no indication of malfunction of any pyrotechnic devices.
(See section 13.2 for locations of pyrotechnic devices.)
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6.5 ELECTRICAL POWER

The characteristics of the de and ac power were within expected
limits throughout the mission. The dc and ac bus voltages and the total
current during the mission are shown in figure 6.5-1. During the second
ascent engine firing, the high control engine activity increased the
total current to 87 amperes, decreasing the bus voltages to 28.8 volts.

The ac voltage remained between 117.6 and 118.1 volts at 400 Hz for
a no-load condition. The ac voltage transients shown on figure 6.5-2
were associated with the inverter response tc the load variations of the
descent engine gimbal motor, the only lcad on the ac bus. These transient
rms voltages corresponded to peak values of 145 to 188 volts and were
within the specified peak transient limits of 90 to 225 volts.

Figure 6.5-3 shows the battery load sharing during mission programmer
sequence IIT. One of the two ascent batteries was commanded "on" prior
to abort staging, at which time this battery shared approximately LO per-
cent of the total load with the descent stage batteries. The ascent bat-
teries were cooled to approximately 38° F before abort staging; the
predicted temperature was 40° F. After abort staging, the ascent battery
temperatures rose to approximately L49° T, as expected. The descent
battery temperatures were controlled within a range of 55° F to 60° F by
the coolant system as expected.
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6.6 MISSION PROGRAMMER

The mission programmer performed all regquired functions throughout
the mission. From lift-off until 06:10:00, the mission programmer was
operated in the primary mode with the guidance computer in control. At
06:120:0C, the backup mode was activated in which the mission programmer
controlled all sequencing. Sequences IIT and V were utilized
(tables 6.6-T and 6.6-I1). Periodically through the mission, the ground
command capability was utilized, and except for the periods of abnormal
signal strength, performance was nominal (see section 6.8).
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TABLE 6.6~1.- MISSTON PROGRAMMER SEQUENCE ITI

Sequence Function
elapsed time, Punctions L Remarks
> description
min:sec
"00:00 Sequence start by ground command Approximately 06:10:00
{programmer start); primary
3-band on
00:01 Master arm on Pressurizes reaction |Reaction control tanks
control tanks 1f not| were pressurized prior
Reaction control propellant already accomplished| +to this sequence
valves open
00:03 Reaction contrel pressurization
valves open e
00:05 +¥X translation on
00:10 Lunar module/adapter separation
arm
Lunar module/adapter separation
fire
00:15 +X translation off Separates lunar module|Lunar module was sepa-
from the adapter if rated from the adapter
00:20 +X translagtion on not already accom— pricr to this sequence
plished
00:21 Descent propellant guantity gage
arm
00:22 Descent propellant quantity gage
on
00:23 Bescent engine arm
00:25 +X translation off
00:31 +X translation on
Manual throttle to 10 percent
00:39 Descent engine start First descent engine Second descent engine
firing firing accomplished by
this sequence
00: 4k +X translation off
01:05 Manual throttle to 100 percent
01:12 Descent engine shutdown
01:1b Manual throttle to 320 percent
01:35 Descent engine arm
01:36 +X translation on Accomplished by this

Manual throttle to 10 percent

seguence
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TABLE 6.6-I.- MISSION PROGRAMMER SEQUENCE ITI - Concluded

Sequence .
P
elapsed time, Functions deszigzégzn Remarks
min:sec
OL:hy Descent engine start Second descent engine |Third descent engine
firing firing accomplished by
this sequence
01:49 +X translation off
02:10 Manual throttle to 100 percent
02:11 Abort stage arm
02:12 Abort stage fire Abort staging and Abort staging and first
first ascent engine ascent engine firing
accomplished by this
sequence

SEQUENCE STOPFED AT THIS POINT BY GROUND COMMAND (ABORT GUIDANCE SELECT}
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TABLE 6.6-1T.- MISSTON PROGRAMMER SEQUENCE V

Sequence F i
elapsed time, Functions - unetLon Remarks
.. description
min:sec
00:00 Sequence start by ground command Approximately 07:43:58
{programmer start)
Master arm cn
00:02 +X translation on Acconplished by this
seguence
00:07 Abort stage arm
00:14 Abort stage Tire
Ascent engine arm
Ascent engine start First ascent engine Second ascent engine
firing firing accomplished
by this sequence
00:19 +X translation off
01:13 +X translation on
0L:1k Ascent engine shutdown
01:2h Ascent engine start Second ascent engine Engine kept burning by
firing ground command (engine
on)
01:29 +X translation off
01:33 Ascent/reaction-control propel-
lant Interconnect arm
01:34 Ascent/reaction-control propel-
lant interconnect A open
Reaction control propellant A
closed
01:h4 Ascent/reaction-control propel-
lant interconnect B open
Reaction control propellant B
closed
01:5k Reaction control crossfeed open
02:43 Reaction control crassfeed closed
02:4b Reaction control propellant A
open
Ascent /reaction-control propel-
lant interconnect A closed
0z2:5k Reaction centrol propellant B

open
Ascent /reaction-control propel-
lant interconnect B closed

Ascent propellant depletion

Thrust decay
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6.7 INSTRUMENTATION

6.7.1 Development Flight Instrumentation

The performance of the development flight instrumentation and the
associated major equipment items was satisfactory, with few exceptions.
Satisfactory performance was obtained from 268 measurement sensors, ex-
cept during abort staging when 11 measurements failed to provide data
and four other staging measurements were questionable. In addition,
three measurements (GN7691D, GG6002D, and GBO522T) were defective prior
to launch, and four 0-35 psid propulsion measurements (GQ3I6E66P, GQLLLEP,
GPO616P, and GP1116P) were expected to provide guestionable data due to
lack of inline pressure suppression devices to prevent transducer damage
from pressure transients during engine startup and shutdown. (Suppres-
sion devices have been installed on LM-3 to prevent sensor damage. )
Measurements GNT691D, GQ3666P, and GQL116P operated partially during the
flight, and some qualitative data were obtained.

Structural data obtained during the boost phase were satisfactory.
Fifteen structural measurements were automatically switched out of the
telemetry downlink at LM/S-IVB separation (00:53:55.5), and 18 other
measurements were switched into the downlink. The 8.5-second inflight
calibration sequence cccurred at 00:54:17.6. The data channel contain-—
ing engine chamber pressure measurement GR5039P had an 8 percent clipping
at the lower level. This clipping 4id not affect the measurement reading
when engine chamber pressure data were above 8 percent., The clipping was
not observed during inflight calibration of the associated isolation am-
plifier and was probably caused by a sensing diaphragm restriction in one
of the two thrust chamber pressure transducers.

Data obtained during the descent engine firings were satisfactory.
At 06:12:1Lk.7, during the abort staging sequence, 12 measurements were
automatically switched out of the telemetry downlink, and replaced by
11 others.

The 15 nmeasurements which failed to provide data or were question-
able during abort staging are discussed in the following paragraphs.

The four interstage separation distance measurements (GB3102H
through GB3105H) failed to function; no cause for these failures has
been determined.

Five temperature measurements also falled during abort staging. The
descent stage blast deflector measurement {GB0521T) failed coincident
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with ignition for the first ascent engine firing; immediately thereafter,
the ascent stage bottom surface measurements (GB0302T through GBO305T)
also failed. The most likely cause of these failures was detachment of
the thermocouple mounting tabs or breakage of the small thermocouple
wires as a result of flexure of the heat shield material. Delicate
mountings are inherent in high-response thermocouple installations; how-
ever, the installations on IM-3 will be improved.

Two of the 26 interstage pressure measurements (GBOS17P and GBOS1EP)
failed to provide data during abort staging. The response of these meas-
urements to the relatively slow static pressure decay was considersbly
delayed from the other interstage pressure megsurements, and their appar-
ent failure to sense the rapid pressure rise during abort staging is at-
tributed to an obstruction in the pressure tubing or transducer orifice.

Four other interstage pressure measurements (GB0621P, GBO623P,
GBOBC5P, and GBOQO6P) were questionable because the data showed no meas-
ureable pressure rise. With the exception of measurement GB0621P, which
was not telemetered during launch, these measurements responded properly
to the atmospheric pressure decrease during the launch phase. No cause
for the failure is apparent from analysis of the data and system config-
uration. One interstage pressure measurement (GBOB14P) had an inter-
mittent output signal throughout the flight; however, the measurement was
valid during staging.

Twelve descent stage measurements (GBOSZLT, GBO5227T, GBOLOLT through
GBO4O3T, and GBOYO1P through GBOSOTP) were routed through a 4-foot, 2-inch
ascent stage followup cable to provide descent stage data during abort
staging. With the exception of GB0O521T, GBO522T, and GBOY06P previously
discussed, the pressure measurements from the followup cable provided
data through the period of maximum interstage dynamics until 06:12:15.6.
At that time, these measurement channels indicated followup cable dis-~
connect. Two of the three temperature measurements (GBOLOLT and GBOLO2T)
provided data until 06:12:15.4, and the last valid data point for
GBOLO3T occurred at 06:12:15.3. These temperature measurement readings
were obscured by noise for the next 0.2 second; thereafter, their read-
ings also indicated followup cable disconnect at 06:12:15.6.

Data obtained during the ascent engine firings and the remainder of
the mission were satisfactory.

The gqualitative characteristics of the transmitted end-to-end data
varied with ground station acquisition and performance and is discussed
in section 6.8.
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6.7.2 Operational Instrumentation

The general operation of the 213 total operational PCM measurements
(118 analog and 95 bilevel or digital) was good; however, two descent
engine quantity gaging measurements were faulty prior to launch.

During the prelaunch period, propellant loading quantity gaging
measurements GQ360LQ and GQYL0LY were not indicating correctly for the
descent engine fuel and oxidizer no. 2 tanks. Tests have shown that the
failure of an output transistor in the power converter of the quantity
gaging system could cause an output voltage drop and loss of voltage
regulation and could result in the improper readings noted during the
prelaunch operations. The no. 1 guantity gaging system, which used a
separate power supply, operated properly throughout the flight.

During the second and third descent engine firings, an out-of-phase
indication was received from one of the two pairs of propellant shutoff
valves (measurement GQTLO8U). This problem has not been resolved, and
further discussion is contained in section 6.12.

Data quality.- A special data quality sub-routine program operating
on the initial phase-1 processing tape was used to obtain an accurate
assessment of the PCM data quality, resulting in the percent of usable
PCM data for each station pass. Such an assessment has been useful in
the past to reveal pocr data portions due to the loss of PCM synchroni-
zation, sub-par performance of individual Manned Space Flight Network
(MSFN) stations, data processing errors, and other problems.

A tabulation of the stations by revolution for VHF or unified S-band
links and the resulting percent usable PCM data from each is presented
in table 6.7-I. For the TEL IV station during the revolution 3-4 pass,
a usable PCM data quality of only 96.94 percent resulted, which was
1.90 percent lower than the launch phase data and more than 2 percent
lower than the revolution 1-2, 2-3, and 4-5 passes. All passes (revo-
lutions 1, 2, and 3) over the ship Coastal Sentry Quebec (C3Q) resulted
in poor quality VHF PCM data being obtained. From table 6.7-I, it can
be seen that usable data of 95.10, 89.55, and 90.52 percentages were ob-
tained from the (SQ for revolutions 1, 2, and 3, respectively. Reasons
for the poor data gquality obtained from the TEL IV station during the
revolution 3-4 pass and all passes over the CSQ are being lnvestigated.

The usable S-band PCM data guality is generally comparable to the
usable VHF PCM data quality for the same station pass. The usable VHF
data quality for the Texas station during the revolution 2 pass was
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99.68 percent while the usable S-band data quality was only 98.07 percent.
This difference was probably caused by variations in the received S-band
carrier power that was observed.. The usable S-band data gquality for the
Hawaii station during revolution 3 pass was 9L.60 percent while the usable-
VHF data guality was only 90.00 percent. The reason for this poor PCM
data quality at this station i1s under investigation.

6.7.3 Calibration

Some bias adjustments were made to descent engine pressure measure-
ments GQ6510, GQU11ll, and GQ3501 for the postmission analysis of the
propulsion system; GQL111l and GQ3501 must read identically under static
conditions and GG6510 should read zero psia. The magnitude of these
biases were within the end-to-end specification accuracy of the measure-
ments involved. However, the calibrations used to reduce data for these
measurements were derived from instrumentation component specifications.

6.7.4 Launch Vehicle Instrument Unit

The required LM/adapter events data transmitted from the S-IVB in-
strument unit were satisfactory, except for the adapter panel deployment
monitor. The deployment event was transmitted through the instrument
unit with other adapter data. Indications were recelved from the relays
which fire the pyrotechnics to separate the four panels. However, no
indication was recelved from the four series-connected limit switches
which monitor the deployment. The instrumentation was verified to be
operating satisfactorily several times at the launch site. Other meas-
urements show that the spacecraft separated from the S5-IVB stage without
any abnormal disturbances, thus indicating that the panels were, in fact,
deployed. The panel deployment monitors were used for the first time on
this flight and will not be installed for manned missions.



TABLE 6.7-I.- USABLE PULSE CODE MODULATED DATA
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Percent usable dats

Station Revolution
VHF S-band
TEL IV 1 98.84 X
(Launch)

TEL IV 1-2 '99.85 X
TEL IV 2-3 99.98

TEL IV 3-4 96.94 X
TEL IV L-5 99.15 99.0L
Canary Islands 1 99.73 X
Carnarvon 1 98.9L 99.51
Carnarvon 3 99.L7 X
Carnarvon 4 99.93 X
Coastal Sentry Quebec 1 95.10 X
Coastal Sentry Quebec 2 89.55 X
Coastal Sentry Quebec 3 90.52 X
Bermuda 2 100.00 X
Guaymas Y 99,72 X
Texas 2 99.68 98.07
Texas 3 99.05

Antigua b 98.93

Antigua 5 98.68 X
Hawaii 3 50.00 9k .60
Hawaii I 99.06

Hewaii 5 99.24

Goldstone 4 X 99.17

X - not processed or not available.
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6.8 COMMUNICATIONS

The communications system performance was evaluated by analysis of
the lunar module (IM) communications system scparately and the LM com-
munications system and Manned Space Flight Network communications equip-
ment as an integrated system. A diagram of communications capabilities
during the mission is presented in figure 6.8-1.

Analysis of the mission data shows nominal performance of all com-
munication channels except the UHF up-data channel.

The overall performance of the unified S-band REF system was satis-
factory (table 6.8-T and figs. 6.8-2 through 6.8-21) except for large

variations in received carrier power.

The trajectory elements used for predictions were different from
the actual spacecraft attitudes; therefore, the predicted data are not
applicable. A comparison of received and predicted carrler power levels
based on the final best estimate trajectory and actual spacecraft atti-
tudes will be contalned in supplement 3.

Computed bit error probabilities for the S-band and VHF pulse code
modulation (PCM) telemetry channels for three station passes indicated
good data reception during periods of adequate received signal powers.

Tests of the turned-around S-band up-voice and up-data subcarriers
were conducted during four station passes. Signal-to-noise ratios were
low during some periods:; however, the uplink carrier power levels appeared
adequate to support good up-voice and up-data communications.

Abrupt changes in the UHF received signal strength detected through-
out the mission have been isolated to an intermittent failure:'in the
flight hardware (see section 12.2).

6.8.1 LM Communications Performance

S-band.~ The S-band equipment operation was satisfactory during the
mission. Variations of the telemetered S-band transceiver RF power out-
put data were caused by instrumentation noise, which existed prior to the
flight.

The selected S-band receiver automatic geain control and static phase
errors were nominal. The S-band power amplifier operated satisfactorily,
although the telemetered measurement was inaccurate. The reguirement for
this measurement was waived prior to flight.
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No degradation of transmitted power, from either the S-band trans-
ceiver or the power amplifier, was detected; therefore, breakdown caused
by corona effects was not apparent.

Pulse code modulation telemetry.- Non-return-to-zero operational
pulse code modulation telemetry data were transmitted satisfactorily
through the VHF and S-band links.

Antennsa temperatures.- Temperatures of the S-band steerable antenna,
S-band omnidirectional antenns 1, and VHF inflight antenna 2 were within
expected limits throughout the mission.

Development flight instrumentation commumnications.- Performance of
the development flight instrumentation was nominal during the mission.
Refer to section 6.7 for additional information concerning performance
of this systemn.

6£.8.2 IM/Network Communications System Performance

Unified S-band RF system.- The evaluation of the S-band RF system
emphasized the periods of the mission associated with S-band transceiver
and power amplifier activation, the descent and ascent engine firings, and
the turned-around up-voice and up-data channel tests. A suwmary of the
S-band RF system performance during these periods is presented in
table 6.8-I and in figures 6.8-2 through 6.8-21. Analysis of the recorded
data showed that large variations in received carrier power level occurred
when look angles did not favor the active antenna. As soon as the final
best estimate trajectory and actual spacecraft attitudes are made avail~
able, predicted and measured carrier power levels will be compared to de-
termine whether the noted variation in received carrier power levels can
be eliminated by optimum switching between the two lunar module antennas.
‘Many of the procedural problems assoclated with the S-band communications
during the Apollo b4 mission were not experienced during the Apocllo 5 mis-
sion. Improvement was apparent in effecting station-to-station handovers
of the S-band uplink.

Unified S-band ranging channel.- During prelaunch testing of the
S-band equipment, the Merritt Island S-band site could not obtain correct
range code acquisition when uplink signal combinations 4, 5, and 6 were
utilized (table 6.8-IT). Subsequent testing of production models of IM
hardware showed that the problem was caused by insufficient range code
povwer in the downlink spectrum and improper calibration procedure. The
uplink modulation indices (table 6.8-II) were revised, and the sites were
informed of procedures to be used if acquisition difficulties occurred.

Ranging capability existed throughout the mission. The IM trans-
celver was configured for range-code turn-sround prior to lawnch and
remained in this configuration throughout the mission. Alsc, each uplink
signal combination that was utilized included range code modulation.
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The range code acquisition sequences for 31 station passes were ex-
amined. The majority of the data reviewed showed good acquisition se-
quences. Typically, range code acquisition was initiated as soon as
the exciter was locked to the synthesizer and the ranging receiver ac-
gquired lock; acquisition of range code was obtained approximately 5 sec-
onds later. A typical ranging code acquisition sequence is shown in
figure 6.8-22. Some of the sites had initial difficulty but obtained
range ccde acquisition after adjusting an attenuator within the ranging
receiver. This adjustment was determined to be necessary at the Merritt
Island station prior to launch. '

Unified S-band up-voice and up-data channels.~ The configuration of
the IM S-band transceiver is such that the up-voice and up-data sub-
carriers are turned around in the ranging channel and remodulated on
the downlink carrier (fig. 6.8-23). Therefore, uplink signal combina-
tions which include these subcarriers were transmitted, and the baseband
modulation of the downlink carrier was recorded at selected sites. The
performance of these channels was evaluated by measuring the postdetection
or predetection signal-to-noise ratio of the turned-around up-voice modu-
lation and by measuring the predetection signal-to-noise ratio of the
turned-around up-data subcarrier. Since the measured data are dependent
on the power levels of the received uplink and downlink carrier, the
signal-to-noise ratio that would have been received at the IM would be
better than the measured data indicate. The measured signal-to-noise
ratios were related to the results of word intelligibility and up-data
message acceptance tests performed at the Manned Spacecraft Center in an
attempt to predict channel performance.

During the first orbital pass over the Texas, Merritt Island, and
Bermuda stations, uplink combination é (table 6.8-II) was transmitted.
Downlink coverage by the Merritt Island station was from 01:35:25 to
01:42:21. The Texas station transmitted the uplink S-band signal from
01:35:25 to 01:38:00, Merritt Island transmitted the signal from
01:38:08 to 01:41:00, and Bermuda transmitted the signal from 01:41:09
to 01:42:21. The predetection signal-to-noise ratio of the turned-around
up~voice subcarrier did not fall below 10 dB during this downlink cover-
age by Merritt Island. The signal-to-noise ratio was consistent with a
word intelligibility greater than 90 percent. Predetection signal-to-
noise ratios of the TO-kHz subcarrier were also measured for the periods
of Merritt Island coverage when Texas and Bermuda were transmitting the
uplink S-band signal. The signal-to~noise ratio of the unmcdulated
70-kHz subcarrier was greater than 12 dB during the pass {(fig. 6.8-24).
Based on command module communication system performance test results,
this signal-~to-noise ratio was above that required for up-data message
acceptance.
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The up-voice subcarrier transmitted by Guaymas {(revolution 2) and
by Merritt Island (revolution 2-3) was modulated by a l-kHz tone. The
variations in the measured signal-to-noise ratio varied from O to 22 4B
(fig. 6.8-25), associated with variations in received downlink carrier
power level (fig. 6.8-10). The received uplink power level measured was
satisfactory during this pass, and the degraded signal-to-noise ratios
were caused by variations in received downlink carrier power levels.
The variations of measured signal-to-noise ratios (fig. 6.8-26) were
time-associated with variations in received uplink and downlink carrier
power level (figs. 6.8-11 and 6.8-12). Although variations in the
received uplink carrier power level were observed, the received uplink
carrier power level was consistent with satisfactory up-voice communi-
caticns.

Unified S5-band telemetry channel.- The unified S-band telemetry
channel performance was evaluated by computing the probability of a bit
error from the measured frame synchronization word error rate. The frame
synchronization word error rate was determined by dividing the frame
words in error during each 10-second interval of a pass by the number of
frames observed,

Bit error probability calculations were performed for Carnarvon
(revolution 1), Guaymas (revolution &), and Hawaii (revolution 5). The
results of these calculatiocns are shown in figures 6.8-27, 6.8-28, and
6.8-29, respectively. The bit error probabilities for Carnarvon, revo-
lution 1, do not correspend to the received downlink power levels (see
figs. 6.8-2 and 6.8-27). However, the periods of poor telemetry channel
performance are time-coincident with spikes cbserved on other data derived
from the magnetic tape utilized in bit error probability computations.
Therefore, the spikes may have caused the frame synchronization errors.
During 12.3 percent of the pass, the bit error probabilities were below
the limit of usable real-time data. However, station records provided
data usable for postmission evaluation 99.51 percent of the pass (see
section 6.7.2).

Bit error probability computations for the Guaymas coverage of revo-
lution 4 are presented in figure 6.8-28. The degraded bit error proba-
bility coincident with abort staging was probably caused by the signal
phase perturbations and the received carrier power level changes
(fig. 6.8-17). The bit error probabilities were greater than the limit
of usable real-time data throughout the pass.

The bit error probabilities shown in figure 6.8-29 were better than
design goals for the periods when the received downlink carrier power
level was adequate (see figure 6.8-21 for comparison). Exact time cor-
relation of the bit error probabilities and the received carrier powers
cannct be obtained because the error probabilities represent an average
computed over a 10-second interval.
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VHF RF communications.- The RF power ocutput of the four development
flight instrumentation VHF telemetry links was satisfactory throughout
the flight. The gualitative characteristic of the end-to-end data varied
because of RF transmission conditions at abort staging, periods of low
lock-angle elevations, uncontrolled vehicle attitudes, and nolse suscep-
tibility of the constant bandwidth telemetry link.

Telemetry dropout occurred at launch vehicle staging for 2 seconds
beginning at 00:02:23.6 because of S-IB stage retrorocket plume atten-
uation. During ILM/adapter separation, data dropout occurred for 0.25 sec-
ond. TFigure 6.8-30 presents the received 237.8-MHz signal power level
for the Guaymas coverage of the second and third descent engine firings,
abort staging, and first ascent engine firing; a time history of the
received 2U1.5-MHz signal power level during these events is presented
in figure 6.8-31. As shown in this figure, four cyclic received power-
level nulls (in addition to the transient at abort staging) were observed
during the Texas pass. The cyclic nulls were common to all channels
except the 230.9-MHz channel and are attributed to LM antenna patterns.

The multipath RF transmission problem due to low lcok angles was
evident during the Hawaii station pass of the fifth revolution. Data
quality received by the Rose Knot Victor during the second ascent engine
firing was subjected to repetitive noise bursts because the vehicle was
tumbling. The constant bandwidth link was susceptible to noise because
of large dats bandwidths and lower modulation indexes.

VHF PCM telemetry.- The probability of a bit error for the VHF PCM
telemetry channel was computed utilizing the technique described pre-
viously. The results of these computations for Carnarvon (revolution 1),
Guaymas (revolution L4), and Hawaii (revolution 5) are presented in
figures 6.8-32, 6.8-33, and 6.8-34, respectively. As shown in fig-
ure 6.8-32, the bit error probability for the Carnarvon pass was satis-
factory throughout the pass. ©BSignal strength records show a recurrent
spike appearing on all traces on that particular stripchart recording.
The spikes which occur before, during, and after the presence of a signal
are coincident with most of the degraded bit error probabilities. The
distribution of these spikes indicates that spuricus external signals
were imposed on the magnetic tape al either the receliving or the playback
station. The spikes appear to be affecting all data taken from this
particular tape. A bit error probability greater than the design goal
was experienced for a total of 80 seconds for Guaymas coverage of revolu-
tion 4. If the bit error probabilities associated with acquisition and
loss of signal are discarded, there were no periods when the bit error
probability was worse than the limit for usable real-time data.
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The bit error probébility for Hawaii coverage of revolution 5
(fig. 6.8-34) was better than the 1limit of usable real-time data through-
out the pass.

S-band and VHF comparisons.- Data from Carnarvon (reveolution 1)
show that S-band and VHF PCM systems were both affected by spurious
spikes. Data from Guaymas (revolution L) indicate that the S-band telem-
etry had fewer synchronization word losses than did the VHF telemetry.

Data from Hawaii (revolution 5) indicate that the bit error prob-
ability for the S-band telemetry exceeded that for the VHF. The VHF
system on the spacecraft used a pair of antennas with nearly spherical
coverage, while the S-band system on the spacecraft used a single antenna
providing only unidirectional coverage. This condition explains the
difference in S-band and VHF performance at Hawaii.

These minor differences in bit error probability between the S-band
and VHF systems were as expected for earth orbital missiens.

UHF up-data channel.- Abrupt changes of about 3L dB in spacecraft
received UHF signal strength were detected throughout the mission; a
typical example is shown in figure 6.8-35. Corresponding changes did
not occur in the ground received signal strength from the VEF data
transmitters which shared the same two antennas through a diplexer. These
abrupt changes in received power frequently caused the received command
signal power to be below the message acceptance threshold. Consequently,
command transmission had tc be delayed or repeated.

The received signal power variations are consistent with an inter-
mittent condition in either the digital command assembly RF stage, the
coaxial cable assembly connecting the diplexer and digital command
assembly, or the internal diplexer connections.

C-band system.- Operation of the C-band system is discussed in
section 3.




TABLE 6.8-I.~ S-BAND RF SYSTEM PERFORMANCE

T Time of Recelved carrier

ime of X

. . P range power presentation

Station |Revolution Event T receiver Comments
hr?gin;sec 10§k, Uplink Dgwnlink
hr:min:sec|fig. no.|fig. no.

Carnarvon i IM/S-IVB separation|00:53:53.6| 00:54:23 - 6.8-2 Received uplink carrier power level was at transcelver automatic
and primary S-band gain control saturation level for passs. Downlink carrier power
transceiver activa- level was good during pass
tion

Texas 1 Secondary S-band 01:33:13 01.:33:48 | 6.8-4 6.8-5 Primary S-band transceiver commanded "off" at 01:33:12 (see
transceiver and fig. 6.8-3). Secondary S-band transceiver and power smplifier
pover amplifier combination commended on at 01:33:29. Two-way lock reacquired
activation st 01:33:34 and power amplifier warm-up cycle completed at

01:33:47. Handover from Guaymas to Texas required 9 seconds to
complete. Abrupt change in received downlink carrier frequency
caused Texas receivers to lose lock when handover from Guaymas
was initiated (see fig. 6.8-3).

Merritt l-2 Turn-around S-band | 01:38:00 01:38:20 £.8-6 6.8-T Single omnidirecticnal spacecraft antenna did not provide good

Island up-voice and coverage for complete pass. Bpacecraflt antenna nulls caused
up-data tests received uplink and downlink carrier power level veristions from

01:39:00 to loss of signal.

Redstone 2 - 01:46:13 01:46:19 | 6.8-8 6.8-9 Some variations in received carrier power level because of
inopportune spacecraft antenna patterns, bul overall signal
quaelity was good.

Guaymas 2 Turn-arcund S-band [03:06:02 - 6.8-10 |Received downlink carrier power level variaticn observed from

up-voice tests 03:05:10 to 03:07:00,
Merritt 2 -3 Turn-around S-band {03:11:00 6.8-11 | 6.8-12 {[Abrupt changes (20 to 35 4B) in received dewnlink carrier power
Island up-voice tests level during the pass. Abrupt changes caused by spacecraft
antenns gain variations.

Carnarvon 3 First descent 03:57:50 03:58:34 6.8-13 | €.8-14 |Received uplink carrier power level would have supported good
engine firing S-band communications. Received downlink carrier power levels

were consistent with a good communications channel frem 03:58:10
to 0k:03:L0. Downlink communications would have been inter-
mittent from O4:03:40 to loss of signal.

Goldstone L Second and third - - ~ 6.8-15 Received carrier power variations observed during third descent
descent engine engine firing and abort staging. Received carrier power level
firings and abort dropped off T dB at abort staging only; variation attributed to
staging propulsion system activity.
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TABLE 6.5-T.- 8-BAND RF SYSTRM PLEFORMANCE — Concluded

: Time of Received carrier

Time of i
) range power presentation

3 . two-way s - .
Station |Revolution Event lock receiver Comments
D lock, Uplink, |Downlink,
hr:min:sec . . o

hrimin:sec}fig. ne.|fig. no.

Guaymas b [Second and third 06:08:28 06:08:51 | €.8-16 | 6.8-17 [Received uplink and downlink carrier power levels good during
descent engine fir- rass. A received downlink currier power level drop of approxi-
ings, abort staging mately 13 dB observed at sbort staging.
and first ascent
engine firing

Texas Iy Third descent 06:12:0k £.6-18 | 6.8-19 |A drop in received uplink carrier power level of 9 4B detected
engine firing, at gbort staging. FReceived uplipk and downlink carrier power
abort staging, and levels dropped sharply at 06:15:00, The abrupt drop caused
first ascent engine Texas receiver to lose lock. Intermittent two-way lock was
firing obtained between 00:15:18 and 06:17:10. Variations in received

carrier power levels were caused by spacecraft antenna gain
variations.

Hawaii 5 Second ascent 07:38:48 07:38:59 { 6.8-20 | 6.B-21 |Received uplink and downlink carrier power level variations
engine firing observed from acquisition of signal to 07:43:00. Downlink

communications would have been intermitient until 07:L43:00,
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TABLE 6.8-II.- NETWORK/LM.S-BAND TRANSMISSION COMBINATION SUMMARY

. Subcarrier|Initial carrier Revised carrier
. . . Mcdulation . . . .
Combination Information . frequency,|phase deviation,| phase deviation,
technique
kHz rad rad
1 Carrier
Pseudo random Phase modulation - 1.34 1.3h
noise ranging (PM) on carrier
L Carrier
Pseudo random PM on carrier - 0.80 0.38
neise ranging
Voice FM/PM 30 1.85 1.20
> Carrier
Pseudo random PM on carrier - 0,80 0.38
noise ranging
Up~data FM/PM 70 1.85 1.20
6 Carrier _
Pseudo random FM on carrier - 0,50 0.kl
noise ranging
Voice FM/PM 30 1.00 1.00
Up~data FM/PM 70 0.76 1.00

6-8°9
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6.10 GUIDANCE AND CONTROL

6.10.1 Suvmmary

The primary guidance, navigation, and control system and the stabi-
lization and control system functicned as designed throughout the mis-
sion. Navigation errors at insertion were commensurate with the system
alignment errors existing at 1ift-off. IM/S~IVB stage separation, the
maneuver to cold-socak attitude, the subseguent attitude hold, the maneu-
ver to the attitude for the first descent engine firing and the initia-
tion of the firing were all performed nominally by the primary system.
The first descent engine firing was ended prematurely by the IM guidance
computer because the descent engine thrust buildup did not meet the pro-
grammed velocity/time criteria. The subsequent attitude hold and ground
commanded maneuver to the attitude for the second descent engine firing
were also performed under primary system control. The second and third
descent engine firings and the first ascent engine firing were performed
by the stabilization and control system with mission programmer sequenc-
ing and were nominal for that system. Control was returned to the pri-
mary system after the first ascent engine firing, and an abnormal limit
cycle occurred because the digital autopilot was configured for control
of an unstaged vehicle. The second ascent engine firing was controlled
by the stabilization and control system and the mission programmer with
nominal results wntil control engine propellant depletion, when con-
trol authority was lost and the vehicle tumbled.

6.10.2 Integrated System Performance

Launch/S-IVB stage coast.- Prelaunch gyrocompassing was terminated
and the inertial measurement unit was inertially fixed by the guidance
computer at 00:00:00.86 when sensed acceleration exceeded 1.lg. The
computer-determined lift-off was not noted on the ground; therefore, =z
backup command was sent at approximately 00:00:06, All guidance and
control sequencing functions for this period were correct.

The body rate oscillations sensed in the spacecraft during launch
remained less than 0.5 deg/sec. A comparison of spacecraft and launch
vehicle gimbal angles for this phase indicates a maximum difference of
1.3 degrees during maximum dynamic pressure. The differences were with-
in the uncertainties expected from initial misalignment, timing, and ve-
hicle flexure. The guidance and control navigation errors at insertion,
based on a comparison with the best estimate Trajectory obtained using
the S-IVB stage guidance system, are listed in table 6.10-I. Although
the component errors are large, they are shown in section 6.10.3 to be
caused primarily by prelaunch alignment errors purposely allowed to
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meet a minimum perigee constraint for the second ascent engine firing.
Total velocity at insertion agreed within 2 ft/sec. After sensing S-IVB
stage shutdown, the guidance computer entered an 1dling mode until the
programmed LM/S-TVB stage separation sequence was initiated.

IM/S-IVB stage separation.- The separation sequence of events con-
trolled by the guidance computer is shown in figure 6.10-1. A +X trans-
lation began at 00:53:50.11. The best indication of physical separation
was a telemetry noise transient at 00:53:55.2Lk. This was substantiated
by body rate and translational acceleration data. Figure 6.10-2 contains
spacecraft dynamics for the separation. Rate transients were less than
0.2 deg/sec in all three axes, and attitude excursions were less than
1.2 degrees throughout the 20-gsecond +X translation period. There was
no indication of recontact between the twe vehicles. The total velccity
change during the separation sequence was 4.1 ft/sec. A detailed study
of separation dynamics will be contained in supplement € to this report.

Cold-soak pericd.- Figure 6.10-2 also shows spacecraft dynamics and
control engine firing commands during the maneuver to the cold-socak atti-
tude. All parameters indicate nominal performance. Figure 6.10-3 com-
pares the commanded gimbal angles with the actual gimbal angles during
the maneuver. Nominal digital autopilot performance during the maneuver
is indicated by the small difference between the actual and commanded
values as shown in the figure. The divergence shown in the Z-axis prior
to the maneuver was caused by residual rate in existence at the termina-
tion of the second +X translation when the attitude deadband was in-
creased from *1 degree to *5 degrees.

After the attitude maneuver, the spacecraft entered a wide deadband
attitude-hold period. Figure 6.10-Y4 contains a typical pattern of the
control engine firing commands initiated by the digital autopilot. As
shown by the occasional relatively long firings, an ideal minimum impulse
limit cycle in pitch and roll did not occur. Figure 6.10-5 shows one
pass through the pitch and roll body-rate/body~attitude phase plane and
indicates unsymmetrical operation with the long firings occurring .at each
side of the attitude deadband. This phenomenon was experienced in pre-
flight software verification runs and occurred whenever the pitch and
roll attitude errcrs were phased such that large errors occurred in both
axes simultaneously. The digital autopilots for IM-3 and subsequent
spacecraft will incorporate logic to prevent this type of cperation. De-
tgiled analysis of limit cycle operation will be published in supple-
ment b,

First descent engine firing.- The maneuver to first firing attitude
was calculated by the computer based on the onboard state vector and
targeting parameters and was automatically performed under digital auto-
pilot control. The maneuver dynamics are represented in figure 6.10-6,
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and the gimbal angle comparisons are shown in figure 6.10-7. Performance
was nominal.

All events leading up to and including the issuance of the "engine
on" command by the computer were proper. However, the computer commanded
the engine "off" 4.17 seconds later because the descent engine failed
to meet the programmed velocity/time criteria. See section 12.2 for a
more detailed discussion.

Coast between first and second descent engine firings.- The descent
engine shutdown sequence initiated a wide deadband attitude-hold period
controlled by the digital autopilot at the first firing attitude. The
typical limit cycle was unsymmetrical but differed from that during the
cold-soak period. The pitch and roll axes were uncoupled and all firings
were near minimum impulse duration in all three axes. The asymmetry ex-—
perienced is typical of that caused by an external disturbance torque.

The maneuver to the second descent engine firing attitude was initi-
ated by a series of ground commands and was controlled by the digital
autopilot (see figures 6.10-8 and 6.10-9). Response was nominal.

Second descent engine firing through abort staging.- The stabiliza-
tion and control system was selected at 06:06:11.7 by ground command.
Because the abort guidance system was not installed, the subsequent maneu-
vers were performed without closed-loop guidance or gttitude control.

Only rate damping was available with sequencing provided by the mission
programmer.

Figures 6.10-10 and 6.10-11 contain time histories of pertinent
parameters covering the follcowing events.

a. Three +X translations prior to the second descent engine firing
b. Second descent engine firing, 10-percent throttle

c. GSecond descent engine firing, full throttle

d. One +X translation prior to the third descent engine firing

e. Third descent engine firing, 1lO0-percent throttle

f. Third descent engine firing, full throttle

g. BStaging dynamics

h. PFirst ascent engine firing

Table 6.10-II contains selected performance characteristics extracted
from figures 6.10-10 and 6.10-11.
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The control engine duty cycle was higher in each case during the
+¥ translations preceding the descent engine firings than it was after
ignition, indicating that the disturbance torgque due to center-of-
gravity offset was greater than that due to thrust vector misalignment.
Body rates remained close to the deadbands during all the firings with
a substantial control margin. One second before the end of the second
+% translation, the descent engine was armed, enabling the engine gimbal
drive actuators to drive in response to the +X translation disturbance
torque. Each time the actuators drove, the ac voltage fluctuated as
shown in figure 6.10-10. This figure and table 6.10-II show that the
direction of actuator motion reversed after ignition and indicate that
the activity during the +X translation introduced an out-of-trim condi-
tion. The trimming action during the 10-percent-throttle period reduced
the thrust-vector/center-of-gravity offset to an acceptable level before
the increase to full throttle; consequently, the resulting disturbance
torques were well within the control engine capability. It would be pos-
sible to exceed the available control authority at full throttle if a
large thrust-vector/center-of-gravity offset was introduced during the
+X translation, and an insufficient time at 1O0-percent throttle was
allowed to trim the engine. Measures are being taken to prevent this
problem from occurring on future missions.

Figure 6.10-12 is an expanded plot of spacecraft dynamics during
the staging sequence. The only significant rate disturbances occurred
simultanecusly with the ascent engine peak chamber pressure. The rate
disturbances of +7.7, +2.0, and -0.8 deg/sec in pitch, roll, and yaw,
respectively, converged to deadband values of -0.8, -1.2, and -0.8 deg/
sec within 2 seconds and remained within these wvalues throughout the
firing. The disturbances predicted from preflight simulations were
-1.5 deg/sec in pitch and +3.5 deg/sec in roll. The significance of the
simulation was that the rates experienced were of the same order of
magnitude as the predictions.

The descent engine thrust during 10-percent throttle was 1221 pounds
as determined from the inertial measurement unit accelerometers, which
‘compares reasonably well with 1180 pounds as determined from the thrust
chamber pressure. The ascent engine thrust was 3551 pounds based on the
accelerometers and 3480 pounds based on the chamber pressure, Dynamics
of the staging event are discussed in section 6.17.

Coast period between the first and second ascent engine firings.-
Mission programmer sequence 1[I was interrupted after the agscent engine
shutdown, and spacecraft attitude control was returned to the digital
autopilot. High-rate limit cycle operaticn occurred immediately, causing
excessive propellant usage. This abnormal performance occurred because
the digital autopilot was still configured for control of an unstaged
vehicle. The moments of inertia and predicted angular accelerations
used by the digital autopilot to compute control engine Yon" times are
caleulated based on the current value of vehicle mass contained in the
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computer erasable memcry. For this mission, the current value of mass
(and, therefore, inertia and acceleration) was to be periodically updated
during descent and ascent engine operation and automatically reinitial-
ized gt staging. Because of the premature shutdown of the first descent
engine firing, the computer entered an idling mcde and the mass update
process did not occur during the second and third descent engine firings
and the staging sequence. Therefore, the control engine "on'" times com-
puted by the digital autopilot for a given rate and attitude error were
to correct an unstaged, fully loaded vehicle. The result was rapid os~
cillations of the vehicle as the digital autopilot overcontrolled in an
attempt to keep attitudes within deadband limits. (See section 12.2 for
further discussion.) The oscillations and resultant propellant usage

have been reprcduced in simulations.

Second ascent engine firing.- A time history of spacecraft dynamics
for the second ascent engine firing is contained in figure 6.10-13. Im-
mediately after switching from the primary to the backup system, the body
rates converged to near zero in all axes and remained there until the
start of +X translation. About 6.6 seconds after the start of the +X
translation, a high-rate limit cycle began in the pitch axis and contin-
ued wntil engine start. This high-rate limit cycle was caused by non-
linearities in the pulse ratio modulation circuits in the stabilization
and control system. The possibility of experiencing this type of opera-
tion during +X translation with a light, staged vehicle was predicted
based on hybrid simulation runs. A design change to the pulse ratio
modulation circuits has been approved which will prevent this phenomenon.

Rate damping during the ascent engine firing was nominal although
the LY-up control engine had failed, and rates in all three axes held near
the deadbands. A second +X translation (fig. 6.10-13) occurred 58.6 sec—
onds after engine ignition. This was caused by the mission programmer
sequence V, which included two ascent engine firings, each preceded by
a +X translation. Because an engine start override ground command was
sent after the first ignition, only one firing occurred. The second +X
translation, therefore, cccurred while the engine was on. Further,
sequence V called for closing the propellant interconnect valves. The
rates began to diverge and the vehicle began to tumble when the control
propellant was depleted (see fig. 6.10-13). Rates in all axes periodi-
cally exceeded the rate gyro instrumentation saturation level of +25 deg/
sec. Gimbal lock occurred at approximately O0T7:47:30, as verified by the
gimbal lock alarm.

6.10.3 Primary Guidance, Navigation, and Control System Performance

The inertial measurement unit and associated electronics performed
properly throughout the mission. Preflight test history for the inertial
rate integrating gyros and the pulse integrating pendulous accelercmeters
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is contained in figure 6.10-1h4. The values used to compute inflight com~
pensation and the compensation values are indicated on the figure. The
affect of drift due to acceleration along the gyro output axis (ADOA),
which is not compensated explicitly, was removed by correcting the null
bias drift (NBD) and drift due to acceleration along the spin reference
axis (ADSRA) terms. The compensation value for drift due to acceleration
along the input axis (ADIA) was not corrected for ADOA because of the
ADTA measurement uncertainty and the relative insignificance of the ADOA
values.

The final series of prelaunch inertial measurement unit performance
tests showed erratic behavior and large shifts in the ADIA X coefficient.
Because of the uncertainties involved in measuring ADIA while the iner-
tial measurement unit is installed in the spacecraft and because preflight
dispersion analyses for this mission showed the minimum perigee con-
straint for the second ascent engine firing to be very sensitive to neg-
ative ADIA X errors, the compensation value chosen was close to the most
negative excursion measured.

The prelaunch alignment orientation of the inertial measurement unit
is shown in figure 6.10-15. The orientation was chosen, for this mission
only, to avoid exceeding the 3.26g acceleration limit of the acceler-
ometers during boost and to avoid the possibility of gimbal lock during
the planned out-of-plane propulsion maneuvers. The inertial measurement
unit will be powered-down during launch on subsequent missions., The max-~
imum acceleration noted was approximately 3.1lg in the Y axis at
00:02:18.8.

Figure 6.10-16 contains a compariscn of velocity time histories dur-
ing the launch phase computed by the primary guidance, navigation, and
control system; by the S-IVB instrument-unit guidance system, and from
the ground tracking network.

The instrument-unit and Glotrac data agreed within 1 ft/sec and,
therefore, were used as the standard for this preliminary analysis. The
guidance errors were larger than normally expected but are attributed
largely to the inertial measurement unit misalignment at lift-off. The
biased ADIA X compensation, which caused an effective drift, propagated
through the prelaunch gyrocompassing loop into alignment errors in all
three inertial measurement unit axes. The shape of the error propagation
in all three axes is characteristic of a misalignment which causes the
accelerometers to sense a disproportionate level of acceleration.

Teble 6.10-ITI contains a preliminary set of error coefficients.
The accelerometer bias errors shown are the average of three inflight
bias measurements made during three gquiescent coast periods with minimal
control engine activity (see table 6.10-IV).
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The residual velocity errors after compensating for the preliminary
set of errors are contained in figure 6.10-16. It should be emphasized
that the error coefficients shown are preliminary and subject to revision
in the final inertial measurement unit analysis, which will be issued as
supplement 5 to this report.

All inertial system temperatures and voltages remained within limits
throughout the flight. The vibration levels measured at the navigation
base are discussed in section 6.1.72.

The guidance computer performed as designed throughout the mission.
Table 6.10-V lists the major modes used. All sequencing, including mis-
slon programmer commands, was as planned up to the premature descent en-—
gine shutdown and was nominal throughout the mission. No restarts were
noted nor were any rejections of ground updates experienced.

6.10.4  Stabilization and Control System Performance

Performance of the stabilization and control system, consisting of
the control electronics section, was nominal throughout the mission. The
system gains and thresholds derivable from telemetry have been compared
with preflight values. All values were corréclt within the caleulation
accuracy allowed by the telemetered data. Different time lags were
noted for variocus pulse ratio modulator channels when twe or more con-
trol engines were commanded on or off simuitaneocusly. The lags were con-
sistent throughout and were expected.
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TABLE 6.10-I.- STATE VECTOR COMPARISON AT 00:10:00.86

IN LM-1 INERTIAL COORDINATE SYSTEM

Position Spacecraft guidance beigzzgéigzzzuﬁizgezziiy
P ft 15 29h 214 15 260 716
Py, It 14 185 672 14 248 ho2
P,, Tt L 9L8 702 L 887 572
Velocity
Vo, fi/sec -15 249.6 -15 370.1
V. ft/sec 10 122.6 10 367.6
Voo ft/sec 18 015.3 17 7744
Viotal® ft/sec 25 682.0 25 683.8




TABLE 6.10-IT.- PERFORMANCE CHARACTERISTICS DURING MISSION PROCRAMMER SEQUENCE TIT

Moment unbalance

Gimbal drive actuator

Accumulated
Time , velocity .
hrimin:sec Event change, Pitch, Roll, | Direction P%t?h Direetion R?l}
£t /sac £t-1b £t-1b | of motion Posilon’ of motion Posizlm’

06:06:12 {Select backup control path 0.0 - - N/A - N/a -
06:10:07 +X translation on 0.0 N/A 0.103K N/A 0.71SR

+128 -108
06:10:18 |+X translation off 2.9 N/A 0.103R W/A 0.719R
06:10:22 +X translation on 2.9 N/A 0.103R N/A 0.719R

+128 -108
06:10:27 |+X translation off L4 Extend 0.0LOR lione 0.719R
06:10:33 |+X translation on hob Extend 0.CUOR Extend 0.710R

+128 -108
06:10:42 |Command 10 percent throttle -

+115% -86 Extend 0.198E Rone 0.672R
06:10:46 |+X translation off 12.0

+48 +32 | Retract 0.308E None 0.672R
06:11:08 |Command full throttle 38.0

-410 +250 Retract 0.055E Retract 0.672R
06:11:15 |Descent engine off 108.4 - 0.2T7R - 0.909R
06:11:38 [+X translation on 108.4

+1L5 ~110 Extend 0.,27TR Extend 0.909R
06:11:47 |Command 10 percent throttle -

+138 -109 | Extend 0.055R Extend 0.862Rr
06:11:51 {+X translation off 111.4h

-31 -10 Retract 0.087E None 0.81L4R
06:12:13 |Command full throttle 14k, 0

-3h0 -10 | Retract 0.008E Retract 0.813R
06:12:14 |Descent engine off 160.0

- - - 0.150R - 0.8LER
06:12:15 !Ascent engine on 168.0

-50 -203 | n/a - N/A -
06:13:14 [Ascent engine off 855.0 - - - -

= retract

extend

6-0T"*9
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TABLE 6.10-I11.- PRELIMINARY INERTIAL MEASUREMENT UNIT

ERROR SOURCES

Frror source

Magnitude

Specification

Comment

X bias, cm/sec2 -0.0k46 0.20 Derived from inflight
5 bias measurement
Y bias, cm/sec -0.137 .20
2
Z bias, cm/sec -0.301 0.20
YXMSL, arc sec 10 20 Measured values from
factory test
YZMSI,, arc sec -l 20
ZYMSL, arc sec -20 20
X ADOA, mERU/g +2.3 N/A Mean of preflight
calibrations
¥ ADOA, mERU/g +1.2 K/A
7 ADOA, mERU/g +2.3 N/A
¥ ADIA, mERU/g 36.7 8 Approximately 30 mBERU/g

prelaunch offset

__ MSL - accelerometer

second

misalignment of the first axls toward the

ADOA - drift due to acceleraticn along the output axis
ADTA - drift due to acceleration along the input axis




TABLE 6.10-IV.- INFLIGHT BIAS COMPUTATION

6.10-11

X bias,|Y bias,|Z bias,| Total
) o) ot time,
cm/sec” | em/sec” | em/sec sec
Carnarvon, passes 1, 2, and 3 0.095% | 0.358 | 0.019 |10 994
(two revolutions)
Rose Knot Vieteor, passes 1 and 2 0.093 |-0.357 0.019 5 935
(one revolution)
Merritt Island, passes 1/2 and 2/3 0.095 | -0.356 0.019 5 g9k
(one revolution)
Mean 0.094 |-0.357 | 0.019
Compensation 0.140 |-0.220 | 0.120
Preflight mean 0.151 |-0.258 0.120
Bias error -0.046 |-0.137 |~0.101
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TABLE 6.10-¥.~ LM-1 MAJOR MODE TIMELINE

Major mode

Program description

Program initiation time,

hr:min:sec¥®

Prelaunch gyrocompassing
Terminate gyrocompassing

Pre launch escape tower jettison boost monitor
Post launch escape tower jettison boost monitor
Coast with S-IVB attached
Guidance computer idling
S-IVB/LM separaticn

Guidance computer idiing
Cold-sosk attitude maneuver
Guidance computer idling
Ground command update

Guidance computer idling
Ground command upcate

Guidance computer idling

Pre descent engine first firing
Descent engine first firing
Guidance computer ialing
Ground command update

Guidance computer idling
Ground conmand update

Guidance computer idling
Ground ccmmand update

Guidance computer idling
Ground command update

Guidance computer idling

-00:02:09.1

-00:00:00.1

00:00:00.9

00.02:38.9

00:09:56.9

00:21:5k4.9

00:49:52.6

00:54:00.9

00:54:16.7

00:56: 46,7

Wo data
01:35:36.9

01:37:35.9

01:38:19.9

01:55:03.7

03:58:3L.9

03:59:46.9

05:34:07.9

05:35:01.9

06:25:03.9

06:25:59.9

07:11:30.9

07:12:24.9

oT:
07:

13:23.9

1k:06.9

#program initiation times are not corrected for word position in the 2-second downlist.
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6.11 REACTION CONTROL SYSTEM

The reaction control system performance and operation were nominal
until control of the spacecraft was switched to the guidance and control
system after abort staging. At that time, the vehicle mass in the dig-
ital autopilot was configured for control of a two-stage, fully loaded
vehicle, and the system was commanded to deliver propelilant at a rate
approximately 10 000 times greater than expected. This operational anom-
aly caused the reaction control system to operate in severe off-limit
conditions, and resulted in failures in the system. Within 3.1 minutes,
the A system propellant had been depleted to 27 percent, and that system
was isolated to conserve propellant. The B system continued at a rapid
duty cycle until propellant depletion 5 minutes later, at which time
helium started leaking through the collapsed B system fuel bladder. Sat-
isfactory vehicle rates were restored by the B system thrust reduction
resulting from propellant depletion and by isolation of the 4 system
propellant tanks, thereby compensating for the digital autopilot vehicle
mass-constant error. While the B system was operating with two-phase
oxidizer and helium-ingested fuel, engine b-up failed. Just after the
A system was reactivated, the main A oxidizer valve inadvertently closed.
The ascent propellant interconnect valves were later opened, returning
operation of the control engines to normal until the interconnect valves
were clogsed. The depletion of all propellants during the last minutes
of the second ascent engine firing allowed the spacecraft to tumble.

6.11.1 System Pressures and Temperatures

The helium pressurization system operated satisfactorily throughout
the mission.

At 108 hours before launch, the two helium tanks were serviced with
1.05 pounds of helium, providing the preactivation conditions of
3099 psia at T4° F in tank A and 3168 psia at 73.2° F in tank B. A re-
versed differential pressure of 38 psi was applied across the check
valves to increase the valve seating force and thereby prevent the flow
of propellant wvapors into the regulator where they could form corrosive
residues. There was no evidence of external helium leakage.

Prior to launch, the propellant tanks were pressurized to 50 psia
with helium, and the manifolds downstream of the main valves were evacu-
ated. This manifold vacuum was maintained until system activation, with
no -evidence of leakage through the engines or main valves.

The activation sequence is shown in figure 6.11-1. The main valves
were opened before the helium isolation valves to decrease activation
dynamic pressures. After the helium isolation valves were opened, the
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manifold pressures increased to a nominal 180 psia with no indication of
pressure overshoots. Throughout the mission, the helium regulator main-
tained the regulator outlet pressure within specification limits of

183 + 3 psia, even under abnormally high propellant usage rates.

The steady-state manifold pressures remained within specification
limits pricr to propellant depletion. The dynamic manifcold pressure
fluctuations for a single control engine firing were +30 psi and were as
high as 170 psi above regulator pressure during the high duty cycling of
the control engines. These pressure oscillations were consgistent with
those noted in the ground tests.

After the completion of the first ascent engine firing, attitude
control was switched to primary guidance, which resulted in a high rate
of reaction control propellant consumption {see section 6.10). The
A system main valves were closed to conserve propellant. The high engine-
firing rate caused the A system manifold pressures to rapidly decrease to
zero (fig. 6.11-2). The B system manifold pressures remained nominal for
310 seconds; at that time, the fuel was depleted, and 24 seconds later,
the oxidizer was depleted, as expected. The manifold pressure charac-
teristics at that time are presented in figure 6.11-3. As shown in the
figure, when the fuel pressure had decreased 50 psi, a helium leak
through the bladder slowly restored the fuel manifold pressure to a
nominal 180 psia. The decreased amplitude of the pressure fluctuations
was caused by helium in the fuel manifold. Further evidence of bladder
leakage is shown in figure 6.11-4. The helium pressure is shown to have
continuously decreased after fuel depletion. When the main B valves were
closed, the helium pressure remained essentially constant until the main
valves were agein opened, at which time helium pressure again decayed.
The B system oxidizer manifold pressure decreased to 50 psia rather than
to zero because the substantial decrease in engine activity at oxidizer
depletion allowed oxidizer to remain within the manifold. The vapor
pressure of the oxidizer at the temperature of the system heaters was
50 psia.

This manifeld pressure conditicon remained essentially unchanged
until the main A and B valves were reopened Jjust prior to the second
ascent engine firing. The small quantity of B system propellant trapped
in the manifold and the reduced manifold pressures had been sufficient
for control of the vehicle from B system propellant depletion until the
main A valves were opened. The reopening of the main A valves provided
an opportunity to evaluate an activation with 180 psia on the bladder and
zero manifold pressure. Resulting hydraulic transients are shown in
figure 6.11-5. No noticeable detrimental effect on the system was ob-
served.

Opening of the crossfeed valves about 2 minutes after the main A
valve was opened caused the B system fuel manifold pressure to increase
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to 180 psia (fig. 6.11-6). However, the A system oxidizer manifold pres-
sure decreased to 80 psia, and the B system oxidizer pressure increased
to the same value. This resulted from the main A oxidizer valve inad-
vertently becoming unlatched and essentially closing at that time. Cur-
rent had been continuously applied to the valve for almost an hour,
supplying sufficient heat to vaporize the oxidizer in the valve. When
the valve was opened, oxidizer vapor was trapped above the upper magnet.
The vapor pressure forced the valve to unlatch when the downstream pres-
sure decreased after the crossfeed valves were opened. Oxidizer leakage
through the valve is indicated by the gradual oxidizer manifold pressure
rise to 115 psia from 80 psia. The oxidizer manifold pressure again de-
creased to about 50 psia as engine firings reduced the manifold pressure
to the oxidizer vapor pressure.

The interconnect valves were opened several minutes prior to the
second ascent engine firing, and both oxidizer and fuel pressures in-
creased to the 184-psia ascent engine propellant feed pressure. During
the second ascent engine firing, the pressures dropped to 170 and 177 psia
in the oxidizer and fuel manifolds, respectively. About 1 minute after
the second ascent engine firing was initiated, the mission programmer
automatically latched both main A valves 1in the closed position. About
3 minutes prior to ascent engine thrust decay, the mission programmer
automatically closed the interconnect and crossfeed valves, and reopened
the main A valves, as shown in figure 6£.11-7. The A system oxidizer was
depleted about 1.5 minutes after the A system interconnect valves were
closed because of the inadvertent closure of the main A oxidizer valve.
During this 1.5-minute interval, 64 pounds of oxidizer were cold-flowed
through the engines, which were commanded on almost continually.

During the period of nominal operating conditions, the propellant
tank temperatures varied between 61° and 67° F, but the cooling following
control system propellant depletion caused the temperatures to range be-
tween 52° and 67° F. Fuel and oxidizer inlet temperatures were 65° to
75° F, depending upon engine activity. These values were satisfactory.

6.11.2 Propellant Utilization

The quantities of propellant serviced for this mission is shown in
the following table:

Fuel (Aerozine 50) Oxidizer (nitrogen tetroxide)
Systen Quantity, | Time before Quantity, Time before
1b Yaunch, hr ‘ 1b launch, hr
102.0 ¢ 1.6 319 203.4 £ 2.5 249
B 102.8 + 1.6 306 203.4 = 2.5 243
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The propellant consumption was normal until spacecraft control was
switched from the backup to the primary control system at 06:14:05.2,
resulting in an extremely high propellant consumption rate (70 1lb/min).

The propellant expended by the control engines throughout the mis-
sion is shown in figure €.11-8. At separation, the quantity of propellant
expended by the A system, as calculated by the propellant quantity measur-
ing device, was about L4 percent higher than had been predicted. The
B system showed essentially the same usage as predicted. The propellant
usage was also calculated by a set of eguations permitting consideration
of additional variables not considered by the measuring device. The two
calculated quantities differed as a result of different inputs such as
tank volume, propellant loads, and instrumentation variances. Overshoots
in expended propellants were a result of temperature stabilization lag.

The B system fuel depletion occurred at 06:21:56, followed by oxi-
dizer depletion 24 seconds later. This indicates an average mixture
ratio of 1.94 compared with 1.99 usable, indicating good propellant uti-
lization. The expected average ratio was 1.98. The B system consumed
287 pounds of propellant (100 percent of that usable).

The A system fuel depletion occurred at 07:46:42, followed 8L seconds
later by the depletion of the remaining 64 pounds of oxidizer. Fuel de-
pletion preceded oxidizer depletion by such a comparatively long time be-
cause the main oxidizer valve closed without command at 07:12:2L4 and was
not reopened until O7:46:42. For this reason, no attempt was made to de-
termine A system mixture ratio for the flight. The A system consumed
273 pounds of propellant {95 percent of that nominally available).

At the time of A system propellant depletion, helium tank A pressure
had decreased by 1478 psi. Depletion of propellant in the B system cor-
responded to a helium tank pressure decrease of 1571 psi, both corrected
to 70° P. This difference of about 100 psi is egquivalent to approxi-
mately 15 to 20 pounds less propellant being consumed by the A system
and can be related to the U-percent initial bias. The bias was probably
caused by less propellant than expected having been loaded in the A system
and by accrued system volume tolerances. Because of the fuel bladder
leak, the B system helium tank pressure eventually dropped from the value
of 1360 psia (70° F) at provellant depletion to 1157 psia (70° F).

The performance of the propellant quantity measuring devices is
shown in figure 6.11-9. The convergence of the A and B system propellant
remaining at approximately & hours is due to greater usage by the B system
engines (see section 6.10}. The estimated steady-state accuracy of the
measuring devices was *5 percent.

o
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Specific gquantities of ascent fuel and oxidizer consumed by the re-
action control system during these periods are listed in table 6.11-I.
Reaction control system fuel used by the A system between the start of
the second ascent engine firing and the main A valve closure was
1.4 pounds. The amount consumed by the B system was 1.3 pounds.

6.11.3 Control Engine Performance

Control engine performance values were within expected limits for
the various existing operating conditions except for the b-up engine
failure.

The first control engine firings were normal, . as shown in fig-
ure 6.11-10. The small pressure oscillations noted at startup are attrib-
uted to small quantities of helium passing through the injector. En-
trained helium was expected to separate from the propellants during the
initial flash-off period as the propellants were exposed to the manifold
vacuum. The chamber pressure of all four engines was a nominal 97 psia.

When the manifold pressures were nominal, typical engine ignition
delays ranged between 8 and 11 milliseconds, measured from engine "on"
indication to the first rise in chamber pressure. The times from engine
"on" indication until the chamber pressure reached TO percent of nominal
ranged between 16 and 29 milliseconds, which is within the specification
requirement of 30 milliseconds. ©Shutdown specifications were also satis-

fied.

The effect of manifold line lengths on igniticn transients is shown
in figure 6.11-11. Engine 4-up was about three times closer to its pro-
pellant tanks than engine b-down. Manifold inlet pressures at the en-
gines located near the propellant tanks recovered from the pressure drop
at valve opening about 5 milliseconds sooner than engines on the opposite
side of the wvehicle, thereby decreasing the ignition transient buildup
time. The difference in rise time appreciably affected the total impulse
of minimum impulse firings.

Maximum chamber pressures during the 15-millisecond pulses usually
varied between 50 and 100 psia. Chamber pressures con longer pulses were
between 96 and 100 psia as expected.

During multiengine operation, the effects of manifceld pressure
dynamics were evident in chamber pressure. An engine firing at steady-
state level would frequently experience a momentary pressure drop as much
as 30 psi for several milliseconds when an engine in the same system was
commanded "on'; the manifold pressure surges associated with valve closure
produced the momentary chamber pressure increases. This was expected and

agreed with the results of ground tests,.
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The chamber pressure for B system engines decreased to about
80 psia when the fuel manifold pressure dropped to 130 psia at fuel
depletion. After helium began to leak through the bladder, the mani-
fold pressure rose to the nominal 180 psia; engine chamber pressure
also returned to normal. At oxidizer depletion some 24 seconds after
fuel depletion when the manifold pressures dropped to 50 psia, engine
chamber pressures dropped to azbout L0 psia (see fig. 6.11-12). Perform-
ance was quite varied from this time until the ascent propellant inter-
connect valves were opened. Shortly after the oxidizer was depleted and
before the helium leakage in the fuel manifold was purged through the
engines, the engine chamber pressures were about L0 psia. The combustion
instability (*10 psi) of 300 Hz (characteristic of two-phase flow) also
occurred at this time (fig. 6.11-12). Two-phase flow could be expected
because the oxidizer manifold pressure was equivalent to the vapor pres-
sure of the oxidizer. Later, as helium from the fuel manifcld passed
through the engine, chamber pressure showed a sharp drop to about 10 psia
until the bubble was purged; the chamber pressure then returned to Lo psia.
Several minutes later, the chamber pressure of those engines which were
frequently fired was only about 10 psia, with occasional increases to
40 psia. The 10-psia value was indicative of oxidizer cold-flow; 40 psia
indicated combustion.

Continued operation of the B system at these manifold pressures is
believed to have precipitated the failure of up-firing engine b sometime
during the 15-minute period between the Ascension and the Coastal Sentry
Quebec stations during revolution 5. Engine h-up produced no detectable
chamber pressure during the Coastal Sentry Quebec pass nor during the
remainder of the mission. Ground tests have shown that similar cperation
enhances formation of explosive compounds which accumulate within the
combustion chamber, even in the vacuum environment. Detonation of these
residues have ruptured combustion chambers. Detonation characteristics
with the 3-down engine were noted during this time, indicating compound
formation (fig. 6.11-13).

After the main A valves were recpened, the A system was commanded
to fire cnly about 8 pulses of 15 milliseconds duration until the cross-
feed valves were opened. The first two pulses usually exhibited less
than nominal chamber pressure, but by the third pulse, all A system
engines were indicating nominal chamber pressure. After the crossfeed
valves opened, B system engines required about 10 pulses before chamber
pressures above 10 psia were produced. This delay occurred while the
helium was being purged from the manifold. The chamber pressures of
engines in both systems were equal, but because the oxidizer pressure
remained between 50 and 115 psia until the ascent propellant interconnect
valves were opened, engine performance varied between 30 and TO percent
of nominal. When the interconnect valves were opened and manifold pres-
sures had returned to normal, engine thrust (except for L-up) returned
to normal. Because of a mass error in the guidance computer, the engines
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again were commanded to fire a very heavy duty cyecle until wvehicle control
was switched from primary guidance to the backup control path. The char-
acteristic instability indicative of gas ingestion occurred twice during
this period but existed for only about 100 milliseconds. Wnen the second
ascent engine Tiring began, the reaction control system fuel and coxidizer
manifold pressures dropped approximately 6 and 12 psi, respectively. ZEn-
gine chamber pressures were nominal during the interconnect operation
with the ascent engine firing. At this time, the effect of the slightly
lower inlet pressures should have decreased the chamber pressure by about
2 percent; however, the resolution of the ddta was not adequate to provide
confirmation.

Cluster temperatures.- The temperature variations of the four clus-
ters are presented in figure 6.11-1L. The engine heaters maintained the
cluster temperatures above the minimum of 120° F throughout the cold-soak
periods. There was no evidence that a heater which had failed before
launch on engine 2-down resulted in any serious degradation of the thermal
control of cluster 2. Temperatures on clusters 1 and 3 exceeded the
190° F upper red-line limit because of the heating rate associated with
the high firing rate experienced after the first ascent engine firing, as
well as during the second ascent engine firing. The high control engine
activity just prior to the second ascent engine firing was partially the
cause of the high cluster temperatures. However, the maximum preflight
predicted cluster temperature for the second ascent engine firing was
188° F, which is probably low, since the contractor's preflight analyses
predicted lower cluster temperatures for the LM/S-IVB separation maneuver
than actually occurred. In addition, since the cluster temperature sen-
sors were installed near the down-firing engines, the measurements were
more sensitive to the activity of these engines than to the total activity
of all the engines on the cluster. The predictions, however, had shown a
lesser dependence on the activity of the down-firing engines. Therefore,
there is a high probability that the 190° F upper red-line cluster tem—
perature limit will be exceeded on future flights. This situation re-
quires re-evaluation of both the upper red-line temperature limit and the
cluster temperature mathematical model.

Figure 6.11-1k shows four areas of heal soakback caused by engine
activity. Because of the lack of data after separation and after the
first descent engine firing, the actual peak temperature was nol known
but was estimated to have been 180° F, as compared with a prediection of
160° F.

Normal temperature rises were experienced during the mission pro-
grammer sequence III until contreol was switched from the backup control
path to primary guidance at 06:14:05, which resulted in the abnormally
high duty cycles. The subsequent temperature increases on clusters 1
and 3 occurred when the heat from the high engine usage rate was con-
ducted to the clusters, causing the temperatures of clusters 1 and 3 to
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exceed the upper instrumentation limit of 200° F. Clusters 2 and 4 were
cooler because the down-firing engines in these clusters were A system
engines, which were isolated at 06:17:12 when the main valves were closed,
allowing the injectors to be cooled somewhat from subseguent valve actu-
ations as the residual propellants in the lines were vented. Cluster 1
temperature, the highest of the four, probably reached at least 230° F.
However, no degradation in engine performance was evident.

Follcowing a normal cooldown, the temperatures again increased from
the control activity associated with the firing activity at the time of
the second ascent engine firing. Cluster 1 temperalture again exceeded
the 200° F upper instrumentation limit. Cluster 3 temperature reached
191° P, exceeding the upper red-line temperature limit. However, clus-
ter U temperature never exceeded 145° T, even though the L-down engine
injector temperature exceeded 200° F. This is the only time during the
mission when the cluster temperature did not follow the down-firing en-
gine injector temperature. This low temperature was the result of pro-
pellant cold-flow through the failed 4-up engine. The cooldown of
clusters 2, 3, and 4 were notably more accelerated than had been experi-
enced earlier. This was a consequence of the expulsion of the 64 pounds
of oxidizer from the A system engines because of the inadvertent closure
of the main A oxidizer valve when the crossfeed valves were opened.

Injector temperatures.- A summary of the instrumented injector head
temperatures during the flight is presented in table £.11-II. The re-
corded injector head temperatures ranged from a minimum of 8L° ¥ for en-
gine 2-down to a maximum of 322° F for engine 1-down. Both the minimum
and maximum recorded temperatures occurred on engines which, at the time,
had no propellant available to them. The minimum injector temperature
of 84° F occurred on engine 2-down after the main A valves had been
closed during the period of high control engine firing activity and the
residual A system propellants had been vented through the engines. The
lowest injector temperature measured during the pericds when the engines
were supplied with propellants was 132° F on engine 3-up (06:11:22) dur-
ing pulsing operation between the second and third descent engine firings.
Therefore, the engine heaters, under normal operating conditions, main-
tained the instrumented engine injectors above 130° F throughout the
mission.

The maximum injector temperature of 322° F was recorded on engine
1-down after A system propellant was expended during the high activity
following abort staging, and again after the interconnect valves had
been closed near the end of the second ascent engine firing. In both
cases, the maximum temperature was achleved through heat soakback from
the hot combustion chamber after severe engine firing. The engine throat
will normally attain a temperature of approximately 2200° F during con-
tinuous operation. If the engine had been restarted following these
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high activity pericds, the injector temperature would have rapidly drop-
ped below 300° F because of the regenerative cooling effect of the pro-
pellant within the injector.

Typical temperature histories of the instrumented conircl engine
injector heads during LM/S-IVB stage separation, the second and third
descent engine firings, and the first and second ascent engine firings
are presented in figures 6.11-15 through 6.11-18.

Figure 6.11-15 shows the typical thermal response of the instrumented
1-down and 1-forward injectors and cluster 1 for the separation maneuver.
Also inecluded in the figures are the predicted responses for the cluster
and the down-firing engine injector. These curves are typical for a
maneuver of this type (hence, the first descent engine firing), for which
the primary engine activity is the +X translation using the down-firing
engines. The cluster temperature was much more responsive to the increas-
ing down—-firing engine injector temperature than the predicted curves
show, despite the close agreement between the actual and predicted in-
jector temperature curves.

Figures 6.11-16 and 6.11-17 show the temperature histories of
clusters 1 and 2 and their instrumented injector heads from the second
descent engine firing through the first ascent engine firing. The tem-
perature histories of clusters 3 and 4 were similar to those of clus-
ters 1 and 2, respectively, in that similar thermal characteristics
existed but with somewhat smaller temperature excursions. The similarity
existed because clusters 1 and 3 have vertical down-firing engines on the
B system, while clusters 2 and % have vertical down-firing engines on the
A system. The difference between clusters 1 and 2 is a consequence of
the deactivation of the A system (06:17:11) during the period of high
activity. Prior to this time, all clusters were operated in a similar
manner.. The minimum and maximum injector head temperatures were re-
corded during this phase of the mission.

Figure 6.11-18 shows thermal responses of cluster 1 and its instru-
mented injector heads during the second ascent engine firing. Cluster 1
was the only cluster which responded thermally in a normal manner during
this mission phase. The A system engines of c¢lusters 2 and 3 were ex-
tensively cooled by the residual oxidizer coldflow after the intercon-
nects were closed. Approximately 64 pounds of residual oxidizer remained
in the A system because of the inadvertent clcsure of the main A oxidizer
valve when the crossfeed valve was opened. Cluster 4 temperatures were
also reduced as a consequence of propellant cold-flow through engine b-up.
Figure 6.11-19 shows the temperature differences between clusters 3 and 4.
Both clusters received comparable engine firing duty cycles (calculated
over lO-second intervals for fig. 6.11-19) and hence should have experi-
enced comparable temperature rises until the interconnect valves were
closed. The fact that cluster 4 was substantially ccoler indicates that
engine 4-up was coldflowing propellant.



TABLE 6.11-T.~ ASCENT PROPELLANT USED BY THE REACTION CONTROL ENGINES

. Oxidizer, 1b Fuel, 1b Propellant, 1b
Tine, * Total,
fvent hr:min:sec 1b
) ) A B A B A B
A interconnect valves opened OT7:40:59
}65.5 66.3 1 32 32 $8.0 95.2 | 197.2
Second ascent engine start 07 :4k:13
} 2.8 2.6 - - 2.8 2.6 5.4
Main A valves closed 07:45:33
} 7.8 8.0 3. b, 11.6 12.0 23.6
Crossfeed and A interconnect 07:46:43
valves .closed, main A valves
opened } - 2.8 - 1. - L.,2 L2
B interconnect valves closed 07:46:53
Total T6.1 | T9.7 1 36. 38. 112.4 | 118.0 | 230.L

0T-TT'9



TABLE 6.11-TT.- REACTION CONTROL ENGINE INJECTOR TEMPERATURES

Time, Engine injector head temperature, °F
Phase hr:min:sec
1-down 1-forward 2-down 2-up 3-up hY-down L4-forward
From To Min.| Max.| Min.| Max. | Min.| Max.{ Min.| Max.| Min.| Max.| Min.| Max. Min.| Max.
Separation and cold-soak | (00:52:00§01:46:00| 147 | 225 |1k |[1T71 138|225 (138 |162 142 1171 | 147 [225 | 138 | 156
First descent engine 03:5k:22| 0h:28:h2| 1h2 | 225 {1ko | 161 1h2 215 |1b2 |171 1h2 [165 | 134 205 | 134 | 161
firing
Second and third descent . [06:10:00{06:25:5281L2 | 322 138 | 200 137 | 220 | 137 | 306 132 1176 | 1h2 | 218 | 138 | =220
engine firings and first a s a
ascent engine firing 8y 130 93
Second ascent engine 07:38:hp|07:52:02[ 134 { 322 [1k2 | 195 1h2 | 205 | 142 | 2Lk9 1h2 [ 239 | 134 [=217 | 134 | 156
firing
125 ©130 “103

a'I‘empe:r'a.‘t',lu‘es achieved after venting A system propellants through engines.

bTemperatures achieved after cold-flowing A system residual oxidizer through engines.

cThis temperature achieved from heat transfer to engine L-up, through which propellant coldflowed throughout the second

ascent engine firing, and from venting B system propellants.

TT-TT'9
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6.12 DESCENT PROPULSION

The first planned descent engine firing was shut down after 4.17 sec-
onds by the guidance computer. Alternate mission C, which included two
descent engine burns, was then implemented. E¥ach of these firings be-
gan with 26 seconds at 10-percent throttle, followed by 7 seconds atb
full throttle during the first firing and 2 seconds at full throttle dur-
ing the second firing. The original mission plan required aspproximately
782 seconds of engine firing time, which included various throttling
activities, and 374 seconds at full throttle. The descent propulsion
system appeared to operate satisfactorily to the extent exercised; how-
ever, the firing times were not of sufficient duration tc permit an
accurate determination of the performance of the descent engine or super-
critical helium pressurization system.

6.12.1 Start Characteristics

Figure 6.12-1 shows the variations in chamber pressure for the three
descent engine starts. A nominal start curve, obtained from tests under
normal regulated pressures of 242 psia, is also shown for comparison.

The regulated tank pressures for the second and third firings were sbout
242 psia and show close agreement with the nominal curve. The quicker
start noted for the third firing may have resulted from the fuel injector
manifold still being partially primed because of the short 32-second
coast period. At the start of the first firing, oxidizer and fuel tank
pressures were essentially as planned, approximately 127 and 132 psia,
respectively. About 1.3 seconds after the "engine on'" command, the he-
lium pressurizetion isolation valves were opened and the tank pressures
started to increase. This pressurization activation delay was designed
into the system to prevent fuel freezing in the heat exchanger. The
pressures were still increasing at the time the computer issued an "en-
gine off" command. The engine was shut down because the impulse re-
quired by the computer was not obtained; the computer required 1L4O lb-sec
impulse over a 2-second interval, The engine had obtained a total of
only 1075 lb-sec at the time of cutoff. From the figure, it is evident
that nearly all the 1075 lb-sec impulse was accumulated in the last
2-gecond interval. The engine-delivered impulse before shutdown was as
expected for the existing start conditions.

Figure 6.12-1 shows the results of a special test conducted at the
White Sands Test Facility after the mission. This test utilized similar
initial conditions except that tank pressurization was initiated
0.9 second after the "engine on" command. The resulting initial thrust
level, corresponding to the 10-percent throttle setting, was somewhat
lower. This initial thrust level varies from engine to engine.
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6.12.2 Transient Characteristics

The transient characteristics for the second and third firings, along
with the corresponding ground test and specification values, are shown
in table 6.12-I. Because the steady-state thrust was not achieved during
the first firing, the shutdown impulse was not computed. For the second
firing, the shutdown impulse at cutoff was 1727 lb-sec from "engine off"
initiate to 10-percent thrust. The time to 10-percent thrust from "en-
gine off" was 0.20 second as compared with the specification value of
0.25 second. All cther data show the engine transient characteristics
to be satisfactory. The oscillations of chamber pressure were essentially
nonexistent during 1lO0-percent throttle operation, and only insignificant
oscillations were present during full throttle operation (fig. 6.12-2).

6.12.3 Engine Throttle Response

During the second and third firings, mission programmer sequence IIT
commanded the descent engine from the 10-percent throttle to full throttle
at a constant rate. Throttle response of the engine was within the
1.0-second allowable time. Figure 6.12-2 shows chamber pressure and in-
Jector actuator position during the tranmsition to full throttle for the
second firing. The engine reached the full thrust level .40 second after
the command was initiated for the second firing and 0.46 second for the
third firing. The chamber pressure was within 5 psia of the full chamber
pressure in 0.34 second after the command for the second firing and in
0.4 second for the third firing as compared with acceptance test time of
0.35 second.

The plateau experienced at approximately TO-percent thrust is assumed
to be associated with the engine changing from a cavitating to a non-
cavitating propellant flow and is characteristic of this engine. This
plateau of approximately 70 milliseconds, however, exceeds the 10 milli-
seconds normally experienced in acceptance testing. There was also a
simultaneous pressure increase in the oxidizer and fuel engine interface
pressures. The surge in the interface pressures at the time of the
plateau had not been noted during ground tests; however, the ground data
will be further reduced to determine whether these surges were present.
The cause of the plateau phenomenon will be investigated by additional
ground testing.

6.12.4 Steady-State Characteristics

The chamber pressure characteristics during the second firing are
shown in figure 6.12-3. Characteristics during the third firing were
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within the engine feed system.
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The following table presents some of the parameters

Helium regu-

Frngine oxidi-

Engine fuel

Thrust

throttle

Frud 1
throttle

Event lator outlet | zer interface. interface chamber pres-
pressure, psia|pressure, psia|pressure, psia sure, psia
Corrected Flight Data for Second Firing
Before 2k1.9 241.9 2h1.9 0
ignition
Ten-percent 239.5 239.5 239.5 12.6
throttle
Full 239.5 220.5 216.0 102.8
throttle
Corrected Flight Data for Third Firing
Before 2h1.9 2L1.9 2h1.9 0
ignition
Ten-percent 239.5 239.5 239.5 12.6

No analysis of the flight data was made to determine the steady-state

performance parameters because the short duration engine firings pro-
vided insufficient duration of acceleration data at full throttle and

low propellant usage.

The steady-~state pressure parameters at 10-percent

throttle and at full throttle were comparable to ground test results.

6.12.5 Shutoff Valve Phasing

The configuration of the propellant shutoff valves is shown in fig-
During the second and third firings, while throttling from
10-percent to full thrust, an out-of-phase indication was recelved from
one of the two pairs of actuatcrs which control the eight propellant

ure 6.12-h,

shutoff wvalves.

firings.

The indication remained until the end of each of these
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Each of the four shutoeff wvalve actuators (A, B, C, and D) controlled
one fuel and one oxidizer shutoff valve. The actuators were instrumented
in two pairs, so that an indication was received if actuators A and B or
C and D were not in the same position (open or closed). During the sec-
ond and third firings, the received signal indicated that either A or B
actuator was not fully open. This indication slightly lagged the thrust
platean and the momentary Iincrease in the oxidizer and fuel interface
pressure as noted under section 6.12.3. The occurrence was nearly iden-
tical on the second and third firings. At present, no conclusicns can
be drawn as to whether there is any connection between the pressure
transients and the valve out-of-phase indication. Further evaluation
and special ground tests will be conducted in an attempt to resclve the
problem.

6.12.6 Propellant Quantity Gaging

The flight data show that the quantity gaging system was not indi-
cating correctly for the number 2 fuel and oxidizer tanks; however, this
condition was known prior to flight. A failure investigation has attrib-
uted the effect to a faulty transistor within the gaging system. The
descent engine firing time was not sufficient to permit a full assessment
of system accuracy.

6.12.7 Supercritical Helium Pressurization

Because of the short duration of the engine firings and the lack of
long-duration full-throttle data, it is not possible to evaluate the per-
formance of the supercritical helium pressurization system. Figure 6.12-5
presents the flight data for the first descent engine firing and also datsa
from a simulation performed at White Bands Test Facility.

As shown in the figure, the supercritical helium tank pressure decay
resulted from the higher than normal helium flow rate required to pres-
surize the ullage in the tanks to the normal operating level. The in-
creased decay 1ndicated by the White Sands simulation data was the re-
sult of a larger ullage volume than was present during flight, and this
caused a greater pressure drop. The White Sands simulation was also not
shut down at U4 seconds but continued at 10-percent throttle level.

Figures 6.12-6 and 6.12-7 show flight data and predicted pressures
from a computer program simulation for the second and third firings,
respectively. The figures indicate that the measured tank pressure was
less than had been predicted by the ground simulation computer program.
The computer simulation accuracy is not known for short firings because
empirically derived coefficients from ground test data were used in the
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formulations. As a result, it is not possible to determine whether the
apparent low pressure obtained during the flight was actually below
normal. Figure 6.12-8 shows the flight data during the coast period be-
tween the first and second firings. The figure indicates that the steady-
state pressure rise was as predicted (approximately 10 psia per hour).

Table 6.12-II shows the performance of the helium/helium and helium/
fuel heat exchangers. Although the pressure profiles do not exactly
follow the predictions (figs. 6.12-5 through 6.12-8), the maximum and
minimum temperatures recorded at variocus stations were well within speci-
fication limits.



TABLE 6.12-T.~ DESCENT ENGINE TRANSIENT CHARACTERISTICS

Start - "engine on" to Shutdown - "engine off" to
S0-percent thrust 10-percent thrust
Impulse, Time, Tmpulse, Time,
lb-sec sec lb-sec sec
Second firing 8ok 2.66 1727 0.26
Third firing 5Th 2,13 1820 0.25
Engine 1026 acceptance tests - 2.60 - -
at sea level, 10-percent - 2.h2 - -
throttle start
Engine 1026 acceptance tests 982 1.31 - -
at above 100K feet, 15-percent 1041 1.36 -
throttle start
. Specification limits - L.o ~ 0.25

9-¢T°9



TABLE 6.12-II.- SUPERCRITICAL HELIUM HEAT EXCHANGER PERFORMANCE

Specificaticn First Seccnd Lhird
Measurement . s ..
value firing firing firing
Temperature, helium/helium heat exchanger >260 873 8303 &3k
outlet, °R
Tempersture, helium/fuel heat exchanger >400 2468 &L73 &475
outlet, °R
Temperature, engine interface, fuel, °F (1) 71.4 62.0 63.7
Temperature, fuel tank no. 1, fuel bulk, °F (b) 70.5 70.5 T70.5
Temperature, fuel tank no. 2, fuel bulk, °F (p) 70.5 72.0 72.0

"Minimum observed value during time period.

bSpecification constrains difference between fuel tank temperature and fuel engine inter-

face temperature to be no less than 5° F.

L=2T'9
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6.13 ASCENT PROPULSION

The alternate mission plan selected resulted in two ascent engine
firings. The first firing was initiated at 06:12:1L.7, and the engine
was commanded "off" 60 seconds later.

Propellant interconnect vaives A and B were opened at 07:40:59 and
07:42:17, respectively. A 17-second +X translation with the control en-
gines was initiated at 07:L4:00.3, and the ascent engine was commanded
"on'" at 0T:4L:12.7 for a final firing to propellant depletion. Inter—
connect valves A and B were closed at 07:46:L43 and 07:46:53, respectively.
Thrust decay occurred at 07:50:01, spproximately 40 seconds earlier than
predicted.

6.13.1 Propellant Loading

The propellant tanks were serviced with 3170 pounds of oxidizer and
1993 pounds of fuel leaving an ullage volume of 0.5 £t° per tank at 90° F,
The propellant sample aralysis showed the oxidizer density to be 90.22 1b/
£t3 at 67.7° F and ambient pressure and the fuel density to be 56.40 1b/
ft3 at T1.L4° F and anbient pressure.

6.13.2 Steady-State Performance

The performance of the ascent engine has not yet been verified to
have been within the expected accuracy,; however, the engine pressure
measurements and the vehicle velocities obtained indicate that the ascent
engine performance was within the nominal predicted tolerances. Chamber
pressure during the two firings is shown in figure 6.13-1.

The oxidizer and fuel preopellant tank low-level sensors were un—
covered at 07:49:59.7 and 07:50:00.7, respectively, during the second
firing. Under nominal operating conditions, the low-level sensors are
uncovered when approximately 10 seconds of usable propellant remain in
the tanks; however, thrust decay began at 07:50:01.5. The timing of
these events indicates that propellant slosh resulting from high vehicle
attitude rates caused the propellant tank outlet ports to be uncovered.
An oxidizer-depletion shutdown had been expected. However, when the
propellant in the feed lines {(sufficient for approximately 1 second of
nominal operation) was depleted, as indicated by the engine interface
pressures, helium was ingested into the oxidizer and fuel lines almost
simuitaneously, causing thrust decay.

The total ascent engine firing time for the mission was sbout LU0 sec-
onds less than predicted. At least 20 seconds of this time descrepancy
can be attributed to higher-than-expected propellant usage by the control
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engines through the propellant interconnect valves. As indicated by the
"on" time between low-level sensor uncoverings and thrust decay, an addi-
tional 10 seconds of normally usable propellant was in the tanks at
thrust decay dbut was unavailable due to the sloshing and high vehicle
rates. The 10-second propellant discrepancy could be easily attributed
to sny combination of the following: (1) greater propellant residuals
due to high vehicle attitude rates, (2) higher than estimated control
engine usage of ascent engine propellants, and (3) ascent engine perfor-
mance lower than predicted, but within the predicted nominal tolerance.
The lack of acceleration data after gimbal lock may prevent accurate
determination of the engine performance parameters.

N

6.13.3 Chamber Pressure Oscilliations

An analysis of the start and shutdown transients was performed to
determine the transient total impulses and response times. The results
of this analysis are summarized in table 6.13-I. Engine acceptance test
data and specification requirements, as well as the average of the IM-1
type ascent engines, were used to provide a better interpretation of the
flight data.

There were several significant differences in conditions prior to
the two engine starts. The first firing was an abort staging start with
the propellant tanks in the prelaunch pressurized conditions of 104 psia
in the oxidizer tank and 128 psia in the fuel tank., In the abort start
mode, the pressurization system squib valves are initiated approximately
1.4 seconds before the "engine on" command. Due to the low initial tank
pressures, this delay was insufficient to allow propellant tank pressures
to reach normal operating pressure. At the time of the first "engine on'
cormand, the propellant tank pressures were approximately 169 psia in-
stead of the nominal 184 to 203 psia. In comparison, the propellant tank
pressures were approximately 185 psia prior to the second engine firing.

Another difference in the two starts was that the fuel line between
the two parallel engine actuator isolation solenoid valves and the four
engine actuator solencid pilot valves was dry prior to the first start. )
The time required to f£ill this line causes the first start to be slower
than subsequent engine starts.

The data presented in table 6.13-1 provide a compariscn of the en-
gine start transients. The time from the "engine cn" command until the
engine reached 90 percent of rated thrust was 0.47 (+0.01) second on the
first start and 0.27 (20.01) second on the second start. The slower en-
gine start transient on the first firing may be attributed, at least in
part, to the lower tank pressures and the dry fuel actuation line.
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The start transient and the beginning of steady-state operation
showed high amplitude chamber pressure oscillations on both the first
and second engine starts (fig. 6.13-2). The 400-Hz oscillations which
occurred immediately after the start transient overshoot were character—
istic of this engine during ground testing and were expected on this
flight. The oscillations appear to be a form of low-frequency instability
caused by the coupling of the combustion process with the resonant fre-
guency of the engine feed system. Ground tests have indicated that
helium gas dissolved or entrained in the fuel tends to induce coupled

instability.

The magnitude of the measured 400-Hz chamber pressure oscillations
immediately following "engine on" was 90 to 100 psia peak-to-peak, and
the oscillations were approximately the same magnitude during both
firings. Ground tests with both flight and ground instrumentation have
indicated that the flight instrumentation may possibly amplify the mag-
nitude of the indicated chamber pressure oscillation by a factor of
approximately 2. The oscillations on the second firing lasted approxi-
mately 190 milliseconds. The full duration of the oscillation on the
first firing is not known because telemetry was lost 150 milliseconds
after the oscillation started. At that time, there was no indication
that the oscillation was damping; however, when telemetry was reacquired
310 milliseecnds later, the oscillation had been damped. The chamber
pressure overshoot on.the second start was approximately 20 psi higher
than that on the first start, as can be seen from figure 6.13-1. The
peak of the chamber pressure os¢illation was greater than the peak
overshoot during the first start and was approximately equal to the peak
overshoot on the second start.

During the entire steady-state operation of both firings,.400-Hz
chamber pressure oscillations occurred intermittently, as shown in fig-
ure 6.13-2. The chamber pressure oscillation, after the initial oscil-
lation, ranged between 2 and 10 psia peak-to-peak. The oscillations
appeared slightly more severe on the second firing, with the LO0-Hz
oscillations increasing to 25 psia peak-to-peak for approximately
200 milliseconds at 19 and 23 seconds intc the firing, as shown in fig-
ure 6.13-2., During the remainder of the steady-state operatiocn, for
which data are available, the oscillations generally did not exceed
10 psia peak-to-peak until shortly before the thrust decsy.

Approximately 15 seconds before thrust decay, the 400-Hz oscillations
increased to 60 psia peak-to-peak in both chamber pressure and fuel in-
Jector manifold pressure, as shown in figure 6.13-2. The first period
of sustained high magnitude oscillation lasted for approximately 4 seec-
onds, at which time the magnitude decreased to 10 psia peak-to-pesk,
which had been observed all through the firing. Between 6.5 and 5.5 sec-
onds before thrust decay, the oscillation again increased to 60 psia
peak-to-peak, and then damped again until 4.5 seconds before thrust decay.
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The high magnitude 400-Hz oscillations resumed approximately 4.5 seconds
before thrust decay, then damped when the chamber pressure began to
drop sharply because of helium ingestion.

The final portion of the thrust decay appeared smooth, with no
spikes or other detrimental effects apparent after the damping of the
400-Hz oscillations and the rapid chamber pressure decay. The most det-
rimental effect of the helium ingestion appears to be the excitation of
the high magnitude bL0O-Hz oscillations. Ground tests have indicated
that the entrainment of helium in the fuel tends to excite 400-Hz os-
cillations. The oscillations may therefore be an indication of pressurant
gas entrainment due to vortexing or slosh caused by the high wehicle
attitude rates experienced during this portion of the mission.

The engine valve position indicators showed that the engine valves
started to close at 07:51:25.8 (85 seconds after the thrust decay) but
were not completely closed when the telemetry signal was lost by the
ground station at 07:52:23. BSystem pressures and temperatures indicate
that some blockage of fluid flow oceurred between the propellant tanks
and the engine after the initial thrust decay. This blockage was most
likely caused by small amounts of propellant frozen by cold helium that
was ingested into the feed lines. Although it was not a normal depletion
shutdown, no hazardous or detrimental effects were apparent after the
initial thrust decay.

6.13.4 Propellant Pressurizaticn

The ascent and descent propellant tanks experienced pressure drops
from the time of prepressurization at the launch site (approximately
110 hours prior to launch) to the time of final pressurization in flight
(approximately 4 hours after launch}. The ascent oxidizer tank experi-
enced the largest pressure decay. This pressure decay was initially
believed to be the result of an oxidizer leak. However, subsequent
analyses have shown that all of the experienced pressure decays could be
attributed to helium diffusion into the liquid propellants.

The flight data indicate nominal propellant pressurization during
the mission. Calculated helium usage during the second firing agrees
with analytical predictions.

Helium flow occurred during the coast between the first and second
firings amounting to approximately 2.5 percent of the total helium
loaded. This helium flow is evidently the result of opening the propel-
lant interconnect valves. During this time, the controcl engines used
approximately 200 pounds of propellant from the ascent tanks. The amount
of helium flow during the ccast would be sufficient, in normal system
operation, to expel approximately 180 pounds of propellant.



TABLE 6.13-T.- ASCENT ENGINE TRANSIENT ANALYSIS SUMMARY

s Specification First Second Engine Average of IM-1
Condition value firing firing acceptance test| type engines
Start transient total impulse from engine start
signal to 90—percent steady-state thrust, _ 57.0 65.5 57.8 62.0
lb-gsec . . . . S e e e e e e e e e
Tim? from engine start signal to initial thrust o 0.26 + 0.01]0.15 £ 0.01] 0.285 + 0.005 0.264 + 0.058
rise, sec . . . . ., .
Time from engine stert signal to S0-percent 0.400 maximun |0.47 * 0.01/0.27 % 0.01] 0.351 * 0.016 | 0.355 * 0.032
steady state thrust, see . . . . . . .
Engine run-to-run start repeatability,
1B=S€C  + v v v e e e e e £35 8.5 +0. k4 +19.0
Shutdown transient totel impulse from engine
shutdewn signal to 10— percent steady state —-— 257.2 = Log. ik 429.0
thrust, lb-sec . . . [ .. .
Time from engine shutdown signal to 10-percent 0.200 maximum | 0.20 +0.0 o 0.285 *+ 0.030 0.312 + 0.121
steady-state thrust, sec . . . . ~0.02
Engine run-to-run shutdown repeatability,
IBm8EC v v 4 v e e e e e e e e e e 75 - 15 1101
Shutdown transient total impulse from engine
shutdown signal to zero thrust, lb-sec -— heg.z2 i - -
Time from engine shutdown signal to zero L 3.0 e - -——
thrust, sec . . . . . . . . . ’
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6.15 ENVIRONMENTAL CONTROL

The environmental control system performed satisfactorily through-
out the mission. The water/glycol coolant loop temperatures and pres-
sure, and the water usage rate were within preflight-predicted values.

6.15.1 Cabin Pressure

Figure 6£.15-1 shows the cabin pressure and the cabin relief wvalves
internal pressures for the first 30 minutes of the flight. Preflight
ground tests revealed the two cabin pressure relief valves would open at
slightly different cabin-to ambient pressure differentials; 'the forward
hateh relief valve at 5.7 psid and the upper hatch relief valve at
5.5 psid. About Y47 seconds after lift-off, the upper hatch relief valve
started to relieve cabin pressure. One second later, the forward hatch
relief valve cracked momentarily then shut because the cabin-to-ambient
pressure differential across the valve was no longer great enougn to
cause the valve to open. The upper hatch relief valve continued to re-
lieve pressure until the cabin was sealed-off at 5.6 psia after 00:02:13.
Eighteen minutes later, the internal pressure of the upper hatch valve
was equal to cabin pressure, verifying the valve had closed. The inter-
nal pressure of each valve remained slightly above cabin pressure (within
0.3 psia) for the rest of the flight. FRach relief valve operated normally.
The requirement that one valve relieve cabin pressure was demonstrated.

Figure 6.15-2 shows the cabin pressure decay for the mission, which
did not remain constant. The calculated equivalent flow area increased
from 0.001% to 0.00kLk square inch at 03:27:00, when the vehicle was in
a quiescent state and had just passed through the dark side of the orbit.
The internal pressure of each cabin pressure relief valve was slightly
above cabin pressure, verifying that the valves did not open. At about
04:38:00, the flow area began to decrease to 0.0026 square inch.

After launch, the upper cabin wall temperatures near the tunnel de-
creased from 60° to 52° F by 03:10:00. The upper wall temperatures then
slowly increased to about 63° F by the end of the mission. The temperature
of the cabin floor remained at about 56° F during most of the mission but
increased to about 76° F during the last revolution (see section 6.2.5).

The allowable leakage established prior to flight was based on a
leak rate that would maintain a cabin pressure above the mission minimum
requirement of 1 psia for the second ascent engine firing. This leak
rate was greater than will be allowed for a manned vehicle, There is no
known cause for the leak rate changes shown in figure 6.15-2.
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6.15.2 Water System

The water system operated satisfactorily during the flight. After
the two water tanks were serviced, a slow water quantity decay was noted
in tank 2, caused by either a water or a gas lesk., A visual inspection
before launch showed no evidence of water, indicating that the leak was
on the gas side of the tank. At launch, the tank 2 guantity measurement
indicated 88 percent due to a tank pressure decrease from about L4L7.2 to
35 psia. Consequently, all the water was supplied from tank 1 until
about 00:50:00, when the pressure in the two tanks equalized. The water
usage from each tank was then about equal for the remainder of the mis-
sion.

Water flow was initiated to the sublimator by opening the primary
water solenoid wvalve at about 3 minutes 15 seconds. The differential
pressure across the water filow control regulator stabilized at 0.58 psid
then gradually increased to 0.7 * 0.05 psid after about 30 minutes, where
it remained for most of the flight. Water pressure at the inlet to the
sublimator was constant throughout the mission at 5.63 £ 0.05 psia, which
included a 0.28 psia prelaunch correction.

The sublimator inlet water temperature was 60° F at launch. When
proper water flow to the sublimator was achieved after orbital insertion,
the temperature approached the water tank outlet temperature of about
64° F. The temperature then slowly decreased to about 57° F asg the
sublimator operation and the heat transport section stabilized. The
water tank outlet temperatures remained essentlally constant throughout
the flight.

6.15.3 Heat Transport Section

The coolant pump package pressures remalned within predicted wvalues
throughout the flight. After insertion, the discharge pressure stabi-
lized at 38.2 * 0.3 psia until sbort staging when it increased to
39 + 0.3 psia due to loss of the descent stage battery coldplates. An
increase of 0.8 psia occurred during staging and the second ascent
engine firing and was caused by vehicle acceleration.

The pump package differential pressure was constant at 34 psid after
the first hour and increased slightly to 34.2 psid at abort staging.
The fluctuation during the first portion of the flight was due to
increases in viscosity and density caused by a decrease in the tempera-~
ture of the coclant. This pressure rise indicated a normal average
coolant flow of U410 1b/hr before abort staging and 395 1lb/hr after
staging.
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Sublimator temperature control.- Figure 6.15-3 shows the actual and
predicted water/glycol coolant temperatures at the pump inlet, which is
a direct indication of sublimator performance. The temperature increased
from about 49° F at launch to about 56° F prior to starting water flow
at 3 minutes 15 seccnds. A delay in effective cooling was caused by the
acceleration of the S5-IVB stage preventing full water flow from reaching
the sublimator until engine cutoff. Once proper water flow was attained,
the coolant temperature decreased rapidly, then slowly stabilized at

42° F. The sublimator performance was completely satisfactory throughout
the mission.

The water/glycol coolant temperature st the pump inlet was within
predicted values during the mission. The decrease at abort staging was
caused by loss of the descent battery heat load located between the sub-
limator and pump inlet. The slow rise after staging was caused by the
increased heat load from the ascent batteries as they warmed up after
being turned on.

The temperature fluctuations (38° to 54° F) during prelaunch were
caused by a mixture of nitrogen pressurization gas with the freon used
for vehicle cooling. Injection of the nitrogen was caused by a malfunc-
tion in the ground support equipment.
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6.16 CONSUMABLES

The quantities of consumables loaded are shown in table 6.16-I.
The quantity of water remaining in the ascent stage tanks 1 and 2 through-
out the mission is shown in figure 6.16-1. The difference between the
actual and predicted consumption is consistent with the difference in
predicted and actual electrical power used.

The total usable prelaunch power was 1400 amp-hr in the descent
batteries and 492 amp-hr in the ascent batteries. The actual power
usage during the mission was 264 amp-hr in the descent batteries and
91 amp-hr in the ascent batteries. The predicted and actual power usage
is shown in figure 6.16-2. The difference between predicted and actual
can be attributed to power variations within specific components compared
with predicted values. The higher usage of ascent power was caused by
activity of the control engines.

Based on a nominal propellant flow rate of 11.43 1lb/sec, about
87 percent of the ascent propellant remained after the first ascent en—
gine firing. Figure 6.16-3 shows the actual propellant usage. For the
second ascent engine firing, propellant depletion shutdown should have
oceurred about 40 seconds later than the thrust decay occurred, based on
the nominal flow rate. Usage of ascent propellant by the control engine
system through the interconnects and propelliant nonavailability caused
by the tumbling of the spacecraft contributed to the early shutdown.
The only quantity gaging device for the ascent system propellants was the
low-level sensor which was uncovered early because of the spacecraft
ﬁumbling.

Only 2.7 percent of the total descent engine propellants were used
for the three descent engine firings. (See fig. 6.16-4.) The calculated
consumption for the actual mission profile, as based on nominal perform-
ance data, agrees with the actual consumption within the accuracy of the
propellant quantity gaging device.

Figure 6.16-5 presents the control engine consumeble history (see
section 6.11 for further details).
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TABLE 6.16-1.- CONSUMABLES

Fuel Oxidizer

Ascent propulsion propellant

Total locaded, 1b . . . . « &+ + « & « + « . 1993 3 170

Total usable, 1b . . . . . . . . . . o . . 1932 3 091

Ullage volume, cu ft . . . . . . « . « . . 0.5 per tank at 90° F
Descent propulsion propellant

Total loaded, 1b . . . . . . . . . « . . . 6957 10 948

Total usable, 1D - « « + « « « o o 0 ..o 6710 10 736

Ullage volume, cu £ . . « « « « « « . . . 0.5 per tank at 90° F
Reaction control propellant

Loaded, system A, 1b . . . . . . . . . . . 102.0 203.4

Loaded, system B, 1b . . . . . . « « . . . 102.8 203.4

Total loaded, 1b . - - « o « o o o o o . 204.8 L06.8

Minimum usable, 1b . . . . . . « . . . . . 189.0 360.8
Ascent stage water

Loaded, tank 1, 1b . . . . . . . . . . . . 42,5

Loaded, tark 2, 1b . . . . . . .+ « « « . . ho.5

Total loaded, 1b . . « « « v« « 4 . . . 85.0

Total usable, 1b . « « « « « v+ 4 0 . . . 80.0
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6.17 ABORT STAGING

Abort staging was successfully accomplished and all systems operation
and performance throughout the staging event were satisfactory. The
abort seguence was Initiated and controlled by the stabilization and
control system and mission programmer sequence III, with meodifications
as detailed in section 6.6. Only rate damping was provided when the
stabilization and control system was used. After switchover to primary
guidance pricr to the second ascent engine firing, all rates were near
null, and the spacecraft gimbal angles were 50.7, 213.6, and 8.2 degrees
in yaw, pitch, and roll, respectively.

Figure 6.17-1 shows the parameters associated with the staging event
and certain mission programmer events. The abort stage "fire" and engine
"on" were instrumented events. The other events shown in figure 6.17-1
were derived from the logic times-of-sequence system in figure 6.17-2.

The event times for the two instrumented events are known within 20 milli-
seconds and were within allowable limits. Other event times were within
specification, as demonstrated by the proper functional responses.

The descent engine was shut down at 06:12:1L4.3, and as the chamber
pressure decayed to about 5 psia, the instrumentation channel was switched
to the ascent engine chamber pressure as shown by the logic sequence.
Figure 6.17-1 shows the overlap of ascent engine chamber pressure rise
and the descent engine tailoff and was determined by extrapolating the
descent chamber pressure to zero, based on the tailoff characteristics
obtained from the second descent engine firing. The staging bolts were
severed during the thrusting overlap period of the descent and ascent
engines, 30 milliseconds after ascent engine "on." No disturbances were
sensed by angular rates for this event. The ascent engine chamber pres-
sure rose sharply tc the start transient peak. At that instant, the
change in pitch rates showed a disturbance torque that was trimmed out by
the control engines. This disturbance torque is discussed in more detail
in section 6.10. The resulting angular rate in pitch and roll was damped
within 1 second to within the deadband limits. The rates (fig. 6.17-1)
indicate that only a single disturbance ogccurred which was at the point
of peak chamber pressure. No recontact of the two stages was indicated
at any time.

The highest pressure transients on the ascent stage bottom surface
and the descent stage upper surface are shown in figure 6.17-1. These
peak pressures were within design limits (see section 6.1 for further
discussion). The peaks occurred at least 25 milliseconds after the peak
of ascent engine chamber pressure. At this time, based on guidance
platform accelerations, the stages were estimated to be less than half a
foot apart and separating at a rate of 11.0 ft/sec?.
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9.0 MISSION SUPPORT PERFORMANCE

This section of the report is based upon real-time cbservations,
unless otherwise noted, and may not agree with the final analysis of the
data in other sections of the report.

9.1 FLIGHT CONTROL

9.1.1 Prelaunch Operations

The Mission Control Center-Houston began flight control support of
the terminal countdown at T minus 10 hours 30 minutes on January 22,
1968. Lunar Module-1 (LM-1) cabin closeout had been performed during the
countdown demonstration test at 20:50:00 G.m.t. on January 18, 1968.
Command support of the LM-1 and launch vehicle by the Mission Control
Center was nominal.

The Redstone telemetry computer was declared no-go at approximately
T minus 3 hours 30 minutes and remained so until 05:42:00 after lift-off.
Procedures were developed for the launch phase to permit commands to be
transmitted without the use of the telemetry computer and to use local
site printouts for command validation. The redstone telemetry and com-
mand processing had been documented as mandatory for launch; however,
the Flight Director decided to continue to countdown. The command com-
puter was utilized for command support during the launch phase and for
telemetry support during revelutions 2 and 3.

The terminal count progressed as scheduled until T minus 3 hours
30 minutes when attempts were made to increase the freon flow to drop
the glycol temperature from the 55° F level to the desired lift-off
temperature of approximately 35° F. In so doing, freon flow appeared to
be completely lost and the glycol temperature rose as high as 65° F. A
hold was called at T minus 2 hours 30 minutes while efforts were made to
correct this problem. The problem was traced to the ground support equip-
ment frecn supply and resulted in insufficient freon being available to
extend the count until the desired termination time, if a high freon flow
was constantly maintained. The areas of concern were the effect of ele-
vated temperature on water boiler start-up, the effect on the temperature
profile prior to water boiler start-up, and whether equipment degradation
might result from operating at elevated temperatures. It was determined
that water boiler start-up would not be jeopardized by a glycol tempera-
ture of 55° F at lift-off, although all efforts should be made to main-
tain the temperature below the maximum red-line value of 45° F. Freon
control was eventuzlly regained, and although several variations in the



9-2

glycol temperature cccurred, stabilization was maintained at less than
55° F. Glycol temperature at lift-off was L8.5° 7,

The LM was placed on internal electrical power at T minus 42 min-
utes. Variations greater than 15 amperes occurred during prelaunch, and
the current was near the maximum observed level at lift-off (55 amperes).
The inertial measurement unit, with a stabilized glycol temperature of
55° F, had a l7-percent heater duty cycle during prelaunch operations.
When the spacecraft was cooled for flight, this heater duty cycle rose
to 27 percent and ranged between 27 and 19 percent for the rest of the
mission. At 1lift-off, 96 amp-hr had been consumed in addition to the
200 amp-hr (50 amp-hr per battery) that had been predischarged.

9.1.2 Powered Flight

Lift-off occurred at 22:48:09 G.m.t. The space vehicle was in a
nominal configuration at lift-off. Data delays prevented the Guidance
Officer from cobserving the automatic spacecraft guidance reference re-
lease. As a result, the 5 and ENTER commands were transmitted as a back-
up at 00:00:06 and 00:00:07, respectively. The IM cabin pressure began
relieving at approximately 00:00:53. Approximately 60 seconds after
lift-off, the Guidance Officer detected a lunar module guidance computer
navigation error in crossrange. However, the actual trajectory was nom-
inal in that plane. This divergence existed throughout both stages of
powered flight and was expected because of the prelaunch platform align-

ment errors. The total IM battery currents gradually increased from an
average of 43 amperes to a maximum of 65 amperes at 00:02:00. The cur-
rent usage then slowly decreased to an average of 43 amperes. The rise

was attributed to the near-simultaneous actuation of the reaction control
heaters. The S-IB stage inboard and outboard engine cutoffs occurred at
approximately 00:02:00, and staging was confirmed by the trajectocry.

The S-IVR stage ignition occurred at 00:02:25, followed by activa-
tion of the propellant utilization system at 00:02:31. The thrust cham-
ber pressure for the S-IVB stage engine indicated s high nominal value
from 00:02:31 until engine mixture ratio cutback occurred at approximately
00:07:48. An attitude error of up to 4 degrees in yaw was indicated
throughout the S-IVB stage firing. This could have beén the result of a
thrust vector misalignment, because the vehicle end conditions were nom-
inal. S-IVB engine cutoff cccurred at approximately 00:09:53; the
velocity cutoff was normal. The LM cabin pressure had stabilized at
5.5 psia by 00:02:30. The crossrange navigation error first experienced
during the S5-IB stage powered flight had reached a 40O ft/sec value at
insertion. Based on data from the Bermuds station, the orbit at inser-
tion was 87.6 by 119.5 n. mi.
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. 9.1.3 Orbital Flight

First revolution.- Venting of the S-IVB stage was nominal after cut-
off with a sglightly greater raté of oxidizer ullage decay than had been
expected. The nose cone was jettisoned at 00:10:38. Attitude control
after jettison was nominal; rates and errors were held to dead-band
limits. A nominal pitchover to a posigrade earth rate attitude was ini-
tiated and proper attitude and rates were achieved. The measurement for
the environmental control gaseous nitrogen sphere indicated an off-
nominal pressure decay attributed to a system leak. As the mission pro-
gressed, the pressure decay rate was observed to decrease and ultimately
the pressure followed closely the minimum predicted value for the system.

The Canary Island station acguired telemetry from both the launch
vehicle and the IM at 00:16:59., Deployment of the adapter panels was not
observed at the programmed time. The Booster Systems Engineer sent the
adapter deploy command at about 00:21:11. Command verification was re-
ceived, but no telemetry confirmation of the event was received. Sub-
sequent tape playback and readout verified that the adapter deploy relays
A and B were closed, and the panel deploy monitor indication was not
present. The Ccastal Sentry Quebec confirmed that both panel deploy re-
lays A and B had actuated but without a deploy indication. Based on the
two cut of three indications, the Flight Director elected to permit the
separation sequence to proceed.

The Coastal Sentry Quebec had intermittent telemetry which was
caused, in part, by radio frequency interference from the ship's ground
communications equipment. To alleviate the problem the teletype B-channel
power was reduced during acquisition. At 00:50:01, the Coastal Sentry
Quebec reported that the counters were disabled and that the intermittent
synchronization problem still existed. Separation was confirmed at
00:50:23:00. The reaction control pressurization sequence was nominal.

Carnarvon acquired telemetry at 00:51:L47. The separation sequence
was nominal, with ILM/adapter separation occurring at 00:53:54. Rates
were low, with little activity by the reaction control engines. A data
dropout of about 2 seconds occurred as expected at the time of separation.
The primary S-band system operating in the low power mode came on as
programmed. Prior to activation of the reaction control system, the pro-
pellant quantities were showing a bias between the two systems; A system
was approximately 93 percent, B system was approximately 98 percent at
Carnarvon acquisition. Usage was nominal during separation. The maneu-
ver to the cold-soak attitude was nominal. The final attitudes were
pitech 319.7 degrees, roll 328.5 degrees, and yaw 99.4 degrees and agreed
with those planned.

The Rose Knot Victor acquired the IM at approximately 01:28:16. The
UHF received-signal strength fluctuated around -65 dBm. It should be
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noted that throughout the mission, the Rose Xnot Victor was the only
Manned Space Flight Network station with consistently good telemetry and
command capability. During this pass, all clccks were synchronized.

The Rose Knot Victor also reported reception of intermittent data from
the 5-IVB stage.

At approximately 01:29:00, the Guaymas station acquired LM data,
and systems operation was satisfactory. Glycol temperature was L2.6 de-
grees. The UHF received-signal strength dropped to about -95 to -100 dBm
at 1 minute before loss of signal by the Rose Knot Victor.

The Mission Control Center transmitted the primary S-band OFF com-
mand at 01:33:12. The secondary S-band ON command was transmitted at
01:33:28. Secondary S-band data (high power mode) were of good quality
throughout the remainder of the mission. Command sequence to close the
reaction control propellant crossfeed valves was initiated at 01:3L4:17.
At completion of the ccmmand, there was a crossfeed valve OPEN indication
which had not been observed prior to that time but was probably caused
by power being on the valve coils. The Guidance Officer started the
crossfeed valve CLOSE reset command sequence from the Texas station at
01:36:01 and the proper telemetry confirmation was received. During
the pass over the United States, the control cluster 1 temperature
(156° F) was about 18° T higher than that of clusters 2 and 3 (137° and
138° F, respectively) and 8° F higher than that of cluster 4 (1h48° F).
This difference was believed to have bheen caused by exposure to the sun.
Water, electrical, and reaction control propellant usage had been near
neminal through the endd of revolution 1. Operation -of the guidance com-
puter had been satisfactory.

The S-IVB stage had been following a nominal time line through the
end of the first revolution. The only apparent anomalies were the leak
in the envirommental control gaseous nitrogen sphere, the poor telemetry
received, and the fuel ullage pressure indicating zero. The zero fuel
ullape pressure was caused by more fuel being vaporized and vented than
had been expected. The prediction of the lifetime of the gaseous nitro-
gen supply was extended to 05:30:00. *

Second revolution.- The Bermuda station acquired data at approxi-
mately 01:41:00. The S-IVB stage was satisfactory for the passivation
experiment and automatic enabling occurred over Bermuda.

The Redstone tracking ship, which had a telemetry computer that had
been faulting since early in the countdown, had acquisition at approxi-
mately 01:46:40. The UHF signal strength was again marginal. An eval-
nation was made of the availsble data in an attempt to predict the com-
mand coverage of the firings.
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- Carnarvon reported acquisition of the IM telemetry at 02:24:23 and
command handover from the Coastal Sentry Quebec was completed at
02:24:56. At 02:25:10, it was reported from the Mission Control Center
that the S-IVB stage was satisfactory. The liguid hydrogen ullage pres-
sure was considerably lower than expected. At 02:26:19, Carnarvon re-
ported that the launch vehicle was showing flight control computer burn
mode ON which indicates start of passivation. The oxidizer dump began
1 second later. At 02:27:41, Carnarvon reported burn mode OFF. The
oxidizer dump was fterminated at 02:28:27, and 10 seconds later, the fuel
dump started. At 02:29:04, Carnarvon reported that the oxidizer ullage
pressure had not relieved as much as expected, and the fuel dump was
terminated at 02:31:27. Nominal fuel and oxidizer venting was reported -
at 02:31:51. At loss of signal, the fuel ullage pressure was about
zerc psia. Attitudes were nominal and steady during passivation.

At 02:48:25, approximately 3 minubtes early, Hawail reported acqui-
sition of signal, but the Mission Control Center was unable to synchro-
nize on the data. It was not determined whether this was actual acqui-
sition of the signal due to multipath or whether it was radio freguency
interference. Actual Hawaii acquisition of signal cccurred at 02:51:00.
The S-IVB stage cold helium dump was initiated at 02:52:38 and the dump
segquence was nominal.

During the pass over the Redstone, Canary Island, Carnarvon, and
Hawaii stations, the guidance system status was checked.

The Rose Knot Victor reported the initial UHF received-signal
strength as -105 dBm. The guidance computer time was reported as lagging
1 second with variations to 10 seconds; however, no such indication was
noted by sny other site.

The handover from the Rose Knot Victor to the Texas station was com-
pleted at 03:05:45. UHF signal strength was poor. The scheduled self-
test of the digital command assembly was postponed until after the pre-
dicted time of signal strength improvement, immediately prior to the
initiation of mission programmer seguence V.

Command handover from Texas to Merritt Island was accomplished at
03:09:12. At 03:12:58, the UHF received signal strength was sufficient
to transmit the digital code assembly self-test command which cued the
program reader assembly. The compare pulse was received at 03:1h4:L40.

Near the time of Merritt Island loss of signal, the Mission Control
Center reported that the S-IVB stage oxidizer vent valve had not closed.
The oxidizer vent valve CLOSE command was transmitted twice at 03:15:05.
It appeared, hcowever, that command had been handed over toc Antigua and
that Antigua had not yet acquired the signal. After the mission, it was
reported that the telemetry discrete had dropped out properly.
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Third revolution.- The Ascension Communications Officer reported
that part of the problem with poor telemetry reception by the Coastal
Sentry Quebec was caused by the outgoing teletype traffic, permission
was granted to terminate the summary message channel. The Coastal Sentry
Quebec had acquisition at 03:54:24 and immediately reported that the re-
mote site data processor was out-of-commission. This would prevent con-
firmation of guidance computer program, phase, and display and keyboard
data. Hcowever, driven events and analog data could still be monitored.

Based on the prefiring events repcrted from the Coastal Sentry Quebec,
it was confirmed that the guidance computer had entered mission phase 9
at the nominal time of 03:55:0L and the predicted time of ignition for
the first descent engine firing was 03:59:40. HNormal operation of the
vent valves on the S-IVE stage was confirmed.

Carnarvon acquired data at 03:57:58; however, command handover was
delayed, as planned, until after the first descent engine firing ARM sig-
nal at 03:58:42. The firing attitudes of pitch 31.8 degrees and roll
355.6 degrees were close to predicted. Descent engine ignition occurred
at 03:59:40.6, based on the Carnarvon strip chart recorders. At 03:55:57,
immediately after reporting 10 percent throttle, Carnarvon reported a
primary, guidance, and navigation CAUTION indication, which was later
changed to a program CAUTION, and program 00. The engine was commanded
OFF at 03:59:LL.8 by the guidance computer. Carnarven was directed to
meke the Mission Control Center prime for command at 0k:00:30.

The UHF received-signal strength was -99 dBm when the prime relay
reset command was transmitted unsuccessfully at O4:01:18 and again at
O4:01:3G%. At 0L:02:19, the prime relay reset command was transmitted
and was accepted; the descent engine ARM discrete was removed. Trans-
mission of the command sequence Verb 15-Noun 50, tc enable display of
the error codes, was started at 0L:03:34 and completed at Ob:0h:26. The
error codes received were 1405, DELTA V MONITOR ALARM, and 315, FORGETIT.
These codes indicated that the guidance computer had commanded shutdown
of the engine because of failure to sense adeguate acceleration.

After engine shutdown, the actual orbit was 100 by 119 n. mi. At
0L:06:50, the Mission Control Center reported that there were no system
problems that would affect vehicle lifetime. The Flight Dynamics Officer
recommended waiting until the next revolution before starting an alternate
mission. Figure 9.1-1 shows the subsequent real-time logic. The two
prime alternates for this type failure were C and L. There were targets
for L at the Hawaii station, if they had been reguired for execution
during this pass over the United States. However, they were based on
prelaunch nominal data with nc descent engine firing and may not have
been valid. If used, a manual abort staging sequence would have been
required.



The Flight Director concurred in these recommendstions. He further
requested an evaluation of the possibility of retargeting for another
attempt at performing the planned firing for the next pass over the
Coastal Sentry Quebec and Carnarvon. This possibility had been previously
rejected because of the limited coverage available from those sites during
revolution 4.

After Carnarvon loss-of-signal, command plans for the pass over
Hawaii and the continental United States were started. The only commands
required for Hawaill were the guidance and control error reset command,
and the selecting of the mission programmer sequence ITI for alternate
mission C. To insure the vehicle was in a safe condition, the prime re-
lay reset command was to be left in the guidance computer until just
pricr to goling into an alternate mission. At this time the cause of the
descent engine shutdown was still unknown.

Alternate mission L was not desirable because it could not be re-
targeted to avoid a manual abort staging seguence. The maximum descent
engine firing time available would have been 60 seconds. This did not
satisfy the requirement for a long descent engine firing. Further, if
the manual abort staging sequence were not effective, the descent propel-
lants would be depleted while the vehicle was below the minimum perigee
limit. Because there had been severe commanding problems, attempting
alternste L with a manual abort staging sequence would jeopardize not only
the abort staging test, but also the ascent engine firing to depletion
and the reaction control/ascent feed test.

After Hawail loss-of-signal during revolution 3, the Guidance Officer
indicated that the attitude for mission programmer sequence ITTI would be
retrograde and recommended using the guldance and control system to es-
tablish an optimum attitude during the pass over the continental United
States. The command sequence started at Ob:41:47 and ended at OL:51:30.
The LM went tc the commanded attitude of pitch 213.6 degrees, roll 7.8 de-
grees, and yaw 50.9 degrees. As a result of these commands, the digital
autopilot went to minimum deadband and remained there.

The active part of the S-IVB mission ended with the ambient helium
dump during the pass over the continental United States.

Fourth revolution.- Prior to signal scquisition by the Coastal
Sentry Quebec 1t had been determined that the modified alternate mission
C was the preferred alternate. Based on vehicle attitudes (+X antenns
down), the Rose Knot Victor was predicted to be in the correct position
for maximum command capability. The mission phase and timer uplink for
mission phase 13 was started at Carnarvon, and the uplink was completed
at 05:35:01.
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The abort guidance select command was selected as the mode for in-
terrupting, because if cuing of another sequence were required this com-
mand would have to be transmitted anyway. If failures should prevent
continuing the mission for another revolution, the sequence could be
resumed by sending the mission programmer start command.

Tt was recommended that mission programmer seguence IIT not be ter-
minated after the first ascent engine firing. This was a deviation from
the alternate mission C. The reason for the deviation was that the
guidance and control system was still good, and if the mission programmer
could be interrupted prior to reaching the ascent engine propellant de-
pletion firing, this firing could be performed under guidance control the
next revolution. If the sequence could not be interrupted, the ascent
engine propellant firing-to-depletion coverage would be marginal. It was
also recommended that initiation time be 06:10:00, and that the sequence
be terminated no later than 06:13:32. The latter time was approximately
T seconds prior to getting into the +X translation for the ascent engine
firing to propellant depletion.

At Hawaii, during revolution L4, the pre-sequence commands were sent
for mission programmer seguence III. BSignal strength was very poor at
first, and rejects were received from the vehicle for the first two
attempts at transmitting the prime relay OFF commznd. BSignal strength
improved and the third transmission, at 05:59:37, was accepted. Bat-
tery 5 was commanded ON at 06:00:28 as a precautionary measure against
switching failure during staging. At that time, battery 5 assumed about
45 percent of the lcad. Batteries for the explosive devices were com-
manded on line at 06:00:L6.

The Rose Knot Victor commanded the LM to the abort guidance mode
at 06:05:34 and commanded mission programmer start at 06:10:00; the se-
quence proceded normally. The Mission Control Center was monitoring the
sequence through the Goldstone and Guaymas stations. Rates were low,
and the sequence continued normally. The abort staging sequence occurred
at about 06:12:1k. The resultant orbit, based on White Sands data, was
93.4 by 526 n. mi.

After the cutoff of the first descent engine firing, it was decided
not to continue with the ascent engine propellant depletion firing part
of the sequence. The vehicle had approached within about 8 degrees of
gimbal lock but had returned to a nominal condition. The abort guidance
select command was sent to stop the sequence before any further commands
were executed by the mission programmer. The first command was trans-
mitted at 06:13:40, and a second command was initiated 1 second later;
both commands were accepted. The primary guidance select command and
the prime relay reset command were sent at 06:14:03 and 06:14:15, re-
spectively. Shortly afterward, an extremely high reaction control pro-
pellant usage rate was reported, but was believed to be the result of
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the primary guidance control with the digital autopilot using the full
vehicle mass for its control engine command calculations. This had been
discussed before the mission and was expected but not to the extent ob-
served. The Guidance Officer prepared mass update loads, but these were
not available for immediate transmission because the mass values required
would have been a function of the vehicle state and how far sequence III
had progressed.

Two indications believed to be ancmalous were noted during se-
quence IITI. First, during the time the descent engine was armed, the
inverter voltage oscillated between 113 and 124.5 V ac. No gimbal-drive-
actuator fail indications nor other effects were noted as a result of this
fluctuating voltage. Second, at staging, battery 5 carried 86 percent of
the load for about 30 seconds. For the next 5 minutes, both battery cur-
rents sought stabilization levels. This was believed to have resulted
from battery 5 being warmer, battery 6 having a higher charge, and a high
total current load because of control engine activity, although the num-
ber of variables involved prevents any definite conclusions. Thereafter,
both batteries shared the load equally. [Editor's note: Both of these
indications were, in fact, normal. ]

A review of the command histories from mission programmer se-—
guence IIT showed that the abort guldance select command had not been
sent prior to the start 'of the +X translation for the second ascent engine
firing. If this is correct, there would have been some 36 seconds of
+X translation, which would have accounted for some of the high reaction
control usage of propellants., Reaction contreol usage had been as expected
until the time the primary guidance mode was selected,.

The guidance computer had been updated with the proper attitude for
the mission programmer controlled engine firings and an erasable memory
update was sent toc reenable the proper computer routine, if further
guidance computer controlled firings were to be accomplished. This was
started at 06:16:47, and completed by 06:17:43,

In order tc conserve some attitude hold capability, rather than
depleting both systems, the reaction control main A valve was closed at
06:17:09, trapping approximately 3% percent of the propellant. At
06:23:20, it was reported that B system propellants were being depleted
and a recommendaticn was made that the abort guidance system mode be
used to conserve the propellants. This request was vetoed to preclude
the possibility of a gimbal lock condition, which would have prevented
the use of the guidance and control system for the ascent engine firing-
to-propellant-depletion sequence,

A navigaticon update load, based on data after engine cutoff, was
started from the Merritt Island station at 06:24:L7, and was completed
through the Antigua station at 06:25:58. A verification was received,
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but loss-of-signal occurred pricr to the guidance computer telemetry
verification that the load had been accepted; this was confirmed later
at Carnarvon.

Fifth revolution.- At 06:28:10, the network was advised that either
mission programmer sequence V or guidance computer mission phase 13 would
be followed. The starting point for either would be Hawaii and the pro-
pellant depletion firing would not be completed until the Rose Knot Victor
acquired the signal. A l-minute gap between Hawaii and the Rose Knot
Victor would be covered by the Watertown, which was being used on an
engineering evaluation basis; the Watertown had been recording data dur-
ing the previous passes.

At this time (06:28:10), the mass update, target update, and a timer
update for mission phase 13 was still required, and an update to lengthen
the guidance computer acceleration sample period was highly desirable.
The exact cause of the descent engine shutdown was still unresolved, and
if the vehicle were unable to complete the manesuver as planned because of
a similar problem, there would be little range coverage left for subse-
quent attempts. Further, attitude contrel would be lost when the re-
action control B system propellants were depleted; consequently, it was
decided to open the A system and the control engine crossfeeds as socn
as possible after the mass update was completed. Tracking data confirmed
a 91 by 532 n. mi. orbit, indicating a fairly long pass at Carnarvon.
However, the time available for all the updates was marginal.

The Coastal Sentry Quebec acquired broken telemetry at 07:10:30 and
telemetry for that pass remained fairly pocr. Part of the problem was
apparently caused by & failure of a pulse cocde modulation power supply
at the staticn. This prevented the Coastal Sentry Quebec from cuing mis-
sion programmer sequence V as planned.

The first command transmitted from Carnarvon was reaction ccntrol
main A valve closed reset at 07:08:06. Uplink of the mass update (EMU 1,
load 3701) was started as 07:08:50 and was completed by 07:09:41. The
following commands for the reaction control main shutoff valves were
completed by 07:10:57: main B closed, main B closed reset, main A open,
and main A open reset. The next activity at Carnarvon was to get the
reaction control crossfeed valves opened. The first command, prime relay
off, was sent at 07:11:07, and the crossfeed cpen commands were uplinked
at 07:11:20. The sequence was completed by 07:12:22. The reset commands
were started at 0T7:13:05 and completed at 07:1L:05. After the crossfeed
valves were opened, an uplink (EMU 2, lcad 3801) was initiasted to in-
crease the sampling period for the delta V monitor routine and to get the
digital autopilot intc maximum deadband. However, the data were not
accepted with the load messages because of Intermittent drops in UHF
received-signal strength. An attempt was made Lo send the load through
the display and keyboard commands. The load was still not completed when
the signal was lost.
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During the load attempt to the erasable memory unit, high control
engine activity and occasional high rates were observed. Also, the re-
action control oxidizer pressurés were low, and it was recommended that
the ascent feed valves be opened prior to execubting any firing sequence.
The mass update previously transmitted did not restore normal digital
autopilot operaticn, because the design of the system is such that the
current mass 1s ignored until the guidance computer is in an average g
routine.

Hawaii acquired the signal at 07:38:00, and the UHF received-signal
strength was gocd. The command sequence to open the ascent feed valves
was started at 07:38:31 and completed at O7:42:14k. Immediately after
the ascent feed valves were opened, the Guidance Officer sent the cue
for mission programmer sequence V, and the compare pulse was received at
approximately OT7:L42:38. At 07:42:57, the reaction control main B valve
open command was transmitted to trap as much propellant as possible, in
the event the sequence could not be stopped before the ascent feed valves
were closed. The following command sequence started the mission pro-
grammer firing.

Guidance select abort guidance 0T7:43:07

Mission programmer start (not 07:43:19 Delay in sending second

accepted) command to verify not
accepted.
Mission programmer start 07:43:54
(accepted)
Fngine start 07:44:15 First command accepted.
07:44:18
O7:Lb:21

The firing was normal and attitudes were steady. At the time the
ascent feed and reaction control valves were confirmed to be in the nor-
mal configuration for the ascent feed test, the abort guidance select
command was transmitted. However, Hawaii had loss of signal and the
command was approximately 12 seconds too late. If the first mission pro-
grammer start command had been accepted, confirmation could have been
made in time.

The Rose Knot Victor acquired a signal at 07:46:48. Twelve seconds
later, the last ascent feed valve closed. The firing continued with good
attitude stability until approximately OT:47:45. At that time rates
started going off scale high and low in all axes. The Rose Knot Victor
maintained solid telemetry until loss of signal. The firing continued
until depletion, but the time of depletion could not be determined in
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real time. The Rose Knot Victor received approximately 5 pulse code mod-
ulation counts on the chamber pressure measurement after ascent engine
cutoff.

Communications coverage during the sequence was good. This seguence
was nominal except that after reaction control propellant depletion, eight
control engines remained on electrically. This resulted in the teotal cur-
rent increasing to 81 amperes. '

The vehicle structure apparently held during the entire firing.
Cabin pressure was reported as 52 PCM counts at loss of signal at the
Rose Knot Viector. Two commands were transmitted in the blind from the
Texas station in an attempt to put the vehicle in a usable condition for
the postmission test plan.

After an apparent C-band loss of signal during the maneuver, all
sites were instructed to go to a skin-track mcde. There was nc C-band
acquisition after the completion of the maneuver. Maximum elevation
angle during Guaymas pass was approximately 1 degree. Only two tracking
gites, Pretoria and Hawaii, would be able to track during the next several
revolutions. £ The extended mission team then assumed shift duties; however,
they were unable to acquire the spacecraft. The effort continued until
approximately 11:00:00 G.m.t.
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NASA-S-68-2104

Alternate mission 1.

1 Over United States (revolution 3)
Alternate mission L, Rejected
(a) Exlensive computer uplink commanding required:
- target update, navigation vector update, timer
(1) COI’ﬂpUtBI’-COﬂtI’OHEd mlS:'lon. update, and change-in-velocity menitor time change
phase 11 (second descent sngine (b) Aborl stage ground command required via UHF
firing; staging; first ascent engine during firing A ‘
e firing) 2 {c) Hawaii is only site for uplink commands prior
. L. to execution of mission phase 11
(2} After short descent engine n”ng: {(d) Experience with poor UHF signal strength
reat-time command for abort (&) Wore time required to verify reason for premature
Staqing descent engine shutdown
Accepted o Over United States {revotution 4)
Allowrs resumption of mission under computer control e Mission programmer sequence [11 Computer-controlled mission Mission programmer sequence ¥ Missi
Rejected ) continued through ascent engine phase 13 {second ascent engine {two ascent engine firings, second C(}ﬁ;‘gﬁe%roglrgs'?;]"er stequence'\{
(a) Extensive computer uplink commanding required: ot tion {revolution .. f . , g Intercennects
target update, navigation vector update, timer firing to deple {revolut 4 firing to propei[ant depletion) extended to propetiant depletion;
update, and change~in-velocity meaitor time change - : -
(8} Abort stage ground command required via UHF Rejected Rejected X Rejected Rejected
during. Firing _ ] {a} No Firings under computer control (a} Extensive computer uplink commanding required Additional ascent engine restart might jeopardize l.oss of attitude controf
(¢} Experience with poor UHF signal strenath (b)Y Marginal ground station coverage at ascent (h) Poor coverage over Merritt island (revolution 4) the ascent engine firing to depletion
(d) Lunar medule retrograde attitude required change propellant depletion because of low elevation angle
during pass over United States (revolution 3) in {¢) Shost period of coverage oniy over Carnarvon
preparation for alterate mission C. Computer (revelution 53
up_link for mission phase 11 complicated by & {d) Excessive use of reaction control prepellant
this attitude change requirement during sequence I required additional ground
(e) New targets for computer mission phase 11 comimands which complicated computer uplink
(second descent engine fiting? Give maximum plan for mission phase 13
firing of 60 seconds with possible minimum (e) Experience with poor UHF signal strength
perigee violation. (Minimum perigee = 100G n, mi,
if commands not accepted)
L. (P Descent engine firing time not long enough to
Alternate mission C satisfy requirements
P_rem(?ture shutd'own of R Mission proegrammer sequence I Ve Mission programmer sequence 111 Mission programmer sequence V Real-time command for engine on Real-ti it tel
first escent engine vz 1/ {minimum reguirements sequence) \3 el stopped after first ascent engine el 4 =l (second ascent engine firing to 5 after ignition for first firing W Ofeam'gl'?afﬁ".”qa” 0 preivel;%c osure
firing {revoiution 4) firing propelfant depletion) {extend firing to propellant depletion) prop INTErConnecs
Accepted Accepted Accepted Accepied Accepted
Use as backup to alternate mission L Allows possibitity of executing ascent engine Computer-controlled firings not practical One long ascent eagine firing Lo depletion It ascent/ reaction control propeilant interconnects
firing under computer control satisfies mission objective are zllowed to close, attitude control will be lost
Compuier-controiled mission phase ¢ Last descent engine firing in
{reschedule of first descent engine mission programmer sequence IT1
firing) (revoluticn 4) extended by real-time command
Rejecled Rejected .
e T . #  This was the primary plan uniil time over Camarvon (revolution 53
{a) Experience with poor UHF signal strength (2} Ground commanding too time critical (7 sec) was nol sufficient Lo complete uplinks
(b} Extensive computer uplink commanding required (b) Experience with poor UHF signal strength
N {c} Poor ground station coverage at Camarvon (¢} Descent propellant depietion if ali commands
{low elevation angle) not accepted %  Real-time command transmission unsuccesstul
(d) No capability at Ceastal Sentry Quebec for () Marginal ground station coverage for ascent
computer uplink commanding engine propellant depletion firing

(e) Sequence could not be fully covered by
Coastal Sentry Quebec

figure 9.1-1. - Real-time decision logic.
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9.2 NETWORK PERFORMANCE

Support from the NASA and Department of Defense network stations
wae satisfactory. Minor problems were experienced with commands, telem-
etry, and radar acguisition. No mission impact resulted from any of the
problems, and nco mission capabilities were lost.

9.2.1 Telemetry

The telemetry computer on the Redstone network ship faulted during
the countdown period and was out of service for the mission. A post-
mission inspection revealed that a wiring error cccurred during incorpo-
ration of a modification. The Ascension station did not acquire during
the third revolution because an erroneous acquisition message was trans-—
mitted from the Mission Control Center in Houston. At the start of the
third revolution, the playback bit at Carnarvon station was set errone-
ously and resulted in a loss of about 5 seconds of data. Data from the
Guam station during the fourth revolution were not received at the Mis-
sion Control Cenmter. The problem was traced to an operator error in
patching the communications line terminal at Goddard Space Flight Center.

9.2.2 Tracking

The Canary Island station had a range bias of 2000 yards during the
first revolution. The problem was caused by a drifting fine-range ad-
justment, which was corrected before the second revolution. During the
first revolution, data from the White Sands station were not accepted at
the Mission Control Center becsuse of a tagging error by Goddard. During
the second revoluticn, the California and White Sands stations tracked
an antenna side-lcobe signal becsuse of erroneous acquisition messages
from the Mission Control Center. The California station could not sup-
port the mission during the third revolution because a malfunction in
the computer affected the high-speed data.

9.,2.3 Command

During a command inbterface test at the Goldstone station, a load/
clear-load {2507) input was attempted; however, the output was a UHF up-
link request for command and service module navigation update (0001).
The problem was caused by simultaneous inputs to the program request
module and the manual entry device. Procedures have been changed to
preclude the problem in the future.
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During the ccuntdown period, an erronecus computer load was sent to
the Carnarvon station. After switching to the standby central processor
(B-system), load control indications showed a load transferred to Car-
narvon. An attempt was made to clear the output buffer by clearing load
4563, the last load sent to Carnarvon, but no action resulted. The prob-
lem was finally corrected by clearing the previous load (2509) in the out~
put buffer and load 4563 was subsequently transferred. It was concluded
that the standby computer processor had dropped the input during the time
the validation was received from Carnarvon for load 2509; as a result,
load 4563 was stacked behind it. The problem is under investigation.

9.2.4 Mission Control Center Central Processors

The output of the polynomial buffer terminal was interrupted
14 times on the standby system and 11 times on the online system. These
interrupts were manually cleared, and the buffer terminals were reiniti-
alized within 10 seconds after each occurrence. The buffer terminals
have been subsequently modified so that each has an individual input/
ocutput channel to interface with the central processors.

The central processor guard faulted once at T minus 9 minutes and
at three additional times during the mission. No data were lost except
that at O4:L41:00 data from the Pretoria station were not routed to the
real-time computer complex. However, the rotary system permitted all
message traffic to overflow to other teletype machines. The problem is
under investigation.

9.2.5 Miscellanecus Problems

During the countdown period, the Goddard central processors faulted
six times within approximately 40 minutes. Hardware problems were dis-
covered in the A-system. A software problem associated with a collective
message header was alsoc found, but the procedure was changed to eliminate
use of this message header. The computers were returned to service be-
fore launch.

During the countdown periocd, computer faults occurred at the Texas,
Hawaii, and Carnarvon stations. A fault also occurred at the Canary
Island station when the Mission Control Center transmitted a load (GMTLO)
after loss-of-signal at Canary Island. Canary Island was trying to trans-
mit & low-speed summary message at that time. In addition, during re-
ceipt of the GMTLO load, the Mission Control Center executed an S-IVB
history reguest, and both computers started cycling (went into a loop).
The problems are under investigation.
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At approximately 00:18:00, a fuse was blown in the B master instru-
mentation timing equipment. One computer had to be restarted and two
computers had to be switched.
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0.3 RECOVERY OPERATIONS

(This section is not applicable.)



10.0 EXPERIMENTS

{(This section is not applicable.)
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11.0 CONCLUSIONS

The anglysis of the mission data has resulted in the following con-
clusions:

1. The overall performance of the lunar module was good, and based
on the results of the IM-1 flight, the lunar module 1s acceptable for
manned orbital flight.

2. All system operations and vehiele dynamiecs assceciated with the
abort staging sequence were satisfactcry for manned operation.

3. The start, steady-state, thrcttling, and shutdown character-
istics of the descent propulsion system were satisfactory for the
engine firings that were performed.

4. The thermal aspects of supercritical helium pressurization sys-
tem could not be adequately evaluated due to the short duration of the
three descent engine firings.

5. The ascent propulsion system exhibited operational character-
istics similar to those noted during ground testing, and the overall
performance of the system was satisfactory.

6. The temperature limits on the control engine clusters were ex-
ceeded with no detrimental effects on system operation.

T. The excessive use of reaction control propellants was caused by
the failure to update the guidance computer to reflect the staged-
vehicle mass constants. As a result of the high usage, reaction control
propellants were depleted. Continued operation was outside the design
limits and precipitated three fallures.

8. The premsture shutdown of the first descent engine firing de-
monstrated a lack of complete systems coordination.

9. Loads experienced during the mission were within design limits
of the structure.

10. The vibration analysis indicated that the lunar module can sat-
isfactorily withstand vibrations which are expected during launch on a
Saturn V.

11. The guidance and control systems operated as designed, proving
their capability for withstanding the launch and space environments. The
digital autopilot capability for attitude and +X translation control was
adequately demonstrated. The stabilization and control system maintained
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proper rate control through the descent and ascent engine firings and
the abort staging sequence.

12. The water/glycol coolant system maintained equipment at proper
temperature levels. The coolant system temperature was controlled by
the sublimator, verifying its startup capability and heat rejection
capacity.
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i2.0 ANCMALY SUMMARY

Analyses of the Apollo 5 mission results have disclosed seven
anomalies and several instrumentation Failures. Of the seven anomalies,
cne occurred during the countdown, and six during the mission. The
anomalies are discussed in the following sections.

An additional problem was previously reporied as an anomaly: The

pressures in the ascent and descent propellant tanks decreased from the
time of prepressurization at the launch site (11C nours prior to launch)
to the time of final pressurization in flight (4 hours after launch).
The ascent oxidizer tank pressure showed the largest decay. The pressure
decay was initially believed to be the result of an oxidizer leak. How-
ever, subsequent analyses have shown that all of the pressure decays can
be attributed to helium absorption inte the liquid prepellants.

12.1 ERRATIC FREON COOLING DURING COUNTDOWN

Statement. - Coclant temperatures, which were controlled with the
freon supply ground support equipment, were erratic during the countdown.

Discussion - The water/glycol coolant of the heat transport system
of the lunar module (LM) was cocled prior to launch by two freon boilers
in the environmental control system. The freon was supplied to the
boilers from two freon bettle racks, which were part of the ground sup-
port equipment.

Shortly after freon flow was increased to begin the chilldown of
the heat transport system, the freon delivery pressure to the LM dropped,
and the heat transport system coolant temperature began to increase, in-
dicating loss of freon cooling. Consequently, a hold was called at
T minus 2.5 hours, and rack 1 was manually shut off. Satisfactory con-
diticns were established with rack 2, and the count was resumed at
T minus 2.5 hours (about 3:15 p.m.).

At approximately T minus 50 minutes (at which time rack 1 showed a
welght loss equivalent to two bottles of freon), coolant temperatures
again increased. Attempts to increase flow rate by further opening the
freon flow control valve failed to produce any cocling. By lowering the
freon flow rate, the erratic operation of the system ceased but at a
higher vehicle coolant temperature. The LM coolant temperature upper
limits for launch were changed, and the temperature was maintained with-
in the prescribed limits.



12-2

Examination of the freon racks the morning following launch revealed
the following:

a. All bottles in rack 2 were about one-half full.

b. Two bottles in rack 1 were empty., even though rack 1 was shut
off at T minus 2.5 hours. All other bottles in rack 1 were full.

¢. The standpipes in two of the full bottles in rack 1 had dropped
out of the cap block and were resting on the bottom of the bottle.

The temperature problem encountered at T minus 3.5 hours can be ex-
plained by item c¢. With the standpipe unattached, & direct nitrogen
flow path into the freon manifold was opened. When the nitrogen pres-
sure was increased to begin high freon flow to the vehicle, sufficient
nitrogen mixed with the freon to degrade heat absorption in the freon
boilers.

The two empty bottles in rack 1 may have inadvertently been left
open when the rack was isolated during the hold at T minus 2.5 hours.
If this was the case, at the time these two bottles emptied, a nitrogen
flow path was opened; the freon was again mixed with nitrogen, resulting
in coolant temperature fluctuations.

Conclusion - The analysis has shown that the reduced cooling capacity
by the freon supply was ceaused by nitrogen pressurization gas mixzing with
the freon. Two factors contributed to the gas mixing: broken standpipes
in two of freon bottles, and depletion of freon in two other bottles.

Freon ground support equipment for prelaunch cooling is not to be
used for manned lunar modules.

12.2 PREMATURE SHUTDOWN OF FIRST DESCENT ENGINE BURN

Statement - The first descent propulsion maneuver, which was con-
trolied by the primary guidance, navigation, and control system, was
scheduled to last approximately 38 seconds. The primary guidance system
commanded the "engine on" as planned at 03:41:39, but 4.17 seconds later,
the guidance system issued an "engine off" discrete with an accompanying
alarm, indicating that the thrust/time criteria programmed in the LM
guldance computer were not met.

Discussion - At the time of "engine on" minus 30 seconds, the guid-
ance system started recording sensed velocity changes from the inertial
measurement unit pulse-integrating pendulous accelercmeters. The de-
scent engine thrust monitor was programmed to turn off the engine if any
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three consecutive 2-second accelerometer samples taken after commanded
"engine on" indicated an accumulated velocity of less than 45 cm/sec
each., Because of phasing established at "engine on" minus 30 seconds,
the first accelerometer sample utilized by the thrust monitor was taken
within 0.01 second after commanded "engine on" and therefore represented
only velocity accumulation due to the control engine +X translation. The
+X translation ended 0.5 second after commanded "engine on"; therefore,
the second sample, taken at "engine on" plus 2 seconds, represented a
combination of velccity accrued from tae control engines and from the
start of the descent engine firing. The third sample, taken at "engine
on" plus 4 seconds, was the first that represented descent engine ve-
locity accumulation only. Because none of the three samples met the

45 cm/sec minimum criteria programmed in the guidance computer, the en—
gine was commanded off.

The helium which was used to pressurize the propellant tanks after
activation was stored supercritically in a c¢ryogenic storage vessel., The
vessel was isolated by the three explosive valves which were fired auto-
matically by the pyrotechnic system 1.3 * 0.3 seconds after the "engine
on" command was given. Therefore, the firing was begun with less than

normal propellant tank pressures, causing a slower thrust buildup.

Conclusion — All data indicate that the guidance system and the
descent engine functioned as designed. The slower than normal thrust
buildup, caused by the start at less than full tank pressure, resulted
in failure of the engine to meet the thrust/time criteria programmed in
the guidance computer.

A1l logic and circuits that could issue any engine cutoff or
inhibit any engine start will be evaluated to determine which should be
eliminated or altered and which should be retained within the software.

12.3 ABRUPT CHANGE IN CABIN PRESSURE LEAK RATE

Statement - At 03:27:00, the equivalent cabin pressure leak area
abruptly increased from 0.001L4 to 0.00LL sguare inch. After T1 minutes,
the leak area decreased to approximately 0.0026 square inch.

Discussion - The characteristics of the cabin pressure decay from
cabin seal-off until 03:27:00 indicated that a constant leak area ex-
isted during this period. At 03:27:00, the leak area abruptly changed.
Jalculations show that the change in rate was equivalent to a change in
area from 0.0014 to 0.00LL4 square inch. The leak area then decreased
71 minutes later to a value equivalent to about 0.0026 square inch and
remained constant to the end of the mission.
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Conclusion - At the time the leak area first changed, the vehicle
was in a quiescent state, and the available data provide no indication
as to the cause of the change.

The minimum cabin pressure regquirement was maintained to the end
of the mission.

12.4 OQUT-OF-PHASE INDICATION FROM DESCENT ENGINE

PFROPELLANT SHUTOFF VALVES

Statement - During the transition from 1l0-percent throttle to full
throttle on the second and third descent engine firings, an out-of-phase
indication was received from one of the two pairs of actuators which
control the eight propellant shutoff wvalves. The indication remained
until the end of both firings. ’

Discussion - There were four shutoff valve actuators (A, B, C, and
D), each of which controlled a fuel and an oxidizer shutoff valve. The
actuators were instrumented in two pairs, sc that an indication was re-
ceived if actuators A and B or € and D were not in the same position
(open or closed). During the transition from 10-percent throttle to full
throttle on the second and third descent engine firings, the signal re-
ceived indicated that either A or B had closed. The indication slightly
lagged an inflection point in the pressure/time curves for oxidizer and
fuel injection pressures and chamber pressure. In addition, almost sim-
ultaneously, pressure rises were noted in the oxidizer and fuel engine-
inlet pressures. The phenomenon was nearly identical on both firings.

Conclusion - At present, no conclusions can be drawn as to whether
there is any connection between the pressure transients and the valve
out-of-phase indication. Ground tests will be made in an effort to de-
termine the cause of this anomaly.

12.5 ABRUPT CHANGES IN RECEIVED UH¥ SIGNAL STRENGTH

Statement - Abrupt changes were detected in received UHF signal
strength in the spacecraft throughout the Apollo 5 mission.

Discussion - Abrupt changes in spacecraft-received UHF signal
strength of about 30 to 40 dB in the command-link data were detected
throughout the Apcllo 5 mission. Corresponding changes did not occur
in the ground-received signsl strength from the VHF data transmitters,
which shared the same two antennas through a diplexer. The abrupt
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changes in received power frequently caused the received command signal
power to be below the message acceptance threshold. Conseguently, com-
mand transmission had to be delayed or repeated.

Conclusion - The results of the data analysis isclate the fault of
the intermittent operation to the flight hardware. Specifically, the
fault can be isolated either to the RF stage of the digital command
assembly or to the coaxial cable assembly connecting the diplexer and
the digital command assembly.

12.6 EXCESSIVE CONTROL ENGINE PROPELLANT USAGE

Statement - Abnormally high thruster asctivity and excessive control
engine propellant usage began immediately after primary guidance was se-
lected by command at 06:14:03.

Discussion - Since staging occurred with the vehiecle in the backup
guidance mecde, the digital autopilot, which is part of the primary guid-
ance system, did not sense vehicle mass change that occcurred at staging.
Consequently, when guidance was returned to the primary mode, thruster
"on" time for attitude corrections was calculated by the autopilot using
incorrect inertia constants. The result was rapid oscillations of the
vehicle about all axes as the guidance system overcontrolled in an at-
tempt to keep attitudes within the deadband limits. Control propellant
usage increased to an unacceptable rate, and ground controllers isolated
the A system with 30-percent propellants remaining. The propellants in
E system were depleted within 5 minutes, which precipitated the following
four undesirable secondary effects.

12.6.1 Discrepant Manifold Pressure Indications

Stetement - Following the propellant depletion in B system, the oxi-
dizer manifold pressure decreased from 180 psia to 50 psia with no appar-
ent decrease in the fuel pressure.

Discussion - Based on serviced quantities of the propellants in
B system and normal mixture ratiocs during thrusting, the fuel should have
been depleted first. Data showed that the fuel manifold pressure did,
in fact, begin to decay first, but very rapidly increased again. Because
it happened so rapidly, it was not evident until data were available for
the precise time of incidence.
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An oxidizer manifold pressure of 50 psia was indicated after oxidizer
depletion in the B system. At the existing temperature, 50 psia was the
vapor pressure of the oxidizer; therefore, a two-phase oxidizer condition
was present in the manifold. Because of the low duty cycling of the
control engines during this time interval, sufficient ligquid remained in
the manifold to sustain the 50-psia pressure until the A system was
turned on and the crossfeed opened.

Conclusion - The fuel depleted first and the fuel bladder collapsed.
Fuel depletion was cbscured by the effects of bladder leakage and the
manifold pressure sensor sensing helium pressure.

12.6.2 1Inadvertent Closure of Oxidizer Shutoff Valve

Statement - When the control system crossfeed was opened, the A
system oxidizer manifold pressure decreased and the B system pressure
increased.

Discussion - Subseguent to B system propellant depletion, the A
system maln valves were commanded open. The crossfeed valves between
the A and B systems were then opened, and the A system oxidizer manifcld
pressure immediately decreased to 90 psia and B system pressure increased
to 90 psia. The oxidizer manifold pressure varied between 50 and 115 psia
dependent on the engine duty cycle.

An unlatched valve moved to a null pesition would not be positively
locked open or closed., This type condition would essentially isclate the
tank but still allow some leskage into the manifold, which would explain
why the manifold pressure varied from 50 psia (the vapor pressure) and
115 psia, depending on the thruster duty cycle.

Conclusion - The abnormal oxidizer line pressures have been attrib-
uted to an inadvertent unlatching of the A system oxidizer shutoff valve
from the open position. A test is planned to determine the effects of
valve operation with the pressure and temperature conditions found at
the shutoff valve during the Apollo S mission.

12.6.3 Thrust Chamber Failure
Statement - Over Carnarvon during the fifth revolution, vehicle

rates about the pitch and roll axes and the lack of detectable chamber
pressure indicated a failure of the LY-up engine.
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Discussion - The up-firing engine ir. cluster 4 was last observed to
be operating over Ascension during the fifth reveolution. Ground tests
have been conducted with manifold pressure conditions similar to those
which existed in the B system between Ascension and Carnarvon (pressures
less than 100 psia with a gas/liquid state); in some of the ground tests,
explosive mixtures were produced within the engine chambers,

Conclusion - The 4-up engine chamber apparently ruptured during the
fifth revolution.

12.6.h High Cluster Temperatures

Statement - Temperatures on clusters 1 and 3 exceeded the 190° F
upper red-line limit.

Discussion - The temperature increases on clusters 1 and 3 occurred
when the heat from the engines experiencing high duty cycle was conducted
back to the clusters. The temperatures exceeded the upper instrumentation
limit of 2009 F. Because the cluster temperatures sensors were installed
near the down-firing engines, these measurements were sensitive to the
activity of those engines and not of the clusters in general., Clusters 2
and 4 were cooler because the down-firing engines in these clusters were
A system engines, which were isolated shortly before the main valves were
closed. This allowed the injectors to be cooled somewhat from subseguent
valve actuations as the residusl propellants in the lines were vented.
Cluster 1 temperature, the highest of the four, probably reached at least
230° F. However, no degradation in engine performance was evident.

Conclusion - The high cluster temperatures are not considered an
anomaly since they were caused by the increased control engine activity
and would be expected to be high under these circumstances.

12.7 TFATTURE OF DESCENT STAGE FIBERGLASS

THERMAL SHIELD

Statement - Two temperature senscors on the upper surface of the
descent stage facing the fiberglass covering the upper surface of the
descent stage showed abrupt temperatures rises at abort staging.

Discussion - The temperature measured by GBO4C1T, located on the
+7 deck, increased from 75° to 200° F in 0.1 second at staging. The
temperature then dropped to 1L0° F in 0.1 second. The temperature
measured by GB 0L0O2T rose from 60° to 110° F in 0.1 second. The
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temperasture measured by GBO4O3T remained at 68° F throughout this period.
These three sensors were attached to the outboard face of the tank bay
upper aluminum decks facing the fiberglass cover. The fast temperature
response recorded by sensors GBOLO1T and GBOLO2T was indicative of ascent
engine exhaust gas ilmpingement on the sensors. The fiberglass shield

was 0.080-inch thick at the center and reduced to 0.050 around the
periphery of the shield.

Conclusion - One possible explanation for the abrupt rise in these
temperatures would be for a break or cpening to exist in the fiberglass
shield. A further investigation of this anomaly is in progress at the
time of report publication.

12.8 INSTRUMENTATION DISCREPANCIES

12.8.1 Adapter Panel Deployment

Statement - No adapter panel deployment indlcation was received
from the event monitor.

Discussion - The adapter panel deployment event was transmitted
through the Saturn instrument unit with other adapter data. Indications
were received from the relays which fire the pyrotechnics to separate
the four panels. However, no indication was received from the four
series—connected limit switches which monitor the physical deployment.
The instrumentation was checked several times at the launch site and
operated satisfactorily. The panel deploy indication instrumentation
was flown for the first time on this flight. The system is not used on
manned flights.

Other measurements show that the spacecraft separated from the
S-IVB stage without any abnormal disturbances, indicating that the panels
were, in fact, deployed.

Conclusion - A number of causes could explain the lack of deploy
indication; no exact cause can be isoclated.

12.8.2 BSeparation Distance Monitors

Statement - The four separaticn distance monitors did not function
during abort staging.
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Discussion - The separation distance sensors mounted on the ascent
stage, measured up to 4 feet of distance between the ascent and descent
stages.

Conclusion - A number of factors could explain the lack of separa-
tion distance indication; no cause can be isolated.

12.8.3 Pressure and Temperature Sensors

Statement - During the abort staging sequence, one of the two de-
scent engine blast deflector temperature measurements and four of the
seven ascent stage bottom surface temperature measurements failed. This
is discussed in further detail in section 6.2. Six interstage pressure
measurements did not show any detectable pressure increase.

Discussion - All five thermocoupies were spot-welded to the skins.
This method of attachment, required for high thermal response, makes the
thermocouples susceptible to detachment caused by vibration, panel flex-
ure, temperature conditions, or accidental Jarring of the thermocouple
wires.

Six of the 26 interstage pressure measurements showed no detectable
increase in pressure at staging. Five of the six had been monitored on
telemetry during the launch phase, and all five showed proper response
to the change in static pressure. There were no compenents ccmmon to

the six measurements.

Conclusion - A number cof causes could explain the lack of pressure
and temperature indications; however, no exact cause can be isclated.

12.8.4 Vibration Measurement

Statement - The rendezvous radar antenna vibration measurement lo-
cated on structure adjacent to the rendezvous radar antenna operated
intermittently during engine firings.

Conclusion - The characteristics of the data indicate an intermit-
tent failure in the transducer signal wires.
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13.0 VEHICLE AND SYSTEMS DESCRIPTION

The space vehicle (fig. 13.0-1) for the Apollo 5 mission consisted
of an Apcllo lunar module (IM-1), a spacecraft/lunar module adapter

(SLA 7)., a nose cone, and a Saturn S-IB launch vehicle {AS-204). The
combined space vehicle was approximately 181 feet long.
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Figure 13,0-1.- Apollo 5 space vehicle,
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13.1 COMMAKD AND SERVICE MODULES

(This section is not applicable.)
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13.2 LUNAR MODULE

The lunar module (IM) is designed to land two men on the lunar sur-
face and return them toc a lunar orbit where the LM will rendezvous and
dock with the command and service modules. The IM i1s composed of the
ascent stage and the descent stage (figs. 13.2-1 and 13.2-2). The first
flight configuration lunar module (LM-1) was flown on the Apollo 5 mis-
sion. IM-1 was significantly different from subsequent lunar modules.
Many of the differences resulted from the Apcllo 5 mission being an un-
manned flight. The following systems were aboard the LM-1 and were op-
erational for this mission:

a. Fnvirommental control (partial)

b. Electrical power

¢. Reaction control

d. Ascent propulsion

e. Communications

f. Operational instrumentation

g. Development flight instrumentation

h., Primary guidance, navigation, and control

i. Stabilization and control

J. Pyrotechnics

k. Controls and displays (partial)

1. Descent propulsion

The following significant eguipment was added to LM-1 for the
Apollo 5 mission:

a. LM mission programmer
b. Development flight instrumentation telemetry

¢. C-band traﬂsponder



d.

=

13-5

Two freon boilers

Scimitar antenna

The following were inoperative on ILM-1:

=

Oxygen supply and cabin pressure control section of the environ-

mental control system

.
system

C.

a.

Atmosphere revitalization secticn of the environmental control

Secondary coolant lcop of the heat transport section
VHF inflight antennas

S-band steerable antenna

Rendezvous radar antenna

Landing radar antenna

8-band omnidirectional antenna (+%7 axis only)
Selected cabin displays

Alignment optical telescope.

following equipment was deleted from LM-1:
Landing point designator

VHF transceivers

Landing gear

Crew provisions

Tracking lights

Abort guidance system

Rendezvous radar electrenics

Landing radar electronics

Two attitude controller assenblies
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J. Two thrust translation controller assemblies
k. Descent stage oxygen tank
1. Windows (replaced with aluminum plates).

The significant differences listed in the previous paragraphs are
discussed in more detail under the applicable system description in this
section.

13.2.1 Structures

The mass properties of IM-1 at earth launch and at separation of
the ascent and descent stages are listed in section 13.5. The overall
[M dimensions are shown in figure 13.2-3.

Ascent stage.- The ascent stage structure (figs. 13.2-4 through
13.2.6) consisted of a crew compartment, midsection, aft equipment bay,
tanks, and equipment mountings. The primary and secondary structures
did not include changes for weight reduction but otherwise was identical
to the basic LM design.

Crew compartment: The crew compartment structural shell was cylin-
drical and of semimonocoque construction, composed of aluminum alloy
chem-milled skins and machined longerons. The shell was supported by
formed Z sheet metal rings riveted to the structural skin, forming a
structure 92 inches in diameter.

The front face assembly (fig. 13.2-4) incorporated openings in the
structure for two triangular windows and the egress/ingress hatch. The
IM-1 windows were replaced with aluminum plates. Two structural beams
extending up the forward side of the front face assembly supported the
structural loads applied to the cabkin and were attached to additional
beam structure extending across the top of the cylindrical crew compart-
ment.

Midsection: The midsecticn structure consisted of a ring-stiffened
gsemimonocogue shell of construction similar to that of the crew compart-
ment.

The lower deck of the midsection at station +X233.500 provided the
structural support for the ascent engine. The upper deck at station
+X294.6L3 provided the structural support for the docking tunnel and
docking hatch.

The ascent engine propellant storage tanks were attached to the
+7227 and =227 bulkheads.
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Two canted beam assemblies secured to the bottom of the lower deck
and to the +7227 and -Z27 bulkheads formed the ascent engine compartment.
The engine support members were bolted to the lower deck.

Aft equipment bay: The main supporting structure of the aft equip-
ment bay (fig. 13.2-6) consisted of tubular truss members fastened to
the -Z27 bulkhead. The vertical box beams of the equipment rack assembly
contained integral coldplates for cooling electronic equipment.

Thermal shield support: The aluminized Mylar thermal blankets,
formed into various sizes and shapes, were secured to standoffs on the
outer surface of the structure. 1In the midsection and aft equipment bay
areas where the thermal shield could not be attached directly to the pri-
mary structure, an aluminum tubular framework was installed. The thermal
shield was attached to this framework by standoffs similar to those in
the crew compartment.

The base heat shield protected the entire bottom of the ascent stage
from the staging pressures and temperatures.

Descent stage.- The descent stage primary structure (figs. 13.2-T
and 13.2-8) was constructed of aluminum alloy, chem-milled webs, extruded
and milled stiffeners, and capstrips. The main structures consisted of
two pairs of parallel beams arranged in a cruciform, with structural
upper and lower decks. The ends of the beams were closed off by bulk-
heads. The outrigger truss assemblies, consisting of aluminum alloy tub-
ing, were attached at the ends of each pair of beams.

The five compartments formed by the descent stage main beam assem-
blies housed the major components of the descent propulsicn system. The
center compartment housed the descent engine, and compartments in the
X and Y beam housed the oxidizer and the fuel tanks, respectively.

13.2.2 Thermal Control

Thermal control was provided by a passive system consisting of pro-
pellants, structures, insulation, and thermal control coatings. Thermal
control of the electronic equipment was provided by coldplates, which
were part of the environmental control system.

The large thermal mass of the propellants and structures was en-
closed by multilayer radiation superinsulation to reduce the heat loss
to the space enviromment. This superinsulation was basically a composite
of 25 layers of 0.15-mil sluminized Mylar sheets encapsulated with 0.5-
mil aluminized Kapton (H-film) sheets. A maximum of up to thirteen
layers of 0.5-mil aluminized Kapton was added to the 25-layer superinsu-
lation depending on the applicable heating rates in areas exposed to
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impingement by the control engine plume. Thermal shielding was located
outboard from the insulatlon on both stages and provided protection from
micrometeoroids and additicnal protection from control engine plume
impingement.

The ascent stage thermal shielding consisted of aluminum panels
varying in thickness from 0.004 to 0.032 inch, depending on the calcu-
lated local heating rates for impingement. The descent stage thermal
shielding consisted of localized panels made up of alternate layers of
nickel foil and Inconel mesh (separator) and an outer sheet of 1.25-mil
Inconel all external to the basic 25 layer blanket and 0.5-mil aluminized
Kapton layers. These panels provided a high-temperature radiative bar-
rier, whereas the aluminum panels on the ascent stage absorbed the heat
for maximum engine firing conditions. Thermal control coatings were
painted on the exterior of the thermal shielding and on externally ex-
posed structure to maintain vehicle temperatures.

Thermal protection was also provided on the exterior bottom side
of the ascent stage and the upper exterior surface of the descent stage
for protection from ascent engine firing during stage separation. This
protection consisted of the 25~layer radiation superinsulation and sev-
eral outboard layers of 0.5-mil aluminized Kapton plus one outer layer
of 5-mil aluminized Kapton.

The base heat shield thermally insulated the bottom of the descent
stage from engine plume radiation., This insulation was a composite of
alternate layers of nickel foil and Fiberfrax.

13.2.3 Pyrotechnics

The components of the pyrotechnic system and their locations are
shown in figure 13.2-9. The two independent systems, A and B, were
mutually redundant. HEach system consisted of the following:

a. Four explosive bolts and four explosive nuts to separate the
ascent from the descent stage

b. Three circuit interrupters for deadfacing electrical circuits
prior to staging

¢. An umbilical guillotine for severing the ascent/descent stage
umbilical

d. Thirteen fully redundant pyrotechnic valves for pressurizing
the ascent, descent, and reaction control propellants. The control power
for the A system was from the Commander's bus and the B system was con-
nected to System Engineer's bus. Firing power for the pyrotechnic de-
vices was supplied by a separate pyrotechnic battery for each system.
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13.2.4 FElectrical Power
The electrical power system consisted of the following units:
a. Four silver-zinc primary descent batteries (LOO amp-hr, 28 V dc)
b. Two silver-zinc primary ascent batteries (300 amp-hr, 28 V dc)
c. Two descent electrical control assemblies
d. Two ascent electrical control assemblies
e, Relay Jjunction box
f. Deadface relay
g. Control panel
h. Two circuit breaker panels
i. Two 115 V, 400 Hz inverters, 350 V-amps.

The basic ac power distribution system is shown in figure 13.2-10C.
The basic de power distribution system is shown in figure 13.2-11.

Descent batteries.- Four descent batteries supplied power to the
IM de buses. The initially high voltage characteristics of a fully
charged battery required a tap at the output of 17 cells and a tap at
the ocutput of 20 cells to maintain the bus voltage within specification
limits, depending on the discharge state of the batteries. Iach IM-1
descent battery was pre-discharged 50 amp-hr in order to utilize the
high voltage tap without the danger of excessive voltages.

Ascent batteries.- Two ascent batteries supplied power to the de
buses, after they were sequenced ON at staging.

Descent electrical control assembly.- The two descent electrical
control assemblies provided electrical protection and control of descent
batteries. A current-sensing system within the control assemblies would
have automatically disconnected a descent battery in the event of an over-
current between 200 and 2000 amperes. An indication of reverse current
between & and 10 amperes also would have been provided by the current
sensing devices through pulse code modulation data.

Control circuits within the electrical control assembly normally
would provide a selection of either the 20-cell or 17-cell taps of each
descent battery to the distribution system. For LM-1 beth the high and
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low voltage-select contacts were tied together and connected to only the
high-voltage battery tap. Instrumentaticn for measuring battery current
and voltages was included in the descent electrical control assemblies.

Ascent electrical control assembly.- Two ascent electrical control
assemblies provided electrical protection and control of each ascent
battery identical to those described for the descent electrical control
assemblies. In addition, two contactors allowed selection of each bat-
tery to feed either or both of the dc buses. With the batteries selected
in the normal position (see control assemblies 3 and 4 on figure 13.2-11)
overcurrent protection would be provided. In figure 13.2-11, battery S
is shown commanded to the backup position.

Relay Jjunction box.- External/internal power control was located
within the relay junction box. This junction box (in conjunction with
the deadface relay) deadfaced the main power cables between the ascent
and descent stages, as shown in figure 13.2-11.

The launch umbilical tower latching relay, which was controlled
from the ground support eguipment, connected ground power to the LM elec-
trical loads when the lunsr module batteries were not in use.

DC buses.- The two dc buses (Commander's and Systems Engineer's)
were connected electrically by the crosstie wire system, through the
crosstie circuit breakers (fig. 13.2-11)}. The five circuit oreakers
which were slugged, are as follows:

UCBLT
LcB18
Battery feed tie
LeB2s
Leop26
LCB1T9 IM mission programmer

AC power.- The 400-Hz 117 V ac power was supplied from one of two
solid-state inverters (fig. 13.2-10). Both inverters were supplied with
dc power through the mission programmer from the Commander's bus.

13.2.5 Instrumentation

Operational instrumentation.- The operationai instrumentation system
(fig. 13.2-12) consisted of sensors, a signal conditioning electronics
assembly, a caution and warning electronics assembly, and a pulse code
modulation and timing electronics assembly.
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Electrical output signals from some instrumentation sensors were
conditicned to the proper voltage and impedance levels within the signal
conditiconing electronics assembly. Other signals which were precondi-
tioned and were not processed by the signal conditioning electronics
assembly, together with event information in the form of bi-level inputs,
were routed to the pulse code modulation and timing electronics assembly.
Signals from critical parameters were also routed to the logic elements
of the caution and warning electronics assembly, which in turn controlled
displays and warning lights.

The pulse code modulation and timing electronics assembly sampled
the inceoming analog and bi-level information according to a pre-programmed
matrix., The individual sampling rates were determined by the frequency
response of the parameter being measured and intelligence desired. The
analog to digital converter translated the signal voltages into eight-
bit words which gave a resolution of one part in 254. Bi-level inputs
such as an "on" and an "off" event were converted to a bit state (one or
zero) in the digital multiplexer secticon of the pulse code modulation
and timing electronics assembly. Eight events can be represented in an
eight-bit word.

Each frame contained 128 eight-bit words and 50 frames of pulse code
modulation data were transmitted per second. Synchronization and timing
signals to other spacecraft systems and a serial time code for mission
elapsed time was also generated within the pulse code modulation and
timing electronics assembly.

The words representing the converted analog signals, event functicns,
and time were stored in the output registers and were read-out serially
into the bit stream. This bit stream modulated both S-band and VHF telem-
etry transmitters providing the measurement link to the ground staticns.

The design of the IM-1 operational instrumentation was similar to
the design of the system for the manned vehicles. TIf the caution and
warning assembly monitoring the control engines sensed an electrically
failed "cn," the system would have autcmatically isolated propellants
going to the failed control engine and a second control engine which ob-
tained its propellants from the same propellant lines. On a manned ve-
hicle, the caution and warning system would merely illuminate a light in
the cabin and the flight crew would be required to take corrective action.
The caution and warning system also provided discrete status information
for failures within the control electronics system. The data storage
electronics assembly {voice recorder) was not installed on ILM-1.

Development flight instrumentation.- The development flight instru-
mentation supplemented the operational instrumentatlion in certain areas
for validating systems design. The basic components and their operational
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relationships are shown in figures 13.2-13, 13.2-1k4, and 13.2-15. A
list of all measurements is contained in table 13.2-1.

Six development flight instrumentation measurements were commutated
intc the operational pulse code modulation system. Eight operational
measurements were transmitted both by the FM/FM link and the operational
pulse code modulation.

Three mission measurement periods existed: from lift-off to LM/
S-TVB separation, from LM/S-TVB separation to ascent/descent stage sepa-
ration, and from stage separation to end of mission. A different set of
measurements was activated during these periods by means of automatic
inflight switching.

The FM composite outputs from modulation packages were routed to
10-watt VHF FM transmitters as shown. A fifth VHF transmitter was used
to transmit the operational pulse code modulation signals simultaneously
with pulse code modulation signals on S-band. The RF transmitter outputs
were routed to the UHF/VHF scimitar antenna (fig. 13.2-14). Launch phase
measurement signals were transmitted through two scimitar antennas
mounted on the adapter. At LM/S-TVB stage separation, the signals were
switched to the LM-mounted scimitar antennas.

Two parallel C-band transponders allowed real-time measurements of
vehicle azimuth, elevation, and slant range to be made by ground radar
stations. A dual pulse-code interrogation signal (5690 MHz) from ground
radar triggered a single-pulse reply (5765 MHz) from the 500-watt trans-—
ponder. Each transponder drove two cavity-backed helix antennas through
g power divider. The interrogation signal was also received by these
antennas and was isolated from the transmitter by means of a ferromagnetic
diplexer located within the transponder.

13.2.6 Communications

Radio frequency communications were provided between IM-1 and the
Manned Space Flight Network by the IM communication system, the develop-
ment flight instrumentation, and the UHF command receiver system.

The development flight instrumentation, described in section 13.2.5,
consisted of instrumentation equipment, VHF transmission equipment, and
C-band tracking equipment. This system provided prime tracking data and
the flight qualification data required for lunar mission preparation.

The UHF command system received signals in a modulated serial digital
format for ground control of selected systems. The receiver, or digital
command assembly, was part of the lunar module mission programmer and
is described in section 13.2.7.
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The communications system included all S-band and signal processing
equipment necessary to verify compatibility with the network stations
with respect to tracking and ranging data, RF uplink (with simulated up-
volce and up—data), and the transmission of PCM data.

Tracking and ranging.- The S-band transponder, providing a ranging
and tracking backup to the C-band system, received coded pseudo-random-
noise signals from the network stations in the selected phase-locked-loop
recelver. These gignals were routed to the selected pulse modulation
transmitter for in-phase-coherence retransmission back to the stations.
The retransmitted signal received by the stations was compared with the
originally transmitted signal, and range was determined by the time re-
quired for the signal to travel from the stations tc the lunar module and
return., Once the range had been established accurately by the pseudo-
randcm-noise code, the code was discontinued and the range was updated
continually by a technique employing the Doppler frequency shift caused
by lunar module velocity rates. The phase-locked-lcop in the lunar mod-
ule receiver insured the accuracy of the Doppler tracking signal by com-
paring the phase of the received signal with the phase of a local oscil-
lator and then altering the local oscillator frequency to bring it in
phase with the received signal.

RF uplinks.- The S-band up-voice function was simulated by modula-
ting the 30-kHz subcarrier with a 1l-kHz tone. The uplink data function,
planned for use on IM-U and subsequent vehicles, was simulated by an un-
modulated TO0-kHz subcarrier. The uplink signals were transmitted by the
network stations to the lunar module, turned around in the ranging chan-
nel, and modulated onto the downlink S-band carrier transmitted from the
lunar module to the station.

Pulse code modulation data.- Operational pulse code modulation te-
lemetry data were transmitted to the network stations through both the
S-band and development flight instrumentation communicaticns, with the
development flight instrumentation being the prime mode (see sec-
tion 13.2.5).

Major component functional description.- The following communica-
tions equipment is shown in figure 13.2-16:

a. RF electronic equipment (S-band transponder and power amplifier)
b. Signal processing equipment

c. Antenna equipment.

The S-band transponder assembly consisted of two identical phase-

locked receivers, two phase modulators with drivers and multiplier chains,
and a frequency modulator. The nominal power output was 0.75 watt. The
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operating frequencies of the S-band equipment were 2282.5 MHz (transmit)
and 2101.8 MHz {receive). A power amplifier increased the S-band trans-
mitted output to 14.8 watts. The amplifier consisted of a primary and
secondary amplitron with associated power supplies and an input and an
output isolator.

The circuit breaker for the primary power amplifier power supply re-
mained open during the LM-1 mission., This provided a low-power primary
mode and a high-power secondary mode. During the pertion of the mission
when the primary mode was selected, the power amplifier was used in the
feed-through mode, resulting in an insertion loss of 3.2 dB, maximum.
When the secondary system was selected, 28 V de was supplied to the sec-
ondary power supply. The transmitter cutput was supplied to the power
amplifier input and was amplified through the secondary power amplifier.
The diplexer, connected directly to the output of the power amplifier,
permitted duplex transmission and reception using one antenna.

Signal processor assembly: The signal processor assembly was the
common acquisition and distribution point for all data received and trans-
mitted by the communications system. The signal processor assembly con-
gisted of an audio center at each flight crew member position and a pre-
modulation processor. The premodulation processor accepted pulse code
modulation data and timing from the instrumentation system and provided
proper signal modulation, mixing, and switching to insure signal proces-
sing in accordance with the selected mode of operation.

The data were routed to a bi-phase-modulator where the phase of the
telemetry subcarrier frequency was controlled. Each logic-level change
of the pulse code modulation data changed the bi-phase-modulator ocutput
by 180 degrees. The bi-phase-modulator output was supplied to the mixing
network where it was combined with other signals processed in the pre-
modulation processor.

Two 512-kHz clock signals were provided by the instrumentation sys-—
tem to the communication system. The 1.024-MHz telemetry subcarrier was
generated from a 512-kHz square wave (reference signal) from the PCM
secticn of the pulse code modulation timing electronics assembly. This
512-kHz square wave was routed to a frequency doubler with a 1.024-MHz
sine wave output, phase-referenced to the pulse code modulation non-
return-to-~zero data which modulated the 1.024-MHz subcarrier. The bi-
phase-modulator output reflected the change in logic-level by a 180~degree
change in subcarrier phase. The modulated subcarrier was routed through
a 1.02L-MHz band-pass filter to the mixing network.

Antenna equipment: The communications system antenna equipment con~
sisted of two S-band inflight antennas, an S~band steerable antenna, and
two VHF inflight antennas.
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The S-band inflight antennas were omnidirectional, one located on
the forward section and one located on the aft section of the LM. The
antennas were right-hand circularly polarized radiators that collectively
covered 90 percent of the sphere with a gain of -3 dB at the nominral
S-band frequencies. The aft inflight antenna was used during the mis-
sion.

The S-band steerable antenna was a 26-inch diameter parabolic re-
flector with a point scurce feed consisting of a pair of cross-sleeved
dipoles over a ground plane. This antenna was installed but not used
for IM-1.

The VHF inflight antennas were not used on IM-1.

13.2.7 Guidance and Control

The guidance and control system provided attitude control, guidance,
and navigation capabilities for the lunar module. The system consisted
of the following:

a. Primary guidance, navigation, and control system
b. Stabilization and ccntrol system
¢, Lunar module mission programmer

Two means of spacecraft control were provided (fig. 13.2-17): a
primary guildance and control path, which provided attitude control, and
a backup path, which provided angular rate control. The primary path
used the sensing and computing components of the primary guidance system
with the control electronics section of the stabilization and control
system and the mission programmer. The backup control path comprised the
stabilization and control system and the mission programmer. The backup
path was to be used in the event the mission could not be completed using
the primary guidance system. The mission control capability of the back-
up path consisted of fixed sequences of system function ccmmands pre-
stored on tape.

Primary guidance, navigation, and control system.- The primary guid-
ance system consisted of an inertial system and a computer. When used
in conjunction with certain other systems, the primary guidance system
could perform the following functions:

a. Establish an inertial reference

b. Provide prelaunch alignment of the inertial measurement unit by
a computer-controlled gyrocompassing program
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c. Provide a means of calculating pesition and velocity of the
spacecraft

d. Generate and issue attitude control and thrust commands to main-
tain the spacecraft on a satisfactory trajectory.

The inertial system consisted of the following components:
a. Inertial measurement unit

b. Pulse torque assembly

¢. Electronic coupling data unit

d. Power servo assembly

Three pulse-integrating pendulous accelercmeters were mounted on
the stable member along orthogonasl axes. Prior to launch, the stable
member was aligned in azimuth by means of a gyrocompassing routine and
in a desired orientation with respect to launch accelerations. The sta-
ble member was fixed with respect to inertial space at launch. During
the mission a change in the spacecraft position about the sgtable member
was sensed by resolvers mounted on the gimbal axes. These angular meas-
urements (gimbal angles) were transmitted to the guidance computer where
they were compared with the desired spacecraft attitude. Attitude error
signals generated by comparing actual attitude to desired attitude were
transmitted to the attitude and translation control assembly for attitude
corrections. The logic in this assembly determined attitude correction
required by the control engines of the descent engine gimbal assembly as
appropriate for the flight phase. Acceleration of the spacecraft was
sensed by the accelerometers which supplied incremental velocity pulses
to the computer.

The computer was used for primary guidance, navigation, and control
system data processing and computations and performed the following major
functions: '

a. Oalculated steering signals and generated engine on-off and
throttling commands, descent engine gimballing commands, and control
engine jet commands to control spacecraft attitude and maintaln a re-
quired trajectory

L. Positioned the stable member in the inertial measurement unit
to a coordinate system defined by internal computer programs for launch
and maintained this attitude reference during flight

¢. Served as a primary guidance failure detection monitor and as
z status and performance monitor for critical systems.
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To accomplish these functions the computer accepted as major inputs:

a. Inertial measurement unit gimbal angle increments from the elec-
tronic coupling data unit

-b. Velocity increments from the accelerometers
c. Vehicle status from the control electronics system
d. Real-time commands from the digital command assembly.

Stabilization and control system.- The stabilization and control
system consisted of the following assemblies of the control electronics
section:

a. Attitude and translation control assembly
b. Descent engine control assembly

c. Rate gyro assembly

d. Gimbal drive actuators

The control electronics section was designed to use the 16 reaction
control engines to control the vehicle about all vehicle axes. The con-
trol electronics section could operate in both the primary guidance
control path and the backup control path. When operating in the primary
guidance path, the control electronics logic jmplemented the control
signals originating from the guidance computer as follows:

a. Converted control engine commands to the required electrical
power to operate the control engine sclencid valves

b. Converted on-off commands to the descent engine gimbal drive
actuator to required electrical power

c. Routed on-off commands to the descent engine
d. Routed throttle commands to the descent engine.
The rate gyro assembly measured the spacecraft rates. When operating

in the backup control path, the control electronics section provided
rate damping for wvehicle stabilization.
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Mission programmer.- The mission programmer executed the functions
normally performed by the flight crew and was composed of the following
components:

a. A program reader assembly which stored a contingency sequence
of commands

b. A digital command assembly that provided the uplink capability
from the ground stations to the guidance computer, the program assembly,
or certain relays in the program coupler assembly

c. The program ccupler assenbly which provided the interface for
commands from the guidance computer, program reader assembly, digital
command assembly, and the lunar module systems

d. A power distribution assembly that provided the 28 V power dis-
tribution and current protection for the mission programmer compeonents.

The mission programmer provided the following capabilities:

a. Open-loop sequencing of system functions upon command from the
guidance computer or digital command assembly

b. A sequence of commands to lunar module systems by the program
reader assembly upon command from the digital command assembly.

The mission programmer had three modes of operation: primary, back-
up, and ground command. In the primary mode, the lunar module system
functions were controlled by the guidance computer; in the backup mode,
by the program reader assembly; and in the ground command mode, by
digital commands from the ground network stations. The ground command
capability could also be used during the primary mcde of operation to
provide the data inputs to the guidance computer to initiate system
functions. The capability to select alternate sequences during the
backup mode was also provided by the ground command capability.

13.2.8 Reaction Control

The reaction control system (fig. 13.2-18) was composed of two
parallel, independent systems, A system and B system. Each system con-
tained identical components with the associated valves and plumbing nec-
essary to deliver and control the propellants to the control engines.
Normally both systems were operated together. The arrangement of the
engines was such that rotaticnal control in all axes was provided when
the systems were isolated.
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A1l helium pressurization components, propellant tanks, main shut-
off valves, and propellant-servicing quick-disconnect couplings were
arranged into an independent module for each system. Sixteen identical
engine assemblies, arranged in clusters of four, were mounted on four
outriggers equally spaced around the ascent stage.

When a system was activated, squib-actuated isolation valves were
opened and allowed high pressure helium from the helium tank to pres-
surize the propellant tanks. The A system and the B system each con-
tgined an oxidizer tank with 206-pound capacity, and a fuel tank with
103-pound capacity. The propellants used were nitrogen tetroxide {oxi-
dizer) and Aerozine 50 (fuel). '

Normally open solenoid propellant main valves, located just down-
stream of the propellant tanks in each system, were capable of isolating
the tanks of either system in case of an upstream malfunction or deple-
tion of propellants. These valves were operated in pairs {fuel and oxi-
dizer) for each system by prime commands from the guidance computer,
commands from the mission programmer, or real-time commands from the
ground.

Normally closed solenoid valves, in a crossfeed arrangement, allowed
the fuel and oxidizer manifolds of the A system to be interconnected with
the respective manifolds of the B system. In addition, normally closed
valves interconnected the respective fuel and oxidizer manifolds of the
ascent propellant system with the reaction control system propellant
manifolds. These valves normally would be opened to supply the ascent
stage propellants to the reaction control manifolds during ascent engine
firing. The control engine feed lines contained isolation valves which
could isolate the propellants from a malfunctioning control engine.

The 100-pound thrust engines were radiation cocled. The cluster
assembly and the cluster support struts were covered by a thermal shield
to meintain passive temperature control for the propellant lines. Two
redundant resistance wire heaters were attached to each engine to main-
tain engine temperatures within the safe operating range.

13.2.9 Descent Propulsion

The descent propulsion system (fig. 13.2-19) consisted of a liquid-
propellant rocket engine, two fuel tanks, two oxidizer tanks, and the '
associated propellant pressurizstion and feed components. The engine was
throttleable between thrust levels of 1050 and 10 500 pounds. The engine
was mounted in the center compartment of the descent stage through a gim-
bal ring arrangement which allowed gimballing within +6 degrees to pro-
vide trim in pitch and roll.
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The propellant tanks were pressurized by helium stored supercriti-
cally in a cryogenic vessel. Squib valves iscolated the supercritical
helium supply until the initial engine start. After activation of the
valves, the supercritical helium passed through the first loop of a two-
pass fuel/helium heat exchanger located in the engine fuel feed line.
The warmed helium was routed back through a hest exchanger inside the
cryogenic vessel where heat was transferred to the supercritical helium
remaining in the vessel, thereby maintaining the pressure. The helium
was then routed through the second loop of the fuel/helium heat exchanger
before passing to a regulator which reduced the pressure to a suitable
level, approximately 235 psi, for introducing into the tanks.

A second squib valve was fired 1.3 seconds after engine start. This
delay provided time for the fuel to circulate through the heat exchangers
and prevent fuel freezing by establishing fuel flow prior to helium flow.
A pressure relief valve in each helium supply line prevented tank over-
pressurization; a burst disk upstream of each relief valve prevented
helium leakage during normal operation. Each pair of oxidizer tanks and
each pair of fuel tanks was manifolded into a common discharge line.
Total propellant capacity was 17 800 pounds. The propellant tanks were
interconnected by a double crossfeed piping arrangement (fig. 13.2-19)
to maintain positive pressure balance across the helium and the propel-
lant portions of the tanks. A capacitance-type quantity gaging system
provided propellant quantity information during thrusting.

The descent engine (fig. 13.2-19) used hypergolic propellants con-
sisting of a 50-50 fuel mixture of hydrazine (NZHH) and unsymmetrical
dimethylhydrazine (UDMH), with nitrogen tetroxide (N,04) as the oxidizer.
Engine controls, mounted integral to the injector end, included a gimbal
ring, a variable-area injector, flow control and shutoff valves, and a
throttle actuator. The thrust chamber consisted of a composite ablative-
cooled nozzle (area ration 16:1) and a crushable radiation-cocled nozzle
extension (area ratio 49:1). The ablative components were encased in a
titanium shell and jacketed in a stainless-steel-foil/glass-wcol-composite
thermal blanket. :

The fuel and oxidizer were piped directly into the flow control
valves and then into a series-parallel ball valve assembly controlled by
four actuators. After engine start had energized the solenoid operated
pilot valves, fuel was introduced into the wvalve actuatcrs and caused the
ball valves to open, allowing propellant flow to the injector. For en-
gine shutdown, the solencid-operated pilot valves were de-energized, the
spring-loaded actuators closed the ball valves, and residual fuel from
the actuator cavities was vented overboard.
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The mechanical throttling scheme utilized variable-area, cavitating-
venturi, flow-control valves mechanically linked to a variable-area in-
Jector as shown in figure 13.2-19. This scheme permitted separation of
the propellant flow contrcol and prcpellant injection functions so that
each could be optimized without compromising the other. Two separate
flow-control valves metered the fuel and oxidizer simultaneously. The
throttling was contrelled by an electrical linear servo actuator powered
by three redundant dc motors. Throttling between 10 and 60 percent was
achieved through hydraulic deccupling; movement of the pintle would re-
duce the venturi exit pressure to the vapor pressure of the propellant,
inducing cavitation. The valves then functioned as cavitating venturis,
and downstream pressure fluctuations did not affect the flowrates.

The injector consisted of a faceplate and fuel manifold assembly
with a coaxlial feed tube and a movable metering sleeve. Oxidizer entered
through the center tube and exited between a fixed pintle and the bottom
edge of the sleeve. TFuel was introduced into an outer race, and the fuel
aperture was an annular copening between the side contour and the injector
face. As the metering sleeve moved, both propellant apertures changed in
area and maintained close-to-optimum injection conditions at any thrust
level.

13.2.10 Ascent Propulsion

The ascent propulsion system (fig. 13.2-20) consisted of a restart-
able pressure-fed liguid propellant rccket engine and a propellant and
pressurization storage system. The ascent engine was fixed-mounted and
developed a constant thrust of 3500 pcunds. The engine used hypergolic
propellants consisting of a 50-50 fuel mixture of hydrazine (N,Hy) and
unsymmetrical dimethylhydrazine (UDMH), with nitrogen tetroxide (N,0y)
as the oxidizer. Figure 13.2-20 shows the primary engine components
that controlled propellant flow to the engine which consisted of an in-
Jector, twe trim orifices, four electromechanical flow control actuators,
and eight propellant shutcff valves. The valve package assembly, similar
to the descent, consisted of eight shutoff valves, which were series-
parallel redundant, in both the fuel and oxidizer feed lines. Each fuel-
oxidizer palr was simultaneously opened or closed on a common crankshaft
by a hydraulic actuator that used fuel as the actuating medium.

The e¢ngine consisted of a structural shell with mounts and ablative
material in the thrust chamber and in the nozzle extension for cooling.
The ablative material for the combustion chamber and nozzle throat., to
the region where the expansion ratic was 4.67, was a refrasil phenolic
backed with an insulator of asbestos phenclic. The nozzle utilized as-
bestos phenolic for ablative material for the extension from the regions
of expansion ratio of 4.6 to 45.6. The combustion chamber and nozzle
extension were bonded together and wrapped with fiberglass for structural
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suppert. The combustion chamber and throat were encased in an aluminum
allcy casing, which served primarily as a mounting surface for engine
components.

The injector assembly consisted of propellant inlet lines, a fuel
torus manifeold, an oxidizer manifold, and an injector orifice plate assem-
bly. The injector assembly was a fixed orifice type with a baffle for
damping any induced combustion disturbances. The injector assembly face
was divided into three combustion zones: +the primary, the barrier, and
the baffle. The primary zone employed impinging triplets (two fuel and
one oxidizer) which were spaced in concentriec radial rings on the injec-
tor assembly face. The barrier zone utilized fuel-on-oxidizer impinging
doublets, which operated off-ratio (fuel-rich) to provide a barrier of
low-temperature gases near the ablative chamber wall. The baffle zone
(1.25 inches downstream from the injector face) utilized impinging doub-
lets (fuel-on-oxidizer) placed in radial position relative to the injec-
tor face.

There were two titanium storage tanks for the ascent engine, one for
oxidizer and one for fuel. The tanks were spherical and had a combined
capacity of approximately 5000 pounds of propellant. Fach tank was
equipped with a helium diffuser at the inlet to provide even pressuriza-
tion at the helium/propellant interface. A series of vanes were arranged
at the tank outlet of each tank. These devices allowed unrestricted pro-
pellant flow from the tank to the engine under normal pressurization but
would not allow reverse flow of propellant from the outlet line back into
the tank under zero g conditions or even at the maximum negative g-load
expected., The propellant tanks did not have a quantity gaging system
but did have low-level sensors to monitor propellant guantities when
propellants were depleted to a level equivalent to approximately 10 sec-—
onds of burn time.

The outflow from each tank was divided into two paths. The mein
path passed through a trim orifice and a filter to the engine shutoff
valve. The other path led to normally closed solenoid valves intercon-
necting the ascent and reaction control propellant systems. Opening
these valves would permit the use of ascent propellants by the control
engines.

The gaseocus helium that was used for pressurization of the propellant
feed system was stored in two tanks alt approximately 3500 psi and ambient
temperature. A normally closed squib valve in the line immediately down-
stream of each storage tank isolated the helium supply until the initial
ascent engine start.
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Each parallel helium flow path contained a filter to trap any debris
resulting from squib valve actuation. After the filter, each helium flow
path contained a normally open latching solenoid valve and two pressure
regulators or reducers. The upstream regulators in each flow path were
set to a slightly lower pressure than the downstream regulators, and the
two series regulators in the primary flow path were set to a slightly
lower pressure than their corresponding regulators in the redundant flow
path. The pressure settings of the four regulators varied from 172 psi
to 194 psi with the primary-path controlling regulator set at approxi-~
mately 18% psi. 1In normal operation, the upstream regulator in the pri-
mary flow path was the controlling element. Downstream of the pressure
reducers, the helium flow paths were manifolded together and then divided
into two separate tank pressurization paths, each having a quadruple
check valve.

13.2-11 Environmental Control

The function of the environmental control system was to provide ac-
tive thermal control for the electrical/electronic components. The major
components consisted of the ascent oxygen tanks, the primary coolant
circuit with heat rejection from one sublimator, water supplied from the
ascent water tanks, and a cabin pressure relief valve (fig. 13.2-22).

During prelaunch, two freon beilers maintained thermal control in
the water/glycol {65 percent water, 35 percent glycol) circuit. In flight,
cooling of the water/glycol was provided by the water sublimator. Three
minutes after launch, the mission programmer commanded a solencid valve
open which initiated water flow to the sublimator. During normal flight
operation, the glycol temperature from the sublimator should range from
32° to L5° F.

The design of the water pressure regulators and ascent oxygen tanks
was modified from the manned configuration. During sublimator operation,
water flowed from both ascent water tanks through the primary wabter pres-—
sure regulators to the sublimator. The redundant water pressure regulator
could have been selected through the mission programmer. The two ascent
oxygen tanks provided a reference of about 4.0 psia to the water pressure
regulators.

The capability to select either of two glycol pumps had been deleted
from the mission programmer, and to preclude loss of cooling in the event
of a single glycol pump failure, both pumps were operating.
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The lunar module cabin was at atmospheric pressure, or sliightly above,
prior to launch. During the launch phase, the cabin pressure relief wvalve
opened and allowed cabin pressure to bleed to 5.6 psia (nominal). After
the relief wvalve closed, the cabin pressure continued to decay as a func-

tion of cabin leak rate.



TABLE 23.2-I.- LM-1 IUSTRUMENTATTOR

Electrieal power subsyster
GCOOTLV  AC bus veizage, V rms
GCOL5S5F  AC bus frequency, Gz
GCO201V  Bactery 1 voltage, V de
GCO232V" Battery 2 voltage, V de
GC0203Y  Battery 3 voltage, V de
3C0204V  Battery 4 voltage, V de
GC0205V  Battery 5 voltage, V dec
GCO206V  Battery 6 voltage, V de
GC0301V  Commander's bus wvoltage, V de
GC0302V System Engineer's bus voltage, V de
GC1201C Battery 1 current, A
601202¢ Battery 2 current, A
GC1203C Battery 3 current, A
GC12D4C  Battery 4 current, A
GC1235C Battery I currenkt, A
012060  Battery 6 currert, A
GCL3GLX  Bavtery 1 aigh tcp, off/an
GCLIE2X  Battery 1 low tap, offfon
GCL363X  Battery 2 aigh tap, off/on
GCh3E4X  Battery 2 low tsp, off/fon
GCH3E5X  Battery 3 2igh tup, off/en
GCh366X  Battery 3 low tap, off/on
GUL3ETX Battery 4 high tap, off/on
GCU368X  Battery b low tap, ofr/en
GLh}E?A Battery 5, Commepder's bus, off/on
3 Battery 3, System neer's bus, off/on
"h372X Battery &, System 3ngineer's bus, off/eon
GCGY61U  Battery 1 malfunction
(99630 Battery 3 malfanction
GC996LU  Battery L malfanction
GU9965U 3Battery 5 malfunction
GCY$65U  Battery & walfunction

Envirormental control system

GFZ021F

GF2041X
GF35TLP
GF3562F
GF3583F
GF3591F
GF4101P

GF4511T

CFL5LAT
GFI582Q
GF4583G
CF999TC
CF99980

Primary glycol pump differsntial
pressure, psid

Low glycol level

Cabin pressure, psia

Ascent oxygen tank 1 pressure, psia

Ascent oxygen tank 2 pressure, psia

Upper hsteh relief wvalve pressure, psia

Primary water regulateor differential
pressure, psid

Primary water bo
temperature, °%F

Buit water boiler imlet te-t;‘epat.uz-e, °F

Ascent water tank 1 guartity, /4

Ascent water tank i

Glycol pump pressure, psi

Glyeol temperature, °F

r watar

Guidance and nevigation

GGDAVLX
GGLOUOV
GG1110Y
GG1201Y
GG1331¥
GGLE13Y
61523
662001V
cGa021v
GG2OULY
CG2107V
6621160
GG2112V
GG2113V

6G2122V

GG213TV
4021400
662142V
GG2143V

CG2152V

GG21E7TV
CG2170C
GGRL{2V
GE2173V

GG2181V
G225V

GER2USV
GGR2TIV

FGHCE downlink dsata
130 V de pulse Torque reference, V de
2.% ¥V dc telemetry bias, V &c
MU 28 ¥ ac 830 Hz, V rms
Rate gyro 28 ¥ supply 3.2 kEz, V rms
MU standoy/off
LGC cperate
¥ PIP4 output irn phase, V rms
Y PIPA outpat iz vhase, V rms
Z PIPA output in phase, V rms
Inner girmbel servo error in phase, V rms
Inrer gimbal torgue rotor rent, A
Inner gimdal resolver output sine, V rms
Inner gimoal resolver output

cosine, ¥ rms
Inner girbal 1X resolver sine

expanded, ¥V rms
s gimbal servo error in phase, V rms
Midéle gimbal toraue motor currert, A
Middie gimbsl resolver output sine, V rms
¥idale gimbal resolver autput

cosine, V rms
¥iddle gimbal LlX resolver sine

erpanded, V rms

Cuter gimbal servo error in phase, ¥ rms
Jutey gimdbal torgue motcr current, &
Outer gimbal resolver output sine, ¥ rms

Juter gimbal resolver output
cosine, ¥ rms

Outer gimpal X resolver sine
exparded, V rms

Pitch attitude errcr, V rms

Taw attitude ercor, V rms

Roll estitude error, V rms

*losding number formats are shown on page 13-29,

{a) Operational T

*1022089-15E+087
10L1069-15E
1019101-15E
1011101-15E
1621101-15
1015101-151
1003037-15H+C1C
1CL0037-155+036
1033069-158+131
1£33101-15H+132
1024101-155+096
1032069-15H+137
10170€5-15H+GET
1013069-15H+071
1018101-18H+(72
1020069-25H+0T9
1035098H15E
1033096515F
10350967158
1035098315
1035098015
1035096C15E
10330963155
10350964158
10330985158
10330$8F158
Z03ICHEELSE
10370523152
10343100F152
103L100E153
10341000152
103b1000182

#L01E069-155+0E3
1004093F
1622201-
10b5i01-18
1041037-15
105C069-153+199

1C37037-253+146

103G069-1504119

¥5101121-233

201055-151
2095-15H+048

13102067 -L5H404T

Z201022-150

5
2102034-15H+0LE
1202056-15H

1201016150
01027 -15H
1201623-151
1103067-158+051

11Ch033-150

1201054-15H0
110LCEB-151
2108100~-15H
1103CH6-15H

Gu,

PLRAMELERS

trurentatior

ange and ravigation - concluded

23007
23017
£0207
3IC1X
CGH002E
GGI0C3E

FIFA terperature, °F
Ratz gyro terperature
PIFA calibravion modale emperaturs, °F
3¢ werning

Inertial sensing system warning

PGRCS warning

izeticn and econtrol

GH1249V
GH1260X
GH1283%
GI1256X
GH1301X
GH13Z1¥
GH1313V
GHL3LLY
GHLZ23X
BH1330X
BH1331Y
SH13M8Y
GHLE13Y
CHIL19Y
BHELE20Y
3HLA21Y
SHLk22v
BHLA23Y
GHLh2LY
SHLN25Y
GHIN2EY
GHIW27Y
GHLA28Y

HLh29Y
Hizh30V
SHLE31Y
GHAL32Y
SHER33Y
SHILA1Y
SH1RG2Y
SH1LERY
SHIE03X
GHLS08X
GH1603X
SH1521X
GH1896X

uLOhJEJ
GLOSC1Y
GLLOZEX
CLLa2TX
GLLOSHY
GLLZ21Y
GLL222%

Ascent propulsion

Throttle out of detent
RCE AUTS on command

RCE AUTS off coumand

APL arm command

tizcn command, V de
end, V de
Pitch error command, V de
Roil error cormand, W dc
APG on

Abort =t..‘ge commanded

2 override

Marmal thrust commana, V deo
2itvch GDA pesition, V ros
Roll 324 posi ion, ¥ rzs

io thrasi ecommand, V 4o
arm (CECA output)

. driver 4 up outpus
driver Gown outpnt
driver forward cutpat
driver side output
driver 3 up outpus
driver 3 dowr oubput
driver eft output

et driver side output
driver up oubput
driver £ down oubput
driver output
side output
up output

SRS MDA R L G e Ll g BT BT

side oubtput
yaw rate, ¥ rus
pitck rate, ¥ g
asserbly rcli rate, V
dbend select

0 control rede

salect
Zanced couples

¥V de
v de

ac power fuilure
de power failure
g power fzilure

czlibration on
L‘”SLl sevaration

300017
00327
32032857

02027
520318X
SPOTIET
GPOS0EX
GPLRLET

P39J ’U

Helium
He ium
Hel ium

pressure, psis
pressure, psia
pressure, nsia
Heliun 1 vempersTurs, S
He_ium > temperaiurs, °F
He ium scl valve 1 closed

1 vemperature, °F

tenperature, °F

> low
Fuel pressurA, naia
Oxi » psia

Thirast chember pressure, psiz
Fropellant valves de’ta positicn

Dezcent oropulsion subsysten
Jt

3Q301682
1303305%

3Q3301X

ile_ium reguluter pressure, nsia
Helium tank 1 closed
He_iuam tank 2 gpened

Frane syncnrcnizaticn gnd identification

1032101-15t+228
Z031069-15H
1029102-154
1032098H155+296
10320936152+195
1032C58F LS54 106

*1037058H15%
1029008H152+19%
10376986152
1047608152
1121065-158
1192083-15H
110lCEE-15H

a1098-15H

510102LH1SE+043
510102LG155+0k3
1037GO3F1SE
1029098615E+193
1035005-15H+137
110h033-15H
1104035-15H

LOEGU9BFLSE+193

1C29098E15E+193

1163036-

104709861 5|:'

2201006815E

DEULUOuEl:E

110L367-15H+055
1047098715
1037398,
10370985
LOZ29D9EILHE+103
103T098CL5E

®5.01001-151+002
2001005-151+C05

10LLICCFISE
104h1GETI5E

*1040037-15H+158

,Tocs_,5n+Lus
10h5537-15H L T8
L20LOHEELSE

10223085~ JHH “+5
LGLLJQﬂ
Lobboug




TABLE 13.2-I1.- LM-1 I[NSTRUMENTATIOX PARAMETERS - Conbinued

{a) Operational Instrumentation - Coneluded

Reaction control subsysthem - coneluded
1iusm pressuce, psia *1002069-15H+00F GREGOST Quad 2 temperature, °F *1022005-15H+085
vark - quantity, 7 1028005-158+109 GROVOLT Quad 1 teuwperature, °F 1023005-15H+089
tank uentity, 102703T-15H+1066 GRO609Y RCS main & closed 1012098F15E+122
. pressure, psia 2025069-15H+095 GRGE10U RCS pain B closed 1013C98E15E+122
tanz 1 ~002005-15K GROG1L1U Ascent feed A open 1013C98D15E+122
1031C3T7-15H GRYGLZU  Ascent fe=d 3 open 10130987153+122
quantizy, & 20L303T-15H+170 CR9612 Crossfeed opsn 1013098B153+122
ntivy, & 1035037-15K+138 GR9G6IU LA isclavion valve ol 104G098H1SE
psia Z005101-151+020 GR9562U  LE izolation walve 105509831 5E
. °F 2091101-15K GR9G63U 3A isolation valve 1048098F15E
temperaturs, °F Z093101-15E CROG5HU 3B iseolation valve = 104309821 5E
) 1038096C15E GROGESU  2A isolation valve . 1043098D15E
1029101-154+08C GROGEEU 2B isglation valve 104809801 5E
4 1050037~ 15H+198 GROEGTU 14 4 valve 1043098315E
2038098T1SE GEYS6EU 1B 1 valve 10453098AL5E
GuThasu 1238098015
Communicaticns subsysten
Reuction centiol subsyater
GU0441K  DCA uplink varify word *5101067-15D
quantity, & *1039101-25H GTIELGV  UEF signal strength, d5m 1001037-15H
% suarfaco GTI5G2E  S-band staie phrasing errcr, deg 1101066-15H
5 1C35069-15H+139 GTISH3E  S-band trarssitter RY power, W 1050101-15H+20C
sliant gquentity, % 1C31191-15H . S-bard receiver signal, V de 1101067-15H
:nk surface
Stabilization and contral (LXE)
1033005-15H+129 GWS151Y  PRA compare *510008CHL5E
1030005--15H+117 GW51537 FRA ¢lock on 110510CHL5E
1036069 -15H+143
G212 e 4 Tuel temperature, 3018037-15H+070 || Pyrotechnic subsystem
GR2122Y 8 fuel tsmperature, °F 1020337 -15H+0T8
fiel menifold pressure, psim 100k069-156+015 GYDJS)X  Abort comuands #101h0gEEL5EX123
3 fael manifold pressure, psia 1004101-15H+018 GYOL1lX Emergency detecticn arm A cn 101L096GI5E+123
er manifolc precsure, psia  1006C6Q-15E+023 GYOLl2X Emergenecy detecti 101LCO8F15E+123
1010203-15E+040 GY0121X Stagirg relsy i I Z014C98E15EF123
Z003C05-15E+009 6Y0122X  Staging veley B f 1014098D158+123
SHBODAT I010005-15H+037
(b) Development Flight Irstrumentation
Structures - eoncluded
*L-EXX-05 GAZODEY Descent stage Leat shield
C-1hx-1¢ temperature 6, °F
C-1h¥-1% GARIDTT Doscent stage
L, °F C-1hx-20 <emperaturs *0-1hX-33
ure 2, °F C-1hx-21 GAZODHT [Descent stage
vity temperaTture 3, °F Cu1h%-23 Lemperatuyre O, £-1L4¥-35
e cevity temperature 4, °F c-1hg-2% GAZJICYT Lescent stage heat snield
L 1 42, klb C-05%/2 teuperature 9, °F C-14X-36
2 44, klo C-06%/2 GA22131  Deseent stage Yeat shield
3 +Z, klv C-09%/L temperature 10, °F C-1i%-38
L +Z, klb C-07%/1 GA25245 Descent engine supp E-15X/1,2
1 -%, klb 3-05%/% GA2681D DPS oxygen tank 1 s & E-11X
2 -Z, klb L-06X/1 GAZG82D DPS oxyge:n ak L . B C=-11X%-03
3 -2, k1o D-07TX/2 GA2583D DUPS oxygen tank 1 vibraticn 2, g D-11X-03
L -7, k1b L-08%/~ GA3ZDC A  X-axis acceleration 1, g C-10X
1 +Y, klp GA3002h X-axis acceleraticnm 2, rad/fsec/sec C=18%
2 +Y, klo GA3DC3A Y. acceleration 1, g D-10¥/2,3
3 +Y, klb GA3A0HA  Y-axis acceleration £, rad/sec/sec D-15%X
Lo+r, klu GA3O0SA Z-axis acceleration 1, g D-06%/2,3
1 -7, klo GA3D0AA Z-axis acceleraticn 2, rai/sec/sec E-14%
strut 2 =Y, klv GA36CID  Aft equipment bay vibration X, g A-02C-01
trut 3 =Y, kld GA3E02D  Aft equipment bay braticn Y, g 4-02C-02
strat 4 -¥, klb GA3E03B Aft equipment bay vibraticn %, g
heut shizld top GA3661D  Tunnel squipment srea vibration 1, g A4-03C-01
£ , °F GA3GEZD Tunnel equinment erea vibration 2, g A-030-02
6al1330F  Ascurt stage hest shleld top 8A3EA3D  Tunnel equipment zrea vibration 3, g A-03C-03
pressure, i I-EXX-27
GALL0LD sration 1, g A-10C-01 Thermoiynanics
15020 wibration 2, g A-10C-02
G15030 b P GEOZ01T Ascert ergine cone semperature 1, °F WC-LUK-Lk
GalSTLE vibration X, g GEC203T Cabin tunrel tempecature, °F C-14%-L7
L1520 % vibtration Y, g GBEO20LT  Cabin skin temperaiure 1, °F D-EXx-69
GL15T30 AFE oxygen % wibration 2, g GEO205T Cabin skin temperazure 2, °F C-14%-50
GA200XT Descant steage neat shield GB0301T Ascent stage Lottox surface
1, °F temperature 1, °F D-EX¥-1%
Gasiuz heat shield GBO3D2T Ascent stage bottor surface
2, °F temperature 2, °F D-EXX-21
aeat shield (30303T  Ascent stage bottom surface
3, °F temperature 3, °F D-EXX-23
SJeINUS e noeat shield 330304T Ascent stage bottom surfece
ve b, °F D-BX4-T3 tempersture b, °F D-EXX-25
as hezt shield GBO3LST  Ascent stage bottom surfese
e S, °F L-14X-27 tempersture 5, °F D-EXX-26

#[cnding sumber Soymats are shown on page 13-29.




Thermodynanics - continued

GBC306T  Aszent stage bottom surface
tempersture &, °F
GBC307T  Ascent stage botTom surface
tempersture T, °F
GB0401T Descent stage top surface
temperature
GBCHO2T Descent stage
tenperature
GREC403T Descent stage top surface
temperature 3, °F
GBC321T Descent stage blast deflectsr
temperature 1, °F
GBCS22T Descent stage blast deflector
temperature 2, °F
GBCAOLT  Ascent engine zompartment
temperzture 1, 9F
GBOA02T Ascent engire compartuert
temperature 2, °F
GBOGOST Ascernt engine compartment
temperature 3, °F
GBOG21P  Ascent engire conpartment
regsure 1, psia
G30622P Ascent engire comgartment
pressure 2, psia
530623P  Ascent engine compartment
pressure 3, psia
GBUS01F  Ascent stage bottom surfece
pressure 1, psia
GBO3C2P Ascent stage bottom surfzce
preasure 2, psiz
3B0303P Ascent stage bottom surfece
pressure 3, psia
3BO3OLP  Ascent stage bottom sbrfaze
prezsure b, psis
GBOSOSP  Ascent stage bottom surface
pressure 5, psie
3BOBJEP Ascent stage hottom surface
prezsure &, psis
GZ0307P  Ascent stage bottom surface
pressure T, psis
G30808P Ascent stzge boitom surface
pressure &, psis
G30809P Ascent stage bottom surface
prasaure 9, psia
CBOS1IP Ascent stage bottom surface
pressure 11, psia
CBOB1ZP Ascent stage bottom surface
pressure 12, psia
GBOB13P Ascent stage bottom surface
pressure 13, psia
GBOBLUD Ascent stage bottom surface
pressvre 1b, psia
GBOBLSP  Ascent stage bottom surface
pressure 12, psia
GBOR16P  Ascent stage bottom surface
presscre 16, psia
GBOB1TP Ascent stage bottem surface
sressure 17, psia
GBOB18P Ascen: steage bottom surface
pressure 18, psia
GECS0LP Descent stage top surface
pressuire 1, psia
GBCG02Y Descent stage top surface
pressares 2, psia
GBOYO3F  Descent stage top surface
pressure 3, psia
CEQGOLF  Descent stage top surface
pressure 4, psia
GEOSO5P Desceat stage top surface
pressure 3, psia
GBOGUEF Descent stage Lo surface
prezsure 6, psia
GE33OTP Descent sisge top surface
prezsure T, psia
GB3021T Descent stage blanket internal
temperature 1, °F
GB3023I' Descent stsge blankeu surface
temperature 1, °F
SB302ST  Descent stage bElenket internal
temperature 2, °F
Descent stage blankel surlace
zemperature 2, °F
Lescent stage blankei internal
temperature 3, °F
Lescent stege blanker surface
temperature 3, 9F
Lescent stage blenket surflace
<empcrature 4, °F
*loading number fermets are shown on
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(o)

page 13-20.

#D-EXX-28
2-EXX-30
J-EXX-36

2-EX{-3%

D-EX¥-32

D-EXX-h2
D-EXX-L&
D-EX¥-%8
D-EXX-53
C-06%/2,3
C-ohx
C-03%
E-08%/2,3
D=CE/2,3
D-02%
D-053%
E-03%
C-02K
2-05%/2,3
0-06%/2,3
C-0711/2,3
D-04X
D-05%/2,3

C-EX

C-EXX-14355677

C-EXX-15365778

C-EXX-16375879
C-EXX-17385980
C-E¥-1639€081

C-EXX-19406182

C-Ex-20416283
C-ExXX-2142638k
C-EXX-22436L85
C-B-230h6586
C-EXX-2LU5658T
U-ExX-25486788
D-EXX-72

c-

=51
L-ZXK-hly
D-EXX-38
D-EXX-66
C-1L¥-54

C-1ki1-29

Development Flight Imnstrumentation - Continued

Thermodyramics — concluded

G33035T Aft equipment bay skirn tempersture, °F

GE3036T Descsnt stage ~2 panel skin
temperature, °F

GE310ZH Interstage separaticn distance
meaitor 1, It

GB3103H  Interstage separation distance
monitor 2, Tt

GE31QLH Interstage sepuration distapce
meaitor 3, £t

GE31051 tage separation distance
ot tor 4, 7t

GE372TT Antenna support boom temperature 1, °F

GE3728T Stesradble S-oand znterns temperature 2, °F

GB3f29T Stesrable S-vand anterna temperature 3, °F

GE3T03T S-band omni antenna temperature, °F

GB3T33T VHF inflight antenna terperature, °F

GREOGLT Electronics vackage coid plates
teaperature 1, °F

GB6Q0ZL Electronics package cold plates
teaperature 2, °F

Rlectricsl power subsysten

GC3501T Battary 1 temperature, °F

GC35C2T BatTery 2 temperature, “F

GC35C3T Bavtery 3 temperature, °F

CO35OMT  Battery L temperature, °F

CC3508T Bavtery 5 temperature, °F

GC3506T Battsry 6 temperature, °F

Znvirenmental eontrel subsystem

CF2521T
GF2E217T
GF2781T
GF2841T
CF2871T
GFL1gz2r
GFLSELT
GFliséer
GFLes3Y

CF 36064

Prirsry water beiler gliyccl
<eaperaturs, SF

Cabin heat exchanger glycol
iriet temperature, °F

Regenerative heat exchanger
glycol outlet temperature, °F

Regenerative heat exchanger
glycol inlet temperature,

Cabin neat exchanger glycol
ontlet temperature, °F

Redundant water regulstors (ARS)

- differertial pressure, psid

Descz=pt water tank outlet
temperature, °F

Ascent water Tank 1 outlet
temperature, °F

hAscent water Tank 2 outlet
tesperature, °F

Glycol pump rate select, Xrpm

op

CGuidance and nzvigation

GG1111V
Jelefrr-lu
062250V
GG2280V
GG2303X
GG331LV
633321V
GGEOOLD
GG6C0ED
GC6C03D

LFI telemetry bias voltage, V de
Irner gimbal CDU fine error, ¥V rns
¥iddle gimbal CDU fine error, V rms
Cuter gimbal COU fire error, V rms
IMU blewer off/on

Rader sheft COU Zine, V rms

Racer trunnicn CDU fine, V ros
Navigation base roll vibration, g
Havigation vase pitch wvikration, gz
Mavigation vase yaw vibration, g

Statizization eznd control

GE1a50V
GE1h52v

Ins:rume

GL0236%
G2.0237%
41.0238%
GLozb1v
GLozh2y
3L0251U

GL0832X

- Pitoh tyim error, V do
Roll trim error, V dc

atior

50-pps starb signal
2-kypps bit syneho
S0-pps stop signsal
1200-pps synchronization signal
50-pps stvop signal

izazion signal

Timing electronics synenronization
no-go/go
LGC serial data to FCMTEA

Guicance and navigation {radars)

GFT555D
GHTRENT
GET565T

Landing radar antenna vibration, g
Landing radar antenna tempersture, °F
Landing radar antenna terperature, °F
Rendezvous radar antenna dish vibratice, g
Rerdeavous radar antenna temperature 3, °F
Rendeavous radar antenny temperature 2, °F

*C-1h%-25
c-1hx-66
C-EXX-09305172
C-EXX-10315273

C-E¥X-113253T4
C-EXX-12333475
o-1h¥-57
D-EXX-87
D-EXx-8C
o-1hx-60
D-EXX-T6

C-14%-63

D-EXX-82

#C-1bx-03
G-1hi-0k

C-1LX-16

*D-EXX-85
C-1L¥-69
€-1LX-73
€-1Lx-82
D-EXX-52
E-EXX-T1
C-1LX-75

D-EXX-3h

E-FXX-10

*E-EXX-07
C-EXX-27
C-EXX-25
E-FXX-09
E-EXX-11
E-EXX-28
E-EXX-87
A-05C-01
24-05C-02
A-05C-03

*D_EXX-TO
D-EX%-T1

#0-1hx-58
C-14%X-59
C-1hX-61
C-14%-L8
C-1bX-49

C-1b5i-62
C-1k4x-65

C-142-55
C-14%-56
C-11X-01
D-EXX-T5
C-14%-52
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Ascent propuision gabsysten

TABLE 13.2-T.- LI

TH3TRL

{ERTATICN PARAMETERS - Comcluded

(b) Develovment Flight Irstrumentation - Coneludsd

Egaction contrci subsystem

Regulazor 1 inl
Regulstor % i
Heliwr regulator
501 Fuel tsnx ullage pressure, psis
GROOLEF  Fusl tensfengine differential
pressure, psid

SELO0LF  Oxygen ta ulluge pnrossure, psia
GP100L®  Oxygen rellef valve pressure, psia
GP11i4F Oxygen tanx/engine dirfferential
sure, psic
GF1501F Fuel yressure, nsia
GF1S03F  Oxidizer prossure, p
GPEQOLE  Fuel inlector pressure, §

Irrust chamber pressure, psia

Trhrust wall Temperature
Trrust wall cemperature
Trhrust wall temp ture

GPRTCLY Thrust chan wall temperature
GP2TCE. Injecicr surisce tewperature, OF
GPR80L)  Thrust ohamber vibration X,
Lrrust chamber vibration Y, g
thrust chamber vibration £, g rms

a

opelsivn subsysten

GQ320¢7  Hegulator 1 inlet press
GQ53E0 Regulator 2 inlet press
GQ3aler He
GQAh5TY He
Ga3hsse

ium res
iam temperaturs, °F
. T excharger ialex
vexperature, °F
heuwt excharger coutler

teuparature, °OF
Fuel heat exchanger outlict
perature, °F

sk temperature, °F

ator pressure,

Fael prescure, pzia
Fuael tuank 2fen,

rassure,

erontial

= relief valve inlet

saure, rsia

surs, paia

k l/engine éifferential
rperature, °F

ssLre, Ts5ia

eeLor préssure, psia
er grassure, psla
ace Lenperaturs,
shleld

5

G20
GOTRLLL

shield

noer vitrazion Y,
icer vidbrazion Z,

GR43221
GrLz231

GRL225T

GRLIOTE

SRUSTOT
SRUSTLT
SRESTTT
SRUSTET
GRA5B2T

GRS0137
GREGLLP
GREOLSP
GR5015P
GR5017P
*¥E-10%/1,2 GRSOLIP
E-CUX/1,2 GREQLIP
C-12¥/1,2 CRS02IF
C-EXE-60 GREO2LP
CRS022F
GRSG23F
GRSC2LE
GR5C25P
GR5G26P
GR5C3IP
GR5032P
GR5J33F
F034F
G3R5035P
GR5036P
GR5037P
GR3035P
GR50352
GR30LED
GR30hLLP
aR50Lep
GRODL,
GR30L4P
GR50L5P
GRE30LEP

E-EXX-14

E.
E
k.
L.
E-

C-EEE-15
GIO2ZAC
L-EX%-63 GT0225C
D-BHE-Ex
D-ZEY-€5

D-EXX-13

A-DaC/L,2
A-0EC/1,2
£-05G/1,2

¥leouding mumber Sormets ave showr on page 13-29.

temueratire, O

2B Tuel injestar surface
tewperstire, °F

1A Zuel njector surface
tempersture, °F

2B oxidizer

PN

surface

zlve temperature, °F

Jjeetor head temperatars, OF
jezctor head terperatirs, °F
cior nead terperaturs, °F
irlev pressure,
i T pressure,
irles pressure,
i T pressure,
irlet pressure,
i L pressare, psla

izlet pressure, peia

lizer Inlet pressurc, psia
zer lnlet pressure, psia
zer lnlet pressure, psia
zer Inlet pressurc, psia
pressure, psia
pressure, psia
pressure, psia
pressure, psia
pressure, psia
pressure, psia
pressure, vsis
oressure, psia
aressure, y
pressure, z

4l thrust
4l shrust
zhrust

3F thruost pressure,

S tarust Pressure, o
rust praasure,
pressura,

pressurs,
pressure,
pressure,
prassure,
Eressurs,
pressure.,

Comrinications

-be:
S-bard

inlector surface temperature,
surface temperatire,

<
o

L-EXX-1T

LeEXX-62

[
o2

=14X-7E

C-EAX-06
C-E{X-03
H-EXX-29
2-09%/2,3

o L2

wow

[-12%
C-18%/2,3
E-0TX/2,3
£-0TC
A-0TC
C-155/2,3
=-05%/2,3
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LOADING NUMBEZR FORMATS
{a} Operational Instrumentation
Exemple: 113311i9B27E+127

101 3 us B

Jie
3

+oo1z1

l Low Bit Rete Word Number (1-200)

Symbol incicates that reasurement alss appears on 1.6 Xbs oitstream
Type of recording

H = High Zevel analog

L = Tow level arslog

=
"

Parallel digital

[
[

Serial cigital
E = Perallel digital event

I = Frame synchrorizstion and ID

Link zssociated with GSE and Flight Response Equipment
1 = C5H Carry-cn Neasuremsnts

2 = C8M Alrborne Heasuremsnts

w
il

CSM G3EZ Measurements

+
I

= M Carry-on Heasurements

LM FPCM Telsmeter Measursments

w
"

a
[

oM GBE Mgasurements
T = LM Supplenental Measuremenze
€ = M3C Tnermal-Vacuum Faciliuy Maasurements

G = C3K RED Measuremsats

nterleszver Chanpel Murber (1-i}

A = M83

Bit positicn within one §-bit dats word wherecer the measurement appears (A-H) H = -o3

First word position (time slet) within the frst srime freve where the measurement apsesrs (Z-126}

First prime frame wiere measurement awpears (1-5C)

Humber of zeros that f5llow the first digit

samole rate

First {igit of sampie rate

(b} Development Fligat Instrwrertation

Example: A-16X-88/2,3

A 16X 88 /2,3
Applieabie mission phases {1 = Latnca & 3oost; 2 = Desient phase; 3 = Aszent phaze)
Commutator segmert(s) rumber wien soplicasle (1-92}

ZRIG Channel Number (1-16), (A-E} or (1C-10C}

LM RF Link Kumber (A-E}
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NASA-S-68-2065

Overhead
S-band steerable docking \
antenna window

— VHF antenna (2)
Rendezvous 52 /_

radar Docking tunnel

antenna \
L (=

Ascent stage

S-band inflight
antenna (2)

Control
Scimitar engine
antenna ; cluster
Ingress/ rY=i]
egress (3
hatch % 5 0 »

~

Forward 3 g
(+2}
Desicent Descent
engine stage
skirt

Figure 13.2-1.- Lunar module configuration,
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NASA-S-68- 2066
Cahin section

Upper hatch 3 . )
N Electronic equipment

Aft equipment bay

Gaseous oxygen
{environmental control
system)

'"'- Ascent engine

[ fuel tank
Control Control engine
engine helium tank
cluster

LA, \ Control engine
\ ‘ helium tank

) / Control engine
y oxidizer tank

Insulation

Forward
hatch

Fuel tank Descent

engine

Thermal and micro~-
meteoroid shield

Forward
interstage
fitting
Water tank ——
Oxidizer tank ———

Oxidizer tank

Adapter attachment
point (4 each)—/

—Fuel tank
Gimbal

ring 2 Helium tank

Descent
engine
skirt

Figure 13.2-2.- Ascent and descent stages of LM-1,~
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NASA-S-68- 2067
~—14 ft 1 in.—

7~
L

~——13 ft 10 in, —™

f——13 ft 3 in.-—-‘l ’

A\

5ft 7 in.

Figure 13,2-3,- Dimensions of lunar module,



NASA-5-68- 2068

Docking tunnel

: Midsection
Aft equipment bay

Control engine
cluster

Aft interstage fitting ll;_‘ltzgvttl:ttfge
Ascent engine fitting

propellant tank Front face assembly

Crew compartment

£E-ET

Figure 13,2-4,- LM ascent stage structure,
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NASA-5-68- 2069

+Z 27 \ -Z 27

\Bulkhead
N

TR 7N

40— ' T
Ll ! A L
i 1 1720 | =\ | SN | ~ I
”’//Jf A = ] T i y
vy h H } |I
W, 1 1
Z " 1 i
7 N | |

i |

S—

Y

g

Docking

T

Contro!
engine
cluster

Figure 13,2-5,- LM ascent stage structure (top view).
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NASA-5-68- 2070

-2 27.000 (reh '
_=Z.31.000 (ref)

/ Water/

77glycol fittings\\,

] ﬁ % i
+X 272,000 (el 3fT 77 17T :

N
Y h
Jhi-
7

‘ ‘L ¥
v
3

------

i
VAN

L MY
Ol
04

g ’Ji +X 233,500 (reh

Figure 13.2-6.- Aft equipment bay structure .
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9E €T

=
Y

Quadrant I Ouadrant [

"ﬂ—'1 '_'F—"—\@rr—“——"

Water tank——r/g >>\
| HE

T Qutrigger
ﬂi e -

| ()i\
L)

©

NN N i i Adapter
o Lo © 1 =~ support
, 1 j point
\ = i Oxidizer tank
L9 B
Helium tank—" " IS
Quadrant 7T J % Quadrant I

Fuel tank

Figure 13,2-7 .- Descent stage structure {top view),



NASA-S-68-2072

ﬁ% r .;llz Adapter
] — support
% ,,/ N . ; — point
\x = ———
) V) \\ }'JLg—fl Outrigger
= = utri

Looking forward

— Upper deck
/ s +X 196,000

1

=xalh =
= M al Ji l =
= L ‘ =
f = [h& /(Nﬂ \k : +X 131.140
hj? /\Lower deck
Descent engine —/Lr.rfj
Looking aft

Figure 13,2-8,~ Descent stage structure (side views).
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NASA-S-68- 2073

RCS system

helium pressurization )
P Ascent propulsion system

helium pressurization valve

Battery and relay
box (system B)

Three deadface
connectors
(circuit interrupter)

&

Descent propulsion system
helium pressurization valve

Interstage
umbilical
cutters

Explosive devices [nterstage
control panel explosive
bolts

Battery and relay box
{system A)

Figure 13.2-9,- Locations of explosive devices,
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T ——
o Inverter 1 fp—
® Single phase
Commander's
bus
28V dc Inverter 2 o
. = Off
Mission | 5 amp
programmer Inverter 1 | l
control |
|
Inverter 2 |
System Em—
engineer's Off
bus 5 amp
28\ do Inverter 1 9@
o Inverter 2 —
I F ] L
M
Mission I\/liss-ion Mission
programmer programmer programmer
control control control

Figure 13,2-10.~ AC power system (contact positions shown are as-flown).

-é B— To descent

engine control
assembly

AC bus

400 Hz

115V ac rms

6E-€T
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I l

Descent stage | Ascent stage

“

System engineer's
bus 28 V dc

|
—_— - ——
{- = -: l I Relay |
| | junction |
| l I | box
Battery 1 Not used ,High' |
(typical) o | I
il I | l:l
I |
[ W S -
Low) [Contral] I
ﬁ | |l0gic Tq
ETTER ! |
Battery 2 |

|Con‘troi :_‘
‘Essembly ];I
| =
GSE |
control :

i

Control
assembly 3

Alt

r

wl—x
g Bl

Control
assembly 4

R |

Norm

[}
|
! I
!

Mission
programmer I_
rol
cont Control
logic

|
|
|
|
I
I
|
|
i
|
|
|
|
|
|
!
|
|

Mission
programmer
control

' Battery 6

100 amp

- GSE |
Battery 3 r(sontrol -] I power i |:|
assembly ZI_‘ | L
'_I L___J
I a
|
I 1

Battery 4

b

I_————l_———

Figute 13.2-11.- DC power system (contacts shown in as-flown configuration).

Commander's bus
28 V de

On—€T
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Pulse code modulator and time electronics assembiy

i —— — —— — T Vil i — — — o— —— ﬁmm-————-——-————-—-——m—-i

£
1024 KPPS sync signal from ] ; s o timi
LM guidance computer T . == 3YNG and timing
2 d Lo Timing electronics Mission elapsed time ! signals to other
! | subsystems
i Pulse code modulation g
i
E Discrete and parallel digital data i - [Digital data
Transducers Preconditioned | g ! ¥ ] fro_m Livt
and sensors analog signals | guidance
sor (Oto 5Vde) , § computer
it
Conditionad 1| | High level fomd Hioh |y A28 50 L { o | Digital | gm) OutOL! fom 51200 bits
igita : i
Electrical | analog i analog soee( ¢ ?1 crter mulii- re%lsm I per second data
. - multiplexer gates ony plexer an ‘o VHF and
signals signais ! {coder) buff I ° an
uffers
(Do 5Vde)i } S-hand trans-
I i i mitters
; B | .
Signal conditioning % A Gating §
electronics assembly I commands i
Contains: .
: Tin
Attenuators ! Drive ‘lmll’ig i
Amplifiers I commands signals
Demodulators | f
Buffers I Coder |
Converters | Referance Analog commands i
] voltage multiplexer G ¢ dri Programmer g Command and
| calibrator drivers i ate and driver | sync signals
Caution and warning data | commands | te other sub-
l i systems
1 e o e e —— — s Ml B — o — — T - — o — — — — i s s
Caution and waming Caution and warning status

electronics assembly

TH-ET

Figure 13,2-12.- Operational instrumentation functional block diagram.




NASA-5-68- 2078

e T transmitter A

45 et 0 transmitter E

e T Lransmitter C

N Aetrospace Resnorise
Froes (4 Industries (Hz)
tr;nsc’L;fers Association
' channel
Part of Vibration 10 1000
Vibration () main commutater G 5C 1000
transducers signal 2 (3 by 1 1/ &)= Channel 3¢, 3C 5600
conditioner ) and 10C ac
transducers ; )
Vibration 6C 1000
—N commutator H Channe! 2C, 7C 1000
12 by1-1/4 and 5C 5C 1000
b 9C 1000
Channe} 4C, i0C 1000
7C, 8C, and 9C
Modulation package D (constant bandwidth)
{28) N Inter~-Range Response
Pressure —t—Channel 2, 3, 4, 10, 13, and 16 {nstrumentation! Hz
Group
2 ! 8
(1} !
RPM 3 -
4 ¢ 14
Part of > 20
. (8) | main 6 25
Stain signal PN Channel 5, 6, 7, 8, 14, and 15{_7 33
conditioner g 20
Acceleration] {3) 19 80
vibration e Pt Chianniel 9, 11, and 12 11 110
12 160
13
Voftage- (2) ngh fevel 14 %%8
current commutator F 15 4
N 90 by 10 16 633
() jmmpmChannel E ¢ 5100
Modulation package C (proportional bandwidth)
Temperature (45) Temperature
Sensors signai R
conditionar Low level Inter-range ' esponse
(88 channel} commutator A gstrumentatlon Hz
90 by 1-1/4 == Channel 14 =5 5
{5} '\[ (h
Events 3 11
4 14
(2) 5 20
Acceleration et Channel 9, and 10 6 25
7 35
(5) 2 45
Strain Channel 5, 6, 7, and 8 ki 60
Part of 10 80
(66) main %% %ég
P e signal C
ressur conditioner hannel 2, 3, 4,12, and 1373 250
High level 14 igg
COMMULALOF B fgme Charine| £ 1> 500
90 by 10 16
(0 E 2100
Channel 15, and 16
i I 1/2 of
Vibration vibration e Chaninel 11
AN commutator I
3by1-1/4
N
Modulation package A (proportional bandwidth)
Temperatare 585 T_emperature
Sensors signal
conditionar Low level
commutator D e Chaniel E
Voltage {2} AW S0 by 10
(c)
(2)
Acceleration - Channet 8, 9, and 10 Inter-range Response
Instrumentation| Hz
(5) Group
Strain e Channel 5, 6, 7, 12, and 15 2 8
3 11
(5) Part of 4 14
Pressure main Channel 2, 3, 4, 13, and 14 5 20
signal 6 25
conditioner 7 35
{4 8 45
Vibration Channef 16 g &5
I\ 10 80
i1 110
5V dc 1/2 of 12 160
reference vibration i3 220
supply commutator T et Channel 1157 330
3by1-1/4 15 450
bl i6 600
25 v de E 2100
reference
supply
Modulation package B (preportional bandwidth)
Notes:

(a)  Numbers in { ) indicate relative and not absolute numbers of measurement parameters,
(5 Commutator has two sets of three inputs. Each of the three inputs is sampled
sequentially for 1-1/4 seconds.
(c)  Commutator has 90 inputs, Each input is sampled at a rate of 10 times per second.
(d) Commutator has 90 inputs. Each input is sampied at a rate of 1~-1/4 times per second,

Figure 13,2-13 .- Devejopment flight instrumentation data conditioning and processing system,
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NASA-5-68-2079

Modulation package D

Transmitter A

230.9 MHz

Modulation package C

Transmitter &

13-43

UHF command

257.3 MHz

Modulation package A

Modulation package B =

Transmitter C

241.5 MHz

Transmitter D

247 .8 MHz

Transmitter B
237.8 MHz

S-hand

~ @ —o = o O

transmitter

receiver
450 MHz
RF switch i
[
Multi- Diplexer pmmi @ P‘ov_uer
plexer / divider
l Adapter

divider

|
|
|
I P
- ower
I
|
|
|

Figure 13.2-14 .- Development flight instrumentation data transmission system.

NASA-S-68-2105

Power divider

C~band

transponder A

| Power divider

C-band
transponder B

Figure 13.2-15.- Development flight instrumentation ranging and tracking RF system,



NASA-S5-68- 2080
2282.5 MHz (transmit)

2101.8 MHz {receive)

Pseudo random noise ranging, simulated
up-voice and simulated up-data

|
|
|
|
]
I
I
I
I
I
I
I
I
|
|
|
|
i
|
I
|

To MSFN
i S-band S-hand
inflight inflight
S-hand antenna antenna
steerable - (omni) {omni)
Sensor antenna
‘ +Z ~Z
Manual || S€rV0
drive
— o —— s o — — o — — — — — o ———————
_____ I Pseudo random S'band traf15p0nder [S-baﬂd power I
rSignal Drocess} | noise ranging, S-band |aminfier IA t
. ; —— 4 oo ntenna
: ng equ.pmenti { simulated up-voice, | receiver 1 i : select switch
- and simulated up-data !
| Audio {1} O I
PCMTEA ||| centers ||| Voice S-band ’_7 Ly |
(m;trumegl- | | ] and \ receiver 2 ! I |
taticn sub- I I I PCN‘/NRZ : I
system | 1 Phase | | I |
Premod- J_L_/)-b- modulator 1 S-band : I PR
| lation i =] driver and o -i \
processor multiplier i
| 11 Frequency . Power | POWEr I Diplexer
| 1 madulator ‘ P (amelifier amplifier] - |~ 'F
Ve o 1] S-band | | I
I driver and __T: | A i
I Phase multiplier . - |
To developmental | modulator 2 | | | Secondary Primary 1 |
flight instrumentation | PCM/NRZ {1 | power powelr I
transmitter I and timing L— ! | | supply supply |
| o I
| i |
1

Mission programmet control

Figure 13,2-16.- Communication system schematic.
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NASA-5-68-2081

Vehicle dynamics —1

Primary quidance, navigation
and control subsystem

Inertial measurement unit

Y |

Coupling data unit

! A

Gimbal trim commands

Retract

Extend

Automatic throttle

LM guidance computer

Engine arm

4 Uplink commands

!

Gimbal
drive

actuator

.
|

Automatic throttle

Y

UHF uplinkp

commands [~

Control engine

Automatic engine on/ off

firing commands

Attitude and
translation
control
assembly

Descent : | Descent
engine Engine on/ off a{oNgine
Status and switching commands control
assembly ——
* ' % Subsystem
o = {unctional
LM mission control
programmer
Descent Descent
Desr_:ent Ascent engine engine
engine engine arm on/ off
arm arm
Stabilization
and control
assembly Ascent engine on/ off Ascent
=t engine

Control engine on/off commands

(a) Primary guidance, navigation, and control.
Figure 13.2-17.- Control paths.

G-¢1
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Vehicle

dynamics [Rate

e /1O
assembly

Gimbal trim commands

UHF uplink
commands

V%

Retract
Gimbal
Extend drive
I-——-— actuator

Body
rates

Y

Throttle commands

C o1

!

- DescentG
ine
T

= Descent
engine )
— ol Engine on/off
Manual throttie | z55embly
commands I
| A A
+X translation LM mission
programmer
Engine § Descent] Ascent] Descent Descent
on/off Jengine | engine| engine engine
arm arm arm on/ off

Attitude and translation
control assembly

Stabilization
and control
assembly

Subsystem

e finctional

control

Jet on/ off commarnids

Ascent engine on/ off

Ascent G
= engine

(hy Backup.

Figure 13,2-17,- Concluded.

Control
engine
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NASA-5-68-2683

Forward lett cluster assemblym\ oo e e HeliUm
Fuef bieed disconnect Fuet fill disconnect 4o (A )- Heater :"a I(T):g:mer
) _ Fuet tank vent disconnect 7 Fuel main shutoff valve N.C. Normally closed
Helium test disconnect —\ Fuel service disconnect | N.Q. Normally open
o I = §1?§‘35ng

Cluster T
) .

Temp tr&nsducer propel ant inlet

IlEnluummunmmﬂmﬂi
: d @ 21 ZIT GR2461X LLLEEAM LSSV LD R Dt L s e T VR LI 3 VT 27
. | e e kmmﬂ » ) Temperature transducer
T T e e N 3 l"l ey [ —l := FUel )r()pe j,jn{ tank

Hefium source femperatu re—/{th}S‘ﬂ () "
Helium source pressure _/(GRIIUIP i

Helium {ill vent disconnect
POMD \
—{ ]

GR1085Q
System A

| r/.l///

LT GRA275X

Restrictor Temperature
transducer

GRQS?ST injector head

LAELLLEUSNELICET th T i

GRA265X GRSCISP

Pressure transducer —w{3]
GR1201P =¥

FEN S oy M o e

Cluster IT
H GR4266X (3)
hid GR4326T
— GR5016P
From ascent propelfant supply . ;;;_
Fuel ascent interconnect valve A
Fuel crossfeed valve
j=
Oxidizer ascent interconnect filter Cluster 1T

Oxidizer ascent interconnect valve -.- GRI0OAX

Oxidizer crossteed valve --

Helium fank GR2462X

GR21221

Temperature transducer

System B ; D e st oy b s e oy lemperature ransducer LA L
4 " B Oxidizer main shutoff valve (N, 0, ] N 0. e ualve caveSist ) i N (n
GRIOWT (33 Helium filter R EoRsoLLP (i ":
Temperature transducer -4 GRI102P | ;\3 o GRMAIT »
H.. - . AL
i Pressure transducer ‘y 2 ;zLZE'il‘
Helium Initiating valve -} : GREZOX [ aotmom AE—<IORGTT o hor Ty
K OR120zP L T R T i frr mrvi] i i<IGRA57IT
N Pressure transducer e H o [ ) —

GREG2P GRa3227

(FL1E
solatien {

N.O,

CP S e o A R T A T T S A R T A o A i A A ||

CRADI0
Cxidizer service disconnect Oxidizer isolation valve 4
Propellant infet fiiter

i
Helium quad check valve Oxidizer tank vent disconnect —/ \ valve

Oxidizer bleed disconnect —~
Oxidizer fill disconnect

Pressure transducer propellant inlet

Figure 13, 2-18. - Reaclion control system.
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13.3 LAUNCH VEHICLE

The flight of launch vehicle AS-20L was the fourth flight to qualify
and flight test the Saturn-IB vehicle. It was the first flight of the
lunar module with the Saturn-IB launch vehicle. The space vehicle
(fig. 13.0-1) was approximately 181 feet long and consisted of an S-IB
stage, an S-1VB stage, an instrument unit, an adapter, a nose cone, and
a lunar module,

13.3.1 S-1IB Stage

The S-IB stage was 80.3 feet long and 21.4 feet in diameter
(fig. 13.3-1). A cluster of eight uprated H-1 engines powered the S-IB
stage and produced a total sea-level thrust of 1 600 000 pounds. Each
of the four cutboard engines gimballed in a *8-degree square pattern to
provide pitch, yaw, and roll control. The inboard engines were canted
3 degrees and the outboard engines 6 degrees outward from the vehicle
longitudinal axis.

Fuel (RP-1) and oxidizer (liquid oxygen) were supplied to the engines
from nine propellant tanks arranged in a cluster. Oxidizer and fuel tank
pressurization modules regulated the tank pressures during ground opera-
tion and 5-1IB stage flight. DNominal stage propellant loading capacity
was 884 000 pounds.

Eight fins attached to the base of the S-IB stage provided vehicle
support and hold-down points prior to launch and provided inflight sta-
bility. The area of each fin was 53.3 sguare feet. FEach fin extended
radially approximately 9 feet from the outer surface of the thrust struc-
ture.

Additional systems on the S-IB stage included: (a) flight control,
(b) hydraulic (which gimballed the outboard engines), (c) electrical,
(d) envirommental control {(which thermally conditioned the aft compart-
ment of instrument canisters F1 and F2), (e) data acquisition, (f) range
safety, (g) propellant utilization, and (h) four solid-propellant retro-
grade motors. Guidance and control commands for the S-IB stage were
received from the instrument unit.

13.3.2 $S-IVB Stage

The S-IVB stage (fig. 13.3-2) was 586.4 feet long and 21.7 feet in
diameter. A single gimbal-mounted J-2 engine powered the vehicle during
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the S-IVB stage portion of powered flight. The engine was mounted on the
thrust structure and could be gimballed in a *7-degree square pattern.
The engine provided 200 000 pounds total thrust at vacuum conditions when
the propellant mixture ratio was a nominal 5:1.

The tanks, fuel forward and oxidizer aft, were separated by a common
bulkhead. The fuel (liquid hydrogen) tank consisted of a cylindrical con-
tainer with a bulkhead at each end. The oxidizer (liquid oxygen) tank
consisted of the section between the common bulkhead and an adjacent bulk-
head and enclosed by the structural skin. :

Oxidizer and fuel tank pressurization modules regulated the tank
pressures during ground operations, S-IB boost phase, and S-IVE boost
phase. The pneumatic control system usec ambient helium to operate the
control valves, Nominal propellant loading capacity was 228 500 pounds.

The auxiliary propulsion system of the S-IVB stage provided roll
control during S-IVB powered fiight, attitude stabilization and reorienta-
tion after burnout, and attitude control during coast or maneuvering. The
modules were mounted on opposite sides of the 3-IVB aft skirt.

Additional systems on the S-IVB stage included (a) flight control
(which included auxiliary attitude control and thrust vector control),
(b) hydraulic (which gimballed the J-2 engine), (c) electrical, (d) ther-
moconditioning (which thermally conditioned the electrical/electronic
modules in the forward skirt area), (e) data acquisition and telemetry
(which acquired and transmitted data for the évaluation of stage perfor-
mance and environment), (f) ordnance (used for rocket ignition, stage
separation, ullage rocket jettison, and range safety), (g) propellant
utilization, and (h) three ullage motors. Guidance and control cormands
were received from the instrument unit.

13.3.3 Instrument Unit

The instrument unit was located Just forward of the 5-IVB stage.
It was a three-segment, cylindrical, unpressurized structure 260 inches
in dismeter and 36 inches long. The cylinder formed a part of the vehicle
load-bearing structure and interfaced with the S-IVB stage and the adapter.
Various launch vehicle telemetry and tracking antennas were mounted on
the instrument unit. The instrument unit housed electrical and mechanical
equipment that guided, controlled, and monitored vehicle performance from
1ift-off to atmospheric entry of the instrument unit.
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13.4 ADAPTER AND NOSE CONE

The adapter structure was an aluminum honeycomb truncated conical
shell (fig. 13.4-1). The aft section had four attachment points for
the lunar module. The forward section was four panels (fig. 13.4-2)
which were separated by a mild detonating fuse explosive train about
9 minutes after the nose cone had been jettisoned. Control engines ro-
tated each panel about an aft hinge line to the open position, where
each was retained by a cable retention system.

The spacecraft/lunar module adapter controller accepted commands
from the launch vehicle instrument unit to initiate nose cone jettison
and adapter panels deploy. The controller also accepted commands from
the lunar module mission programmer to initiate separation of the lunar
module from the adapter. For a schematic of system A (system B is re-
dundant), see figure 13.4-3.

The two controllers were mounted 90 degrees apart within the adapter
below the panels. The sequencer loglc was powered by a 5 amp-hr battery
and the pyrotechnic devices by a 0.75 amp-hr battery. A total of four
batteries were installed: one 5 amp-hr and one 0.T75 amp-hr battery to
power system A, and a duplicate of each to power system B.

The nose cone (fig. 13.4-2) was furnished by the Marshall Space
Flight Center (MSFC). It was a conical shell constructed of aluminum
skin, stringers, and ring frames with a cone angle of 25 degrees. The
nose cone was detached from the adapter by pyrotechnic devices and was
separated from the adapter by 16 springs.
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13.5 WEIGHT AND BALANCE DATA

The spacecraft mass properties for the Apollo 5 mission are summa-
rized in table 13.5~I. These data represent the actual conditicns as
determined from postflight analyses of the expendable items loaded and
used during the flight.

The weight and the center of gravity were measured for each stage
prior to stacking. Inertia values were calculated for the actual weight
data obtained. All changes subsequent to measurement and prior to launch
were monitored and the mass properties were revised as required.

The mass properties and expendable items loaded at launch did not
vary significantly from the predicted values used to establish the opera-
tional trajectory. As a result, updating of mass properties and trajec-
tory data was not required prior to launch.

The variations in mass properties were determined for each signifi-
cant mission phase from lift-off through the end of the second ascent
engine firing. The usage of expendables was based on postflight analysis
of the mission data. All available ascent and control engine propellants
were depleted during the second ascent engine firing, and the vehicle
became uncontrollable.



TABLE 13.5-I.~ MASS

PROPERTIES

13-61

Center of gravity, in. [Moment of inertia,'slug-ft2
Weight, 1b
X Y Z T T I
XX ¥y Z7
Launch
Ascent stage h 613 257.5 | -0.6 0.7 2 560 2 hip 1 Lok
Reaction control propellant 612 276.9 0.0 0.0 292 32 268
Ascent propellant 5 150 227.1 | -0.2 0.0 3 547 13 3 546
Descent stage 3 353 157.3 | 12.8 0.7 2 359 1 487 1 L2
Descent propellant 17 800 159.2 0.0 0.0 | 11 259 T 118 b 607
Total LM at launch 31 528 186.8 1.2 0.2 | 20 126 | 22 L7k | 23 096
Launch to first descent
engine firing
1M/adapter umbilical -6 209.8 | 89.0 | -29.2 ) 0
Reaction control propellant -27 291.9 8. -0.5 15 1k
Envircnmental control 23 302.8 7.6 .o I 1 3
consumables
T X
Total LM at first descent 31 k72 | 186.6 | 1.2 0.2 | 20 096 | 22 338 | 22 937
engine firing
First descent engine firing
to first coast
Descent propellant -15 403.¢ .0 3.6 g 185 185
Total LM at first coast 31 Lst 186.5 1.2 0.2 | 20 086 | 22 371 | 22 971
First coast to second descent
engine firing
Reaction control propellant -32 291.1 | 13.9 -1.8 1h 0 11
i 1
Environmental control ~10 301.8 0.0 0.0 2 0 1
consumables
bl
Total IM at second descent 31 b5 | 186.3 | 1.2 0.2 | 20 070 | 22 266 | 22 853
engine firing
Second descent engine firing
te third firing
Descent propellant -306 181.6 0.0 0.0 193 93 Ly
Reaction control propellant -5L 287.5 4.9 -0.5 25 20
Tot IM at thi
otal IM at third descent 31 055 | 186.2 | 1.2 0.2 | 19 851 | 22 053 | 22 o6y
engine firing
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TABLE 13.5-I.- MASS PROPERTIES - Concluded

Center of gravity, in.

Moment of inertia, slug-ft?

Weight, 1b
X Y % I I T
XX vy Z2Z

Third descent engine firing
Lo abort staging

Descent propellant -179 187.6 | -0.3 c.0 113 Lo 15

Reaction control propellant -15 257.0 | -3.9 -0 7 1 &

Total LM at abort staging 30 861 186.2 1.2 C.2 1 19 732 | 21 998 | 22 628
Abort staging to second coast

Descent stage (jettison) -3 347 157.3 | 12.8 0.7 2 359 1 487 1 6hp

Descent stage propellant -

(jettison) 17 300 158.3 0.0 0.0 | 10 9kh & 909 L 458
Ascent engine propellant 682 242,86 0.0 0.0 468 38 h30
Reaction control propellant 3 288.7 |-1k.8 .8 1 0 1
Total LM at second coast 9 529 242, 8 | -0.5 0,4 5 8ho 3 063 5 382

Second coast to second ascent
engine firing
Environmental control -8 300.9 0,0 0.0 1 0 1
consumables
Reaction control consumables =377 278.0 k.6 .5 i77 16 159
Totel LM at second ascent ) - -
engine firing 9 1hk 253 .4 =0.7 0.4 5 6639 2 gt 5 121
Second ascent engine firing
to end of firing
Ascent propeilant - 282 225.5 0.0 0.0 2 ghé 3 2 030
Reaction control propellant -53 2678 |-Lk.5 L7 2 0
Nozzle ablation -10 220.2 0.0 0,0 0 0
z 4p
Environmental control -1 300.2 0.0 0.0 0 o 0
consumables
Total LM at end of second -
ascent stage firing b 798 255.3 | 0.9 0.7 2 €98 2 505 1 725
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4.0 VEHICLE HISTORIES

Figure 14-1 shows the history of the IM-1 at Bethpage, New York.
Figure 14-2 shows the history of the LM~ at Kennedy Space Center.
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The following table 1lists the supplemental reports to be published

Engine Performance

Responsible Expected
No. Subject analysis publication
manager date

1 |General Supplement (ancmalies T. J. Grace 5/6/68
closeout, errata, and minor
supplemental information)

2 Apollo 5 Postflight Trajectory . J. Incerto 5/1/68
Reconstruction
Volume I - Analysis
Volume II - Trajectory

3 |Detailed Analysis of S-band A. D. Travis 5/3/68
Communications

L lAnalysis of Digital Autopilot F. Hanaway L/30/68
Performance

5 lApollo 5 Guidance and Navigation ¥, Hanaway Lh/15/68
Error Analysis - Final Report

6 |Dynamics of IM/S-IVB Stage F. Hanaway 5/1/68
Separation

7 |Detailed Analysis of Descent R. B. Ferguson 5/22/68
Engine Performance

8 |Detailed Analysis of Ascent R. B. Terguson 5/22/68

receive the Mission Report.

Supplemental reports will not be distributed to all persons who
Persons who do not receive supplements may

request a specific supplement from BFGO, Manned Spacecraft Center,
Houston, Texas.



16-1

16.0 REFERENCES

Chrysler Corporation, Space Division: AS-204/IM-1 Launch Vehicle
Operational Flight Trajectory. Revision 1 TN AP-67-255
July 25, 1967

Manned Spacecraft Center: Apollc V Mission, AS-204/TM-1 SBpacecraft
Operational Trajectory. IN €7 FM-194 (3 volumes) December 29, 1967

Marshall Space Flight Center: Apollo V Mission Report, Launch
Vehicle (This report has not yet been released; therefore, no
report number can be cited.)

Grumman Aircraft Engineering Corp: LM Instrumentation Installation
Photographs, LM-1. LED-360-423 June 23, 1967

Manned Spacecraft Center: PA-1 Static Firing. PA 1-TA-005, MSC
WSTF, Las Cruces, New Mexico. January 3, 1968

. Office of Manned Spaceflight: .Apollo Flight Mission Assignments (u)

OMSF Confidential Document M-D MA 500-11, SE 010-000-1, November 14,
1966

National Aeronautics and Space Administration, Manned Spacecraft
Center: Apollo Report. SPDT-R-002, Revision 5, December 4, 1967



17-1

17.0 DISTEIBUTION

Addresseg ¥o. copies Addressee No. copies
National Aercnautics snd Spaee Administration National Aercnautics ard Space hdministration
Washingtor, D. C. 20546 Marmed Spaceeraft Center
Touston, Texas TT0S6
MA/3. C. Pnillips 1 Apollo App ations Frogram Office
MA/G. H. Hage 1 Attention: KA/R. F. ApEOn
MA/U. 0. Schreider 1 KA/J. E. Roberts/d. B. Mitchell 1
MAD/J. K. Holeoub 1 KF/Mzanager, Future Missions Project Gffice 1
MAP /Program Jontrol Director 1 K¢ /Manager, Mission Operations Office 2
MAR/G. C. %White 1 KP/Manager, Program Control Office 1
damner 1 KS/Manager, Systews EZngineering Office 1
5 KT/Manager, Test Cperations Office 1
MGF Fie.d Corter Developmert Direstor ) KW/Maneger, Crbital Workshop Project
ME/E. Cortr 1 Office 1
M/ ¥ : 1
B Favage 1 Reliability and guality Assurance Uffice
Ml/advance Manned Missions Frograuw Dirszctor -3 Avtentions HA/A. C. Bond 8
A C. Adame 1
3/J. E. Naugle 1 Apzllo Spacecraft Program Office
T/G. M. Triszyns 1 Office of Program Mznager
US5-1C/NASA Hesdquarters Library z Attentior: PA/G. M. Lew X
PA/E. F. M. Rees 1
A/X. 2. Kleinknecht 1
PA/C. H. Bolencer 1
PA/3. H. Simpkinson 1
PASG. W. 3. Modey 1
PASH. W. Tindsll 1
Bational Aercnautics ené Space Admiristration PAfapollo Files 3
Yanned Spececraft Center ?D/Chief, Systems Zngineering Division 1L
Houskton, Texas 77058 IM Project Engineering Civision 5
C&EM Frolect Engineering Division 3
Office of Lirecter Test Division 15
Attention: A&/H. R, Giiruth 1 Program Control Divisicn 3
ABJG. 8, Trimble 1
ACJ/P. E. Purser 1 HASA-RASPO
AG/D. Collins 1 Grummen Aireraft Engineering Corporation
AH/R. 0. Piland 1 Bethpage, Wew York 117ik
Avtention: PB/A. Hoboken 10
Legal Gffice
Actention: ALI/M. F. Matthews 1 HASA-RASPC
Horth American Rockwell Corporation
Public Affairs OffI 12214 Lakewood Blvd.
Atzention:  AP/E ¥ 1 Dowmey, California $02L1
AP/J. RiZew z Attenzion: PC/W, H, Gray 13
APE/Historical 07fice 1
AP8/Mission Fianning and Operations ¥light Safety Office
Office 1 Attertion: BSASA. T, 3ond 5
Lirector of Administration Director of Science and Applications
Atteatiorn: 3AFE. H. Waitbecx 2 Attentiom: TA/W. T. Hess 3
376 /Reproduction Services 3ranch 1 Th/Menager, Lupar 3urface Projsct Office L
BP66/Listridbution Cueratior Szetion TF/Menager, Test and Operazions OfIice 2
3L /Becurity Branch 1 TG/Cnief, Space Paysics Divieicn 1
345 /Teenrical Infermeation Preparation
Branch ASPO Acting Maneger, X3C
36/ ibrary Processes Office 16 Kennedy Spsce Center, Floride
Attention: P8X/A. E. Morse 2
DMrector of Flight Crew Jperaticzs
Attentien: CA/LC. K. Slayton 1 Goddard Space Flight Center Liamison Office, GSF-L 1
Astronaut OTice q Attention: GSP-L/W. B. Easter 1
ght Crew Support Division 3
Marshall Space Flight Cernter Resident Liaison Office
Director of Medical Research and Operationus Attention: EL/J. T. Familten 1
Attentien: DA/C. A, Berry, M.D. L
DB/Chiz?, Biom=dical Kesearch Office 2 Langley Research Center Liaison Office
DL/Ch’er, Medisal Operations Cfiice 1 Attention: RAA/A. T. Mattson 1
Direcsor ¢f Eagineering and Eevelapmernt LOD Manager's Liaison Office
Avtenticn: BEA/M. A, Faget 5 Attention: 232/Cmdr. R, 2. Colopy 1
EB/Chief, T rmation Systems Division 10
Crev Systoms Division & HASA Ames Research Center
Compusetion end Anelysis I on 4 Hoffett Field, Czlifornia 4035
nstruneatasion and Electronic Atterntion: G. Gcodéwin 1
Systems Division 1t H. &, Allen 1
EC/Caief, Cuidarnce ané Contro)l Division 1C¢ Ames Zesearch Center Library 6
F3/Caisf, Propulsion and Power Divisicn iz
ES/Caief, Structurss znd Mesckanies Divisiem 15 Zesterr Test Range
ET/Cnief, Advarced Spececrart Technology Zatrick A1lr Force 3ase, Florida
Division 2 Atzentior: Major Genersl V. &. Huston 1
Ccleonel R. Qlsen, LOD Manager 3
Lirector of Flight Creraticrs
Astention: FA/C. C. Xrafi, Jr. 1 HASA Elscuronics Research Center
FC/Caisf, Flight Controal Division 10 365 Technology Squars
FL/Cnief, Lanéing arcd Recovery Division 5 Cambridge, Massachusozts 02139
#M/Cnief, Mission Plerming and Anslysis Attention: J. €. Elms 1
o sion L
FL/Chief, Flight Susport Division 3 HASA Plight Research Center
Post Office Box 273
Edwerds, California 93523
Attention: P. F. Bikle 1



17-2

Addressee lo. coples Addressc Ho. copies
S Goddsrd Space Flight Center Srumman Mreraft Enginee & Corporaticn
nredy Space Centar, Florida
Clark 1 Attention: G. M. Skurta 1c
SC6/M. F. Thompson 1
5G4, P. Varson 1 Crunmar. Aireraft Engineering Corporstion
550/%, Roberts 1 1750 WASA Boulsevard
BCC/0. Cavington 2 Houston, Texas 77058
8C1/H. ¥. Thompson 1 Lttertion: J. M. Buxton 10
81C/tanned Flight Engineering Division 5
820/Manneé Flight Operations Division [3 TRY, Tneorporated
Space Park Drive
) Eoustorn, Texas T7059
3 Astention: H1-2058/A. Fosentioon 3
Goddard Space Flight Cenzer Library 3
<et Propulsion Letoratocry
John F. Xenredy Space Center, NASA Pasedena, Californisz
NAS4 Kennedy Space Cernzer, Florida 32899 Attention: DIRsW, H. 2icker:: 3 1
fdttentin AP/R. O cdleton 1
S. I. Beddingfield 1 Korth Amerizan Recxuell Ccorporation
L, E. MeCoy 1 12214 Lekewood Blva,
CD/Dr. K. H. Debus 1 Downzy, California 9020
DE/G. M. Preston 1 Attentien: L. L. Myers 25
IN/X. Seadler 1
LO/R. A. Petrone 1 Horth American Rozkwell Corporation
LO/W. J. Hapryen 2 Kennedy Spacs Certer, Flor'da
IS/d. O, Williems 1 Attention: B. Hells 5
4. . Busch E
RG/G. T. Sesseen 1 Forth Anerican Rockwall Covporation
£5-L2/John F. Kernedy Space Center . 18L0 NASA Boalevard
Library & Suite 201
Houston, Texas 77058
HASA Lewls itosearch Center Attention: W. T. Shori 3
2100 Brookp
Cleveland, dkic . The Boeing Compary
Attentinn: ;‘ Space Division-Houston
Lewis Research Censer Lilrsry ] P. 0. Box S8TLT
Houston, Texas T7053
. Marshall Space Flight Center Attenticn: H. J. MeClellan i
Lab 35812
Attention: /W, won Braur 1 General Bleetric Company
Spaer } 1820 ¥ASA Boulevard
s} P. O. Box £8L08
Marsha:l 3pace Flignt Center Library 5 Houston, Texzs TTO58
Attention: L. W. Warzechra 13
NASA MBC Whitae
Bigs
0L
as Cruces, low H
Attertion: RAAM. L. Raires 3
wsetts 02142
42/h, €. Metzger 2
Tite of Technology
achusetts C21h2
O, Heay 3
A2 Electyenios Division
Milwaukes, consin 5320C
attention:  EGLL3/¥. Swingle 1
AC Electronies Jivision, Generel Motors Corporation
Hilwzukee, Wisconsin 33200
Attsntion:  H. Brady 3
n2ld Engireering Develsprment Center
“orae Station, Terrsssee 37382
Attentiin:  Ueneral Gossick L
Kalicomn
GG ETth 5 il
Washirgten,
Attention:  Infor ers Analysis
P Head 1
Urwiean fireveft Engineering Corporaticn
Futhpage, Hew Yo 1Tis
Attent H G. Gavin, Jr, 25

MSC 7923-68



APOLLO SPACECRAFT FLIGHT HISTORY

(Continued from inside front cover)

Mission Spacecraft Description Launch date
Apollo k4 8C-017 Supercircular Nov. 9, 1967
LTA-10R entry at lunar

return velocity

Apollo 5 IM-1 First lunar Jan. 22, 1968
medule flight

Launch site
Cape Kennedy,
Fla.

Cape Kennedy,
Fla.
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