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SECTION 5

GUIDANCE EQUATIONS

5.1 INTRODUCTION

5.1.1 GENERAL COMMENTS

The purpose of this section is to present the Guidance
and Navigation Computation Routines associated with the Apollo
Lunar Landing Mission. These Routines are utilized by the
Programs outlined in Section 4 which consider astronaut and
other subsystem interface and operational requirements. The
guidance and navigation equations and procedures presented in
Section 5 are primarily concerned with mission type programs
representing the current C5M GNCS Computer (CMC) capability.
A restricted number of CMC service type program operations

which involve computation requirements are also included,

The CSM GNCS Computer (CMC) guidance and
navigation equations for the lunar landing mission are presented

in the following six catagories:

Section 5, 2 Coasting Flight Navigation Routines

Section 5. 3 Powered Flight Navigation and

Guidance Routines

Section 5.4 Targeting Routines
Section 5.5 Basic Subroutines
Section 5.6 General Service Routines
Section 5.7 Entry Guidance

A complete table of contents for Section 5 is presented
in the following section 5.1.2.1. A cross reference between the
CMC program and callable routine numbers of Section 4 that are

described in Section 5 is listed in Section 5.1.2.2,
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5.1.3 GENERAL PROGRAM UTILIZATION

The following outline is a brief summary of the major

CMC programs that would be used in the principal phases of a

lunar landing mission.

This outlinc reflects the CMC

capability for the¢ nominal and abort cases of such a mission,

I Earth Orbit Injection ( EQOI) Phase

A) Ni)minal

1)

- 11

Earth Orbit Inscrtion ( EOI) Monitor

Program

B) Abort to Entry

l)

l)

1)

l)

- 61

- 62

- 64

- 67

Mancuver to CM/8M Separation At-

titude Prior to Bntry

CM/ SM Separation Mancuver Program
Entry Initialization Program

Post 0.05G Entry PProgram

I'inal Entry Phase Program

5. 1-10



II. Earth Orbit Phase

A)

B)

Nominal
P - 15
R - 30

TLI Program ( Pre-Thrust Mode)

Orbit Parameter Display Routine

Aborts to Entry

External AV Maneuver Program

Lambert Aim Point Maneuver Pro-

SPS or RCS Thrust Program

1. RTCC Targeted Abort
P - 30
(or) (De-orbit)
P - 31
gram ( De-orbit)
P - 40 }
P - 41
P -61 )
P - 62
P - 63 ‘r Entry Programs
P - 64
P - 67 )

5.1-11



Earth Orbit Phase (cont)

B.

C)

Aborts to Entry
CMC Targeted Abort

2.

P

l)

1)

I)

13

I)

Service Programs (Nominal and Abort Cases)

22

21

37
40

41 }
61 \

62

Lunar Orbit Navigation Program
(Earth Mode)

Ground Track Program

Return to Earth Program ( Targeting

and Pre-Thrust)

SPS or RCS Thrust Program

63 LEntry Programs

64

67J

P

P

217

92

00

30

CMC Update Program
IMU Realignment Program
CMC I1dling Program

Orbit Parameter Display Routine



I Trans-Lunar Injection (TLI) Phase

A) Nominal

P -15 TLI Program - Active Mode
(CMC Controlled Maneuver)
(or)

P - 15 TLI Program - Monitor Mode

(Saturn Controlled Maneuve r)

B) Aborts to Earth Entry

1. RTCC Targeted Abort

P - 27 CMC Update Program
P - 30 External AV Pre-Thrust Program

P - 31 Lambert Aim Point Pre-Thrust

Program
P - 40
SPS or RCS Thrust Program
P - 41
P - 61
to } Entry Programs
P - 67

5,1-13



111 Trans-LLunar Injection ( TLI) Phase (cont)

B)  Aborts to Entry

2. CMC Targeted Abort

P -23 Cislunar Navigation Program

P - 37 Return to Earth Program (Targeting
and Pre-Thrust)

P - 40
SPS or RCS Thrust Programs
P - 41

P - 61
to } Entry Programs
P - 67

C) Service Programs Used in Abort Cascs

P - 51 IMU Orientation Determination
P - 52 IMU Realignment Program

P - 06 GNCS Power Down

P - 05 GNCS Start Up

P - 00 CMC ldling

5,1-14



1V Trans-Lunar Phase

A)

B)

Nominal ( Midcourse Correction Maneuvers )

P

27 CMC Update Program

P - 31 Lambert Aim Point Pre-Thrust
Program
P - 40
SPS or RCS Thrust Program
P - 41

P - 47 Thrust Monitor Program ( Manual

Transposition and Docking Maneuver)

Aborts to Earth Entry

1. RTCC Targeted Abort

P - 27 CMC Update Program
P - 31 Lambert Aim Point Pre-Thrust

Program

P - 40
} SPS or RCS Thrust Program

5.1-15



1V Trans- LLunar Phase (cont)

B)

C)

Aborts to Earth Entry

CMC Targeted Abort ( Limited Capability)

2.

P -23
P - 70
P - 37
P - 40
P - 41
P-61

to

P - 67

Cislunar Navigation Program
Safe Perilune Program (If Required)

Return to Earth Program Targeting
and Pre-Thrust ( Capability limited

to outside lunar sphere of influence)

SPS or RCS Thrust Programs

Entry Programs

Service Programs for Nominal and Abort Cases

I')

l)

05

06

o1

92

00

05

GNCS Start Up

GNCS Powcer Down

IMU Orientation Determination
IMU Realignment Program
CMC Idling Program

S-Band Antenna Routine

5. 1-16



Lunar Orbit Insertion ( LLOI) Phase

A)

B)

CMC Update Program

Lunar Orbit Insertion Pre-Thrust

Program

Nominal
P - 27
P - 32
P - 40

SPS Thrust Program

Aborts to Return to Earth Trajectory

1. RTCC Targeted Abort

P - 27
P - 30
P - 31
P - 40

CMC Update Program

External AV Pre-Thrust Program
( To establish safe lunar orbit if

required)

LLambert Aim Point Pre-Thrust
Program ( TEI)

SPS Thrust Program

5,1-17



[.unar Orbit Insertion ( LLOI) Phase {(cont)

B)

C)

Aborts to Return to Earth Trajectory

2. CMC Semi-Controlted Abort (J.imited Capability)

P - 22 Lunar Orbit Navigation Program

P -21 Ground Track Program

R - 35 Lunar Landmark Sclection Routine
P -70 Safe Perilunc Program (If Required)
P -27 CMC Update Program

1> -31 [.ambert Aim PPoint Prc¢-Thrust

Program ( TEIL)

1> - 40 SPS Thrust Program

Service Programs for Nominal and Abort Cases

P -52 IMU Realignment Program

R - 05 S-Band Antenna Routine



VI Lunar Orbit Phase Prior to LM Descent Orbit Injection

A) Nominal
P - 22 Lunar Orbit Navigation Program
P -21 Ground Track Program
R - 35 Lunar Landmark Selection Routine

P - 25 Predicted Lunar Landing Time

Program
R - 32 Target AV Routine (LM Separation)

P -20 Rendezvous Navigation Program
( Tracking Mode only for LM RR
Check-Out)

B) Aborts to Return Earth Trajectory

1. RTCC Tag&eted Abort

P - 27 CMC Update Program

P - 31 Lambert Aim Point Pre-Thrust
Program (TEI)

P - 40 SPS Thrust Program

5.1-19



VI l.unar Orbit Phase Prior to 1.M Descent Orbit In-

jection (cont)

B)

C)

Aborts to Return Earth Trajectory

l')

l)

I)

l)

I)

[)

CMC Semi-Controlied Abort ( L.imited

Capability )

22

21

35

27

31

40

47

L.unar Orbit Navigation Program
Ground Track Program

Lunar lL.andmark Sclection Routine
CMC Update Program

LLambert Aim [Point Pre-Thrust
Program ( TEI)

SPS Thrust Program

Thrust Monitor Program ( TEI by
D1I’S Case)

Scrvice Programs for Nominal and Abort Cases

1)

I)

05

06

52

00

05

30

GNCS Start Up

GNCS Power Down

IMU Orientation Dctermination
IMU Realignment Program
CMC Idling Program

S-Band Antenna Routine

Orbit Parameter Display Routine

5.1-20



VII

LM Descent Orbit Injection (DOI), Descent Coast and

Landing Phases

A) Nominal

P - 20 Rendezvous Navigation Program
( Tracking attitude and monitoring

only)

B) Aborts to Rendezvous Condition

1. LM Active Vehicle

P - 20 Rendezvous Navigation Program
R - 32 Target AV Routine

P - 74 LM TPI Targeting Program
( Monitoring or commands via voice
link )

P - 15 LM TPM Targeting Program
(Rendezvous MCC monitoring or

commands via voice link)
P - 117 TPl Search Program (LM mode)

P - 18 LM Stable Orbit Rendezvous Targeting

Program

P - 179 I.M Stable Orbit Rendezvous Midcourse

Targeting Program

P - 21 Ground Track Program

5,1-21



VII LM Descent Orbit Injection (DOI), Descent Coast

and Landing Phases (cont)

B)

C)

Aborts to Rendezvous Condition

2. CSM Active Retrieval

P

l)

P

1)

P

I)

l)

I)

})

P

p

I)

27
20
30
17
21

34

38

39

40

41

47

CMC Update Program
Rendezvous Navigation Program
External AV Pre-Thrust Program
TPI Search Program

Ground Track Program

TPI Pre-Thrust Program

TPM Pre-Thrust Program

Stable Orbit Rendezvous Program

Stable Orbit Rendezvous Midcourse

Program

SPS or RCS Thrust Programs

Thrust Monitor Program ( Manual

terminal rendezvous maneuver)

Serivice Programs

P

R

1)

52

31

34

63

00

05

30

IMU Realignment Program

Rendezvous Parameter Display
Routine No. 1

Rendezvous Parameter Display
Routine No. 2

Rendezvous Final Attitude Routine
CMC Idling
S-Band Antenna Routine

Orbit Parameter Display Routine

5.1-22



VIII Lunar Stay Phase to LM Ascent Launch

A)

B)

P

Nominal

22

21

35

27

33

40

20

Lunar Orbit Navigation Program
(for landing site surveillance and
CMC update if desired)

Ground Track Program
Lunar Landmark Selection Routine

CMC Update Program
(LM launch time update)

Lunar Orbit Plane Change ( LOPC)
Pre-Thrust Program
SPS Thrust Program

Rendezvous Navigation Program
( Tracking attitude and monitoring

only)

Service Programs

- 9w 9 v T

05
51
52
00

05

GNCS Start Up
IMU Orientation Determination
IMU Realignment Program

CMC Idling Program

S-Band Antenna Routine

5,1-23



IX [.M Ascent and Rendevzvous Phase

A)

B)

I)

1)

[)

Nominal

20

32

74

78

79

21

Rendezvous Navigation Program
T &

Target AV Routine

i
i

LM TPI Targeting IProgram

( Monitoring)

I.M TPM Targeting Program

({ Monitoring)

LM Stable Orbit Rendezvous Programs

( Monitoring)

Ground Track Program

Aborts to Rendezvous Condition

I)

l')

])

1.M Active Vehicle

20
32

74

75

78

79

21

7

Rendezvous Navigation Program
Target AV Routine

I1.M TPI Targeting Program
{ Monitoring)
I.M TPM Targeting Program

( Monitoring)

.M Stable Orbit Rendezvous Programs
( Monitoring)

Ground Track Program

LLM TPI Scarch Program



X LM Ascent and Rendezvous Phase (cont)

B)

Cc)

Aborts to Rendezvous Conditions

2. CSM Active Retrieval

P - 27 CMC Update Program
P -20 Rendezvous Navigation Program

P - 30 External AV Pre-Thrust Program
( Targeted from RTCC or LGC)

P - 17 TPI Search Program
P - 38 Stable Orbit Rendezvous Program

P -39 Stable Orbit Rendezvous Midcourse

Program

p -21 Ground Track Program
P - 34 TPI Pre-Thrust Program
P - 35 TPM Pre-Thrust Program
P - 40

} SPS or RCS Thrust Programs
P -41
P - 47 Thrust Monitor Program ( Manual

terminal rendezvous maneuver)

Service Programs for Nominal and Abort Cases

P - 52 IMU Realignment Program
R - 05 S-Band Antenna Routine

R - 31 Rendezvous Parameter Display
Routine No. 1

R - 34 Rendezvous Parameter Display
Routine No. 2

R - 63 Rendezvous Final Attitude Routine
P - 30 Orbit Parameter Display Routine

P - 00 CMC Idling Program

5.1-25



LLunar Orbit Phase Prior to TE]

A)

B)

Nominal

P - 27 CMC Update Program

p - 22 Lunar Orbit Navigation PProgram
P -21 Ground Track Program

R - 35 Lunar Landmark Selection Routine
P - 52 IMU Realignment Program

P - 00 CMC Idling Program

P - 47 Thrust Monitor ( Manual CSM-LLM

Separation Maneuver )

Aborts Prior to Nominal TEI]

P - 27 CMC Update Program

5.1-26



X1 Trans-Earth Injection ( TEl) Phase

A) Nominal
P - 27 CMC Update Program

P - 31 LLambert Aim Point Pre-Thrust
Program (TEI maneuver targeted
by RTCC)

P - 40 SPS Thrust Program

B) Aborts to Earth Return Trajectory

Same as nominal casc

No CMC targeting capability

5. 1-27



XI11 Trans-Earth Phase Midcourse Correction Maneuvers

A)

B)

Nﬁm inal

P - 27 CMC Update Program

P - 31 Lambert Aim Point Pre-Thrust

Program

P - 40

} SPS or RCS Thrust PProgram
P -41

Aborts to Maintain Earth Return Trajectory

(CMC Limited Capability)

P - 23 Cislunar Navigation Program
P - 37 Return to Earth Program

( Outside lunar sphere of influence only)

P - 40

SPS or RCS Thrust Programs
P - 41

Scervice Programs for Nominal and Abort Cases

P - 05 GNCS Start Up Program

P - 06 GNCS Power Down

P - 51 IMU Orientation Determination
P - 52 IMU Realignment Program

R - 05 S-Band Antenna Routine

P - 00 CMC Idling Program

5. 1-28



X111

Entry Phase

A)

Nominal

1 34

1)

[)

I)

61

62

63

64

65

66

67

Maneuver to Separation prior to Entry
CM / SM Scparation Mancuver

Entry Initialization

Post 0.05 G Entry Phase

Entry Up Control Phase

Entry Ballistic Phase

Final Entry Phase

5, 1-29



5. 1.4 COORDINATE SYSTEMS

There are five major coordinate systems used in the navi-
gation and guidance programs. These five coordinate systems are
defined individually in the following descriptions., Any additional coor-
dinate systems used in particular CMC programs are defined in the

individual section describing that program.

wn

1, 4,1 Basic Reference Coordinate System

The Basic Reference Coordinate System 1s an orthogonal
inertial coordinate system whose origin is centered at either the earth
or the moon, The orientation of this coordinate system is defined by
the line of intersection of the mean earth equatorial plane and the mean
orbit of the earth (the ecliptic) at the beginning of the Besselian year
which starts January 0, 525, 1969. The X-axis (EXI) is along this in-
tersection with the positive sense in the direction of the ascending node
of the ecliptic on the equator (the equinox), the Z-axis (u

-Z1
the mean earth north pole, and the Y -axis (EYI) completes the right-

) is along

handed triad. This coordinate system is shifted from earth-centered

to moon-centered when the estimated vehicle position from the moon
first falls below a specified value *s pH’ and is likewise shifted from
moon-centered to earth-centered when the estimated vehicle position

from the moon first exceeds r This procedure is described in

SPH"
Section 5.2,2,6 and Fig. 2.2-3, All navigation stars and lunar-solar
cphemerides are referenced to this coordinate system. All vehicle
state vectors are referenced to this system during coasting or free

fall phases of the mission

5.1.4.2  IMU Stable Member or Platform Coordinates

The orthogonal inertial coordinate system defined by the

GNCS inertial measurement unit (IMU) is dependent upon the current
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IMU alignment,

There are many possible alignments during a mission,

but the primary IMU alignment orientations described in Section 5. 6. 3.3

are summarized below and designated by the subscript SM:

1,

Preferred Alignment (Thrusting Maneuve}ji;)

where:

T x
Uyapy = UNIT (mp)
Y -~
Uvom = UxsM X UNIT (_x:) (5. 1. 1)
UzsM ~ Uxsm < YysMm
Uxsm

IMU stable member coordinate unit vectors

EYSM referenced to the Basic Reference Coordinate

Uygm | System fig -ty 4 i N

¢

vehicle or body X-axis

(%
os)

current position vector in the Basic

i
I

Reference Coordinate System

Nominal Alignment (Local Vertical)

- PO ,-)., LT "*';:
Upgy = - UNIT (D) at b0, s e ewtan
v XA R
Uyey = UNIT (mxy) (5. 1. 2)

Uxsm - Yysm < Yzsm

where r and v represent the vehicle state vector at the

alignment time, t

align®
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3. Lunar Landing Alignment

Usom® UNIT (ELS) at tL
zen” UNIT (rg Xve ) Xuygy (5. 1. 3)

Yysm® Yzsm < UxsM

where r, . is the lunar landing site vector at the

LS

predicted landing time t and r,, and v_, are the

L’ = C
CSM position and velocity vectors.

4. Lunar Launch Alignment

The same as that defined in Eq. (5. 1, 3) except that
TS is the landing or launch site at the predicted
launch time tL'
The IMU coordinate system is assumed to be centered at
the same point that the Basic Reference Coordinate System is currently

centered at,

5.1.4.,3 Vehicle or Body Coordinate System

The vehicle or body coordinates (subscript B) are the
general CM coordinates. The origin of this coordinate frame is at
the GNCS Navigation Base. The X-axis (>§B) is parallelto the spacecraft
longitudinal axis directed towards the CM apex, the Z-axis (g.B) is
normal to XR and in the direction of the foot rest of the center couch.
The Y -axis is orthogonal to the X and Z axes so as to form a right-
handed system. The nominal CM center of gravity is in the plane

formed by the x_ and Zh vectors.
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5 1.4.4 Earth-Fixed Coordinate System

The Earth-fixed Coordinate System is an orthogonal
rotating coordinate system centered at the earth. The Z -axis
is along the true polar axis of the earth, the X-axis is along
the intersection of the meridian of Greenwich and the equatorial
plane of the earth, and the Y-axis is in the equatorial plane and

completes the right-handed triad.

5 1.4.5 Moon-Fixed Coordinate System

The moon-fixed Coordinate System is an orthogonal
rotating coordinate system centered at the moon. The Z-axis
is along the true polar axis of the moon, the X axis is along
the interscction of the meridian of 0° longitude and the equatorial
plane of the moon, and the Y -axis is in the equatorial plane and

completes the right-handed triad.
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5.2 COASTING FLIGHT NAVIGATION

5. 2. 1 GENERAL COMMENTS

The CMC Coasting Flight Navigation Routines which are pre-
sented in Sections 5. 2. 2 through 5. 2. 6 are used during free fall phases
of the Apollo mission, The basic objective of these navigation routines
is to maintain estimates of the position and velocity vectors of both the
CSM and the LM. Let r and v be the estimates of a vehicle's position
and velocity vectors, respectively. Then, the six-dimensional state

vector, x, of the spacecraft is defined by

(k]
"
(o

I<

Coasting Flight Navigation is accomplished by extrapolating the state
vector, x,by means of the Coasting Integration Routine (Section 5. 2. 2),
and updating or modifying this estimated state using optical tracking

data by the recursive method ol navigation (Sections 5.2.3-5.2.6).

The Coasting Integration Routine (Section 5, 2. 2) is used
by other navigation and targeting routines to extrapolate the following:

1) Present estimated CSM state vector
2) Present estimated LM state vector

3) An arbitrary specified state vector, such as the

predicted result of a maneuver



The CMC idling program (Section 5.6.12) periodically
uses the Coasting Integration Routine to advance the estimated CSM
state vector (and the estimated LM state vector when the LM is
active and not on the surface of the moon) to approximately current
time. This procedurc has the lowest priority of all programs, and
is performed only when no other program is active. This periodic
state vector extrapolation is not necessary from a theorectical point
of view, but does have two practical purposes. First, it is advisable
to maintain current (or at least nearly current) state vector esti-
mates in case an emergency Situation arises. Sccond, a significant
amount of computation time is transferred from a period of high com-
puter activity (navigation measurcment processing, targeting, etc.)

to a period of low activity.

State vector extrapolation is accomplished by means of
Encke's method of differential accelerations. The motion of a space-
craft is dominated by the conic orbit which would result if the space-
craft were in a central force field. In Encke's method the differential
equations for the deviations from conic motion are integrated numeri-
cally. This technique is in contrast to a numerical integration of the
differential equations for the total motion, and it provides a more
accurate orbit extrapolation. The numerical integration is accom-
plished by means of Nystrom's method which gives fourth-order ac-
curacy while requiring only three computations of the derivatives per
time step. The usual fourth-order Runga-Kutta integration methods

require four derivative computations per time step.

Regardless of the accuracy of the state vector extrapola-
tion, errors in the initial conditions will propagate and soon grow to
intolerable size. Thus, it is necessary periodically to obtain additional
data in the form of either new state vector estimates or modifications
to the current state vector estimates. These state vector modifications
are computed from navigation data obtained by means of navigation mea-

surements.



The CSM GNCS uses optical angle data from the scanning
telescope (SCT) and the sextant (SXT) to compute state vector changes,
while the LM PGNCS uses rendezvous radar (RR) tracking data. Nav-
igation measurement data are used to update state vector estimates
during orbit navigation, rendezvous navigation, and cislunar-midcourse
navigation procedures, These three navigation procedures will be used
normally during the lunar-orbit navigation phase, all LM-CSM lunar-
orbit rendezvous phases, and CSM return-to-earth aborts, respectively,
in the lunar landing mission. However, in order to provide for alter-
nate mission capability, the orbit and rendeazvous navigation procedures

can be used near the moon or the earth,

Although the state vector of the CSM is six-dimensional,
it is not necessary that the quantities estimated during a particular
navigation procedure be the position and velocity vectors of the CSM.
A variety of "estimated state vectors'', not necessarily of six-di-

mensions, are used.

In order to achieve desired landing objectives, it is
necessary to expand the lunar-orbit navigation procedure to nine di-
mensions,and to include in the estimation the position vector of the
landmark being tracked. The estimated state vector that is used in

orbit navigation is given by

1"
5 &

Rel
~

where r'e and Vo are the estimated CSM position and velocity vectors

and ) is the estimated landmark position vector,
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During the rendezvous phase, the six-dimensional state
vector of either the CSM or the LM can be updated from the measure-
ment data obtained with the CSM-based optics. The selection of the
update mode is an astronaut option and will be based primarily upon
which vehicle's state vector is most accurately known initially, and

which vehicle is controlling the rendezvous maneuvers.

The standard six-dimensional CSM state vector is used

during cislunar-midcourse navigation.

Navigation data is incorporated into the state vector esti-
mates by means of the Measurement Incorporation Routine (Section
5. 2. 3) which has both six- and nine-dimensional modes, The Measure-

ment Incorporation Routine is a subroutine of the following CMC navi-
gation routines;

1) Orbit Navigation Routine (Section 5. 2. 4)
2) Rendezvous Navigation Routine (Section 5. 2. 5)
3) Cislunar-Midcourse Navigation Routine (Section 3. 2. 6)

Simplified functional diagrams of the navigation programs which use

these routines are given in Figs. 2. 1-1, 2.1-2, and 2.1-3, respectively,

In all three navigation programs, estimated position and
velocity vectors are obtained at required times by means of the Coast-
ing Integration Routine (Section 5. 2.2), The Measurement Incorporation
Routine {Section 5, 2. 3) is used to incorporate the measurement data

into the state vector estimates.

The updating procedure, which is illustrated in simplified

w
(S}
!
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form in Figs. 2. -1 to 2.1-3, involves computing an estimated track-
ing measurement, (:2, based on the current state vector estimates,.
This estimated measurement is then compared with the actual track-
ing measurement Q (optical angles in the CMC) to form a measured
deviation 6Q. A statistical weighting vector, w, is computed from
statistical knowledge of state vector uncertainties and tracking per-
formance, (72. plus a geometry vector, b, determined by the type of
measurement being made. The weighting vector, w, is defined such
that a statistically optimum linear estimate of the deviation, 6 x, from
the estimated state vector is obtained when the weighting vector is
multiplied by the measured deviation 6Q. The vectors «, b and éx
are of six or nine dimensions depending upon the dimension of the

state vector being estimated,

In an attempt to prevent unacceptably large incorrect state
vector changes, certain validity tests have been included in the various

CMC navigation routines,

[n the Orbit Navigation Routine (Section 5. 2. 4) the astro-
naut tracks a landmark and acquires a number of sets of optical angle
data before the state vector updating process begins., During the data
processing procedure the landmark is out of sight, and it is not possi-
ble to repeat the tracking. Before the first set of data is used to update
the estimated state vector, the magnitudes of the proposed changes in
the estimated CSM position and velocity vectors, &ér andé v, respectively,
are displayed for astronaut approval. In general, successive accepted
values of ér and év will decrease during the processing of the tracking
data associated with one landmark. Thus, if the MARK REJECT button
has been used to erase all inaccurate marks, then all state vector up -
dates should be either accepted or rejected. If the first displayed values
of ér and év are judged to be valid, then all data associated with that

landmark will be accepted.



The actual values of the first displayed ér and év will
depend upon the statistical parameters stored in the CMC and upon

the following types of errors:
Type 1: Errors in the current state vector estimates
Type 2: Errors in alignment of the IMU

Type 3: Reasonable tracking performance errors, in-

cluding both hardware and astronaut errors
Type 4: A CSM GNCS f{ailure

Type 5: Gross astronaut errors, such as incorrect

identification of the landmark

The existence of Type 1 errors is precisely the reason that the land-
mark tracking is being done. It is the function of the navigation to
decrease Type 1 errors in the presence of noise in the form of errors
of Types 2 and 3. Since the landmark tracking should not be performed
unless the IMU is well aligned and the GNCS is functioning properly,
and since bad marks should be rejected, it follows that the purpose of
the state vector change validity check is to discover a Type 5 error,
This validity check cannot distinguish between a Type 4 error and a
Type 5 error.

Based upon the last time that the state vector was updated,
when the IMU last was realigned, and an estimate of the tracking
performance for the first mark, very crude reasonable values for the
first ér and év can be generated by the astronaut. The CMC will pro-
vide no information to assist the astronaut in his estimates of reasonable

values for ér and év.

(41}
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One further CSM GNCS item is available for help in esti-
mating expected values for the first display of ér and év. If the as-
tronaut uses the Automatic Optics Designate Routine (Section 5,6.8)
during the acquisition of the landmark, he will have an approximate
visual picture of the first ér. In the Automatic Optics Designate
Routine the CMC will point the optics in the estimated direction of the
specified landmark. The first value of ér should be of the same
order of magnitude as the displacement of the actual landmark from
the center of the SCT reticle, The value can be computed by multi-
plying the CSM-landmark distance by the angular offset of the land-
mark. It should be noted that this estimate for ér must be made
while the optics mode switch is set to CMC. Again, this estimating
process is an astronaut function only, with no assistance from the
CMC.

In the Rendezvous Navigation Routine (Section 5.2.5)
measurement data is processed periodically ¢onee per minute ), and
it is desirable that the LLM be tracked during the entire rendezvous
phase up to the manual terminal maneuver, If the magnitudes of the
changes in the estimated position and velocity vectors, ér and év,
respectively, are both less than preset tracking alarm levels, then
the selected vehicle's state vector is automatically updated by the
computed deviation, é6x, and no special display is presented, except
that the tracking measurement counter is incremented by one, If
either &r or é§v exceeds its alarm level, then the state vector is not
updated, and the astronaut is alerted to this condition by a special

display of ér and év.

In this case the astronaut should recheck the optical track-
ing and make sure that he is tracking the LM. Under certain conditions
it is possible to mistake a star for LM reflected sunlight,and it may
take a period of a few minutes to determine the LM target by watching

relative motion of the target and star background. After the tracking
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has been verified, and navigation data has again been acquired. the as-
tronaut has the option of commanding a state vector update if the
tracking alarm is again exceeded, or of repeating further optical
checks before incorporating the measurement data. If the astronaut
cannot determine the LM target due to no positive acquisition (bright
background, etc.) he can terminate the program and try to achieve

tracking conditions at a later time. flret et

The displayed values of 6r and év which have not passed
the tracking alarm test will depend upon the statistical parameters
stored in the CMC and upon the same five types of errors discussed
previously in regard to orbit navigation. The tracking alarm criterion
is incorporated in the Rendezvous Navigation Routine to alert the
astronaut to the fact that the state vector update is larger than nor-
mally expected, and to prevent the estimated state vector from auto-
matically being updated in such cases. The update occurs only by
specific command of the astronaut. The tracking alarm level beyond
which updating is suspended is primarily chosen to avoid false ac-
quisition and tracking conditions. As previously mentioned, this
condition is possible in the CSM if a star is tracked by mistake in-
stead of the LM reflected sun light, and it is therefore possible for
the alarm level to be exceeded in such cases even though the estima-
ted state vectors are essentially correct. It is also possible for the
state vector update alarm level to be exceeded after correct initial
acquisition and tracking in the case where a poor estimate of either
the CSM or LM state vector exists. In this case the astronaut would
have to command the initial state vector update, after which the alarm
level would seldom be exceeded during the remainder of the rendezvous
phase. It should be noted that this statement is true only if the esti-
mated siate vector of the active vehicle performing a powered rendez-
vous maneuver is updated by the Average-G Routine in the case of the
CSM being the active vehicle, or by a DSKY entry of the maneuver AV
if the LM is the active vehicle.
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All of the previously discussed methods which the astro-
naut can use to generate crude estimates of expected ér and év values
in the case of the Orbit Navigation Routine can also be applied to the
Rendezvous Navigation Routine. The astronaut must decide whether

or not he is tracking the LM. The CMC cannot make this decision.

In the Cislunar-Midcourse Navigation Routine (Section
5. 2. 6) the astronaut measures the angle between a star and a plunetary
landmark or horizon. The data from each angle measurement is pro-
cessed immediately after it is made. The values ot ér and év are
displayed for astronaut approval before the state vector is updated by
the computed deviation éx. Thus, itis a simple matter to repeat the
measurement if the astronaut is uncertain as to the validity of the

proposed state vector changes.

The parameters required to initialize the navigation
routines (Sections 5. 2. 4 - 5. 2, 6) are the initial estimated CSM state
vector, plus the initial estimated LM state vector for the Rendezvous
Navigation Routine, initial state vector estimation error covariance
matrices in the form of prestored diagonal error transition matrices
(as defined in Section 5. 2. 2. 4), and a priori measurement error va-
riances. The basic input to the navigation routines is SCT or SXT
tracking angle data indicated to the CMC by the astronaut when he
presses the MARK button signifying that he has centered the optical
reticle on the tracking target (landmark or LM) or superimposed the
two objects in the case of a star-landmark/horizon measurement,

The primary output of the navigation routines is the estimated CSM
state vector, plus estimated landmark coordinates in the case of the
Orbit Navigation Routine or the estimated LM state vector in the case
of the Rendezvous Navigation Routine. The various guidance targeting
modes outlined in Section 5, 4 are based on the state vector estimates

which result from these navigation routines.



5.2.2 COASTING INTEGRATION ROUTINE

5.2.2.1 General Comments

During all coasting phase navigation procedures, an extrapola-
tion of position and velocity by numerical integration of the equations of

motion is required. The basic equation may be written in the form

*

a? “p
Sy r g x )= 2y (2.2.1)
r

where u, is the gravitational constant of the primary body, and gd(t) is
the vector acceleration which prevents the motion of the vehicle (CSM or
LLM) from being precisely a conic with focus at the center of the primary
body. The Coasting Integration Routine is a precision integration routine
in which all significant perturbation effects are included. The form of

the disturbing acceleration gd(t) depends on the phase of the mission.

An approximate extrapolation of a vehicle state vector in which
the disturbing acceleration, gd(t) of Eq. (2. 2.1), is set to zero may be

accomplished by means of the Kepler subroutine (Section 5. 5.5 ).

5.2.2.2 Encke's Method

If a, is small compared with the central force field, direct in-
tegration of Eq. (2. 2. 1) is inefficient. Therefore, the extrapolation will
be accomplished using the technique of differential accelerations attribu-
ted to Encke.

* In the remainder of Section 5.2 the subscripts P and Q will denote
primary and secondary body, respectively. When the body is known,
then the subscripts E, M, and S will be used for earth, moon, and
sun, respectively. The vehicle will be indicated by the subscripts
C for CSM and L for LM.
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At time ty the position and velocity vectors,ry and !O,deﬁne
an osculating conic orbit. The position and velocity vectors in the
. . . . - 1
conic orbit, Econ(t) and !con(t)’ respectively, will deviate by a sma
amount from the actual position and velocity vectors.

The conic position and velocity at time t arc computed as
shown in Section 5.5.5. Rcquired in this calculation is the variable x
which is the root of Kepler's equation. In order tu minimize the num-
ber of iterations recquired in solving Kepler's equation, an estimate of

the correct solution for x is obtained as follows:

Let

7=t -ty (2. 2.2)

During the previous computation cycle the values

t

. - At
r Lcon r —-2_)
_ At
v = XCO!’I (T'—z-) (2. 2.3)

x'=x(T-A—-2t)

were computed. A trial value of x(7) is obtained from

xt=x'+s[1—'ys(l~2'ys)—%(r—l,v-ar)52] (2.2.4)

where

EY,!!
vy - = (2. 2. 5)

2r' N u

P

V2

_ 2 0

TR
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After specification of Ty Yo X, and 7, the Kepler subroutine

(Section 5. 5. 5) is used to compute (1), !con( 7}, and x(7). Because

r
—con
of the excellent initial approximation provided by Eq. (2.2.4), ithasnotbeen
found necessary to iterate for x more than once (and frequently it is

not necessary at all) in order to obtain a value of x for which 7 - 7(x) is

less than the given tolerance level.

The true position and velocity vectors will deviate fromthe

conic position and velocity since ay is not zero. Let

r(t) = 8(t) + r g (1)
(2. 2.6)

v(t) = p(t) + v ()

where é(t) and K(t) are the position and velocity deviations from the

conic. The deviation vector é(t) satisfies the differential equation

2 7
ET 5(t) =-___%(_) [f(q) r(t) + é(t)] + ay(t) (2.2.7)
dt r t

subject to the initial conditions

g(to) =0, g(to) =0 (2. 2.8)
where
(6 '21‘)-9 {L : ,‘N f[(.} Rt
qQ=—p— , (2.2.9)
r .
? Y . 4
(& L R IEN )

5.2-15



(2.2.10)

The first term on the right-hand side of Eq. (2. 2.7) must re-
main small, i.e., of the same order as gd(t), if the method is to be
efficient. As the deviation vector 6(t) grows in magnitude, this term
will eventually increase in size. Therefore, in order to maintain the
clficiency of the method, a new osculating conic orbit should be defined
by the total position and velocity vectors r(t) and v(t). The process of
selecting a new conic orbit from which to calculate deviations is called
rectification. When rectification occurs, the initial conditions for the
differential equation for g(t), as well as the variables 7 and x, are

again zero.

5.2.2.3 Disturbing Acceleration

The form of the disturbing acceleration _a_.d(t) that is used in
Eq. (2. 2. 1) depends on the phase of the mission. In earth or lunar
orbit,only the gravitational anomalies arising from the non-spherical

shape of the primary body need be considered. Let a,, be the accel-

-dpP
eration due to the non-spherical gravitational anomalies of the primary

body. Then, for the earth

HE rE '
g = 77 2 Jie \7) [P (cos O up - Pilcos Oy,

(2.2.11)

where



Pl(cos¢)=3cos¢

2

PB' (cos ¢) = 15 (15 0052 ¢ - 3)

(2.2.13)
1 l 1 1
P4 (cos ¢)—3-(7 cosd)P3 —4P2)
' -1 ' e !
P5 (cosdz)—z( cosd)l:’4 ‘JPS)
are the derivatives of Legendre polynominals,
cos ¢ =u - u (2.2.13)

r -z

arld J2l JS;
harmonics of the earth's potential function. The vectors u. and u,
are unit vectors in the direction of r and the polar axis of the earth,

J4 are the coefficients of the second, third, and fourth

respectively, and rp is the equatorial radius of the earth.

In the case of the moon

i

u
M M ! 1
2aMm - T leM - [PH_I(COS ¢)u_ -P; (cos ¢) Ez:'
i=2
2
2 2
r X Yy X -
M M YM M M 2, o
*3em |\ T 4x 2,0 2 (u,Xu Hﬁ:—?—((scos ¢ -3)u -2cosdu )
M M M yM
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where rM is the mean lunar radius, J22M is the coefficient of the term
in the moon's gravitational potential tunction which describes the as-
symmetry of the moon about its polar axis, and XM and Y &€ the X
and Y components of r expressed in moon-fixed coordinates.  The other
terms in Eq. (2. 2. 14) have definitions analogous to those in Eq. (2.2.11).
The variables Xor YN and u, are computed by means of Lhe Planctary

Inertial Orientation Subroutine (Section 5.5, 2).
During cislunar-midcourse flight (translunar and transearth)

the gravitational attraction of the sun and the secondary body Q (earth
or moon) are relevant forces. The accelerations due to the secondary

body and the sun are

u
= - Q - 5
ng r?’_ f(qQ) EPQ+ r (2. 2.15)
QC
s
1.3
SC
where EPQ and Ipg are the position vectors of the secondary body and
the sun with respect to the primary body, rQC and rge are the dis-

tances of the CSM from the secondary body and the sun, and the argu-

ments qQ and dg arc computed from

(r-2r ). r
qQ = “_ZPQ— — (2.2.17)
rPQ
(r -2r_ ). r
qsz;,_éﬁ;. (2. 2.18)
T ps

The functions f(qQ) and f(qs) are calculated from Eq.(2. 2. 10).
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The position vectors of the moon relative to the earth,rEM,

and the sun relative to the earth,I'n.o,are computed as described in

Section (5. 5.4). Then,

reM if P=E
I'pQ * (2.2.19)
“TeM ifP=M
and
ps ifP=E
= .2.20
Ips (2 )
rps " tem P 7 M
Finally,
foc © r-I'pqQ
(2. 2.21)

5.2.2.4 Error Transition Matrix

The position and velocity vectors as maintained in the com-
puter are only estimates of the true values. As part of the navigation
technique it is necessary also to maintain statistical data in the com-

puter to aid in the processing of navigation measurements.

If S(t) and 1_1_(1;) are the errors in the estimates of the position
and velocity vectors, respectively, then the six-dimensional correla-

tion matrix E(t) is defined by
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) T ey nwT

EG(t) = (2. 2. 22)

Aty e’ o) n7

In certain applications it becomes necessary to expand the
state vector and the correlation matrix to more than six dimensions
so as to include estimation of landmark locations in the CMC dur-
ing orbit navigation,and rendezvous radar tracking biases in the LGC
during the rendezvous navigation procedure. For this purpose a nine-

dimensional correlation matrix is defined as follows :

Eg(t)

E(t) = n(t) B (2. 2.23)

et  pawT ppT

where the components of the three-dimensional vector 3 are the errors

in the estimates of three variables which are estimated in addition to the

components of the spacecraft state vector.
In order to take full advantage of the operations provided by

the interpreter in the computer, the correlation matrix will be re-
stricted to either six or nine dimensions. If, in some navigation pro-
cedure, only one or two additional items are to be estimated, then a suf-
ficient number of dummy variables will be added to the desired seven-or

eight-dimensional state vector to make it nine-dimensional.

[
[\
1
8%
o



Rather than use the correlation matrix in the navigation pro-
cedure, it is more convenient to utilize a matrix W(t), called the error

transition matrix,and defined by

E(t) = W(t) W(t)T (2. 2. 24)

Extrapolation of the nine -dimensional matrix W(t) is made by

direct numerical integration of the differential equation

O I 0]
ditw(t)z Git) O O | wit) (2. 2.25)
O O O

where G(t) is the three-dimensional gravity gradient matrix,and I and
O are the three-dimensional identity and zero matrices, respectively.

If the W matrix is partitioned as

Yo w1 Wa
W = Wo Yo Wi (2. 2.26)
Yis %9 ¥26
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then,

gt-gi+9(t) =G w(t) )y i=0,1,....,8 (2.2.27)
d -
Tt W18 =0

The extrapolation may be accomplished by successively integrating the

vector differential equations

wt)= G w ()  i=0,1,...,8 (2. 2. 28)

%Nl e

The gravity gradient matrix G(t) for earth or lunar orbit is

given by

U
P % r(t) r) T - r2(t) 1} (2. 2. 29)
ro(t) -

During cislunar-midcourse flight

u
G(t) = 5P Es r(t) rt) T - ré(t) 1]
ro(t) -7

(2. 2.39)

u

Q . T 2

+ IR 3 EQC(t) EQC(t) -r QC(t) I}
r QC(t)



Thus, if D is the dimension of the matrix W(t) for the given
navigation procedure, the differential equations for the ‘Ei(t) vectors

are

a2 Hp
az"fi(t) = ;3—(?)— 3 [Er(t) . \Ei(t)] Er(t) ‘_\_’Vi(t)
(2. 2.31)
oM@ (3 fug )+ W] uge® w,
r Qc(t)

where gr(t) and HQC(t) are unit vectors in the directions of £(t) and
EQC(t)’ respectively, and
1 for cislunar-midcourse flight
M = (2. 2.32)

0 for earth or lunar orbit

5.2.2.5 Numerical Integration Method

The extrapolation of navigational data requires the solution of
a number of second-order vector differential equations, specifically

Egs. (2. 2. 7) and (2. 2. 31). These are all special cases of the form

=f(y, t) (2.2.33)
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Nystrom's method is particularly well suited to this form and
gives an integration method of fourth-order accuracy. The second-order

system is written

d _
&ty " *
(2. 2. 34)
d _
gz it
and the formulae are summarized below.
Yprl T Yn T 8(y) At
Zary T En () At
_ 1 .. .
#ly,) =z, * gk, + 2ky) At
(2. 2.33)
1
Yy = g Uy ey * ky)
=1 = f_()_/n’ t )
k., =f(y ++z at+ X an? 4+ 1ay
=2 Wn" 3%, 3N " on 2
k., =f(y +2z At+ Lk (ans t +at)
-3 *Wn T 2 2 =2 > n

For efficient use of computer storage as well as computing

time the computations are performed in the following order!
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1) Equation (2. 2. 7) is solved using the Nystrom formulae,
Eq. (2. 2. 35). It is necessary to preserve the values of the
vector r at times tn’ tn + Atf2, tn + At for use in the solution
of Egs. (2. 2. 31).

2) Equations (2. 2. 31) are solved one-at-a-time using Egs.
(2. 2. 35) together with the values of r which resulted from
the first step.

The variable At is the integration time step and should not be
confused with 7, the time since rectification. The maximum value for
At which can be used for precision integration, Atmax’ is given by the

empirically determined formula

Kr3/2

—_— (2. 2.36)
Vip

At = minimum | At,. |,
max ¢im

where the calculation is truncated to the nearest two centiseconds and

At 4000 sec.

fim
(2. 2.37)

K 0.3

Because of the form of Eq. (2. 2. 36), it is possible for the
Coasting Integration Routine to use an excessive amount of time to
extrapolate a state vector if the resulting trajectory passes too close
to the target planet., Furthermore, the capability of extrapolating a
state vector to a desired radial distance may be a useful function.
For these reasons, the desired final time and the desired final radius

must be specified by the calling routine,

5.2. 2. 6 Coasting Integration Logic

Estimates of the state vectors of two vehicles (CSM and LM)
will be maintained in the computer, In various phases of the mission
it will be required to extrapolate a state vector either alone or with an

associated W matrix of dimension six or nine.
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To accomplish all of these possible procedures, as well as
to solve the computer restart problem, three state vectors will be
maintained in the computer. Let x, and x, be the estimated CSM

=C L.
and LM state vectors, respectively, and let x be a temporary state

vector. The state vector x is a symbolic representation of the follow -

ing set of variables;

ry = rectification position vector
Yo = rectification velocity vector
T.on =~ conic position vector
v = conic velocity vector
—con
(2. 2. 38)

[ = position deviation vector
v = velocity deviation vector
t = time associated with r , vV , 6 and v

—con’ —con’ = -
T = time since rectification
X = root of Kepler's equation

+ 1 for earth

P = primary body =

+ 2 for moon

where the positive sign indicates cislunar-midcourse
flight and the negative sign near-earth or near-lunar

orbit.

The state vectors Xe and Xy represent an analogous set of variables,

The Coasting Integration Routine is controlled by the calling
program by means of the two indicators D and V. The variable D

indicates the dimension of the W matrix with
D=0 (2.2.39)

denoting that the state vector only is to be extrapolated. The vari-

ble V indicates the appropriate vehicle as follows:



1 for CSM
V= 0 for LM (2. 2. 40)

-1 for state vector specified by calling program

In addition, the calling program must set the desired final time tF; the
desired final radius T and, for V equal to -1, the desired state vector x.

A simplified functional diagram of the Coasting Integration
Routine is shown in Fig. 2. 2-1. In the figure the indicated state
vector is being integrated to time tF' The value of At for each time
step is At _ (Eq. (2. 2. 36)) or the total time-to-go whichever is
smaller. The integration is terminated when the computed value

of At is less than €, OT the magnitude of the position vector is less than

.
F Figures 2.2-2, 2.2-3 and 2, 2-4 illustrate in more detail the

logic flow of this routine. In these figures certain items which have
not been discussed fully in the text are explicitly illustrated. The
following is a list of these items together with the number of the

figure in which each occurs.
1) Saving of r values for W matrix integration:Fig. 2. 2-2.
2) Change in origin of coordinates: Fig.2.2-3.
3) Rectification procedure: Fig.2.2-3.
4) Selection of disturbing acceleration: Fig. 2.2-4.

The logic flow shown in these figures is controlled by the three

switches or flags A, B, and F. Switch A is used in the determination
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ENTER

At = minimum [(tF -t), = Atmax ]

EXIT

Integrate State Vector x (t)
One Time Step to Time t + At

Integrate D-Dimensional W Matrix
One Time Step to Time t +At

Figure 2. 2-1 Simplified Coasting Integration

Routine Logic Diagram
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ENTER

Yes

Yes

-~ ro>r

SPH
No

‘ —~
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RECTIFICATION
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Compute !PQ
Sec. 5.5.4

Figure 2,2-3 Rectification andCoordinate System

Origin Change lLogic Diagram
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Compute a4p
Eq. (2,2.14)

- ™ 2gp T 9:]
~ Compute aap
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B=0
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Figure 2. 2-4 Disturbing Acceleration Selection

Logic Diagram
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of whether or not the acceleration due to the non-spherical grav-
itational anomalies of the primary planet,gdp,should be included

in the disturbing acceleration. The acceleration is relevant

a
during earth and lunar orbit, and during that part—gfpcislunar-mid—
course flight in which the vehicle is both departing from the pri-
mary planet and is within the prescribed radius Typ. Switch B
inhibits the test for a change in the origin of the Basic Reference
Coordinate System until the vector EPQ is available. Switch F is
used to distinguish between state vector integration (F = 1) and W

matrix integration (¥ = 0).

The definitions of the various control constants which appear

in Ivigs. 2.2-1to 2.2-4 are as follows:

€, = integration time step criterion

(6 = rcoctification criterion

rSPH = radius of lunar sphere of influence

riE = radius of relevance for earth non-spherical gravi-

tational anomalies

M = radius of relevance for moon non-spherical gravi-

tational anomalies



5.2.3 MEASUREMENT INCORPORATION ROUTINE

Periodically it is necessary to update the estimated posi-
tion and velocity vectors of the vehicle (CSM or LM) by means of
navigation measurements, At the time a measurement is made,
the best estimate of the state vector of the spacecraft is the extrap-
olated estimate denoted by x'. The first six components of x' are
the components of the estimated position and velocity vectors. In
certain situations it becomes necessary to estimate more than six
quantities, Then, the state vector will be of nine dimensions. From
this state vector estimate it is possible to determine an estimate of
the quantity measured, When the predicted value of this measure-
ment is compared with the actual measured quantity, the difference
is used to update the indicated state vector as well as its associated
error transition matrix as described in Section 5.2.1. The error transi-
tion matrix, W, is defined in Section 5,2,2. 4.

This routine is used to compute deviations to be added
to the components of the estimated state vector, and to update the
estimated state vector by these deviations provided the deviations

pass a state vector update validity test as described in Section 5. 2. 1,

Let D be the dimension (six or nine) of the estimated
state vector, Associated with each measurement are the following
parameters which are to be specified by the program calling this
routine:

b = Geometry vector of D dimensions
02 = A priori measurement error variance
o6Q = Measured deviation, the difference between the

quantity actually measured and the expected value
based on the original value of the estimated state

vector x'.
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The procedure for incorporating a measurement into the estimated

state vector is as follows:
@ Compute a D-dimensional z vector from
z=w'Tb (2.3.1)

where W' is the error transition matrix associated withx'.

@ Compute the D-dimensional weighting vector, w, from

(2.3.2)

@ Compute the state vector deviation estimates from

5% = w 6Q (2. 3.3)

@ If the data pass the validity test, update the state

vector and the W matrix by

X = x'+6x (2. 3.4)

W=W"'- (2. 3.5)

1+




In order to take full advantage of the three-dimensional
vector and matrix operations provided by the interpreter in the com-
puter, the nine-dimensional W matrix will be stored sequentially in

the computer as follows:

w

o Xyr vvr v Z26

Refer to Section 5. 2. 2. 4 for the definition of the W matrix. Define

the three dimensional matrices

‘EOT !3T ‘L"24rr
Wo={ wT W= | ow,! Wg=| wyel | (2.3.6)
ﬂzT ﬂsT szeT
so that
w,T w,T w7
w=|w, T w,T w, T (2.3.7)
wgl Wt wg'

Let the nine-dimensional vectors éx, b, w, and z be partitioned as

follows:
8% by £ %0 20
6x =| 6%, b= | b, ws | @ L2 IS T R |
6xgy by wy 2:8 Z2
(2. 3.8)
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Then, the computations shown in Egs. (2. 3. 1) through (2. 3. 3) are

performed as follows, using three-dimensional operations:

2-1
- t
2 Wiirsj 2
j=0
2-1
a = T 2. 2.t «
e B
j=0
(2.3.9)
2-1
T _ 1 T 1
] —EE 5 W3i+j
=0
- . D _
51(.1—6QL_01 (1—0, 1, ...,-g 1
Equation (2. 3. 5) is written
B 1
‘Y_
1+ az/a
(2.3.10)
= ! - 1 = -
!i+9j —V!i+9j ‘YZi EJ 1 0, l, e e D 1
j=90,1, ..., ? -1
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The Measurement Incorporation Routine is divided into
two subroutines, INCORP1 and INCORP2. The subroutine INCORP1
consists of Egs. (2. 3.9), while INCORP2 is composed of Egs. (2. 3. 4)
and ¢2. 3. 10). The method of using these subroutines is illustrated

in Fig. 2.3-1.

Since the estimated position and velocity vectors are
maintained in two pieces, conic and deviation from the conic, Egq.
(2. 3. 4) cannot be applied directly. The estimated position and
velocity deviations resulting from the measurement,éfo and 651, are
added to the vectors § and p, the position and velocity deviations from
the conics, respectively. Since § and y are maintained to much
higher accuracy than the conic position and velocity vectors, a pos-
sible computation overflow situation exists whenever Egq. (2. 3. 4) is
applied. If overflow does occur, then it is necessary to reinitialize
the Coasting Integration Routine (Section 5. 2. 2) by the process of
rectification as described in Section 5.2. 2. 2. The logic flow of the

subroutine INCORP2 is illustrated in detail in Fig. 2. 3-2.
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CALLING PROGRAM

SR

Compute Geometry Veetor b and

1 Measurement Deviation 6Q. o

G

L Set Dimension D and Apriori Variance a .

S

uH[NCORPd

|c

Go To

- Alternate

Procedure

Yes

[baulNCOsz

CONTINUE
INCORP1 INCORP2
Compute State Vector Update State Vector X
Deviation Estimate 6x and W Matrix
l Eas (239 ) Eqs (23 4) ond (2310)
RETURN RETURN

Fig, 2.3-1 Measurement Incorporation Procedure
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omputation
Overflow

Yes

6= a
a = Vv + 6%y
r =r + 6%
—con —con =0
Computation
Overflow v =v +6&x
con —con =
v=a
Update W Matrix Rectification
Egs. (2.3.10) Fig. 2.2-3
LM Ye
Update X, °X
No l
Xc = X —» EXIT

Fig. 2.3-2 INCORP2 Subroutine Logic Diagram

5.2-39




5.2.4 ORBIT NAVIGATION ROUTINE

5.2.4.1 Landmark Tracking Procedure

While the CSM is in lunar or earth orbit, landmark
optical tracking data are used to update the estimated CSM state
vector and the coordinates of the landmark that is being tracked,
as described in Section 5. 2.1, This routine is used to process the
landmark-tracking measurement data, as shown in simplitied form
in Fig, 2.1-1, and is used normally in lunar orbit in the lunar land-
ing mission. The routine also can be used in earth orbit during abort

situations or alternate missions.

The astronaut should use the Lunar Landmark Selection
Routine (Section 5. 6. 9) or the Ground Track Routine {(Section 5. 6. 5)
as an aid in sclecting appropriate landmarks for tracking prior to using
the Orbit Navigation Routine.

In order to initially acquire and maintain optical tracking,
the CSM attitude must be oriented such that the CSM-to-landmark
line-of-sight falls within the SCT field of view., In the CSM GNCS
there is no automatic vehicle attitude control during the lundmark
tracking procedure. Any desired attitude control must be accom-

plished manually by the astronaut.

If the astronaut wishes, he may use the Automatic Optics
Designate Routine (Section 5. 6. 8) as an aid in the acquisition of the
landmark. This routine has two modes which are relevant to orbit
navigation. In the advanced ground track mode (which is useful in
lunar orbit for surveillance, selection, and tracking of possible land-
ing sites) the routine drives the CSM optics to the direction of the
point on the ground track of the spacecraft at a time slightly more

than a specified number of orbital revolutions ahead of current time,
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In the landmark mode (which is useful for acquisition of a specified
landmark) the routine drives the optics to the estimated direction of

the specified landmark. Either the revolution number or the land-
mark must be specified by the astronaut. The computations and
positioning commands in this routine are repeated once per second
provided the optics mode switch is set to CMC. Thus, in the advanced
ground track mode, the astronaut is shown continuously the ground track
of the CSM for a future revolution. The reason for this mode is that it
is desirable to select a landing site which is near the CSM orbital plane

at the LM lunar landing time.

The Automatic Optics Designate Routine is used in other
routines to align the CSM optics to the directions of the following
sighting targets:

1) The LM during the rendezvous phase
2) A specified star during IMU alignment procedures

After the astronaut has acquired the desired landmark
(not necessarily the one specified to the Automatic Optics Designate
Routine), he switches the optics mode to MANUAL and centers the
SCT or SXT reticle on the landmark. When accurate tracking is
achieved, he presses the optics MARK button, upon which the time
of the measurement and all optics and IMU gimbal angles are stored
in the CMC. Up to five unrejected navigation sightings of the same
landmark may be made during the tracking interval,and all sets of

navigation data are acquired before processing of the data begins.
After the astronaut has completed the tracking of a land-

mark, he is asked by the CMC whether or not he wishes to identify
the tracked landmark. If he does, then he enters into the CMC through
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the keyboard the identification number o1 the coordinates of the land-

mark, and the data are processed as described in Section 5, 2. 4, 2.

The coordinates of twenty-five preselected lunar land-
marks will be stored in the CMC fixed memory. In addition, the
coordinates of the landing site will be stored in the CMC erasable
memory and can be updated during the mission. In general, code
numbers will be used to identify landmarks during » lunar-orbit
navigation phase, but it will be necessary for the astronaut to enter

the actual coordinates in the case of earth landmarts,

If the astronaut does not identify the landmark, then the
Landing Site Designation procedure (Section 5.2.4.3) is used for the
navigation data processing. In this process the landmark is con-
sidered to be unknown, and the first set of navigation data is used
to compute an initial estimate of the landmark location. The re-
maining sets of data are then processed as described in Section
3. 2. 4. 2 to update the estimated nine-dimensional CSM-landmark

state vector,

Whether the landmark is identified or not, one further
option is available to the astronaut. He may specify that one of the
navigation sightings is to be considered the designator for an offset
landing site near the tracked landmark. In this case, the designa-
ted navigation data set is saved, the remaining sets of data are pro-
cessed as described above, and then the estimated offset landing
site location is determined from the saved data as described in
Section 5.2.4.4. This procedure offers the possibility of designat-
ing a landing site in a flat area of the moon near a landmark which

is suitable for optical navigation tracking but not for landing.



Each set of navigation data which is used for state vector

updating and not for landing site designation or offset produces two
updates as described in Section 5. 2. 4.2. For the first navigation data

set the magnitudes of the first proposed changes in the estimated CSM
position and velocity vectors, sr and év, respectively, are displayed
for astronaut approval. If the astronaut accepts these proposed
changes, then all state vector updates will be performed, and all the in-
formation obtained during the tracking of this landmark will be incor-
porated into the state vector estimates. A detailed discussion of this

state vector update validity check is given in Section 5. 2. 1.

After all of the sets of navigation data have been pro-
cessed, the astronaut has the option of having the updated landmark
coordinates (or the coordinates of the unknown landmark) stored in
the erasable memory registers allocated to the landing site coor-
dinates. In this manner the original coordinates of the landing site

can be revised, or a new landing site can be selected.

The various functions for which the sets of navigation
data acquired from the line-of-sight tracking measurements are used
are presented in Sections 5.2.4.2 through 5.2.4.4. A detailed des-
cription in the form of logic diagrams of the entire Orbit Navigation

Routine with all of its options is given in Section 5.2,4.5.

5.2.4.2 State Vector Update from Landmark Sighting

As mentioned in Section 5. 2. 1 the orbit navigation con-

cept involves the nine-dimensional state vector

re

(2. 4.1)

"
A<

el
e
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where re and Ve are the estimated CSM position and velocity vec-

tors, respectively, and Ty is the estimated landmark position vec-

tor. Both the CSM state vector and the landmark position vector

are estimated and updated through the processing of optical track-

ing data. A simplified functional diagram of the orbit navigation
procedure is illustrated in Fig. 2.1-1. In this section the method

of updating the estimated nine-dimensional state vector from alandmark

line-of-sight navigation measurement is given.

After the preferred CSM attitude is achieved and optical
tracking acquisition is established (Section 5. 2. 4. 1), the astronaut
enters tracking data into the CMC by pressing the optics MARK but-
ton when he has centered the SCT or SXT reticle on the landmark.
As described in Section 5. 2. 4.1, each set of navigation data con-
tains the time of the measurement and the two optics and three IMU
gimbal angles. From these five angles the measured unit vector,
Upp along the CSM-to-landmark line-of-sight is computed in the
Basic Reference Coordinate System {rom

_ T
u,, = [REFSMMAT]" [NBSM] uyp (2. 4. 2)

where [REFSMMAT] and [NBSM] are transformation matrices and
Ung is the measured line -of-sight vector in navigation base coor-

dinates. All terms of Eq. (2. 4. 2) are defined in Section 5. 6, 3.

For the purpose of navigation it is convenient to consider

the measured unit vector, u

U to be the basic navigation data. This
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navigation measurement of the line-of-sight vector, Upp is mathemati-
cally equivalent to the simultaneous measurement of the angles be-
tween the lines-of-sight to the landmark and two stars. The data
are processed by selecting two convenient unit vectors (fictitious
star directions), converting the vector Un to an equivalent set of
two artificial star-landmark measurements, and using the Measure-
ment Incorporation Routine (Section 5. 2. 3) twice, once for each
artificial measurement. These two unit vectors are chosen to be
perpendicular to each other and to the current estimated line -of -
sight vector so as to maximize the convenience and accuracy of

the procedure,

Let e and Ty be the estimated CSM and landmark posi-
tion vectors at the time of a given line-of-sight measurement. Then,
the first state vector update for the measurement is performed as
follows:

Calculate the estimated CSM-to-landmark line-of-

sight from

'L ° % " Ic (2. 4. 3)
Yop = UNIT (rey)

@ Initialize the fictitious star direction to the vector

u = UNIT (BCLX u ) (2. 4. 4)

M

If the vectors 1_1IS and upg are separated by an angle

of less than 2~ I_I“ad. , then a computation overflow
occurs in the execution of Eq. (2.4.4), and this set
of measurement data is discarded because all of the
components of the estimated state vector deviation,

6 x, would be negligible for both state vector updates.
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@ Compute an artificial star direction from
) (2. 4.5)

@ Calculate the nine-dimensional geometry vector,

1_), from
by = o u (2. 4. 6)
CL
b, =0 (2.4.7)
92 = - 1_>0 (2. 4. 8)

6Q = cos.1 (I_]s . EM) - cos = (u Ueg )
(2. 4.9)
— -1 ( - T
S eosT gt ) - g

@ Incorporate the fictitious star-landmark mezsure-
ment using the Measurement Incorporation Routine
(Section 5. 2. 3).
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Included in Step @ is the state vector update validity check for
the first proposed update.

It should be noted that the initialization of the star di-
rection, ug which is given by Eq. (2. 4. 4), is such that the first
artificial star (computed from Eq. (2. 4. 5) ) will yield the maximum
value for the measured deviation, 6Q, which is obtained from Eq.
(2. 4.9). The reason for selecting the first ug vector in this manner
is that there is only one state vector update validity check even

though there are two updates.

Assuming that the first state vector update was accepted
by the astronaut, the second update for this measurement data set
is performed by first recomputing the estimated CSM-to-landmark
line-of-sight vector from Egq. (2. 4. 3) using the updated values of the
estimated CS nd landmark position vectors, re and Ty respectively.
Then, Steps - are repeated, this time with no state vec-

tor update validity check.

If the astronaut rejects the first state vector update, then

all of the navigation data is discarded, and no update occurs.

The results of the processing of the measured line-of-
sight vector, u,p are updated values of the estimated position and
velocity vectors of the CSM, rc and Voo respectively, and an up-

dated value of the estimated landmark position vector, Ty

5.2.4.3 Landing Site Designation

As mentioned in Section 5. 2. 4. 1 the nine-dimensional

orbit navigation procedure provides the means of mapping on the
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surface of the planet a point which is designated only by a number of
sets of optical tracking data. This process may be used to redesig-
nate the landing site optically, or as an unknown landmark orbit navi-

gation procedure,

Assume that an unmapped landmark has been tracked,
and N sets of optical measurement data have been acquired as des-
cribed in Section 5, 2, 4. 1. Let Uy be the measured unit CSM-to-
landmark line-of-sight vector obtained from the first set of mea-

surement data by means of Eq. (2. 4. 2), An estimate of the landmark

position at the time of the first navigation sighting, tM' 1s given by
2 1/
- _ 0 n2A
r, = et re cos A r—-g - sin Unm (2. 4.10)
C
where
Un, " I
cosA=_M -C (2.4,11)
r
C
reis the estimated CSM position vector at time tM’ and r,is the

estimated planetary radius., This initial estimated landmark posi-
tion vector, EQ'
by means of the standard Orbit Navigation Routine and the last N -1

and the estimated CSM state vector are then updated

sets of tracking measurement data exactly as if the designated point

were a mapped landmark,
The final results of this procedure are a location estimate

for the designated point and an improvement in the estimated CSM state

vector.
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5.2.4.4 Landing Site Offset

During the landing site selection operation any visible
landmark may be tracked that is in, or near, the desired landing area.
In most cases this visible landmark will not be an acceptable touch
down point, and it is desirable to offset the desired landing point away
from the visible landmark used for tracking. This is accomplished
by tracking the visible landmark and processing this data as previously
described for either a mapped or an unknown landmark depending upon
the type of landmark tracked. During this tracking operation a designated
navigation data set can be taken by positioning the SXT to the desired
actual landing point. This designated data set is saved, and,after the
tracking data is processed for the visible landmark,the offset landing
site location is computed from the saved data by means of Eq. (2.4.10).
In this landing site offset calculation, the magnitude of the estimated
position vector of the visible landmark is used for the estimated planetary

radius rg in Eq. (2.4.10).

5.2.4.5 Orbit Navigation Logic

After all optical landmark tracking data have been acquired,
the data processing procedure is initialized as illustrated in Fig. 2.4-1.
It is assumed that the following items are stored in erasable memory

at the start of the procedure shown in this figure:

)—(C = Estimated CSM state vector as
defined in Section 5.2.2.6.
\ = Six-dimensional error transition
matrix associated with )iC as de-
fined in Sectian 5, 2. 2. 4.
1 for valid W matrix
ORBWFLAG =

1 0 for invalid W matrix

This flag or switch is maintained

by programs external to the Orbit

5.2-49



ENTER

|

Turn on Landmark Identification

Fig. 2.4-2
W. = w, I
Yes O (71‘
~GRBWFLAG -
W =
1
No W2 =
{ D=6 Wg =
W4 - WQV I
W o=
;=0
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EXIT to
Fig. 2.4-3

Fig. 2,4-1 Orbit Navigation Routine Initialization



[REFSMMAT]

tmr o tun T

Navigation Routine. It indicates
whether or not the existing W matrix
is valid for use in processing land-
mark tracking data, The flag is

set to zero after each of the following
procedures:

1) Powered maneuver

2) State vector update from. ground

3) Rendezvous navigation
4) Astronaut Command ,

Transformation Matrix: Basic Ref-
erence Coordinate System to IMU
Stable Member Coordinate System

Number of unrejected sets of navi-
gation data acquired during the track-

ing of the landmark

The N measurement times associ-

ated with the N sets of navigation data

N sets of five optics and IMU gimbal angles each

Wor and Wy

OFF =

preselected W matrix initial diagonal

elements
7/

1 through 5 for index of landing

site offset designator

—

0 for no landing site offset des-

ignator

N

Tiwe variables D and V are indicators which control the

Coasting Integration Routine (Section 5. 2. 2) as described in Section

5.2.2.6, I and O are the three -dimensional identity and zero matrices,

respectively, and i is an index which is used to count the navigation

data sets.
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The landmark identification procedure (Fig. 2. 4-2), which
is turned on by the initialization procedure, is essentially an astronaut
interface routine and runs in parallel with the main computation. In
the identification routine the astronaut enters into the CMC through

the keyboard the following two items:

1 for mapped or known landmark

KNOWN =
0 for unmapped landmark or landing site
designation
00 for a landmark whose coordinates are
not stored in CMC memory

L = 01 for the landing site

02 through 26 for index number of a land-
mark whose coordinates are stored in

CMC fixed memory

If

KNOWN =1 and L =00

then the astronaut is further requested to enter the coordinates of the
landmark; that is, latitude (L.at), longitude (Long) and altitude (Alt).
Altitude is defined with respect to the mean lunar radius for lunar

landmarks, and the Fischer ellipsoid for earth landmarks.

After completion of the initialization procedure the Orbit

Navigation Routine begins processing the data.

For convenience of calculation in the CMC, Egs. (2. 4. 5),

(2. 4. 6), (2.4.7), and (2. 4. 9) are reformulated and regrouped as follows:



ENTER

!

Obtain Astronaut Entry of
KNOWN and L

Lat = LatL

Alt = AltL

Obtain Astronaut Entry of

Long = LongL —» EXIT

Landmark Coordinates
Lat, Long, Alt

Fig. 2.4-2 Orbit Navigation Routine Landmark Identification
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= UNIT (u X uc;)

—s CL
by = Y4
(2.4.12)
91 = 0
b = s_l( . ) -
Q = rop, |cos g - Uy) C g

This set of equations is used both by the Orbit Navigation Routine and
the Rendezvous Navigation Routine (Section 5.2, 5) in processing optical
tracking data. To validatc the use of Egs. (2.4.12) it is necessary only
to let

2 2

o =T + var ) (2.4.13)

cL Varger IMU

where vargemp and varyan, are the a priori estimates for one half the

SCT and IMU total angular error variances, respectively,

The processing of the N sets of landmark-tracking naviga-
tion data is illustrated in Fig, 2,4-3. In the {igure [\’U, 1\] and 1(2 are

preselected constants, W and Wong 2T€ preselected initial W matrix

diagonal elements, and F is the altitude flag as definced in Scetion 5.5, 3,

After the processing of the data is completed, the location
of the offset landing site is computed from the saved data, if a data
set was so designated, as shown in Fig. 2.4-4. Then, the final esti-
mated landmark position vector is converted to latitude, longitude,
altitude coordinatcs and these data are displayed. If the tracked
landmark is to be the landing site, then these data are saved in eras-

able memory,
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Extrapolate X to Offset Time OFF
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]
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Landing
Site
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ConvertVW Matrix to

Six-Dimensional Form
Figs. 2,4-5 and 2,4-6

l

EXIT

Fig. 2.4-4 Orbit Navigation Routine Termination



The final operation of the Orbit Navigation Routine is to
convert the nine-dimensional error transition matrix, W, to a six-
dimensional matrix with the same CSM position and velocity estima-
tion error variances and covariances. The reason for this procedure
is that the W matrix, when it is initialized for processing the data
associated with the next landmark, must reflect the fact that the initial
landmark location errors are not correlated with the errors in the
estimated CSM position and velocity vectors., Of course, after pro-
cessing measurement data, these cross correlations become non-
zero, and it is for this reason that the nine dimensional procedure
works, and that it is necessary to convert the final W matrix to six-

dimensional form,

The solution to the conversion problem is not unique. A

convenient solution is obtained in the following manner.

The error transition matrix, W, has been defined in

Section 5. 2.3 in terms of the nine three-dimensional submatrices

WO' Wl' e W8 as follows:
w,T w,T w,T
w=l ow,T ow,T ow[T (2.4.14)
w.T w,T w7

Let the elements of each of these submatrices be defined by
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9i Yoi+3 Woi+s6
i Woi+1 Yoi+a Woi+7 (i=0,1, ..., 8)
Woi+2 Yoi+s Woi+a

(2.4.15)

The W matrix is then converted to the following six-di-

mensional form:

W3 W W9 VW2

Y4 Yoo Y10 Vi3

w,T w, Wg Wg Wy O
, = (2.4.16)

et Wi3p W33 O 0

W3l 0 0 0

The twenty-one non-zero elements of the converted W matrix are

computed by solving the following twenty-one equations:

i,j=0,1,2,27,
i 28,59
= = e 1<

5
kZO “ivsk Wiesk LT Vitsk Mjesk p

p =0,1,...,20

(2.4.17)



where primes refer to quantities before conversion, and the following

table gives p as a function of i and j:

illzol2sl27!2 |1 |0 [28(27|2 {1 (O |27(2 |1 (0 ]|2] 1|0 |1 0]O0
j2929292929292828282828272727272 212|1}11]0

pll20]19]18|17|16|15)14|13|12|11|10|9 |8 |7 |6 5[ 4 3121140

The twenty-one elements e, to ey are computed as illus-
trated in Fig. 2.4-5. The converted W matrix is then calculated as
shown in Fig. 2.4-6. Included in this procedure are negative radicand

and zero divisor checks.

The Orbit Navigation Routine is now ready to process the

data acquired in tracking the next landmark.
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5.2.5 RENDEZVOUS NAVIGATION PROGRAM

5,2,5,1 Target Acquisition and LM Tracking Routine

During mission phases involving rendezvous, CSM
SXT tracking data of the LM are used in the Rendezvous Navigation
Routine (Section 5.2, 5.2 ) to update the estimated state vector of
either the CSM or the LM, as discussed in Section 5.2, 1 and out-
lined in Fig. 2.1-2., In order to initially acquire and maintain SXT
tracking in the CSM and RR tracking in the LM, the CSM attitude
must be oriented such that the tracking line-of -sight falls within the

SXT and RR transpondcr coverage sectors,

The general routine used to achieve and maintain
tracking conditions on the CSM is illustrated in Fig. 2.5-1, With
reference to this figure, the estimated line-of-sight between the
CSM and LM is first determined by advancing the estimated state
vectors of the two vehicles to the current time using the Kepler Sub-
routine (Section 5.5.5). A preselected reference CSM vector (or
axis) is then automatically controlled to coincide with the estimated
line-of-sight. This reference CSM vector is chosen to be approximately
in the center of the common coverage sector of the optics and RR
transponder with allowance for the optics pole region. The reference
vector currently considered for this function is illustrated in Fig, 2.5-2,
The vehicle orientation about the reference axis is not controlled by
the Preferred Tracking Attitude Routine and must be corrected man-
ually by the astronaut if it is unsatisfactory. The Preferred Tracking
Attitude Routine does maintain the CSM reference vector alignment to
within  5° of the estimated line-of -sight throughout free-fall rendez-

vous phases,
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1

Line -of -Sight
Determination

!

CSM Preferred
Tracking Attitude Routine

'}

Automatic Optics
Designate Routine r—

Visual Acquisition

Manual Astronaut
Tracking Routine

v

Optics Tracking ''Mark"
(Once per Minute)

!

Rendezvous Navigation
Routine

Figure 2.5-1 Target Acquisition and LM Tracking Routine
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Referring again to Fig. 2.5-1, the Automatic Optics
Designate Routine (Section 5.6.8) drives the CSM optics to the esti-
mated line-of -sight or pointing direction. The computations and
positioning commands in this routine are repeated once per second

provided the optics mode switch is set to CMC.

After the astronaut has identified the target vehicle
( a flashing optical beacon mounted on the LM or a steady light from
LLM reflected sunlight), he switches the optics mode to MANUAL and
centers the SXT reticle on the target., When accurate tracking is
achieved, he presses the MARK button, upon which the CMC stores
the measurement time and all SXT and IMU gimbal angles. These
data are used in the Rendezvous Navigation Routine (Section 5.2.5.2)

to update the estimated state vector of the selected vehicle.

In order to achieve desired accuracy levels of the
vehicle state vector using optical measurements, it is important
that optical tracking data used in the Rendezvous Navigation Routine
(Section 5.2.5.2) be processed at essentially uniform intervals
over the tracking period. Uniform tracking intervals are defined
as once every minute throughout the phase, as opposed to all track-
ing data taken over a short period. The reason for this requirement

is described in Section 5.2. 5.2,

Optical tracking of the LVM from the CSM is suspended
during rendezvous maneuvers by either vehicle, If the CSM is the
passive vehicle and is tracking the LM for monitoring and pos-
gible abort retrieval, LM rendezvous maneuvers are voice-linked to
the CSM as an ignition time and three velocity components in a LM
local vertical coordinate system, and then entered as updates to the
estimated LM state vector in the CMC, Upon receipt of these data,

SXT tracking and data processing should be suspended until after

the maneuver. The update is accomplished by means of the Target

AV Routine, R-32. If the CSM is the active vehicle, thenthe estimated CSM
state vector is updated by means of the Average G-Routine (Section 5.3.2)

during the maneuver.
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- 2.5.2  Rendezvous Navigation Routine

During rendezvous phases optical tracking data are oblained
by means of SXT sightings of the LM from the CSM. These data are
usced to update the estimated six-dimensional state vector of either
the CSM or the LM. The option of which state vector is to be updated
by the SXT tracking data is controlied by the astronaut as described
in Section 5. 2.1 and illustrated in FKig, 2.1-2, This decision will be
bascd upon which, if cither, state vector is the most accurate and

upon which vehicle i1s performing the rendezvous.

This routine is used to process the LM-tracking measure -
ment data, as shown in simplified form in Fig, 2. 1-2, and is used
normally during lunar-orbit rendezvous in the lunar landing mission.

The routine also can be used in carth orbit during alternate missions.

After the preferred CSM attitude is achieved and optical
tracking acquisition is established (Scction 5. 2. 5. 1), the astronaut
cnters tracking data into the CMC by pressing the optics MARK but -
ton when he has centered the SXT reticle on the LM, As described
in Section 5, 2, 5.1, each set of navigation data contains the time of
the measurement and the two optics and three IMU gimbal angles,

M’ along the CSM -

to-LM line-of-sight is computed in the Basic Reference Coordinate

From these five angles the measured unit vector, u

System from

uy, = [REFSMMAT| T [ NBSM| u (2.5.1)

—NB

where [REFSMMAT| and [NBSM| are transformation matrices and
Ung 1s the measured line-of-sight vector in navigation base coor-
dinates.  All terms of Eq. (2. 5. 1) are defined in Scction 5, 6. 3,
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For the purpose of navigation it is convenient to consider
the measured unit vector, Unr to be the basic navigation data. This
navigation measurement of the line-of-sight vector, Unge is mathe-
matically equivalent to the simultaneous measurement of the angles
between the lines -of-sight to the LM and two stars. The data are
processed by selecting two convenient unit vectors (fictitious star
directions), converting the vector u,, to an equivalent set of two ar-
tificial star-LM measurements, and using the Measurement Incor-
poration Routine (Section 5. 2. 3) twice, once for each artificial mea-
surement. These two unit vectors are chosen to be perpendicular to
each other and to the current estimated line -of-sight vector so as to

maximize the convenience and accuracy of the procedure,

Let r~ and ry be the estimated CSM and LM position vec-
tors at the time of a given line-of-sight measurement. Then, the

first state vector update for the measurement is performed as follows:

@ Calculate the estimated CSM-to-LM line -of-sight from

r = r - Tr
-cL - -L  =C (2.5.2)
upop, = UNIT (rgp )

@ Initialize the fictitious star direction to the vector

u_ = UNIT (4o, X up)) (2. 5.3)

If the vectors U~ and u,p are separated by an angle
of less than 2 rad., then a computation overflow
occurs in the execution of Eq. (2.5.3), and this set
of measurement data is discarded because all of the
components of the estimated state vector deviation,

6 x, would be negligible for both state vector updates.
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@ Compute an artificial star direction from
u, = UNIT (gs X ECL) (2. 5. 4)

Calculate the six-dimensional geometry vector, ll’

from

1
b = u (2. 5 5)
-0 I‘CL -5
b, =0 (2. 5. 6)

@ Determine the measured deviation, &Q, from

- . . _ -1 .
6Q = cos (ES EM) cos (Es ey )

(2.5.7)

"
o
©]
n

. ) - T
LA )

@ Incorporate the fictitious star-LM measurement using

the Measurement Incorporation Routine (Section 5. 2. 3).

Included in Step i1s the state vector update validity check for

the first proposed update, as described in Section 5. 2. 1.

5.2-68



It should be noted that the initialization of the star direc-
tion, ug, which is given by Eq. (2. 5. 3), is such that the first artificial
star (computed from Egq. (2. 5. 4)) will yield the maximum value for
the measured deivation, 6Q, which is obtained from Eq. (2. 5. 7). The
reason for selecting the first ug vector in this manner is that there
is only one state vector update validity check even though there are

two updates.

Assuming that the first state vector update was valid, the
second update for this measurement data set is performed by first
recomputing the estimated CSM-to-LM line-of-sight vector from Eq.
(2. 5. 2) using the updated values of the estimated CSM and @position

vectors, r'c and r respectively, Then, Steps @ -
repeated, this time with no state vector update validity check.

are

If the first proposed state vector update does not pass the
validity check, then the magnitudes of the proposed changes in the
estimated position and velocity vectors, ér and 6v, respectively,
are displayed. If the astronaut is sure that he is tracking the LM,
then he should command the update. Otherwise he should reject the
data and recheck the optical tracking. A detailed discussion of this

state vector update validity check is given in Section 5. 2. 1.

The results of the processing of the measured line-of-sight

vector, EM’

vectors of the CSM or the LM. These two estimated state vectors

are updated values of the estimated position and velocity

are used to compute required rendezvous targeting parameters as

described in Section 5, 4. 4,

For convenience of calculation in the CMC, Egs. (2. 5. 4)-

(2. 5. 7) are reformulated and regrouped as follows:
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UNIT (ES X EC

Ys L
bo = Y
(2. 5. 8)
b, = 0
8Q = r cos_l(u-u)—7r
CL -5 =M 2

This set of equations is used both by the Rendezvous Navigation
Routine and the Orbit Nuvigation Routine (Section 5. 2. 4) in processing
optical tracking data, To validatethc use ol lNgs (2. 5. 8) it is necessary

only to let

2 2 (var + var ) (2. 5.9)

@ = Tep SXT IMU

where vargs and var . are the a priori estimates tor one half the

SXT and IMU total angular error variances, respectively.

The computation logic for the Rendezvous Navigation Routine
is illustrated in Fig. 2. 5-3. It is assumed that the following items are
stored in erasable memory at the start of the computation shown inthe

figure:

= Estimated CSM state vector as defined

Xc
in Section 5, 2. 2. 6.
X = Estimated LM state vector.
\%% = Six-dimensional error transition matrix

associated with ch

Section 5. 2. 2. 4.

or 39 as defined in
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1 for valid W matrix

RENDWFLG =
0 for invalid W matrix

This flag or switch is maintained by
programs external to the Rendezvous
Navigation Routine, It indicates
whether or not the existing W matrix

is valid for use in processing LM track-
ing data. The flag is set to zero after
each of the following procedures:

1) Powered mancuver

2) State vector update from ground

3) Orbit navigation

4) Astronaut Command

[REFSMMAT]

i

Transformation Matrix: Basic Reference
Coordinate System to IMU Stable Mem -

ber Coordinate System.

N = Number of sets of rendezvous naviga-

tion data already processed.

tF = Measurement time,

Five optics and IMU gimbal angles

"

w__andw
r rv

r Preselected W matrix initial diagonal

elements,
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The variables D and V are indicators which control
the Coasting Integration Routine (Section 5, 2, 2) as described
in Section 5,2.2.6, and I and O are the three-dimensional iden-

tity and zero matrices, respectively.

The LM line -of -sight measurement incorporation
procedure outlined above is repeated at one minute intervals
throughout the rendezvous phase except during powered maneuvers,
as described in Section 5.2.5.1. As indicated in Section 5.2.5.1,
it is important that the SXT tracking data be taken over as large
an angular sector in inertial space swept out by the line -of -sight
as possible to achieve desired state vector accuracy levels, This
essentially uniform tracking operation is required since the SXT
tracking provides information only in directions normal to the
line-of -sight, as indicated by Eq. (2.5.5 }, and the line-of-sight
must be allowed to rotate in inertial space to achieve more com-

plete update data.

5.2.5.3 Rendezvous Navigation Routine (Alternate Line-of-Sight)

During rendezvous phases optical tracking data are
normally obtained by means of SXT sightings of the LM from the
CSM and processed as described in Section 5.2.5.2. An alternate
method of obtaining navigation data is by means of docking-reticle
{COAS) sightings of the LM. However, since data obtained in
this manner is much less accurate than SXT sighting data, the
docking reticle should be used for the sightings only if the SXT
has failed, or if the astronaut cannot return to the lower equip-

ment bay to make SXT sightings.
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The processing of the data from a docking-reticle
sighting is identical to the procedure described in Section 5.2.5.2

with the following two exceptions:

@ The vector Ung’ Eqg. (2.5.1), is a fixed vector instead
of one which is computed from the two optics angles.,

@ The measurement error variance, Eqg. (2.5.9), is
replaced by

2

2
o = ICL(VarDR (2.5.10)

+ VarIMU )

where varpp is the a priori estimate for one-half the total angular

error variance of a docking-reticle line-of-sight measurement,
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5.2.6 CISLUNAR -MIDCOURSE NAVIGATION ROUTINE

5.2.6.1 General Comments

During the midcourse phase of the lunar mission, naviga-
tion data can be obtained by the measurement of the angle between
the directions to a star and a planetary horizon or landmark, as de-
scribed in Section 5. 2. 1. This routine is used to process the star-
landmark/horizon measurement data, as illustrated in simplified
form ih Fig. 2. 1-3, and is normally used only in an abort situation
in conjunction with a return-to-earth targeting and maneuver pro-
cedure after the loss of ground communication. The Return -to-Earth
Routine (Section 5. 4. 5) and this routine provide the CMC with the
capability for guiding the CSM back to the earth and to safe entry

conditions.

The acquisition of the star and landmark/horizon may be
accomplished either automatically or manually., In the manual mode
it is not necessary to have the IMU aligned or even on for this mea-
surement since only the optics trunnion angle is used as measurement
data. In the automatic acquisition mode, however, the IMU must be

on and aligned prior to the initiation of this routine.

In the processing of the navigation data, it is necessary to
distinguish between earth and lunar measurements,and between primary
and secondary body measurements. This is accomplished by means of
the variable Z, which denotes measurement planet, and which is part
of the data loaded by the astronaut after the measurement. Also inclu-

ded in the data load are star and landmark or horizon identification.

5.2.6.2 Star-lLandmark Measurement

Let £C

vectors and W the error transition matrix. The SXT star-landmark

and Yo be the estimated CSM position and velocity

angle measurement processing procedure is as follows:
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Use the Coasting Integration Routine (Section 5. 2, 2)
to extrapolate the estimated CSM state vector and
the W matrix to the time of the measurement ob-

a1 3 1 ] | 3 3
taining EC’ YC'W and —I:QC' The vector EQC is

the estimated position of the CSM relative to the

secondary body Q.

Let EZC

tive to the measurement planet Z. Then

be the estimated CSM position vector rela-

-
N
I
YU

r. = (2.6.1)

"3

N
!

O

Compute Lo the location of the landmark at the
measurement time, by means of the Latitude-Longi-

tude Subroutine (Section 5, 5, 3).

Compute the estimated pointing vector from

fer ™ e T Lze
(2. 6.2)
Ucp = UNIT (rp) )



Let ug be the star unit vector prestored in the CMC
fixed memory. It is necessary to correct the star
vector for aberration, i.e. the change in the observed

star direction caused by velocity perpendicular to the
*

direction. The observed star direction,gs, is given
by
vli, - v
* _ —-C -ES
ug = UNIT (Es + —C——) (2. 6. 3)

where v is the velocity of the sun relative to the

~-ES
earth and c is the speed of light. The velocity vec-
tor of the sun relative to the earth, !ES’ is assumed
constant for the duration of the mission, as described
in Section (5. 5. 4). The velocity of the moon relative
to the earth, for the case in which the moon is the

primary body, is negligible.

Correct L_ICL for abberation as follows:

v'C
* _ vy
Uep = UNIT (ECL+ T) (2. 6.4)

Then, if A is the measured angle, the six dimensional
geometry vector, b, and the measured deviation, §Q,

are given by
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cosQ - ES ECL
-1 * - cosQu’
b, = =~ UNIT (u_ SQuen,)
CL
(2. 6.5)
b, =0
6Q = A - cos ! (COSQ)

@ Incorporate the measurement into the CSM state vector
estimate by means of the Measurement Incorporation

Routine (Section 5, 2. 3) after astronaut approval.

5.2.6,3 Star-Horizon Measuremgnt

The processing of a star-horizon measurement is the same
as that of a star-landmark measurement except for Step above,
The estimated location of the landmark (horizon) r, must be obtained

from geometrical considerations.

Referring to Fig. 2. 6-1, it is seen that the star unit vector,
gs,and the estimated CSM position vector,gzc,determine a plane. As-
suming that the measurement planet is the earth and that the horizon
of the earth is at a constant altitude, the intersection of this plane and
the horizon ellipsoid of the earth is an ellipse, called the horizon

ellipse.

To determine the orientation of the horizon ellipse, define

the following three mutually orthogonal unit vectors:



c
-

Us u2
|
- N\ = =~ uo
J EQUATOR AL
/ < ~ PLANE
N \
/
X 2" HORIZON
= ELLIPSE

SURFACE OF EARTH

Figure 2. 6-1 Definition of Horizon Coordinate System
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u, = UNIT (u _ X r, )

2 zC
ug = UNIT (u, X u,) (2. 6. 6)
Uy Uy X Y

where Bzis a unit vector along the earth's polar axis and is given by

= A (2.6.7)

The angles AXand AY are defined in Section 5. 5. 2. Then, as seen
in Fig. 2. 6-1, the vectors ug and u, are along the semi-major and
semi-minor axes of the horizon ellipse, respectively; and u, is per-
pendicular to the ellipse. The inclination angle I of the horizon el-

lipse with respect to the equatorial plane ol the curth 15 ubtained from

sinl=u, - u (2. 6. 8)

The shape of the ellipse is defined by its major and minor

axes. The semi-major axis ay is given by

a,,=a+ h (2.6.9)



where a is the semi-major axis of the Fischer ellipsoid and h is the
horizon altitude. Let rp be the radius of the Fischer ellipsoid at the
latitude equal to the inclination angle of the horizon ellipse computed
from Eq. (5.3.1) of Section 5.5. 3. Then, the semi-minor axis of
the ellipse, bH’ is obtained from

. bH= rp.? h (2. 6. 10)

The problem of determining the vector r, can now be re-
duced to a two dimensional one, Define the Horizon Coordinate Sys-
tem to have its X- and Y -axes along Uy and u, respectively, as il-
lustrated in Fig. 2, 6-2, Let

T
Yo
ng (2.6.11)

T
=2

The matrix M is the transformation matrix from the Basic
Reference Coordinate System to the Horizon Coordinate System. The

vectors %6 and u g are transformed to the Horizon Coordinate System

as follows:
'n~MZIzc
(2.6.12)
Uy © MES
Let Xy and YH be the two non-zero components of L and

let the two points of tangency from 'H to the horizon be t , and -tl‘



Figure 2, 6-2 Geometry of Star-Horizon

Measurement
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The vector‘si0 and_‘g1 are obtained by solving simultaneously

the equation of the horizon ellipse

2 2
X .
+ = 1 2.6, 13
— —Z-Qb ( )
H H

and the equation of the line which is tangent to the ellipse and which

passes through the point (xH, yH)

XX vy
H H 2.6. 14
—a——z— + I)—-—z— 1 ( . . )
H H
The following equations result:
*H
Xep + — Yy NA -1
H b H
H
b
1 H -
t,.= — Yo = =— X A-1 (2.6. 1D)
-0 A H H H
0
*H
Xy - — Y VA -1
H b H
H
b
1 H
Y _H " 2.6.16
1 A yu* N Xy A-1 ( )
H
0

where



_*H ,7H ,
A = 5 +—‘2— (2. 6. 17)
aH b

The two points of tangency, 10 and 11, correspond to the two
horizon points, 5“2 (near horizon) and EQI;I (far horizon). To deter-

mine which _t_i corresponds to which horizon, compute the two angles

A = cos ! [gsH o (- EH’] (i=0,1) (2. 6. 18)

Then, the t, which yielded the smaller angle Ai is the near horizon
and the other is the far horizon. Lett, be the horizon which was

used in the measurement. The horizon vector is then

(2. 6. 19)

The measurement processing is completed by following steps

@ - of the star-landmark measurement procedure,
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The star-horizon measurement processing procedure has
been based upon the assumption that the planet involved in the mea-
surement is the earth., If the moon is the measurement planet, and
it is assumed that the moon is a sphere, then the entire procedure
presented above is valid except for the computation of ay and bH’
For a lunar-horizon measurement Egs. (2. 6. 8 ) - (2. 6. 10) are re-

placed by

(2. 6. 20)

where M is the mean radius of the moon.

5.2, 6. 4 Angle Measurement Processing Logic

The computational logic for the CislunarsMidcourse Naviga-
tion Routine is illustrated in Fig. 2, 6-3. It is assumed that the follow-
ing items are stored in erasable memory at the start of the computa-

tion shown in the figure:

= Estimated CSM state vector as defined in

Xc
Section 5. 2, 2. 6
W = Six-dimensional error transition matrix
associated with X as defined in Section 5, 2, 2. 4
ORBW FLAG = 1 for valid W matrix

0 for invalid W matrix

This flag or switch is maintained by programs ex-

ternal to the Cislunar-Midcourse Navigation Routine.

It indicates whether or not the existing W matrix is

valid for use in processing star-landmark /horizon

angle measurement data, The flag is set to zero

after each of the following procedures:
1) Powered maneuver

2) State vector update from ground

3) Rendezvous navigation

4) Astronaut Command
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ENTER

w w 1
. .. es 0 mr
IRBWFLAG = 0 wl 0
w = 0
2
No
WJ = QO
T W‘ - wn\vl
W5 = O
ORBWFLAG = 1
D = 0
Vool
L

¥ T

('ul’i(i‘nnslmg Integration Routine To
Extrapolate x It 1o Mark Time !l‘

Determine Horizon

Noji position [P
Fig, 2.6-4

Call Patitude - Longitude Sub-
routine To Determine ¢,

l

Compute FEatanated Pointing Vedtor J

Vg (2 6 2)

Compensate For Ahrrrn(i:aA
Eqs. (2.6.3) and (2. 6,4)

('nmpu(E Geometry Vector b and
Measured eviation 8Q
Fas, (2.6.21:

T .2 '
a cr. YBTTRUN
1B 6

Call INCORPL of Measurement
Incorporation Routine to Compute
Position Change 4r and Velocity
Change &v

Dirplay dr and dv J

Astronaut
Approve

EXIT

Caill INCORP2 of Measurement
Incorporation Routine to Perform
State Vector Change

Figure 2,6-3 Cislunar-Midcourse Navigation Routine L.ogic Diagram
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t = Measurement time

F
A = Measured angle
u = Measurement star
- 1 for earth
Z = Measurement planet =
0 for moon
1 for landmark
L = Landmark switch or flag= ( measurement
0 for horizon
measurement
wmrandw = Preselected W matrix initial diagonal ele-

ments

For convenience of calculation in the CMC, Egs. (2. 6.5)

are reformulated as follows:

cosQ E: EZ?L

n

s *
UNIT u, - CcOsSQ Yo,

(50‘

(2. 6.21)

1o
]

0
6Q =rqp (A - cos ! (COSQ)]

To make Egs. (2. 6.21) valid it is necessary only to let

T2 2
[e 4

= rep VaTTRUN (2. 6. 22)

where VaroeuN is the a priori estimate of the SXT trunnion-angle
error variance,

The variables D and V are indicators which control the

Coasting Integration Routine (Section 5. 2. 2) as described in
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Section 5.2.2.6, I and O arc the three-dimensional identity and
soro matrices, respectively, and T is the altitude flag as defined

-

in Section 5. 3. 3.

Finally, there is available either the landmark coordinates

or the far horizon flag !l defined by

1 for far horizon

0 for near horizon

In the case of a horizon measurement the computational logic for

determining the horizon vector T is shown in Fig, 2. 6-4.
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ENTER

ug = Unitlu X r,e)
ug = Unit(u X u,)
Uy =u, X u,
"
Yo
ul)

T
L)

2

Z=1 SINL = u,

No ‘
Empute e Eq.(5.3. ﬂl

1
M aH=a+h

rF+h

o
[

A1<A k=1
No .
e
k20 H=1 P k21-k
No
T
r! M't—k
EXIT

Figure 2.6-4 Horizon Vector Determination Logic Diagram
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5.3 POWERED FLIGHT NAVIGATION AND GUIDANCE

5.3.1 GENERAL COMMENTS

The objective of the powered flight guidance routines is to main-
tain an estimate of the CSM state vector during thrusting maneuvers, and
to control or steer the thrust direction such that the desired velocity
cut-off conditions are achieved. The powered flight navigation program,
used to maintain an estimate of the vehicle state vector during all
thrusting conditions is referred to as the Average-G Routine and is
presented in Section 5.3.2. The basic powered flight guidance concept
is a velocity-to-be-gained concept with cross-product steering, described
in Section 5. 3.3. All powered maneuvers controlled by the Command
Module Computer (CMC) use this concept in one of the three following
programs: External AV Maneuver Guidance (Sec. 5.3.4), Lunar Orbit
Insertion (1LOI) Maneuver Guidance (Sec. 5. 3. 5), or Lambert Aim
Point Maneuver Guidance (Sec. 5.3.6). These three programs based
on the cross product steering concept differ only in the unique generation

of the required velocity vector, YR-

The primary objective of the External AV Maneuver Guidance
program is to achieve an inertial velocity condition determined or tar-
geted from an external source. The LOI Maneuver Guidance objective
is to achieve a circular orbit at cut-off such that the orbital plane contains
a specified target position vector. The objective of the Lambert Aim
Point Maneuver Guidance is to establish a trajectory which will intercept
a target position vector at a specified time of arrival. These three
CMC basic powered flight guidance programs are described in detail

in the following sections.



5.3.2 POWERED FLIGHT NAVIGATION--AVERAGE - G ROUTINE

During a powered flight maneuver, the state vector esti-
mate will be maintained by numerical integration of the equations of

motion using Average-G equations,

The information about the thrust acceleration comes from
the IMU Pulsed Integrating Pendulous Accelerometers (PIPA) in the
form of velocity increments (&v) over the time interval (At) corres-
ponding to the time of repetitive computations (generally two seconds),
The computations are,therefore, in terms of discrete increments of

velocity rather than instantaneous accelerations.

If r,. and V,h-1 @re the position and velocity estimates
at the beginning of the nth computational cycle, the I, and Y, are
computed from

Toop POt vg At/2 4 av/2)  (3.2.1)

Yo T Vpop Y0 Atlg,  tg) + Ay (3.2.2)

where - is the gravitational acceleration. The gravitational accel-

eration outside the lunar sphere of influence is given hy:

I +3 5 [leq 2 (1 - 5coslé)u_ + 2 cos
AR T oSO, vz coso,
I‘n n n n

(3.2, 3)
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where

cos ¢ = u (3.2.4)

| =

The vectors u. and u, are unit vectors in the direction of r, and
n
the polar axis of the earth, respectively, T is the gravitational con-

stant of the earth, req is the equatorial radius of the earth, and J2

is the second-harmonic coefficient of the earth's potential function.

The gravitational acceleration within the lunar sphere of

influence is determined by a simplification of Eq. 3.2.2 as follows:

g_n :-—'2' Br (3-2.5)

where ey is the gravitational constant of the moon,

The Av is compensated for instrument errors as described
in Section 5. 6.13, Further, the av is transformed into the Basic Ref-
erence Coordinate System since the navigation calculations are made in
reference coordinates.
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.3 CROSS PRODUCT STIEERING

o

.3.3.1 Velocity-to-be-Gained and Cross I’roduct Steering Concepl

The velocity-to-be-gained, v

Ve is defined by

Vg T Vg "V (3.3.1)

where XR is the required velocity associated with the current position and

is dependent on the target parameters specified for the maneuver
under consideration,

The rate of change of vcis given by
A ¢

(3.3.2)

g5
"
| <
oo
)
joa
]
| o
..q
It
o
]
j o
-3

where

b=vp - g (3.3.3)

g is the gravitational acceleration

ET is the thrust acceleration



The desired thrust direction is defined by

X v :CEXXG (3.3.4)

where arp is the desired thrust acceleration and ¢ is a scalar (bc-

tween 0 and 1), This equation is the cross product steering concept,

If the actual thrust acceleration 3T is all along ra-'l‘D’ the

equation

=0 (3.3.5)

will be satisfied. However, in general there will be a directional

error and the control system aligns the vehicle so that Eq. 3.3.5 is

satisfied,
The command for the attitude control system is generated
by
vV~ X Am
w =K =< (3.3.6)
=< V. Am
G .
. ; { '
wi»a}' ‘l/" - :
- : /
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w, = commanded attitude rate to CSM attitude control system
Am = cbat - Ay 74w

Ay = the accumulated velocity

At = the computation interval

The basic powered flight steering represented by the above equations
is illustrated in Fig. 3.3-1. The scalar K of the figure is a guidance
command gain setting required for desired dynamic response of the
combined powered guidance and thrust control (autopilot) loops. The
initial value of X.RAT. is obtained by precomputing the YR which cor-
responds to (tIG - At), then allowing the vehicle to free-fall to the
ignition time and recomputing VR- The.difference between these two

values of VR is then used as the initial XRAt-

The command-rate signal is computed cvery two seconds

during the powered flight based on an updated The computation

v
_.G‘
of Yo depends on the particular maneuver and is described in the fol-

lowing sections,

5.3.3.2 Engine-Off and Short Burn Tests

The engine is turned on at a specified or computed ignition
time. During the powered maneuver steering phase, a time-to-cut-
off, or time-to-go (tGO), is computed from the equation:

L B

A
¥

< Am|/Am - An}) At + AtT (3.3.7)

arl-off

o
o
[
<



W31SAS

wexdey] yoord Furasais WIS paramod DIND

1-¢°¢ 319

T0¥INOD 1HOIY
WSD OL1 7% =

l-ugx

KT W _
{-Uy—
e v = 3 INILNOY
Eq _ ..tﬂ M m
5 Yz 3OV3IAV
Eq A
Elq x Oﬂ UN -

>l




where

= - - L | 7 i ¢ K :
K, -5 lvg - dml/gly, am! (3.3.8)
ISP = specific impulse of the selected engine
g - 32.17405 fps®
Attail—off = a time representing the duration of a burn

at full or maximum thrust ¢quivalent to the
tail-off impulse after the engine -off signal
is issued, and computation delays.

It should be noted that Attail—off is a negative number in erasable
storage. When t(‘O falls, for the first time, below a value of 4.0

J
seconds, the engine-off signal is set to be issued tGO seconds later

and the attitude control system command, W, is set equal to zero.

Very short burns require special consideration since
some interval of time elapses before effective steering is achieved,
Not only must the autopilot react to the pointing commands, but the
engine -off signal may be required before the Ay from the PIPA's can
be measured. To this end, an estimate of the burn time, tON’ is made

on the basis of engine test data. See Fig. 3,3-2,

If tON is less than 6 seconds, the engine is set to stay on
only tONseconds and the vehicle is held in the prealigned position.
The computation and logic for short maneuver steering is shown in
Fig. 3.3-3.

Maneuvers with the RCS jets also require special con-
sideration. Since the acceleration from the RCS jets is low, the
quantization error in the PIPA's can be significant, c¢susing erroneous
pointing signals when Eq. 3. 3. 6 is mechanized. Therefore man-
euvers with the RCS jets  will be manually controlled, The initial
thrust alignment for such maneuvers will still be done automatically,

however,



TOTAL IMPULSE [/th] KILO LB-SEC

25— 2 TESTS
JFdt = -7+301t
20— ON
15—
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5
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0 | | 1 1
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Fig. 3.3-2 SPS Minimum Impulse Test Data (NAA. 4-5-686)
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Figure 3.3 3

SPS Short Burn Time Caitculation Logic
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3.3.3 Initial Thrust Alignment

Before the selected engine is ignited for any particular powered
maneuver, the vehicle must be oriented so that at ignition the thirust
is in the desired direction. Since the time of ignition is known before-
hand, the position and velocity at At seconds before ignition can be com-
puted prior to the arrival of the vehicle at that puint. By integrating
over At seconds from that point to the ignition time,the vectors v, and

-G
b At can be computed as described in Section 5. 3. 3. 1.

The desired thrust direction can then be calculated (prior

to arrival at the ignition point) as

1
12 2.2 .
up = UNIT I:g + (aT -q) EG} (3.3.9)
where
= 3.10
u, = UNIT (v (3.3.10)
_ci=c_t1-(liG-cg)y_G (3.3.11)

]
and aT is an estimate of the thrust acceleration,
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5.3. 4 EXTERNAL AV MANEUVER GUIDANCE

External AV Maneuver Guidance is normally used for
the ¢islunar midcourse corrections. It may also be used to perform
orbit maneuvers such as those prescribed by the concentric flight plan.
The guidance program accepts input data via the DSKY or the telemetry
uplink in the form of 3 components of an impulsive AV. An approximate
compensation for the finite maneuver time is made by rotating the AV
vector and the guidance program issues commands to the spacecraft
control system so as to apply the compensated velocity increment along

an inertially fixed direction defined at the ignition time.

Input Parameters

1) Time of ignition (t. )

1G
2) Specified velocity change (._\VS) in the local vertical
coordinate system of the active vehicle at the time

of 1gnition

3) Anticipated magnitude of the vehicle weight, wt, in

pounds

4) Engine choice: SPS or RCS

Outputs

1) W T corrective angular rate command to the SPS
flight control system (P-40)
2) SPS Engine-off Signal (P-40)
3) Display of velocity to be gained components in vehicle
body axes for manually controlled RCS maneuvers
(P-41)
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Computations

The local vertical coordinate system is defined by:

X = UNIT | {r (t;5) X v (t;-) }X r(t;.)]
Y = UNIT |v (tIG) X r (tIG)] (3. 4.1)
g =

- UNIT |1 (t,5)]

where r (tIG) and v (tIG) are the position and velocity vectors at the time

of ignition respectively.

The input column vector AYS is first pre-multiplied by a

matrix, the columns of which are X, Y, and Z to yield A\_/S in the inertial

coordinate system.

The input A\_fs is the required impulsive velocity correction,

In order to compensate for the change in position during the maneuver,

the input AV is biased by half the estimated central angle of travel

S
during the maneuver. The inplane velocity components of qu are
given by:
AVp=aVg - |A¥ge EP) Up
where (3.4.2)
up = UNIT [v (t;5) X £ (t;5)]
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The approximate central angle HT traveled during the maneuver is
given by:

01 ) (3. 4. 3)

Where a‘T is the estimated constant maneuver acceleration determined
from

al. - F (32‘}.“17405) (3. 4. 4)

with F equal to a prestored nominalthrust in pounds based on the as-
tronaut engine selection, and wt is the vehicle weight in pounds

entered as a DSKY input parameter. The values of F are

]
1i

21400 pounds for the SPS
(3.4.5)

)
1]

100 pounds/jet for the RCS

The corrected inplane velocity-to-be-gained is defined as:
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0 )

_ . T . T
A\_/C = AVP UNIT (AYP) COS —5~ + UNIT (AYP X EP) sin (7—)

(3. 4. 6)

and is illustrated in Fig. 3. 4-1. The corrected velocity vector-to-be-

gained during the powered flight is then given by:

AYT = AYC + (A_YS . ]—J—P) up (3.4.7)

The general computational sequence for the External AV
Maneuver Guidance is illustrated in Fig. 3. 4-2. The input Ve to the
steering equations of Section 5. 3. 3 is initially set equal to AYT of
Eq. (3. 4. 7). During the powered maneuver, Vo is updated as shown
in Fig. 3. 4-2 by the accumulated Av measured by the accelerometers.

During this program the scalar ¢ of Eq. (3. 3. 6) is zero.



(0,0,-1)

AV_P (INPUT INPLANE VEIL.OCITY)

A\_’C (COMPENSATED INPILANE
VEL.OCITY)

» (1,0,0)

Figure 3. 4-1 Inplanc External AV Maneuver Time Compensation
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N30 LUNAR ORBIP INSERTION (1.O1) MANIUVER GUIDANCE

The objeetive of the 1LOI Mancuver Cuidance program is
to establish a cirvcular orbit with an orbital planc that contains a
specified targetl position vector, This program is uscd to control the

following CSM mancuvers:

. Lunar orbit injection
2. CSM lunar orbil plane change prior to LM launch and
ascent,
This program is basced on the cross product steering concept of
Sce, 0.3.3, and requires the following input paramcters,

Input Paramecters

. time of ignition

1G "

Ugey sclenocentric target vector to be contained by

the orbital planc
C : cross product steering constant
Outputs

1. W " corrcective angular rate command to the CSM
[light control system

2. SPS Eneme -off Sienal
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For the lunar orbit insertion maneuver, the above target
input parameters are determined by the RTCC such that the resulting
lunar orbit passes over the desired lunar landing site during the orbit

in which the LM initiates the descent orbit injection maneuver,

The required target parameters are determined by the
Lunar Orbit Plane Change (LOPC) Targeting Routine of Sec. 5.4.3
for the CSM plane change normally performed two orbits prior to LM
ascent. The objective of this maneuver is to establish the CSM lunar

orbit such that it contains the LM landing site at LM launch.

The selenocentric target vector, ETA,and the maneuver burnout
position vector define the orbital plane for both of the above mancuvers. The
target vector uqp is approximately 90 degrees ahead of the expected maneuver
cut-off point, The desired orbital plane will be obtained if normal propulsion

system performance and maneuver ignitiontime are achieved,

Required Velocity for Orbital Mancuver

The instantaneous velocity to be gained is given by:
= v, -V (3.5.1)

where v is the present vehicle velocity and YR is the instantaneous
velocity that the vehicle should have to be in a circular orbit at the

present position.

The vector YR is computed as follows
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where pois the gravitational constant, r is the instaniancous sclenocentric

vehicle position vector,

u, - UNIT (r XLJ,I,A)X r (3.5.3)

and z denotes the southerly dircection,

The eross product steering constant, ¢, is set cqual to
approximatcely unity for the lunar orbit insertion program. The cxact
valuc of this constant will be determined by the RTCC to minimize
crrors in the resulting lunar orbit, The steering constant, ¢, will be

sct cqual to unity for the LLOPC mancuver when targeted by the CMC,

The LOI Mancuver Guidance Computation sequence is suni -

marized in Fig, 3.5-1,

Initial Thrust Attitude Calculation

In order to obtain the proper initial direction for thrust

attitude, the following computations are made:

a. The vehicle state vector is extrapolated ahead to(tIG - At)
by the Cousting Integration Routine and the corresponding
Ve S caleutated.

b, The vehicle state vector is then extrapolated ahead to

Loooand the corresponding v, is obtained once again,
I oy

¢. Initial pointing of the thrust vector is then accomplished

as described in Section (5.3, 3. 1).



Compute VR

\%

-R o %Bz SGN [(EX‘L}TA) ) Zj|

Steering Commands e

(Sec. 5,3, 3)

+—pEngine-off Signal
T

1

i

}

(2 second computation cycle)

Update E(t)' X(t)

with Average-G Routine

Fig. 3.5-1

1.OI Maneuver Guidance
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5. 3.6 LAMBERT AIM POINT MANEUVER GUIDANCE

The objective of the Lambert Aim Point Mancuver Guidance
program is to control the thrust direction to achieve a cut-off velocity
vector such that the resulting trajectory intercepts a specified target
position vector at o given time.  This program utilizes the cross
product steering concept of Sec. 5. 3. 3 and the Lambert Subroutine of

Sec. 5. 9. 6.

The Lambert Aim Point Maneuver Guidance can be used to

control the following mancuvers:

1.) Translunar Injection (TLI) P-15

4]
~—

Rendezvous Intercept (P-34) and Mideourse Correc-
tion Maneuvers (P-35), Stable Orbit Rendezvous
Mancuvers (P-38 and P-39).

3.) Transearth Injection (TEl) P-31

4.) Cislunar Midcourse Corrections

5.) Return-to-Earth Maneuvers
The targeting parameters for the TLI and TEI maneuvers are determined
by the RTCC, and no CMC targeting routines exist for these maneuvers,
Return-to-earth aborts initiated within the lunar sphere of influence must
also be RTCC targeted. Either the CMC, LGC or RTCC can target
Rendezvous Intercept mancuvers, Cislunar midcourse corrections and
return-to-earth aborts outside the lunar sphere ot influence can be targeted
by either the RTCC or by the CMC Return-to-Earth Targeting Routine
of Sce, 5.4.5,

5.3.6.1 Translunar Injection (Ti.I) Mancuver Guidunce

This powered flight guidance routine is used to inject the
vehicle out of varth parking orbit with a resulting trajectory that inter-

cepts a given position vector in space at a fixed time,



The translunar injection maneuver routine is used in
» program P-15, This CMC program can actively control the TLI
maneuver, or be used as a thrust monitor program for a Saturn

controlled maneuver, The required inputs for program P’-15 are:

Input Parameters

1. Ignition Time (tIG)
2, Time of flight to conic target aim vector (tF)
3. Conic target aim vector r, (tA)

’ where tA = tF + tIG

4. ¢ which is the cross product steering constant

The target parameters t ro (tA) and ¢

t
IG* F’
will be determined by the RTCC and accepted as required input para-

meters from the telemetry uplink,

Outputs

We = corrective angular rate which is transformed into
an attitude error command and sent to the Saturn Flight

Control System

2. SIVB Engine-off signal

~——
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Guidance Computations

The TI.I maneuver guidance computation sequence is
illustrated in Fig, 3.6-1. The velocity required to intercept the
target aim point ry at tA is determined by the [.ambert Subroutine,
The associated velocity to be gained e is derived as shown in the
Fig. 3.6-1. The Lambert Subroutine will normally be cycled at the
same rate as the steering computations. If the computer work load
prevents completion of the Lambert Subroutine at this rate, the
l.ambert problem is cycled at half the basic steering computation

rate,

This velocity to be gained is then used with the cross product
stecring concept of Scction 5. 3.3 to determine the required angular
command to the flight control system and the time for engine cut-off,
The value of the cross product steering constant, ¢, in Eq, 3.3.6 of
Section 5, 3. 3.1 is approximately unity and the exact value received
over the telemetry uplink is a function of the gencral targeting

calculations for determining the conic target aim vector

SIVB Engine -off Computation

A modified cut off scheme has been tested which would
allow for thrust magnitude variation of the SIVB with time. This thrust
variation has been mentioned as a possible degradation of the engine
performance. The modified scheme would use the past history of the
thrust magnitude measured by the PIPA's to extrapolate the thrust value
near cut off. Since this extrapolation has the standard problem with
derivatives of noisy signals, this scheme will not be used unless warranted

by SIVB engine performance degradation,



START
r(t) = g(tIG)

ry(t), 1y (), tp,

%

Lambert Subroutine (Section 5.5.6)

Compute vp (r (t), ry (ty), tg)

Solution
Available

\ A

XG=!G+EAT-AX

Steering Computations
P
(Section 5. 3.3 and, for Enei .
. ] ngine o
TLI only, Section 5.3.6.1) [ ® o570

{ 2 second computation cycle)

Update E(t)’ X(t)' tF

with AVERAGE G ROUTINE
(Section 5.3.2)

Figure 3.6-1 Translunar Injection Maneuver (TLI) Guidance
Transearth Injection Maneuver ( TEI) Guidance

Return-to-Earth Abort Maneuver Guidance
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5.3.6.2 Rendezvous Intercept Mancuver Guidance

This powered flight guidance routince is used to control
the rendezvous Transfer Phasec Initiation ( TPI) and midcourse
correction maneuvers in both the Concentric Flight Plan and the
Stable Orbit Rendezvous technique. The required mancuver
velocity is initially calculated before the ignition time using the
Initial Velocity Subroutine (Section 5.5.11) which in turn uses
the Lambert Subroutine (Section 5.5.6), Duringthe maneuver the
Lambert Subroutine is used to update the required maneuver
velocity. This closed loop guidance concept, coupled with cross
product steering (Section 5. 3. 3),controls maneuvers such that
the resulting trajectory intercepts a target aim point at a designated

time,

The rendezvous Intercept Maneuver Routine is used
in program P-40 when the SPS is chosen for the maneuver, or
program P-41 if the RCS is used to perform thc¢ maneuver. The
required initial targeting inputs for this routine are determined
in programs P-34, P-35, P-38 and P-39.

Input Parameters

1. Ignition time (tIG or tTPI)

2. Time of flight to intercept (tF) measured between
TPI and intercept provided no terminal rendezvous

maneuver was made.

3. Target aim point r, (tA)

where tA is the time of intercept

4. Engine Choice: SPS or RCS
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Qutputs

1. we = corrective angular rate command to the SPS
system ( P-40).

2, SPS Engine-off Signal (P-40)

3. Display of velocity to be gained components in body axes

for RCS controlled maneuvers ( P-41)

Guidance Computations

The rendezvous intercept maneuver guidance computation
sequence is illustrated in Fig, 3.6-2. The velocity required to inter-
cept the target aim point r, at tA is determined by the l.ambert Subroutine,
The associated velocity to be gained v, is derived as shown in Fig. 3.6-2,
The velocity to be gained is then used in the cross product steering concept
of Section 5, 3. 3 to determine the required angular rate command to
the flight control system and the time for engine cut-off. The Lambert
Subroutine will ordinarily be cycled at the same rate as the steering
computations, If the computer work load prevents completion of the
Lambert Subroutine at this rate,the Lambert problem is cycled at

half the basic steering computation rate as illustrated in Fig. 3.6-2,

The value of the cross product steering constant ¢ of Egs.
(3. 3.5) and (3. 3. 6) in Section 5. 3. 3.1 is equal to unity in this guidance

routine if the SPS was selected, or ¢ = 0 if the RCS was chosen.



START

v _

r(t) =T (t)

El (t)x £2 (tA): tEw) C

Lambert Subroutine (Section 5.5.6)
Compute VR LE (t), ro (tA), tF]

Solution
vailable

Short
Maneuver
Test
(Fig. 3.3-3

Ye

S

Update r(t), v(t), tF
with AVERAGE G Routine

Engine on
at tIG

att

Engine on

1G

(Section 5.3.2)

L) Y

b e e e Computations Alignment

(Section 5.3.3 for SPS)

RCS Outpu‘} ¢SPS Output
de1sp1ay o,

Note: Steering and Cutoff are Engine-off Signal

Astronaut Controlled
for RCS burns

Figure 3. 6-2 Rendezvous Intercept Maneuver and Cislunar

Midcourse Maneuver Guidance
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5.3.6.3 Transearth Injection (TEI) Maneuver Guidance

The objective of this maneuver is to inject the CSM out of
lunar orbit on a trajectory that intercepts a given target position vector
at a fixed time of flight, The basic steering concept is that presented
in Section 5. 3. 3 with the input velocity to be gained being determined

by the Lambert Subroutine of Section 5. 5. 6.
The initial targeting input parameters required for this

guidance maneuver are determined by RTCC calculations and trans-

mitted to the CMC over the telemetry uplink,

Input Parameters

1. Ignition Time (tIG)

2. Time of flight to intercept (tF)

3. Target aim point r (t

2 (ty)

t.. +t

where tA = tn G

4, ¢ = cross product steering constant

w

SPS engine

The value of ¢ will be approximately 1/2 for a constant at-
titude burn. The exact value will be a function of the RTCC targeting

computations.

Output

1. w, = corrective angular rate command to the CSM

Flight Control System

2. SPS Engine-off Signal
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Guidance Computations

The TEI maneuver guidance computation sequence is il-
lustrated in Fig. 3.6-1, The velocity required to intercept the target

aim vector r, at t, is determined by the ILambert Subroutine and then

the associated velﬁcity to be gained Vg is derived as shown in Fig.
3.6-1. The velocity to be gained is then used in the cross product
steering concept of Section 5.3, 3.1 to determine the required angular
rate command teo the flight control system, and the time for engine
cut-off, As indicated in Fig. 3.6-1 the Lambert Subroutine is cycled
in the computation sequence at the same rate as the steering compu-
tations. If the computer work load prevents completion of the Lambert
Subroutine at this rate, the Lambert problem is cycled at half the rate
of the steering computations as shown in Fig. 3.6-1, The value of

the cross product steering constant c is approximately unity and the

exact value is determined from RTCC targeting calculations,

5.3.6.4 Cislunar Midcourse Correction (MCC) Maneuver Guidance

The objective of this maneuver is to correct the current
cislunar trajectory in order to arrive at a given position vector at a

specified time,

This MCC maneuver guidance is essentially the same as
that for the TEI maneuver of Section 5. 3, 6.3 with the exception that
either the SPS or RCS propulsion systems can be chosen to execute the
maneuver, The targeting parameters required to initialize this
guidance routine are determined by the RTCC for all midcourse man-

euvers made within the lunar sphere of influence, and nominal
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translunar and transearth trajectories outside the lunar sphere of

influence, Return to earth abort trajectory midcourse correction

maneuvers outside the lunar sphere of influence can be targeted by
either the RTCC or by the CMC Return-to-Earth Program P-37 or
Safe Perilune Target Program P-70 of Section 5,4.5,

Input Parameters

1. Ignition Time (t,~)

1G

2. Time of flight to intercept (tF)

3. Target aim point r, (tA)
where tA =t +t

F 1G

4. SPS or RCS engine

Output

1. w, = corrective angular rate command to the SPS
Flight Control System (P-40)

2. SPS Engine-off Signal (P-40)

3. Velocity to be gained components in vehicle axes for

RCS manually controlled maneuvers (P-41)
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Guidance Computati_(_)i(short Burn Test)

The cislunar MCC maneuver guidance computation sequence
is illustrated in Fig. 3.6-2. The velocity required to intercept the
target aim vector r, at tA is determined by the Lambert Subroutine and
then the associated velocity to be gained \7e) is derived as shown in
Fig. 3. 6-2. The velocity steering concept of Section 5. 3, 3. 1 is used
to determine the required angular rate command to the flight control
system and the time for engine cut-off. Figure 3. 6-2 has two short
maneuver tests depending on engine choice: SPS or RCS. The Lambert
Subroutine is ordinarily cycled in the computation sequence at the
same rate as the steering computations. If the computer work load
prevents completion of the Lambert Subroutine at this rate, the Lambert
problem is cycled at half the basic steering computation rate, The

value of the scalar c in Eq. (3. 3. 6) is equal to zero for the MCC maneuver.

5 3.6.5 Return-to-Earth Maneuver Guidance

The objective of this guidance routine is to control an abort
maneuver such that the CSM is on a satisfactory return-to-earthtra-
jectory. The Return-to-Earth Maneuver Guidance Routine is the same
as that for the Transearth Injection ( TEI) Guidance of Section 3. 3.6.3
with the exception that the routine can be targeted by the Return-to-
Earth Targeting Program, P-37, of the CMC for those abort cases
outside the lunar sphere of influence. The RTCC can also supply the
required targeting parameters in these cases, and is required to
perform this function for all return-to-earth aborts initiated within
the lunar sphere of influence. For all return-to-earth maneuvers the

value of the scalar c is unity.
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Input Parameters

1. Ignition Time (tIG)

2. Time of flight to intercept (tF)

3. Target aim point ry (tA)
where tA = tF + tIG

4. Engine ; SI°S or RCS

5. ¢ =1 for CMC targeting and ¢ is approximately unity
for RTCC targeting. The exact value will be determined

from ground targeting computations,

Output

l. w, = corrective angular rate command to CSM
Flight Control System (P-40)

2, SPS Engine-off signal (P-40)

Guidance Computation

The return-to-earth abort maneuver guidance computation
sequence is illustrated in Fig, 3.6-1., The velocity required to inter-
cept the target aim point r, at tA is determined by the Lambert Sub-

routine and the corresponding velocity to be gained is derived as

\4
-G
shown in Fig, 3.6-1 . The velocity to be gained is then used in the
cross product steering concept of Section 5. 3, 3.1 to determine the
required angular rate command to the flight control system and the

time for engine cut-off. As indicated in Fig. 3.6-1, the Lambert
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Subroutine is cycled in the computation sequence at the same rate as
the steering computations., If the computer work load prevents com-
pletion of the Lambert Subroutine at this rate, the Lambert problem

is cycled at half the basic steering computation rate. The value of

the cross product steering constant c is unity if under CMC targeting,
and c is approximately unity if under RTCC targeting. The exact value

is a function of the ground targeting computation.
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2.4 TARGETING ROUTINES

5.4.1  GENERAL COMMENTS

The objectives of the targeting routines presented in this
section are to provide a CMC capability to determine the required
input target parameters and set control modes for the various
powered flight guidance routines of Section 5. 3. It should be noted
that the CMC does not have a targeting capability for every phase of
the lunar landing mission, and therciore must rely on RTCC target-
ing for many of the nominal and abort phases of the lunar mission.
The restricted targeting capability provided by the CMC is presented
in the following subsections:

5.4.2 Lunar Landing Time Prediction Routine
5. 4.3 Lunar Orbit Plane Change Targeting Routine

5.4.4 Rendezvous Retrieval Targeting Routines

These include TPI and Rendezvous Midcourse
Correction programs, a TPI Search Program,

and Stable Orbit Rendezvous routines.

5.4.5 Return-to-Earth Targeting Routines

These routines are restricted to operation outside
the lunar sphere of influence for abort returns to

earth,

All CMC targeting programs use the Basic Reference
Coordinate System defined in Section 5, 1. 4. 1. The Rendezvous

Retrieval Targeting Routines of Section 5. 4. 4 can be used in either

earth or lunar orbits, The basic input parameters required by the
targeting routines of this section are the vehicle state vector esti-

mates determined by the navigation programs of Section 5. 2.
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5.4.2 LUNAR LANDING TIME PREDICTION ROUTINE

5.4.2.1 General

The main object of this program is to compute the
lunar landing time for a Hohmann descent trajectory from the
CSM orbit followed by a powered flight phase to the desired

landing site. The input parameters to the program are:

1. ED' XD’ tD Vehicle state vector at time tD'

2 t, tE Present time and earliest per-
missible deorbit time.

3. ELSA’ tA Position of the desired landing
site at time tA‘

4 hDP' GF’ tF Desired ignition altitude, nom -

inal angle and time for the
powered landing maneuver ( see
Fig. 4.2-1).

The program contains an iterative loop which insures
that the landing position of the LM coincides with the desired
landing site as specified in the LGC initialization when rotated
into the CSM plane at the nominal landing time. Figure 4,2-2
illustrates the program logic and Fig. 4.2-1 defines the descent

trajectory configuration and nomenclature,
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DESCENT ORBIT INJECTION
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LANDING
SITE

LM LANDING
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Fig. 4.2-1 Descent Trajectory Nomenclature
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The iterative loop starts with the updating of the
CSM state vector to a new time and then advancing the LM
through the Hohmann transfer and the powered landing maneuver
phases. The landing position of the LM is then compared with
the desired landing site at the LM landing time to obtain a basis

for selecting a new descent orbit injection time.

5.4.2.2 Determination of the LM Descent Trajectory to Perilune

After the descent orbit injection maneuver, the LM
should descend on a Hohmann transfer maneuver to the desired
perilune altitude. However, due to the non-spher.cul gravily
of the moon, the actual LM descent trajectory will only approxi-
mate the conic Hohmann transfer. An offset procedure is used

to partially compensate for the non-spherical effects.

According to Fig. 4.2-2, the conic Hohmann trans-

fer time tH and velocity YDH

) is then advanced through ty using the Coasting

are first computed The LM state

vector (ED' XDH
Integration Routine, The perilune altitude is then offset and a

new Hohmann velocity is computed. The LM state vector is

again advanced through t.. which will result in approximately

H
attaining the desired perilune conditions.



5.4.2.3 Determination of New Descent Orbit Injection Time

Once the LM landing time is obtained, the position
vector of the desired landing site is determined and rotated
into the LM descent orbit plane. The angle , between this
vector and the LM landing point is computed in the following
manner. On the first iteration (n = 1) ¢ is measured from the
LM to the desired landing site in the rotational direction of the
LLM. On subsequent iterations o is defined in the region
-7 ¢ o €7, with the positive error indicating that the landing
site is ahead of the LM. When ¢ is sufficiently small the
iteration is terminated. Otherwise, the CSM state vector is
updated through the time obtained by multiplying the mean mo-
tion of the CSM by « .

5.4.2.4 Program Outputs

The outputs of the program are:

t Nominal time for descent orbit injection

(assuming impulsive burn).

tDOI Approximate time of ignition for descent
orbit injection (tI - 32 secs. )

tGO Time-to-go to ignition time for the
descent orbit injection maneuver.

tB Nominal time of ignition for the powered
landing maneuver.

tL Nominal time of landing.

&
a
-



AT Cross track distance between the de-
scent orbit and the landing site (plus

if nortl. of the descent orbital plane),
h Descent orbit insertion target altitude.

AV Required velocity for the descent orbit

DOI
injection (impulsive burn) maneuver.

The landing site position vector at the predicted

landing time, t. , is used as the basic vector direction to which

L
the LM IMU is aligned for the descent and landing maneuver
phases., The CSM orbital plane is used to define the other IMU
or stable member (SM) landing alignment parameters as fol-

lows:

Xsn * UNIT[_r_LS (tL)J
Yy = UNIT (Zgp X Xg)

Zgp = UNIT [}gchC)szMj

—-C
respectively.

where r_, and XC are the CSM position and velocity vectors,

The nominal descent orbit injection time, tI' and the
perilune target altitude, hp. are the two primary input para-
meters for the LM DOI pre-thrust program. The output parameters,
tDOI and tGO’ are estimates of the DOl maneuver ignition time
and time-to-go respectively which provide the astronaut with

this major maneuver timing requirements before calling the



DOI pre-thrust program. The output tB is used as the nominal
ignition time for the LM landing maneuver pre-ignition pro-
gram. The Ar and AVDOI

astronaut to determine if the landing maneuver and DOI man-

are primary display outputs to the

euver targeted by this routine are within nominal LM DPS AV

limits.

This routine is in both the CMC and LGC. The CMC
program is normally used to monitor this initial LGC targeting
operation and provide a check solution to be sure that the LGC

was correctly initialized,



5. 4.3 LUNAR ORBIT PLANE CHANGE TARGETING ROUTINE

The objective of the Lunar Orbit Plane Change (LOPC)

Targeting Routine is to determine the required maneuver parameters

to establish a CSM orbit that will pass over the LM landing site dur-

ing the orbit that the LM launch is planned, It is assumed that the
approximate LM launch time is known, and that the LOPC maneuver will
be initiated 2. 25 revolutions before the desired passage over the LM
landing site. The Lunar Orbit Insertion (LOI) Maneuver Routine of
Section 3. 3. 5 is used to control the LOPC maneuver, and the basic
output parameters of the LOPC Targeting Routine (P-33 of Section 4)
are used as the required targeting parameters for the 1.OI pre-thrust

program (P-32 of Section 4).

The required input parameters to the LOPC Targeting Rou-

tine are:

r, v, t CSM state vector at time t
TLSA’ tA LM landing site position vector at time tA
tE Earliest permissible LOPC maneuver time

based upon the approximate knowledge of the LM
launch time and the 2. 25 revolutions desired

prior to LM launch

The primary outputs of the LOPC Targeting Routine for the LLOI Man-

euver Guidance Routine are:

tIG Maneuver ignition time

Ura Target unit vector that the CSM orbital plane

must contain at LOPC maneuver burn-out
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In addition to the above parameters the following output parameters

are required for displays and astronaut monitoring:

av LOPC maneuver impulsive velocity compo-

nents displayed in the local vertical coordinate

system at tIG

t The approximate time that the CSM will pass
over the LM landing site 2. 25 orbits after the

LOPC maneuver

The LOPC Targeting Routine will determine a LOPC maneu-
ver time by an iterative procedure such that the ignition time will occur
within the orbital revolution following the input time tg. The general
targeting parameters used in this routine are illustrated in Fig. 4.3-1,

and the program logic is outlined in Fig. 4. 3-2.

With reference to Fig. 4. 3-2, the first step is to transform
the LM landing site position vector at time tA into moon fixed coor-
dinates. The CSM state vector is then updated to time tE using the
Coasting Integration Routine of Section 5.2.2., Assuming that the
plane change maneuver is made at tE’ the time t0 corresponding to
when the CSM would have completed 2. 25 revolutions, is obtained by
assuming a circular orbit following the maneuver. The landing site is
then propagatedtotime t, and projected into the CSM orbital plane, ob-
taining the unit vector U g In general, the landing site will not be at
the position obtained by advancing the CSM through 2. 25 revolutions.
The central angle 6 between the landing site and the updated CSM posi-
tion (see Fig. 4. 3-1) is next computed. If the iteration counter n is one,
the central angle 6 is measured in the CSM rotational direction from
the updated CSM position. Otherwise, the location of Y g ahead or be-
hind the updated CSM position is usecd to set a switch sw which con-

trols the update direction of the CSM.
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The time t3 is computed for the state vector r, sw vto
conically traverse the angle 6. The estimated plane change maneuver
time t1 is then increased by sw t3 and the calculations, starting with
an update of the CSM, are repeated until the angle § is sufficiently

simall.

When the iteration of Fig. 4. 3-2 is successful with respect
to the central angle 6, the velocity YN following the maneuver is com-
puted. The required Ay to perform the LOPC maneuver is then deter-
mined as shown, The LOPC maneuver time, tB’ Is estimated on the

T The LOPC
maneuver ignition time, tIG,iS decreased from the impulsive ignition

basis of Av and the SPS thrust acceleration magnitude, a

time, tl, by one half the estimated maneuver time t_ as shown.

B

The time tO of Fig. 4. 3-2 is the approximate time that the
CSM will pass over the LLM landing site 2 .25 orbital revolutions after
the LOPC maneuver and is used as an output display parameter. The
outputs tIG and Uppare stored in special registers so that they can be
used as the required input target parameters of the LLO! Maneuver
Guidance Routine, P-32, of Section 5. 3. 5.

The 2. 25-orbital revolution parameter used in this target-

ing program is in erasable memory, and could be changed prior to

the mission.
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Inputs parameters r, v, t, Iy SA tA, te

Transform LM tanding site to moon fixed coordinates

using Planetary Inertial Orientation Subroutine (Sec. 5. 5. 2)

O———
)

Yes
n>10 w{‘ EXIT I

¢}

Update r, v to time t1 using Coasting

Integrating Routine (Sec, 5, 2, 2)

[
|

= UNIT (r X v)
u,, = UNIT (BN X r)

¢ =/t p

t0=t1+4.5c7r

Propagate LM landing site to tO obtaining g using

Planetary Inertial Orientation Subroutine (Sec. 5. 5. 2)

sw =1

Uy g = UNIT [

Ips - lug rpg) ‘—‘N]
_ -1 .
9 =cos " (u g uy)

Figure 4, 3-2 [Lunar Orbit Plane Change ( LOPC)

Targeting Routine Logic Diagram
{(page 1 of 2)
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Yes 0 No

B =27 -8 SW ==}

©
y

Using Time - Theta Problem Subroutine (See Sec. 5.5. 7)

find the time 'c3 for r, sw v to traverse 8

- . -1 )
6 = SGN (ELS l_lN) cos [QLS UNIT (ILS)]

B2 .
YN \ﬂ (cos & uy +sin gN)

<
i

Ay =¥y - ¥

Upp = UNIT[(EXL’N)XE]
¢ ABVAL (Ay)

B

am

tig =t " tp/2

EXIT

Figure 4, 3-2 Lunar Orbit Plane Change ( LOPC)
Targeting Routine Logic Diagram
(page 2 of 2)
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5.4.4 RENDEZVOUS RETRIEVAL TARGETING

5.4.4.1 General

The Rendezvous Guidance Program in the CMC may
be used in two modes which, in combination, provide the CMC
with a direct intercept trajectory and the midcourse maneuvers
required for rendezvous. These two modes designated pre-TPI
mode (Transfer Phase Initiation) and Mid-Course mode are
identical to the last two modes of the Concentric Rendezvous

Program in the LM Guidance Computer ( LGC).

In addition, the TPI Search Program provides a mini-
mum fuel transfer capability. An alternate rendezvous procedure

is available using the Stable Orbit Rendezvous Routines,

All computations performed in the Rendezvous Guidance
Program use the Basic Reference Coordinate System defined in
Section 5.1. 4.

The program has a basic dependence on the state
vector estimates which are obtained from the navigation routines
described in Sections 5.2 and 5. 3.2,

For the routines in this section there are two associated
program numbers based on whether the CSM or the LM is the
active vehicle, If the astronaut elects to make the LM active,
the only change is the program number selected. All equations
and program operations in Section 5. 4. 4 are identical for these

two modes of operation,

5.4.4.2 Pre-TPI Maneuver ( MODE 3)

This program mode corresponds to program P-34
(CSM active) or P-74 (LM active) of Section 4, and the com-

putational sequence is illustrated in Fig., 4.4-1.

5.4-16



Inputs

Choice of Vehicle
LM or CSM

| (P19 (P39
Elevation Angle
trp1

tF of Final Tra;gfer

Start
LMor CSM

FLAG3 =0

trpr

- DISPLAY
Solution -
Integrate rpVATpYp to tTPI
Note: Subscripts A and P refer
to active and passive @ Yes
vehicles, respectively :
No Compute

Elevation Angle

Compute TPI Maneuver @

Calculate Intercept Trajectory @
RAP3, AVTPF

v

DISPLAYS

Figure 4.4-1 Pre-TPI Maneuver Mode
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Inputs
1) Choice of maneuvering vehicle
2) TPI time or Elevation angle

3) of final transfer trajectory

tF
( This time is the transfer trajectory time between

TPI and intercept, and does not include the effects

of terminal rendezvous maneuvers, )

Program Operations

If the astronaut wishes to specify an elevation angle
it is necessary to input both the TPI time and E, the desired

elevation angle. As discussed below a nominal tTPI is

'TpI
given E, When the above input procedure is completed and
the E option selected,the TPI time associated with the desired

needed to initialize the routine used to compute for a

elevation angle will be computed with the following iterative

technique.

@* TPI Computation

Both vehicles are advanced to the stored TPI time
using the precision Coasting Integration Routine, If the differ-

ence between the true line of sight angle and the input TPI

“Circled numbers in Sections 5. 4.4.2and 5. 4. 4, 3 refer to the
logic flow diagrams of Fig. 4.4-1and 4. 4-3 and correspond to
the numbering used in the analogous L.GC Figures,
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angle is greater than 0.1 degrees, the true TPI time is then
calculated by making successive co-planar circular approximations
to the current orbits (which are assumed to be no more than 5

degrees out of plane ).

The time error to the true TPI for circular orbits is

given by the equation:

_ ARCCOs [(RA/RP)COSE] - E—2 (4.4.1)
WP - WA

TERR

where RA, RP

tion vectors.

the magnitudes of thc active and passive vehicle posi
E = desired TPI angle (4.4.2)
X = central angle from RA to RP. positive when RP

is ahead of RA.
the magnitudes of orbital angular velocities

WA, WP

It should be noted that the ARCCOS term in the above equation
always gives rise to 2 solutions. If RP > RA only one such solu-
tion is meaningful; however when RA > RP, both solutions are
significant, In this case the solution corresponding to the shorter

line of sight between vehicles is selected,

Both vehicles are then advanced to the time given by

Eq. (4.4.3) and the true line of sight angle rechecked,

t + TERR (4.4.3)

TPI ° ‘TPI
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This process is repeated until the line of sight error becomes
less than 0.1 degree., An iteration counter is used to protect
against excessive iterations. When there is no TPI time associ-
ated with the elevation angle, the counter will serve as a means
of initiating a program alarm which indicates that no solution

can be found,

@ Elevation Angle Computation

If a TPI time is one of the inputs, both vehicles are
advanced to that time using the Coasting Integration Routine: and
the elevation angle, defined is Fig. 4.4-2 which corresponds to

the TPI time, is computed as follows:

H3 = {13 X va3) X 1p3
LOS = UNIT (rp, - r,,)
(4.4.4)
UA3 = UNIT (r, ;)
E = /2 - cos™ (UA3 . LOS)
If (LOS - H3)<0;, E-=1-E
(4.4.5)
XE = |E| - =
If XE >0; E =XE -n (4.4.6)
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UH = UNIT HORIZONTAL
IN FWD DIRECTION
AS DETERMINED

8Y Ya

1) IF THE LOS PROJECTION ON UH IS POSITIVE:

b)

WHEN THE LOS 1S ABOVE THE HORIZONTAL
PLANE O<E < w/2
WHEN THE LOS 1S BELOW THE HORIZONTAL
PLANE -m/2< E <0

2) IF THE LOS PROJECTION ON UH 1S NEGATIVE

al

b)

WHEN THE LOS 1S ABOVE THE HORIZONTAL
PLANE w2 <E < 7

WHEN THE LOS 1S BELOW THE HORIZONTAL
PLANE -w < E < -m/2

Fig. 4.4-2 Definition of Elevation Angle,E
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Computation of TPI Maneuver

To compute the TPI Maneuver the Initial Velocity
Subroutine (Section 5. 5, 11) is used with the proper switch set
to allow for one target offset. Although the offset procedure,
as well as the initialization for the Lambert Subroutine,is in-
cluded in the Initial Velocity Subroutine the offset technique is

repeated here for further clarity,

The estimate of both vehicle state vectors along with
the tF of the final transfer (an astronaut input) are used to com -
pute an intercept aimpoint and the maneuver required to arrive
at this aimpoint at the desired time. In calculating an offset
target to be used by the LLambert Routine (See Section 5.5, 6) for
computing A—YTPI' the effects of non-spherical gravitational per-

turbations are considered in the following way.

The position vector of the passive vehicle is advanced
to the intercept time with the Coasting Integration Routine using
the input transfer trajectory t
by Eq. (4. 4. 7).

F The intercept time is given

t =t +t (4.4.7)

TPF

The aimpoint for the initial AV calculation is the position vector

of the passive vehicle at t that is

TPF

Lamm, “1pF) * Ip Crpp) (4. 4. 8)

The passive vehicle velocity vector at the intercept point, Vp (tTPF)’

is also obtained from the Coasting Integration Routine and stored.
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The state vector of the active vehicle is advanced to

tTPF using the Lambert solution, resulting in A (t Due

TPF)‘
to non-spherical gravitational perturbations, the active vehicle

will not intercept the target, The position deviation from the

desired position ' (tT ) is given by

Pl

67y (typp) = T ltrpp) - Lp (tppyp) (4.4.9)

A new aimpoint is computed for the second iteration,

by the following equation:

= -6r (t (4. 4. 10)

Tarm, trpp) Taim, TPF’

A new AV is then computed using rajy (trpp) ty

and Tp (tTPI)' Using the new AV, the state vector of the active

vehicle is again advanced to t to obtain Th (t ) and

TPF TPF

va trpp)

@ Intercept Trajectory Computation

Once a AYTPI has been computed the technique ex-

plained in Section 5. 5,9 is used to determine the pericenter
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altitude of the trajectory established by the TPl maneuver. The

elative . . .
relative velocity at intercept, AYTPF 18

AV (4.4.11)

Vrepr = Ypltrpp) = Yp (tppyp)

where XA (tTPF) and XP(tTPF) are both available from the

above computations,

Nominal Outputs ( Pre-TPI Mode)

1) Elevation angle or TPI time
2) Magnitude of

2) AVrpy

b) AVrpp

3) Pericenter altitude after the TPI maneuver.

5.4.4.3 Rendezvous Mid-Course Maneuvers ( MODE 4)

This program mode corresponds to program P-35
(CSM active) or P-75 (LLM active) of Section 4, Normally
midcourse maneuvers, and consequently this program, should

not be used if the time-to-go to intercept is less than 10 minutes,
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Inputs

1) Choice of maneuvering vehicle
P-35 for CSM
P-75 for LM

Program Opera_t_igg

The computational sequence for this program is illus -
trated in Fig. 4. 4-3. The objective of this mode is to maintain
an intercept trajectory with midcourse correction maneuvers so
that the active vehicle would intercept the passive target vehicle
at the time and aimpoint position established in the previous TPI

mode.

The midcourse mode of the rendezvous targeting pro-
gram may be called up by the astronaut at any time after the TPI
maneuver. When the program is initiated the number of naviga-
tion measurements since the last maneuver and the time to intercept
are displayed. Based on this information and additional displays
discussed in Section 5. 6. 7, the astronaut may elect to proceed
with a midcourse correction maneuver at any point, When he
does so the program computes the midcourse correction which
would take place a specified time (A) minutes from the current
time. The time delay (A) is specified by the astronaut and is the
period required to prepare for a thrusting maneuver. To compute
the midcourse correction, the active vehicle is advanced to a
point (A) minutes from the present time and the passive vehicle
is advanced to the intercept time using the Coasting Integration
Routine. The correction required to intercept the passive vehicle

is then computed using the techniques described in Section5,4. 4.2,

1) Midcourse Maneuver AVMC

2) AVTPF if midcourse maneuver is executed



MODE 4

Input

l

Choice of Vehicle

LM or CSM

|
Start

LM or CSM

DISPLAY

'

Agtronaut Proceed

l Yes

Advance Ia VA(A) Minutes

!

Compute Mid-Course Maneuver

AVmc (19’

DISPLAYS

No

Fig. 4.4-3 Mid-course Correction Mode
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5.4.4.4 TPI Search Program

The objective of the TPI Search Programisto deter-
mine the minimum total velocity transfer trajectory from a
specified TPI maneuver time within the constraint of a safe
pericenter. The minimum total velocity determined during
the transfer trajectory search function of this routine is the
sum of the impulsive velocities for the TPI maneuver and the
TPF or ideal rendezvous maneuver. This routine is used to
establish the target parameters for a direct intercept trajec-
tory between the CSM and LM orbits controlled by a TPI
maneuver. The manual terminal rendezvous maneuver is
normally initiated from such an intercept trajectory. The TPI
Search Program is used to provide the required TPI maneuver
target parameters for either direct transfer (DT ) rendezvous
profiles or concentric flight plan (CFP) rendezvous TPl
maneuvers if AV minimization is desired beyond nominal pre-
selected astronaut input target parameters. This routine can
be used in both earth and lunar orbits. The TPI Search Program
is actually designated as two separate programs in Section 4.
When used as program P-17, the active vehicle which establishes
the intercept trajectory is the CSM. When used as program
P-77, the active vehicle is the LM,

The following input parameter is required by the TPI

Search Program.

1) tTPI desired time of transfer phase initiation (TPI)
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The basic output parameters displayed to the astronaut are:

6.

L) AV

)t

) K

L) +AV

) h

TPI

TPF

Initial relative phase angle between
the two vehicles at tTPI’ + indicat-
ing that the active vehicle is ahead
of the passive vehicle with respect

to orbital motion,

Altitude difference between the two
vehicles at tTPI’ + indicating that
the passive vehiclc has a larger
radial magnitudc than the active

vehicle,

Preferred central angle search sec-
tor. K =+ 1for central angles
greater than 1800, and K = -1 for

central angles less than 180°.

Impulsive velocity required for the

TPl maneuver.

Impulsive velocity required for the
terminal rendezvous maneuver, +

indicating that the active vehicle is
ascending at TPF, - if descending.

Altitude of the pericenter above a

reference radius vector,

Transfer time of the intercept tra-
jectory between the TPI and TPF

maneuvers,
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In general non-coplanar transfer cases, there will normally be
two minimum total AV intercept trajectories, one having a
central angle greater than 180° and the other less than 1800_
In the TPI Search Program these two central angle scctors

are searched separately. The Program initially selects the
sector in which the most acceptable solution will probably be
found based upon the relative positionconditions existing at the
selected TPI time and displays this choice to the astronaut.
The astronaut may proceed with this choice or command the other
search sector by changing the above output parameter K. Due
to the excessive AV requirements for two-impulse transfers
with 180° degree central angles in non-coplanar conditions,

the central angle search sectors are limited away from 1800
by an angle depending upon the magnitude of the non-coplanar
angle between the active vehicle position vector at TPI and the

passive vehicle orbital plane.

In general, TPI Search Program target vectors and
relative angles are illustrated in Fig.4. 4-4. The subscripts A and

P refer to the active and passive vehicles, respectively.

Program Operation

The TPI Search Program Logic diagram is shown in
Fig. 4.4-5. With reference to this figure the following major

computation sequences are described:

@ Upon selection and activation of the TPI Search
Program the planetary body (earth or moon) is first confirmed
by the SETMU Subroutine of Section 5.5.10, and the appropriate
gravitational constants, 4, and minimum pericenter altitude
hPLIM are set for program operation. The following minimum
pericenter altitude limits for the transfer trajectory are pre-

stored:
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PASSIVE ORBIT
VEHICLE

Figure 4. 4-4 Central Angle Sectors for the TPI Search Program
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START

Sec. 5.5.10

4 -
Set Earth or Moon Constants: SETMU Subroutine ' @

Strp

Repler

Advance Ta oty

Subloutine  Se

e

“Compute & Dinplay " &k K

’———{ ASTRONAUT DECISION

ASTRONAUT RELOADS
K WITH QP POSITE
SIGN

Initlalize AV, by, [ 5ot search Timite; com- m
pute IT s

Compute !I-‘() over odTlme-Theln Routine
Sec, 5.5.7
Compute tl'-l_"v'r N Time-Theta utine
Sec. 5.5.7

Yen

Advance oo Yy et 41y Keplier

Subroutine See, -

8,05

Compute v, ), a.#: Lambert Subroutine
Sec, 5.5.6

]

Compute h',
Apsides Subrutine Sec. 5.5.9

[ Compute N, S0, SG,, 8Vpy,, 8¥ppp, O

"]

G) at ..

FpLm ¥ 0 - By at
| 2 3
1-1

Yea

T Rpo My
.

L DISPLAY BV, AV

o———— (" ASTRONAUT DECISION -
[‘ SPLAY 1,
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EXIT
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TPI Search Program Logic Diagram
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INDICATING NO SAFE
PERICENTERS IN THIS
SECTOR




. ] . .
Lunar Orbit Case : hPLIM = 35,000 ft above the

landing site radius magnitude.

Earth Orbit Case hPLIM = 85 nm above the

launch pad radius.

The active and passive vehicle state vectors are next advanced
to the specified TPI time by mecans of the Kepler Subroutine of
Section 5.5.5. At this point the relative phase angle 60, al-

titude difference Ah, and search sector flag K are computed as

follows:

uyp = UNIT (r, X v,,) (4.4.12)

Tpa = fa "Iy ¢ Ugpliyp (4. 4. 13)

60 = Sign [(xpx ry) - wyp] cos™t [UNIT (rp,) - UNIT (rp,)]

(4. 4. 14)
Ah = lgpl - lﬁA' (4. 4. 15)
K = Sign [Ah] (4. 4. 16)

The parameters 60, Ah and K are then displayed to
the astronaut and a response is requested. The astronaut may
proceed, command the initial search to thc other sector by

changing K, or change the TPI time.
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@ With reference to Fig. 4. 4-5,  the program next

computes the parameter IT by:

1
. : 4T
1T = [UNIT (z,) up| 2 (4.4.17)

An initial guess QSO is then made of the transfer angle
of the passive vehicle corresponding to a minimum AV for the

active vehicle:

by = 180° + 6, + K BIT (4. 4. 18)

and is used to start the search iteration. An inner transfer

angle limit for the passive vehicle of

6. = 180° + 6. + K 2IT (4.4.19)

I 0

is set to avoid excessive AV conditions, and the outer search

limits are set as follows:

6. = 70° (K = -1)
(4. 4. 20)

- 330° (K =+ 1)

D
!
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The following initial values are next set to start the iterative

procedure:

AV = 10° (fps)

h. =-108 (ft) (4.4.21)
P

I =0

The Time Theta Subroutine of Section 5.5.7 is used to deter-
mine the passive vehicle transfer time between its position at
the selected TPI time and both d’O (tFO) and 'A'I (tFI)' The initial
time of flight tF is defined equal to tFO'

@ The minimum AV trajectory search begins by ad-
vancing the passive vehicle to the initial aim point tTPI + tF
by means of the Kepler Subroutine (Section 5.5.5) and storing
the resulting passive vehicle state vector at this time, The
Lambert Subroutine of Section 5. 5.6 is then used to determine
the required velocity !1 to establish an intercept trajectory to
the aim point with a transit time of tF' This subroutine also
provides the trajectory orbit parameters p and a that are
later used with the Apsides Subroutine of Section 5. 5.9
to determine the transfer trajectory pericenter altitude hP'

In order to determine the velocity Vo of the aciive vehicle at the
intercept point, the Time-Theta Subroutine (Section 5.5.7) is

used, The following computations are then performed:
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1

SG, Sign [rA . XA] (4. 4.22)

SG, = Sign [EP(tTPI Ftg) 22] (4. 4.23)
N — ‘Xl - va (4. 4.24)
AVrpp= |Y2 - ¥p Ctrpr * tF) (4.4.25)
AV = AV + AV (4. 4. 26)

TPI TPF

The program enters a control sequence whose effect

is as follows:

1. If the height of pericenter hP and its previous
value hPO are both less than hPLIM and furthermore hP is less
than hPO’

safe pericenters in the sector being searched,

an alarm is displayed indicating that there are no

<
2. If, as before, both hP< hPLIM and hPO hPLIM'
but now hp> hPO‘ the program sets the time of flight increment
At equal to K 400 sec., increments the time of flight, and con-

tinues searching.

3. If the pericenter changes from safe to unsafe,
the program interpolates to find the time of flight at which the
change occurred, and accepts this value as the solution, together

with AVTPI' AVTPF’ hp.
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4. If the pericenter changes from unsafe to safe,
the program also interpolates and accepts the solution provided
AV is greater than its previous value AVO. If not it sets At=K 150

sec., increments the time of flight, and continues searching.

5. If the present pericenter is safe and IAV - AV0|<2

the present time of flight is accepted as the solution.

6. If none of the above conditions holds, the time
of flight is incremented by At if AV < AVO or diminished by

At/ 2 if AV> AV, and the search function continues.

0

7. If the time of flight exceeds the bounds set in @
a solution is assumed if a safe pericenter exists, otherwise the
alarm code is displayed indicating no safe pericenters in the

sector being searched.

@ A sign is affixed to AVTPF and the solution set con-
+ AV

TPI '~ TPF’ hp is displayed to the astronaut.
The order in which the above parameters are presented on the

sisting of AV

three display registers (R1, R2, R3) is dependent upon the
polarity of the display sequence variable (DS) in Fig. 4. 4-5
and indicates to the astronaut whether the pericenter of the
transfer trajectory occurs between the TPI and TPF maneuvers
(DS positive) or beyond the rendezvous point ( DS negative) as

follows:
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R1:

R1:
R2 .

R3:

If the astronaut is satisfied with these trajectory parameters,

he may request that the time of flight tF be displayed to be re-
corded as an input parameter for the TPl Pre-thrust program,

P-34 or P-74,alongwiththeinitialt PI - The other central angle sector
may be searched by returning to@and changing K, or a new

o@and changing

the input TPI time until a satisfactory transfer trajectory has

trajectory solution attempted by returning t

been found.

AVrpr

pericenter between
hP

TPI and TPF

tAVrpR
AVrpr

pericenter beyond
+ AV
- TPF rendezvous point
hP
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5.4.4.5 Stable Orbit Rendezvous

The Stable Orbit Rendezvous profile is defined by
the following four orbital manecuvers. The first maneuver
(initial Stable Orbit TPI) defines a transfer of the active
vehicle to a point on the orbit of the passive vehicle, a given
distance ahead of, or behind the passive vehicle as measured
along the passive vehicle orbital path. The second (Stable
Orbit Rendezvous-SOR maneuver) is designed to place the
active vehicle in the same orbit as the passive vehicle with a
separation between the two vehicles determined by the first
TPI maneuver. The position of the active vehicle relative to
the passive vehicle after this second maneuver is referred to
as the stable orbit point. The third and fourth maneuvers re-
present the final transfer from the stable orbit point ({inal
TPI) and terminal rendezvous respectively, and are similar
to the corresponding maneuvers in the final phase of the con-

centric rendezvous sequence,

The first two stable orbit rendezvous maneuvers
will make use of program P-38 which is essentially the same
as P-34 except for the following modifications. If P-38 is
used for the initial Stable Orbit TPl maneuver, a special
phantom target state vector is generated and used in place of
the passive vehicle for targeting and Lambert steering, When
P-38 is used for the stable orbit maneuver an ignition time
bias is used in order to partially compensate for the finite
maneuver time. Both of these modifications are discussed in

detail below.
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During the transfer to the stable orbit point and also
during the final transfer phase a program (see Section 5.4.4.5.2)
is available for computing any midcourse corrections required

to intercept the target point,

All the orbital calculations required for the targeting in
this program use the Coasting Integration Routine, a precision
technique. The pre-thrust programs for the Stable Orbit
Rendezvous ( pP-38, P-78, -39, 1>-79) use the L.ambert
targeting concept with one offset aimpoint ( see Section 5.4.4.2

and 5.5.6) and the cross - product steering of Section 5. 3. 3.

5.4.4.5.1 Stable Orbit TPI Program

The Stable Orbit TPI Program has two phases and
is used to perform the first and the second maneuvers described
above, This program corresponds to >-38 or ’-78 of

Section 4. The logic flow is shown in Fig. 4.4-6.

Input Parameters

1) Choice of maneuvering vehicle

( P-38 CSM, >-78 LLM)

2) Ignition Time of the maneuver, tTPI

3) tF’ Time of flight of transfer trajectory
4) Program Phase

PHASE

i}

1 TPI maneuver

PHASE = 2 SOR maneuver
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INPUTS

i . P-38
1) Choice of Vehicle {P—78

2) typy

3) tF
4) PHASE
If PHASE =1

5) 6t

Normal TPI Computations

Section 5.4.4. 2.

START

CsSM LM

or
(P - 38) (P -178)

!

L.oad First 4
Inputs

L.oad 6t

.

Generate Target
' Y7
tA “trpr TR

Advance Tps Va to tTPI

Compute TPI Using

tl

Tar Yo I7 YT 'F

Y

Calculate Intercept

Trajecto ,
rajec ry’“\‘YTPF

DISPLAY

l.ambert Routine

and normal offset

Figure 4. 4-6 Stable Orbit Rendezvous Program (TPl and SOR Modes)
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If PHASE = 1, the following parameter (5) is also a
required input.

5) 6t, The offset of the stable orbit point
specified as the time required for the
passive vehicle to traverse the desired
offset distance. Positive 6t indicates
that the stable orbit point is ahead of the
passive vehicle, negative 6t behind the

passive vehicle,

Program Operation

If the program is used for the first TPI transfer
( PHASE = 1) a phantom or offset target is generated using
precision orbit integration. This offset state vector is dis-
placed from the passive vehicle an amount specified by the
6t input and represents a target in the same orbit as the pas-
sive vehicle, In both phases this program uses the phantom
state vector to compute a transfer maneuver using the same
logic as that in the pre-TPImancuver targeting (Section5.4.4.2).
The portion of Fig, 4.4-6 bclow the dotted line is completely

analogous to the targeting of the pre-TPI maneuver,

When this program is used for the second (SOR)
maneuver in the stable orbit rendezvous sequence ( PHASE = 2),
the time of ignition is offset from the time corresponding to an
impulsive maneuver. This offset is computed by the astronaut
and the time of ignition, tTPI is adjusted accordingly. In order
to maintain the targeting which corresponds to an impulsive
maneuver and thus provide an ignition bias, the time of arrival,
tA,required for the definition of the intercept trajectory is based
on the impulsive maneuver time, tTPF,which was computed in
the PHASE = 1operationof this program. The logic and equations
required for this ignition offset are included in Fig. 4.4-6,and
the definitions of the quantities used are presented in Figure

4,4-7,
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After the state vector of the stable orbit point has
been matched by the active vehicle,the PHASE = 1 mode of
this program may be used again to perform the final transfer
to rendezvous by setting 6t = 0. Alternately, pp-34 or ’-74 may be
used to perform the TPI mancuver included in the concentric
rendezvous sequence. In either case the final braking and

docking mancuvers will be accomplished manually.

Outputs
AVTPI PHASE =1
1) AV of mancuver =
> =
AVSOR PHASE = 2
2) AV = Relative velocity at target in-

TPF
tercept (approximately zero

for PHASE = 2)

3) Pericenter altitute after mancuver

5.4.4.5.2 Stable Orbit Midcourse

Input Paramecters

1) Choice of maneuvering vehicle (12-39  CSM,
>-76 1L.M)
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Program Operation

This program has the same function and follows the
same logic as p-35 or p-7H described in Section 5. 4.4 3.
except that the tarpet used to compute the midcourse mancuver
is the offset phiantom state vector used in the computation of
the Stable Orbit TPI or SOR mancuvers. (Section 5.4, 4. 5.1)

Outputs
1) Midcourse mancuver, AV

MC

2) AVTPF if midcoursce mancuver is performed,
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5.4.5 RETURN TO EARTH TARGETING

5.4.0.1 I-rlgr_o_(iuc_tigg

The Return to Earth Targeting Program provides to the
astronaut the ability to compute on board the spacecraft the target-
ing for a powered maneuver which returns the spacecraft to an cartn
reentry point with proper conditions for a safe reentry. This pro-
gram is intended as a backup in the event of a communication or
ground system failure and, thus, is completely independent of inputs
from the ground system. The method of computation however, does
not compromise certain critical trajectory characteristics such as
fuel usage and transit time for the expediency of minimumn computer

storage usage or computational speed.

Specifically this program provides powered maneuver tar-

geting for

(1) Returning from near earth orbits

(2) Returning from trajectories resulting from a translunar

injection powered maneuver failure.

*(3) Returning from translunar midcourse

7¥(4) Retarning, while in the moon's sphere of influence, from
trajectories resulting from lunar orbit insertion or

transearth injection powered maneuver failures

“3) Returning from nominal lunar orbits

% -—
Outside moond sphere of influence only

ek
This capability has been removed from this program.



*(6) Returning from transearth midcourse
*(7) Midcourse corrections during transearth midcourse

*(8) Changes in transit time during transearth midcourse

Two modes of operation are provided: time critical and
fuel critical. The former establishes trajectories which return to

earth in a minimum of time, the latter, with a minimum of fuel.

The return trajectory is constrained to be in the plane which
the spacecraft was in prior to the return so that optimum fuel utiliza-

tion will be achicved.

Although explicit control of the spacecraft landing site is not
a feature of this program, it is possible to achieve landing site selec-
tion through adjustment of the astronaut input to the program. When
on translunar or transearth trajectories, the adjusted parameter is the
desired fuel utilization. When in orbit near the earth,the designated
return time is the adjusted parameter, The astronaut need only to
note the earth track of the landing site as a function of the adjusted

parameter to select the proper parameter value.

The computations take place in two steps. The first is the
generation of a conic two body solution to the problem. This takes
a relatively short computational time and the solution characteristics
are nearly the same as those of the precise solution.On¢e the astronaut
is satisfied with the conic return trajectory he can allow the second
step to proceced, the computation of a precise trajectory which takes

a relatively long computational time,
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The Safe Perilune Targeting Program utilizes essen-
tially the same computational procedures as the Return to Iarth
Program. This program first determines the peritune of the
present spaccecraft trajectory. 1If it is not satisfactory the
astronaut may select a more desirable perilune altitude. The
Safe Perilune Program will then establish the targeting infor-
mation for a trajectory which has the desired perilunc altitude

and minimizes the required velocity change.

[n the following discussion the Program Input-Output
is discussed lirst. Next, a discussion of theoverall general
computat on procedurce is presented, followed by a more detailed
discuss:on ol the program logic. Then the detwiled computations

are presented.



0.4.5.2 Program Input-Output

The Return to Eartk Program may be called by the
astronaut at any time the computer is operable. Should the de-
signated point of return place the spacecraft at a point in space
where the program is incapable of producing a successful
solution,an alarm will occur. The current calling designation
for this program is P -37 for all modes of Returnto Earth, and
P-70 for Safe Perilune,

Return-to-Earth Targeting

After calling the program, the astronaut must
load the following information into erasable memory via the

keyboard.
(1) objective velocity change to be utilized during
the maneuver

(2) time the maneuver is to be executed

(3) reentry angle (normally set to zero and internally

calculated®)

Should a minimum fuel return be desired, the objective
velocity change should be set to zero. Should the objective change
be less than the minimum required, the program will select the
minimum. When the objective velocity change is greater than the
minimum, the return will require that amount of velocity change.

The program provides the following displays when both the
conic trajectory computation and the precision trajectory computation

are complete,
(1) latitude of the landing site
(2) longitude of the landing site

(3) wvelocity change required {vector)

*See 5.4.5,.4.2 for detailed explanation of its use
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(1) velocily magnitude at 400, 000 ft. entry altitude
(D) flight path angle at 400, 000 A, entrey altitude

(") transit time 1o 400, 000 11, entry altitude 'rom
1gnition

The astronaut must sclect cither tne SPPS or ROCS
cngdne after the precision trajectory calculation, The foilowing
aquantitivs arc displaycd after the engine selection:

(7) middle gimbal angle at ignition

(5) time of ignition

() time from ignition

The precisiontrajectory displays will not he significantly
diffcrent fromthe  conic  displays; howeverthe astronaut shoutd

check the new displays before accepting the procise sowtion,

Safe Perilune Targeting
£ 8

Input is not required when the Safe Perilune Program P-70

is first called by the astronaut. The first sct ot displays arcas follows:
(1) perilunce altitude of the present trajectory
(2) minimum time of ignition*
{3) time to perilune
The astronaut must now decide to end the program or proceed, If
he procecds he must first input via the keyboard the following:
(1) desired perilune altitude
(2) desired time of ignition
The progran: displays the foliowing precision iavget trajectornr
characteristics,

"This will be present time if the spacceraft is inside the moon's
sphere of influence and sphere avrvival thime if the spacecraft is

outside the sphere,



(1) velocity change required (vector)
(2) transit time from ignition to perilune
The astronaut must select either the RCS or SPS

engine after this display. Upon completion the program will

display the following quantities.

(3) middle gimbal angle at ignition
(4) time of ignition

(5) time from ignition
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2. 4. 5.3 General Computational Procedure

This sectioncontains a general description of the Return-
to-kKarth computational procedurce as illustrated in Figs, 4, 5-1,

1.0-2, and 4. 5-3.

The Return to larth Targeting Program, as previously
mentioned, may be used in either the fuel critical or time critical
mode.  When used in the fuel critical mode, the program generates
a trajectory which meets specified constraints on reentry flight
path angle and reentry altitude, and minimizes the impulsive velo-
city change required to achicve this trajectory. In the time critical
mode, the program generates a trajectory which meets the specified
reentry constraints and returns the spacecraft in the shortest possible
time,  The astronaut sclects cither mode by entering via the keyboard
the objective velocity change (AVD). If AVD is set to zero, the routine
will provide a fuel critical trajectory, [f AvD is not set to zero, the
routine will provide a time critical trajectory if possible, or sclect
afuel eritical trajectory if AVU is less than the mininaon required

impulsive velocity change.

The Return to Earth Targeting Program has two major
phases, an initial two body conic phase illustrated in Fig, 4. 5-1 and
a numevrically integrated precision trajectory phase illustrated in
Fig. 4.5-2. A conic routine which provides initial conditions for

return trajectories for both phases is illustrated in Fig, 4. 5-3,
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5.4.5.3.1 Nomenclature

The following is a list of the nomenclature used in
Figs. 4.5-1, 4.5-2, and 4. 5-3

yitg) = (ity), wlty)

v (6 = (elt), ()

yo(t)) = (£(t)), ¥, (t,))

ylty) = (x(ty), x(ty))

¥t pRE

Rcon

RpRrE

Rp

7ty)con
v(t, )D
Yt pRE

x(tl)

CSM state vector maintained in the
CMC

pre-return state vector
post-return state vector
state vector at reentry

final state vector of a precision
trajectory

final radius of a conic trajectory

final radius of a precision trajectory
desired final radius (reentry radius)

final flight path angle of a conic trajectory

desired final flight path angle
final flight path angle of a precision
trajectory

cotangent of the post-return flight
path angle

impulsive velocity change

desired velocity change

tolerances
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time of flight (L5 - 1)
counter

0 initial conic phase
flag set to

1 precision trajectory phasc

SRRENN



5.4.5.3.2Discussion of the Conic Phase

The following discussion is intended to supplement the

information contained in Fig. 4. 5-1.

The pre-return CSM state vector (Xl (tl)) is obtained by
numerical integration. An initial conic trajectory is then generated
which meets the reentry and velocity change constraints of the pro-
blem. The reentry radius and flight path angle constraints, however,
are known only as a function of the latitude and velocity magnitude
at reentry. Therefore an iterative procedure is employed to gen-
erate this initial conic trajectory. Based on the pre-return radius
magnitude, an estimate of the reentry constraints is made, This
initial estimate is used to compute a conic trajectory which satis-
fies the AVD requirement. The final velocity magnitude and latitude
are now available for use in a more precise calculation of the reentry
constraints. An iterative process has now been started which quickly

coverges on a suitable initial conic trajectory.

During the above iterative process slight changes in the
reentry flight path angle can produce significant changes in the
minimum required velocity change. If the time critical mode is
being used, it is possible that during a particular pass through the
iteration loop the velocity change desired may be less than the mini-
mum required. This does not necessarily preclude a time critical
solution, and therefore the iteration is centinued using the minimum

required velocity change,

A description, in general terms, of the procedure
CONICRETURN, used to obtain the initial state vector of the conic

return trajectory, will follow later in this section,

After an initial conic trajectory is computed, an estimate
is made of the landing site, and the results are displayed.
Based on this display the astronaut may elect to continue with the

calculation of a numerically integrated trajectory,

9. 4-54



l STARTY

ExTRAPOLATE Y,k ) FRoW y(t,) BY
INTEGRAT)

oN THROUEMW TIiME *,,

I

“1'0
$, =0

ESTIMATE

FLIGHT PATH aNele TYit,) ]

ReENTRY RADIUS TR, ] AND

K '.QCON

com

vit,)

ton

* *(t‘\ ton

DO CONICRETURN
¥ig. 4.5 -3

FTIGUNRRT 4.5-1

CoMPUYE y(t,)
yalt) Usine CoNic SUBROUTINES

AND L, BY ADVAN C NG

cow

COMPUTE NEw REENTRY Reapwus [R."] anD
FLIGHY PATH ANGLE DY () ]

L

'k(on~R

NO SolLVTioN

LOMPUTE ESTIMATED
LANDING SITE

SIMPLIFTED TOGIC DIAGRAM OF RETURN

[ DISPLAY J

YES MO
PROCEED

A Fi6. X.5 - 2 v

TO FKARTI

TARGETING



5.4.5.3.3 Discussion of the Precision Phase

The following discussion is intended to supplement the

information contained in Fig. 4. 5-2,

The numerically integrated trajectory must satisfy the
reentry constraints achieved by the initial conic trajectory and
meet the AvD requirement as closely as possible. An iterative
procedure is again employed to generate this trajectory. The
post-return state vector of the previous conic trajectory is used
to initialize the Coasting Integration Routine. The integration
proceeds until the desired reentry flight path angle has been
achieved. The reentry radius of the next conic trajectory is then
offset to compensate for the error in the reentry radius of the
numerically integrated trajectory. An iterative process has now
been initiated which converges to the precise trajectory which
meets the objective velocity change and the reentry constraints,
Next a target is computed for the Lambert Aimpoint Powered Flight

Routine, the landing site is calculated, and the results are displayed.
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5.4.5.3.4 Discussion of the ng_nivciRoutimi

The following discussion is intended to supplement the in-

formation contained in Fig. 4. 5-3.

The conic routine solves the following two conic problems.
(1) Given an initial position vector (E(tl))’ a pre-return velocity
vector (Xl(tl)), a final flight path angle (‘y(tz)CON), and a final radius
magnitude (RCON)’ compute a post-return velocity vector (Xz(tl))
which minimizes the velocity change (Av).
(2) Given the above quantities, compute a post-return velocity vector

(\12(‘(1)) which meets the objective velocity change (AvD).

An iterative procedure is again used. The independent
variable of the procedure is the cotangent of the post-return flight
path angle (x(tl)) , and the dependent variable is the velocity change
(av).

Initial bounds on x(tl) are computed based on the maximum
allowable semi-major axes. The upper bound constrains return tra-
jectories which pass through apogee from going too near the moon,
and the lower bound keeps the reentry velocity for direct return flights

from exceeding the maximum allowable reentry velocity.

During the second phase of the Return to Earth Targeting
Program, the calculation of a numerically integrated trajectory,
additional bounds are imposed on the independent variable x(tl).

In the case of a return from earth orbit, the resulting trajec-

tory may be nearly circular, and will pass through the desired
reentry flight path angle twice at nearty the same radius. Additional
limits on x(tl) are computed to prevent conic trajectories generated
during the search for a numerically integrated trajectory from os-
 cillating between these two solutions.
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In all cases the x(tl) - Av iterator is used to compute a
post-abort velocity vector which requires a minimum Av, In the
event that a time critical answer is required, another iteration using
the x(tl) - Av {terutor will be made to compute a post-return velocity
vector which requires a Av equal to AVD. If the velocity change de -

sired is less than the minimum required, the second iteration will
be omitted.

During the calculation of the numerically integrated tra-
jectory, the intermediate conics are additionally restricted to prevent
large changes in the post-return flight path angle, This additional
restraint is necessary in the time critical mode for certain near

carih returns because both absolute and relative minimum Av

solutions cxist.
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5.4.5.4 Logical Description

This section contains logical flow diagrams of the outside
the sphere portion of the Return to Earth Targeting Program. 5Some
items not fully discussed in the text are explicitly illustrated in the
diagrams. Certain self contained procedures are detailed in the next
section. It should be noted that the Safe Perilune Targeting Program
is integrated into the Return to Earth Targeting Program. The minor
differences between the two programs are shown by branches bascd

on the variable d’l'
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5.4.5.4.1 Nomenclature

A list of the nomerclature used in this section and

not previously defined follows.

Bte

YIGMIN

21

p(t)

x(ty )] v

x(t hvaxe Xt v

Ax(tl)
Ax(tl)

MAX

x(t2)

x(ty)prE

Pcon

ERR

desired ignition time
minimum ignition time

time of flight (t2 - tl)

Ii 1 for earth
primary body {

+ 2 for moon

limit on the cotangent of the post-

return flight path angle

upper and lower bounds on the cotan-
gent of the post-return flight path

angle
change in x(tl)
maximum allowed change in x(tl)

final cotangent of the flight path

angle

final cotangent of the flight path angle

for a precision trajectory

semi-latus rectum of a conic trajectory

precision trajectory reentry radius

error



Avaxt, Ymaxe

o]

gravitation constant
radius of perilunc
minimum final radius
maximum major uxes
normal vector

<0 Return to Earth

1 Safe Perilune

+ 1 near apogee solution

- 1 near perigec solution

switch (Safe Perilunce)

iterator mode flag

counters

intermediate variables
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5.4.5.4.2 Discussion of the Logical Flow Diagram

The following discussion is intended to supplement

the information contained in the referenced diagrams.

Three inputs are required in addilion to the CSM state
vector (Fig. 4.5-4). They are the objective velocity change de-

sired (AvD), the desired time of ignition and the reentry

(tig)s
angle (v (*L2 )D)‘ The reentry angle should nominally be set to
zero, allowing the program to compute a reentry angle in the
center of the reentry corridor, The astronaut may select the
reentry angle if a minimum Av solution lying on the edge of the
reentry corridor is required. This may be necessary in the event
the reaction control system is used for the return. See Fig. 4.5-15

for a detailed explanation of the reentry angle calculations.

The Coasting Integration Routine is used to advance the

state vector to the desired return time. A check is made to insure that

the state vector is not inside the moon's sphere of influence, If

the state vector outside the sphere of influence,precomputations
are executed, They are explained in detail later. A conic trajectory
is then generated which satisfies the estimated reentry constraints
and AvD requirements, The procedure CONICRETURN,which com-
putes the initial state vector of this conic, will be discussed later,
The Time Radius Subroutine, described in Section 5. 5. 8, is used

to compute the time of flight to the desired radius and advance the

state vector through that time of flight.

Based on this final state vector (Fig, 4. 5-5), a new reentry
radius (R’CON
path angle (x(tz)') can be computed. If they are sufficiently close to

") and a new value for the cotangent of the reentry flight

the previously used values, the conic trajectory is accepted. Other-
wise a new conic is computed which satisfies the new reentry con-
straints. A counter is employed to protect against an excessive

number of iterations.
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If the initial conic is accepted, an estimate is made of the
latitude and longitude of the landing site. For long flight times,
however, differences in time of flight between the conic and numer-
ically integrated trajectory will cause an error in the conically
estimated landing site longitude. The results of the preceding cal-
culations are displayed, and based on this information the astronaut
may elect to proceed with the calculation of a numerically integrated
trajectory or exit the prograni. As explained in Section 5.4.5.3, re-
turn trajectories from near earth orbits may be nearly circular,
and therefore pass through the desired flight path angle twice with
approximately the same radius. The unique sclution reached by the
initial conic is tested to determine whether the final situte vector was
achicved during the first or second pass through the desired recntry
flight path angle. A swilch q‘)z is sct appropriately. and wilh one ex-
ception all succeeding precision and conic trajectories are required
to behave 1in a similar manner. The exception will be explained in

detail in Section 5. 4. 5. 4. 3.
The post-return state vector of the conic trajectory is now

advanced until the desired flight path angle of reentry is reached
(Section 5. 4.5.5 ). A radius error will exist between the desired
final radius (RD) and the final radius magnitude of the numerically
integrated trajectory, If this error is small, the precision trajec-
tory is accepted. Otherwise a new conic trajectory is generated
which uses an offset final radius magnitude. If the error in the final
radius is small, a final check is made to insure that the reentry flight

path angle is acceptable,



5.4.5.4.3 Discussion of Logical Flow Diagram - CONICRETURN

The procedure CONICRETURN, illustrated in I'igures
4.5-7 and 4. 5-8, is used to generate initial state vectors for
both the Return to Earth Targeting Program and the Safe Peri-
lune Program. Equations required to initialize CONICRETURN
each time it is used are described in Section 5. 4. 5. 5. The
conic problems solved by the routine were described in Section

5.4.5.3. 4.

The logical structure shown in Figs. 4.5-7 and 4, 5-8

is based in the following facts.

(1) There is only one minimum if the pre-return

velocity vector has a negative radial component.

(2) There may be two minima if the pre-return velo-
city vector has a positive radial component. In this case the
absolute minimurn post-return velocity vector has a positive
radial component and the relative minimum has a negative

component,

As explained in Section 5.4.5.3.4 and 5.4.5.4.2, it
is necessary to compute additional bounds on x(tl) during the
search for a precision trajectory. The logic used to do this is

shown on the lower portion of Fig. 4. 5-7.
A check is made to determine whether the locus of
possible solutions includes trajectories which achieve the radius

Reon
variable f3; will be positive™,

and the flight path angle y(t2) near apogee, and if so the

“With one exception every conic solution generated by this routine
achieves the desired reentry flight path angle (v(t,)) twice during
the passage from apogee to perigee, The first tide v (to) is
reached during the passage from apogee to perigee will be re-
ferred to as near apogee, and the second time will be referred
to as near perigee. The desired reentry angle will be achieved
only once if v (tz) equals the maximum flight path angle of the
conic,
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If BS ls negative, only near perigee solutions are pos -
sible and hence no additional bounds on x(tl) are computed. The
initial conic trajectory may have achieved the desired reentry
flight path angle near apogee, however, and this type of solution
is no longer possible due to a change in RCON' This is the one
exception mentioned in Section 5. 4, 5, 4. 2. The value of ¢2 must
be set to -1, forcing all subsequent conic solutions to reach the
desired reentry flight path angle near perigee,and then the entire
precision trajectory phase is recycled,

If BG is positive, it is used to calculate x(tl)LIM'

Three types of solutions may exist,

() - x(typ g < x) < x(t))

If x(tl) takes a value in this region, the desired
reentry flight path angle (y(tz)) will be achieved

near apogee,

(2) x(tl) < - x(tl)LIM or x(tl)LIM < x(tl)

If x(t_ ) takes a value in these regions, the desired
reentry flight path angle (v(tz)) will be achieved

near perigee,

(3) x(tl) = x(tl) or x(tl) = - x(t

LIM 1)LIM
If x(tl) takes on either of these values, the desired
reentry flight path angle (7(t2)) will equal the maxi-

mum angle achieved by the conic,

The above information is used to set new bounds on x(tl) which
will force the conic to reach a near apogee or near perigee solu-

tion as prescribed by the initial conic.
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If the program is being operated in the fuel critical
mode, the x(tl) - Av iterator is used to compute an absolute

minimum AV solution.

If the program is being operated in the time critical
mode, the x(tl) - Av iterator will be used to compute a solution

requiring a velocity change equal to the objective velocity change.

5.4.5.4.4 Discussion of Logical Diagram - Safe Perilune

The following discussion is intended to supplement

the information contained in Figures 4,5-9 and 4.5-10.

No inputs other than the CSM state vector maintained
in the CMC are required to start the Safe Perilune Targeting
computation. The program may be called when the CSM is either
inside or outside the moon's sphere of influence. As mentioned
in Section 5. 2. 2. 5, the Coasting Integration Routine has the capa-
bility to extrapolate a state vector towithinagiven radial distance,
This capability is used in the initial portion of the Safe Perilune Tar-
geting Program to numerically integrate the CSM state vector to
a point near perilune. After a state vector near perilune is ob-
tained, the perilune altitude of the current trajectory is com-
puted. If the astronaut elects to adjust his perilune altitude, he
must input via the keyboard a desired perilune altitude. The
Safe Perilunc Program then enters the flow of the Return to

Earth Program,
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9.4.5.5 Detailed Flow Diagrams

Certaiu portions of the flow diagrams mentioned in
the previous sections are illustrated in Figs. 4, 5-11 through
4, 5-23.

A list of nomenclature used in the following diagrams

and not defined previously follows,

A radius ratio
p semi-latus rectum
o 1/semi-major axis
£2(t2) target aim point
TS vector through landing site
GLAT landing site latitude
GL()NG landing site longitude
m mass flow rate
F thrust
0 SPS engine
f3 flag set to
1 RCS jets
tLS time of landing
AtB length of burn
A VLV velocity change vectorinlocal vertical coordi -
- nates
aAMG middle gimbal angle
91, 92, 93 intermediate variables
At‘“ adjustment of tzl
ARCON change in the final radius of a conic
trajectory

5.4-76



The diagrams are essentially self-explanatory,

however, a discussion of two of the diagrams will follow.

Precomputations

The equations illustrated in Figure 4,5-11 are used to
compute basic variables required during the remaining portions

of the program.

As mentioned in the introduction, the pre-return and
post-return state vectors are required to lie in the same plane.
If the pre-return position and velocity vectors are nearly co-
linear, the plane of the return trajectory will be defined to pre-

vent reentry near the earth's poles.

Retrograde return to earth trajectories are not allowed.
The Safe Perilune Program will only allow retrograde lunar tra-

jectories.

Final State Vector Computation

The method illustrated in Figures 4.5-12 and 4.5-13 's
used to extrapolate a post-return state vector to the desired re-

entry flight path angle, An iterative procedure is again used.

First the post-return state vector is advanced through
the best estimate of the transit time to reentry using the Coasting
Integration Routine, Since it is not necessary to explicitly com-
pute the flight path angle of the resulting reentry state vector,
the cotangent of the flight path angle is compared with the cotangent
of the desired reentry flight path angle. If they are sufficiently

close, the resulting reentry state vector is accepted.

If the desired cotangent of the reentry flight path angle
is not achieved, an iterative procedure is started. This procedure
uses Conic Subroutines to compute the time of flight (At ) to the
desired reentry flight path angle. 21
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5.9 BASIC SUBROUTINIES

5.5.1 GENERAIL. COMMENTS

The basic solar system and conic trajectory sub-
routines which arce uscd by the various guidance and navigation

routines are described in this section.

[}
|}

1.1 Solar System Subroutines

The subroutines used to determine the translation
and rotation of the relevant solar system bodics (ecarth, moon
and sun) arc designed specifically for a fourtecen day lunar
landing mission. The method of computing the position and
velocity of the moon and the sun relative to the carth is given
in Section 5.5. 4. The transformations between the Basic Ref-
erence Coordinate System and the Earth- and Moon-fixed
Coordinate Systems arc described in Section 5.5.2. The pro-
cedure for transforming between vectors in the Basic Reference
Coordinate System and latitude, longitude, altitude coordinates
is given in Scction 5 5 3. Although these subroutines are
normally used in the lunar landing mission, they arc valid for
use in any mission of nol more than fourteen days duration in

carth-moon space.

(e
.
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1]
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5.5 1.2 Conic Trajectory Subroutines

This is a description of a group of conic trajectory
subroutines which are frequently used by higher level routines
and programs in both the Command Module and the Lunar

Module computers.

These subroutines,whose block diagrams are presented
in Sections 5. 5, 5 to 5. 5. 10, provide solutions to the following conic

problems. (See nomenclature which follows)

(1) Given r (tl), v (tl)’ tD; solve for r (t2), v (tz)
(Kepler Subroutine)
(2) Given r (tl ), r (t2 ), tD21’SG; solve for X(tl)
( LLambert Subroutine)
(3) Given r (tl), X(t1)’ 9 : solve for t21. E(t 2), v (tz)
{ Time-Theta Subroutine)
(4) Givenr (t1 ), v (tl ),r(tz),s%; solve for t?_l’ r;(tz), v {12)
{ Time -Radius Subroutine)

(5) Givenz(t),!(t);solveforr s e

p’ YA

( Apsides Subroutine)

In addition, the following useful subroutines are pro-

vided.

(6) Conic Parameters Subroutine {(See Fig. 5. 10-1).

(7) Geometric Parameters Subroutine (See Fig. 5. 10-2).
(8) Iterator Subroutine (See Fig. 5. 10-3).



The solutions to the above set of conic problems
have stringent accuracy requirements. Programming the
fixed-point Apollocomputer introduces two constraints which
determine accuracy limitations: the 28 bit double precision
word length, and the range of variables which (s scveral orders

of muagnitude tor vhe Apollo mission.

In order to maintain numerical accuracy when these
subroutines are programmed into the Apollo Computer, floating
point programming techniques must be exercised. The effect is
for even a simple equation to require a large number of computer
instructions. The alternative to this is to separate the problem
into phases, each with a different variable range. This, however,
requires an even larger number of instructions. These consid-
erations provide the incentive for cfficicntly organizing the conic

equations as shown on the block diagrams,

In addition to the requirement for accuracy,
the solution to the Kepler and Lambert Problems must be ac-
complished in a minimum of computation time in order that thc
guidance system operate satisfactorily in real time. This ad-
ditional constraint dictates that a minimum of computer in-

structions be performed when solving the problem.

Method of Solution

To minimize the total number of computer instructions,
the problems are solved in the "universal' form; i.e. only
equations which are equally valid for the ellipse, parabola and
hyperbola are used. Also these subroutines can be used with

either the earth or the moon as the as the attracting body.



Kepler's equation, in the universal form, is utilized
to relate transfer time to the conic parameters. All other
necessary equations are also universal. The Kepler and Lambert
problems are solved with a single iteration loop utilizing a
simple first-order slope iterator. In the case of the Kepler
problem a third order approximation is available to produce the

initial guess for the independent variable (See Eq.(2. 2. 4) of Section

5.2.2.2).
Sections 5.5.5 thru 5.5. 10 provide hiock diagrams

of the detailed computational procedures for solving the various

problems. The equations arc presented in block diagram form

with the nomenclature defined below.

Range of Variables

As indicated previously, the programming of the
conic subroutines requires a careful balance between ac-
curacy, computational speed and number of instructions. This
balance, in the Apollo Guidance Computer, leaves very little

margin in any of these areas.

Since the values of problem variables are determined
by the solution of the problem being solved and since the prob-
lem may originate from the ground system, it is essentia.
that the variable range limitations be defined. The conic
routines are incapable of handing problems when the solution

lies outside of the range.

The following is a list of the maximum allowable
numeric values of the variables. Note that, in addition to
fundamental quantities such as position and velocity, there
are limitations on intermediate variables and combinations

of variables.



Scaling for Conic Subroutines (Sections 5. 5.5 to 5. 5. 10)

Maximum Value

Earth Moon
Parameter Primary Body Primary Body
r 229 227
v 27 25
¢ 228 228
a** 2-22 2-20
QN** 2() 26
P o 24
cot vy 25 25
cot Q 25 25
2
< 217 216
2***
E=ax - 50 - 50
+ 4n° + 4n”

c1=£-g/\fu— 21‘ 216

2 6 6
Cy=TV /u -1 2 2

7 1
A=
r (tl)/r (t,) 2 2

cos 6 - A 27 27

All dimensional values are in units of meters and centiseconds.

* X . .
The maximum absolute value occurs for negative values of

this parameter,

**%*Both the maximum and minimum values are listed since
neither may be exceeded.



Maximum Value*

Parameter Earth Moon
e 23 23
2 533 531
x* ¢ (E) 233 231
x> s (8) NI 228 228
¢ x° e () 249 246
Cy x% s (8) 2%° 233
x [c, x2 s (8) + r(t,)] g 49 246
£ s (&) 27 2’
x% c (&) r 98 58
VEx (€s(5) - D free,)  2'P 213

Alldimensional values are in units of meters and centiseconds.

3.5=-6



Nomenclature for Conic Subroutines {Sections 5. 5.5 to 5. 5. 10)

E(tl) initial position vector

!(tl) initial velocity vector

g(tz) terminal position vector

X(tz) terminal velocity vector

Uy unit normal in the direction of the angular

momentum vector

a reciprocal of semi-major axis

(negative for hyperbolas)

r radius of pericenter

£y radius of apoccenter
e eccentricity
ay ratio of magnitude of initial position vector
to semi-major axis
PN ratio to semi-latus rectum to initial
position vector magnitude
¥ inertial flight path angle as measured from
vertical
e true anomaly difference between E(tl) and ;_‘(tz)
f true anomaly of r (t2)



D21

ERR

Acot v

a universal conic parameter equal to the ratio
of eccentric anomaly difference to JV+a for the
ellipse, or the ratio of the hyperbolic analog
of eccentric anomaly difference to /\/-—ofor

the hyperbola

value of x from the previous Kepler solution

computed transter time from Kepler's equation
(12 -ty

transfer time corresponding to the previous solu-

tion of Kepler's equation

desired transfer time through which the conic

update of the state vector is to be made

desired transfer time to traverse from E(tl)
to f(tz)

error in transfer time

tolerance to which transfer time must converge

increment in x which will produce a smaller tERR

value of Ax which will produce no significant
change in t21
increment in cot v which will produce a smaller
'ERR

value of Acot y which will produce no signifi-

cant change in t21



M product of universal gravitational constant

and mass of the primary attracting body

XMAX maximum value of x
X MIN minimum value of x
COtMAX maximum value of cot v
COtMIN minimum value of cot v
QMAX upper bound of general independent variable
QMIN lower bound of general independent variable
XMAX 1 absolute upper bound on x with respect to the moon
XMAX 0 absolute upper bound on x with respect to the earth
k a fraction of the full range of the independent
variable which determines the increment of
the independent variable on the first pass
through the iterator
y general dependent variable
y'! previous value of y
YERR error iny
z general independent variable



Az increment in z which will produce a smaller YERR

5G a sign which is plus or minus according to

>
whether the true anomaly difference between
E(tl) and g(tz) is to be less than or greater
than 180 degrees

Sp a sign which is plus or minus according to
whether the desired radial velocity at r(t2)
is plus or minus

3 general vector # 1

UP) general vector # 2

¢ angle between 4 and U

fl a switch set to 0 or 1 according to whether a
guess of cot v is available or not

f2 a switch set to 0 or 1 according to whether
Lambert should determine uy from E(tl) and 5(?.2)
or uis an input

f3 a tag set to 0 or 1 according to whether the
iterator should use the "Regula Falsi''or bias
method

f4 a flag set to 0 or 1 according to whether the
iterator is to act as a first order or a second
order iterator

f5 a flag set to 0 or 1 according to whether a

feasible solution exists or not

n.5-10



a switch set to 0 or 1 according to whether
or not the new state vector is to be an ad-
ditional output requirement of the Time-Theta

or Time-Radius problems.

a flag set to 1 if the inputs require that the

conic trajectory must close through infinity
a flag set to 1 if the Time-Radius problem

was solved for pericenter or apocenter

instead of r (t2)

5.5-11



5.5.2 ~ PLANETARY INKRTIAL ORIENTATION SUBROUTINE

This subroutine is used to transform vectors between the
Basic Reference Coordinate System and a Planetary (Earth-fixed or
Moon-fixed) Coordinate System at a specified time. These three

coordinate systems are defined in Section 5. 1. 4.

Let r be a vector in the Basic Reference Coordinate System,
r ,the same vector expressed in the Planetary Coordinate System, and

t the specified ground elapsed time (GET). Then,

r, = M) (r - (Xr) (5.2.1)

and

r M (1) (rpt Xy (5.2.2)

where M(t) is a time dependent orthogonal transformation matrix,
is a small rotation vector in the Basic Reference Coordinate System,
and (pis the same vector ( expressed in the Planetary Coordinate
System. The vector (is considered constant in one coordinate sys-
tem for the duration of the mission, The method of computing M(t)

and g depends on whether the relevant planet is the earth or the moon,

Cgsel - Ear‘tﬁ

For the earth, the matrix M(t) describes a rotation about

the polar axis of the earth (the Z-axis of the Earth-fixed Coordinate



System), and the vector _C accounts for the precession and nutation

of the polar axis (the deviation of the true pole from the mean pole).

Let AX and AY be the small angles about the X-and Y -axes
of the Basic Reference Coordinate System, respectively, that de-
scribe the precession and nutation of the earth's polar axis. The
values of these two angles at the midpoint of the mission are inclu-
ded in the pre-launch erasable data load and are considered constant

throughout the flight, Then,

1
H
I

0
AZ = AZO+ wg (t+ty) (5. 2. 3)
cos A;,‘ sin AZ 0
M(t) = | -sin AZ cos AZ 0
0 0 1
(p = MO ¢

where AZOis the angle between the X-axis of the Basic Reference
Coordinate System and the X-axis of the Earth-fixed Coordinate
System (the intersection of the Greenwich meridian and the equatorial
plane of the earth) at July 1.0, 1968 universal time (i, e,, midnight

at Greenwich just prior to July 1, 1968 ), tO is the elapsed time
between July 1.0,1968 universal time and the time that the computer

clock was zeroed, and wp is the angular velocity of the earth,

-13

(o2
.
[ ]



Case II - Moon

For the moon, the matrix M(t) accounts for the difference
in orientation of the Basic Reference and Moon-fixed Coordinate Sys -
tems in exact accordance with Cassini's laws, and the rotation vector
( corrects for deviations from the above orientation because of physi-

cal libration,

Define the following three angles which arce functions of

time:

B = the obliquity, the angle between the mcan carth

equatorial plane and the plane of the ccliptic.

szI the longitude of the node of the moon's orbit

measured from the X-axis of the Basic Reference

Coordinate System.

I = the angle from the mean ascending node of the

moon's orbit to the mcean moon.

Let I be the constant angle between the mean lunar equatorial plane
and the plane of the ecliptic (1o 32.1'). Then, the secquence of
rotations which brings the Basic Reterence Coordinate System into
coincidence with the Moon-fixed Coordinate System (neglecting li-

bration) is as follows:

dedo



Rotation

Axis of Rotation

Angle of Rotation

1

2

N X N

13
QI
-1

T+ F

The transformation matrices for these rotations are,

respectively,

0

0 cos B3

0 -sinB

cos Q2

- sin @

0

I

1

0 cos 1

0 sin [

-cos F

sin F

sin Q

0
sin B

cos B

I

cos QI

0

-sin I

cos |

-sin F

-cos F

0

0

0

(5. 2. 4)



The matrix M(t) is then given by

M(t) = M, My My M, (5. 2. 5)

The following approximate method is used to determine

the transformation between the Basic Reference and Moon-fixed

Coordinate Systems.
The angles 13, QI and I arce computed as linear functions
of time, L.ct QM be the valuc of the vector libration q], (vxpresscd

in the Moon-fixed Coordinate System) at the midpoint of the mission.

The vector ¢ ., is includcd in the pre-launch crasable data load and is

considered constant throughout the flight. Then,

ﬁp =Ly
ty =tity
*®
13 = By b By
Q7 O 9y
F = Fy+ Fiy
cos s (5.2.6)
a =1 cos B3 sin 2

- [

sin BB sin &2l

-sinil
1
b =| cous I3 cous &21

sin B3 cos @

I
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c =] -sin BB
cos B
g = p_(,l - SSI
5.2.6
m. = -acos F -dsinF (5 »)
229 < = (cont. )
ml = asin F - d cos F
T
g
M(t) = m,
T
11,
~ T
Co= Mg

wherc BO, QIO’ and FO are the values of the angles B, Q, and I, re-
spectively, at July 1.0, 1968 universal time; I3, QI and F are the
rates of change of these angles; and CI and SI are the cosine and sine,

respectively, of the angle I,
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5.5.3 LATITUDE-LONGITUDE SUBROUTINE

For display and data load purposes, the latitude, longitude,
and altitude of a point near the surface of the earth or the moon arc
morce meaningful and morce convenient to use than the components of a
position vector. This subroutinc is used to transform position vec-
tors between the Basic Reference Coordinate System and Geographic

or Selenographic latitude, longitude, altitude at a specified time,

Ir the case of the moon, the altitude is computed above
either the landing site radius, rLS’ or the mean lunar radius, o
IFFor the earth, the altitude is defined with respect to either the launch
pad radius, ' p or the radius of the Fischer ellipsoid, Lo which is

computed from

N I (5.3.1)
2 ‘

1-a -2 - SINL?)
a

where a and b are the scmi-major and semi-minor axes of the
Fischer ellipsoid, respectively, and SINL is the sine of the geocen-

tric latitude.

The computational procedures are illustrated in Figs,
5.3-1, 5.3-2, and 5.3-3. The calling program must specify either
a vector r or latitude (Lat), longitude (Long), and altitude (Alt). In

addition, the program must set the time t and the two indicators P

and ¥ where

+1 for earth

+ 2 for moon



1 for Fischer ellipsoid or mean lunar radius

0 for launch pad or landing site radius



ENTER

Call Planetary Inertial Orientation

Subroutine to Transform r to r

Yo

u={u |= UNIT (rp)
P

SINL = u,

Determine vy and rO

Fig. 3. 3-3

Lat = tan ———

1
-
0
=]

Long

Alt

I

3
[

g

EXIT

Fig.5.3-1 Vector to Latitude, Longitude, Altitude

Computation Logic Diagram



l ENTER

Determine ¥y
Fig.5.3-3a

ug cos (Long) cos (Lat)
rp=|uy = UNIT |sin {Long) cos (Lat)

U, v sin (Lat)
SINL = u,

Call Planetary Inertial Oricntation Subroutine

to Transform Unit Vector rP to Unit Vector r

Determine r'O
Fig, 5. 3-3b

g At |

EXIT

Fig. 5.3-2 Latitude, Longitude, Altitude to Vector

Computation Logic Diagram




ENTER

e
ot N

[

ENTER

Figure 56.3-3a

| 3 EXIT

Figure 5. 3-3b

KXIT

Determination of v

Compute L

Eq. (5. 3. 1)

Determination of rO




5.5.4 LUNAR AND SOLAR EPHEMERIDES

This subroutine is used to determine the position and
velocity vectors of the sun and the moon relative to the earth. The
position vectors of the moon and the sun are necded by the Coasting
Integration Routine to compute gravity perturbations (Section 5. 2. 2. 3).
The velocity of the moon is used by the Coasting Integration Routine
when a change in the origin of the coordinate system is performed at
the sphere of influence of the moon (Fig. 2. 2-3). The velocity of the
sun is required,but not very accurately, to compute aberration cor-

rections to optical sightings.

The position of the moon is stored in the computer in the

form of a ninth-degree polynominal approximation which is valid over

a 14,5 day interval beginning al noon ephemeris time on tie day ol the
launch. The following paramctors arce included in the pre-launch

crasable data Tond:

tMO = the clapscd time between July 1,0, 1965 uni-
versal time and the time at the center of the range
over which the lunar -position polynominal is

valid. The value of will be anintegral num-

MO0
ber of quarter days minus the difference be-
twoeen ephemeris time anduniversal time,

c, toc, = vector coclficients
=0 =9

Let t be the specified ground elapsed time (GET),and 1 be the elapsed
time between July 1.0, 1968 universal time and the time that the com-
puter clock was zeroed,  Then, the approximate position and welocity

ol the moon are computed from

= + - r.4.
tM t+t, LMO (5 1)



9
TN C ;j ¢ty (5.4.2)

N el
Ve ; ety (5. 4. 3)

The approximate position and velocity of the sun are com-
puted from the following items which are included in the pre-launch

erasable data load:

fusor VeSO © the position and velocity vectors of the sun

relative to the earth at time tMO’

Wiag T the angular velocity of the vector rEgo at time thIO

Then,

Trg = Frgo €08 g ty)
(5. 4. 4)

+ [pESO X UNIT (Visgg X rESO)]sm (wpg ta?



9-5.5  KEPLER SUBROUTINE

The Kepler Subroutine solves for the two body posi-
tion and velocity vectors at the terminal position given the initial
position and velocity vectors and a transfer time to the terminal

position,

This section contains information to aid the reader
in understanding the less obvious aspects of the Kepler Sub-
routine block diagram depicted in Figs. 5.5-1 and 5. 5-2. The
subroutines referred to in these figures are presented in

-

Sccilion 5.5 10 and the nomenclature is found in Scection 5. 5. 1. 2,

Prior to entering the Kepler Subroutine, an initial
estimate of x can be generated via Eq. (2. 2, 4) of Section 5. 2. 2.2
with Xy = x', T = 121, and T = tD' However, x' and t21 are non-

ccro only il the subroutine is being used repetitively.

Although, thcoretically, therce is no upper bound on

x, the practical bound is set to x or x o eliminate

MAXO0 °F *pmaxtt

non-feasible trajectories and increase the accuracy to which x

can be computed. In addition, nx‘3 has a practical range of
-90 < x2 < 27 which determines an independent upper bound

on x. The x used, then, corresponds to the smaller of

MAX
the two valuces.

The transfer time convergence criterioenisapproxi-
mately the same as the granularity of the time input. Since,
for some of the problems to be solved, the sensitivity of time
to x is so large that the granularity in x, € X’ produces a change

in time which exceeds the granularity in time, it is necessary

to introduce ¢ _ as a redundant convergence criterion.
X

The Kepler Subroutine, provided the parametor range
constraints are satisfied and tl‘ is less than one period, will
J
alwave produce a solution.



ENTER

N SEN—
L(tl‘vt_(t|\it°)'1")*z‘ \P

'(tl\ = |'_(t“l
Mg sumiY (rteM
ree,) s vl
/IA
¢, e YDV

o« v (1=C,1/rik)

kS

ves nNO

Xpax ® 3WAL X an ® J-so/u

INSIDE SPHERE

\/

I'igure 5. 5-1 Kepler Subroutine



X ® Xpray /2 re

ax=x -’

€= a X

CALL KEPLER EQUATION Sulife
c; lctl‘| Ec ir(M\ |/‘
RLSUME

Yy, S0, CLR)Y

tepar *P -,

CALL ITERATYOR SUBRO.

0,0 'ttl |t."‘t£Q.|.‘|‘ 0, Ky

Ax \Xum W

RESUME

Ax, ‘mu"mn

lani » €, e

Yed

by,

LCALL STATE VECTOR SUBRO,
_u_u.\\v_(t.\_r(t.\\g”.x,g‘sm,c((),t,,,p

Xt WabBX

RESUME
_n\g\ N V_(L.\

T

KE VUK N
e vy

Figure 5, 5-2 Kepler Subroutine
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(o1
[+

.6 LAMBERT SUBROUTINE

The Lambert Subroutine solves for the two body ini-
tial velocity vector given the initial and terminal position vectors

and a transtfer time between the two.

This scction contains informaltion to aid the reader
in understanding the less obvious aspects of the Lambert Sub-
routine block diagrams depicted in Figs. 5. 6-1 and 5.6-2.
The subroutines referred to in these figures arce presented in

Scetion 5 5 10 and the nomenclature is lound in Scetion 5. 5. 1. 2.

If the Tambert Subroutine is usced repetitively and
rapid computation is required, the previous value of the in-
dependent variable, coty, can be used as a starting point for
the new iteration along  with  "k', a measure of the quality

this guess is expected to have.  Ilag [, provides this option.
! 3

The LLambert Subroutine computes the normal to the

trajectory, using the two input position vectors. If these

N’
vectors are nearly colinear, it is desirable to specify the nor-
mal as an input rather than rely on the ill-defined normal basced

on the two input position vectors.  Flag f, provides this option.

2
The presence of the inputs in parentheses, therefore, is con-

tingent upon the setting of these flags.

The theoretical bounds on the independent variable,
cot ¥, correspond  to the infinite encergy hyperbolic path and
the parabolic path which closes through infinity. These bounds
arc dynamically resct by the iterator to provide a more cltficient
iteration scheme. In addition, if during the coursc of the itera-
tion, cot ¥ causcs a parametler of the problem to exceced its
maximum as determined by its allowable range, the appropriate
bound is reset and the iterator continues trying to find an ac-

ceptable solution. (This logic does not appear in Figs. 5. 6-1and 2



as it is pertinent only to fixed-point programming). If no ac-
ceptable solution is reached, the transfer time input was too

small to produce a practical trajectory between the input position
vectors. When this happens, Acot v approaches its granularity

limit €4 before time converges to .. However, this same

granularity condition exists when thte sensitivity problem de-
scribed in the Kepler Subroutine, Section 5. 5. 5, occurs

In this case an acceptable solution does exist. This dual situa-
tion is resolved via a third convergence criterion. If the error
in transfer time is greater than €4 but less than a small per-
centage, k],of the desired transfer time and Acot vy is less than
€. then the solution is deemed acceptable and the required

velocity is computed.
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1 ENTER
[I(*\\n';(tl‘ oo fer §a Kh.‘“‘““- %, (8 I

;

CALL GEOMETRIC SuSRO.

[(t\\ [y !(tl) » so\ .'l.

RELUME

ree ), vty simie), cosle) (4.} 4y,

i

IWICAYALE 18!
5, 1
P, 1 -cose)

Pe s coxle) = A

e, T,
t“(‘)NM' y=casle) KRN

ves

[ Ty ® Py /sin(e) E"““ My * =32

¢ ;

coT(g) « “Y(“!M-c"“‘nm
k«.ar

u oty

P - ———"——
N sinie) cor(e)- P,

w, 22 P, (14 cevi))

_

CALL UNIVERSHL VARIABLE SUBRO.
sin(e)  coslol ot Tt o P,

t

RE SUME
'-\ ; € )(‘

|

N

Figure 5. 6-1 Lambert Subroutine

5.5-30




?
.

carl XEPLER EQUATION SuBRo.
€€y X §, v ) 0

RELUME
g, SCEY, c(f)

Copn ® *pou~tan

[tecel > €4

CRLL ITER

aYToRk SuBRO.

0,85 1t tas teee seoT(n), cot@) K, v, cot(e),,

RE SUME
beov(v), &

25 €T oy cov X},

|Bcor (Y| > €

Ve /.Pri(% (T U, YU vy, )
]

coT (x) = oY (¥) ¥ B CoT(¥)

RE TURN
VSN

v

Figure 5.6-2 Lambert Subroutine
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5.5.7 TIME-THETA SUBROUTINE

The Time-Theta Subroutine solves for the two body
transfer time given the initial position and velocity vectors and
the true anomaly difference (transfer angle) to the terminal

position.

This section contains information to aid the reader
in understanding the less obvious aspects of the Time-Theta
Subroutine block diagram depicted in Fig. 5. 7-1. The sub-
routines referred to in this figure are presented in Section
5.5.10 and the nomenclature is fourd in Section 5.5. 1. 2.

The flag f6 must be zeroifthe user desires compu-

tation of the terminal state vector in addition the transfer time.

If the conic trajectory is a parabola or hyperbola and
the desired transfer angle, 6, lies beyond the asymptote of the

conic, f7 will be set indicating that no solution is possible.

In additiontothe parameter range constraints imposed on
Kepler's equation, the additional restriction on Time-Theta
that the trajectory must not be near rectilinear is indicated by

the range of cot 7.

The Time-Theta problem is not well defined for near
rectilinear trajectories, i e. the transfer angle ¢ is no longer
a meaningful problem parameter. This will not cause difficul -

ties provided the input variables are within the specified ranges.
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ENTER

¢

LOE) W), 4, SIN(B) Coste), K¢

v

CALL CONIC PARAMETERS SUBRO.
Te), V), M

RESUME
Ry Py €OTCO ) B rle) w

CaLl UNIVERSAL VARIABLE SUBRO.
SIN(e) | ces(e) | coT(X) y(k)), oy Py

RESUME
Xy, §.C41 Cp

cakL kEPLER EQUATION SUBRO.
g.x‘c‘.\cz ) Y(t.\\f\

RESUME
g SCRY, CLE)

Y

]

RETURN
tt\

CALL ©STATE VECTOR SuvBRO.

L(t\‘,t(t\\\r(t\\,\_&rlbx\ G \Sti\,C(g\\tl\))‘

RE SUME

LA BALTY

RETURN
t 2 )_Y_‘te\ \V_(tg\

Figure 5. 7-1 Time-Theta Subroutine
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5.5.8  TIME-RADIUS SUBROUTINE

The Time -Radius Subroutine solves tor the two body
transfer time to a specified radius given the initial position and

velocity vectors and the radius magnitude.

This scction contains information to aid the reader

in understanding the less obvious aspects of the Time-Radius

Subroutine block diagrams depicted in Figs. 5. 0=1and o, 6-2. The

routines referred to in this figurc arce presented in Scection

5.5.10 and the nomenclalure is lfound in Scection 5.5, 1. 2.

Parapgraphs 3, 4, and 5 of Scetion 5.5, 7 apply to the

Time-Radius Subroutine as well.

Since an inherent singularity is present for the cir-
cular orbit case, near-circular orbits result in a loss of ac-
curacy in computing both the transter time, 121, and the linal
state vector. This is causcd by the increasing sensitivity of

121 to r(t2) as the circular orbit is approached

If r (t.)) is less than the radius of pericenter orv
greater than the radius of apocenter. then 1'((2) will be ignored
and the pericenter or apocenter solution, respectively. will be

computed. A flag, t";, will be set to indicate this,
t

sub-



l ENTER

_f(t.\‘t(t'\ ‘,A,r(tg\,s' ‘¢g

|

CALL CONIc PARAMETERS SURRO.
I(t\\\!(t\\\)*

RESUME
1 Pu o TV 'E‘ulr(tl)n‘ﬁraﬂ(tn\.\}u

g'(i‘“n)&rx- COT(Y\ PN e .du ‘l__"_v*

Ugq uniT )
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$q0 §es 1
g.“(g\.s'_ 4 -~ cos*(R) sIN(&) s O
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Cos((\=-1
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coz(g) = 1

;

Bip=cosCiiBy ¢ SN (8 el
cos (o) = u Y%,

sin(o) = (U, “-*n\ My

N/

Figurc 5.8-1 Time-Radius Subroutine




N4

CALL UNIVERSAL VARIAGLE SURRO.
Sin(e), cos (o), coT(x),r(t), «y, Py

RESUME
X'E“Cl )CL

l

CALL KEPLERS EQUATION SUBRO.
£.%,C,,C, r(t), w

RESUNE

t,,, s(6), ()

RETURN

tll

CALL STATE VARIABLE SUBROVUTINE
TOEN, VCED r(t) Ky X, 8L SCED, TUR) b,

RESUME
rlta), vity)

)
RETURN

td‘ ) _[( tl) |£(t¢\

Figurce 5.8-2 Time-Radius Subroutine
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5.5.9 APSIDES SUBROUTINE

The Apsides Subroutine solves for the two body radii
of apocenter and pericenter and the eccentricity of the trajectory
given the position and velocity vectors for a point on the trajec-

tory.

This subroutine is depicted in Fig. 5.9-1. The

subroutines referred to in this figure are presented in Section
5.5.10 and the nomenclature is found in Section 5. 5. 1. 2.

It is characteristic of this computation that the
apsides become undefined as the conic approaches a circle.
This is manifested by decreasing accuracy. When the conic
is nearly parabolic, or hyperbolic, the radius of apoccnter
is not defined. In this event the radius of apocenter will be

set to the maximum positive value allowed.

42}
W
)
w
-1



FNTER

. 3
ree)y vt u

L 4

CALL CoNic PARAMETERS SUVBRoO.
re) , vit)), «

RESUME
d“, Pb p) r(tl)

€ =v/—1—' Pun

Py rit,)

rP- |+ &

(=AY

> ¥

RETURN

'p;',q>e

Figure 5, 9-1 Apsides Subroutine
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5.5.10 MISCELLANEOUS SUBROUTINES

There are, as part of the Conic Trajectory Sub-
routines, three subroutines which are useful in their own right.
The?e are the Conic Parameters, the Geometric Parameters
and the Iterator Subroutines whicn are depicted in Figs. 5. 10-1,

5. 10-2 and 5. 10-3, respectively.

The Conic Parameters and Geometric Parameters

Subroutines are self explanatory.

The Iterator Subroutine serves several purposes. It
is used when flag f4 is set to zero to solve for the value of the indepen-
dent variable which drives the error in the dependent variable
to zero, provided the function is monotonically increasing. To
improve convergence for functions whose derivative changes
rapidly, the limits are reset as shown in the block diagram.

With f4 set to 1, the Iterator seeks a minimum of
the function, provided the first derivative is single valued be-
tween the limits. The inputs are redefined so that "y" is the
derivative of the independent variable with respect to the dependent
variable, and "x'' is the value at which the derivative was computed

or approximated. Since the desired value of y is zero, yppg = V-

Since the Iterator uses the ""Regula Falsi'' technique,
it requires two sets of variables to begin iteration, If only one
set is available, flag f3 must be set to 1, causing the iterator to
generate the independent variable increment from a percentage

of the full range.
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In addition to thc above subroutines there are threce
other subroutines of primary interest to the five basic conic sub-
routines described in Sections 505,59 to 0. 0. 9. These are the
Universal Variable Subroutine, the Kepler IKquation Subroutine
and the State Vector Subroutine shown in Ivigs. 5. 10-4, 5.10-5

and 5. 10-6 respectively.

The Universal Variable Subroutine is utilized by the
L.ambert, the Time-Theta and the Time-Radius Subroutines to
compute the universal parameter x required for the time cqua-
tion. There arce two different formutations required according

to the size of the parameter w,

If the input to the subroutine requirces the physically
impossible solution that the trajectory ''closc through infinity",

the problem will be aborted, setting flag 1'7.

The Kepler Equation Subroutine computes the transfer

time given the variable x and the conic parameters.

The State Vector subroutine computes the position
and velocity vectors at a point along the trajectory given an

initial state vector, the variable x and the transfer time.

The final miscellaneous subroutine, the SETMU Sub-
routine, is depicted in Fig. 5. 10-7. It sets u to the appropriate
primary body gravitational constant consistent with the estimated

CSM state vector as defined in Section 5. 2, 2. 6,
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Figure 5.10-1 Conic Parameters Subroutine
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Figure 5.10-3 Iterator Subroutine
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Figure 5.10-4 Universal Variable Subroutine
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g, = (canc(6) 4 x (€ xS+ rCt))) i

L

RETURN

o, S€§),C(§)

Figure 5.10-5 Kepler Equation Subroutine
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Figure 5, 10-6 State Vector Subroutine

D.5=-406




RET viR A

Figure 5,10-7 SETMU Subroutine
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H.5.11 INITIAL, VISLOCITY SUBROUTINI

The Initial Velocity Subroutine computes the initial
veloceity vector for a trajectory of specificd transfer time be-
tween specified initial and target position vectors,  The trajec-
tory may be cither two body or precise depending on the number

of ilerations allowed within the subroutine,

In addition, at the users option, the target vector will
be projected into the plane defined by the initial position vector
and another arbitrary input vector. This option is exercised
whon the transtor angle between the initial end target position

vectors iswithina spedilicdangle measured rom 180 degrees.

This subroutine is depicted on Fig, 5.11-1.  As shown
on the figurce the Lambert Subroutine, Scction 5. 5.6, is utilized
to compute the two body initial velocity,  The Coasting Integra-
tion Subroutine, Scction 5.2.2, is utilized in computing the pre-
cisc trajectory. This is an iterative process. An ofl-sct target
vector is used as input to the L.ambert Subroutine which then

provides the initial velocity for the Coasting Integration Subroutine.



Nomenclature for the Initial Velocity Subroutine

Initial position vector

Vector sometimes used to establish the trajec-

tory plane - usually a velocity vector
Target vector

Transfer time to target vector
Number of iterations allowed

Angle to 180 degrees below which the target

vector is rotated into an arbitrary plane
See nomenclature in Section 5.5.1.2
See nomenclature in Section 5.5.1.2

The initial velocity vector of the trajectory

passing thru the target

The velocity vector at the target position
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Figure 5, 11-1 Initial Velocity Subroutine



5.6 GENERAL SERVICE ROUTINES

5.6.1 GENERAL COMMENTS

The routines presented in this section include the

following general service functions:
1) IMU alignment modes
2) Basic Coordinate Transformations
3) Computer initialization procedures

4) Special display routines which can be called by the

astronaut

5) Automatic optics designate routines



D.6.2 IMU ALIGNMENT MODISS

5.6.2.1 IMU Oricntation Determination Program

The IMU Orientation Determination Program (12-51)
is uscd during free-fall to determine the present IMU stable
member orientation with respect to the Basic Relerence Coordinate
System by sighting on two navigation stars with the sextant (SXT)
or scanning telescope (SCT). These stars must be selected by
the astronaut and sighted upon in the manner indicated in the
Sighting Mark Routine (R-53) of Scction 4. Once the linc-of -
sight vectors to the two stars have been obtained in stable mem-
ber coordinates, a test is made by the Star Data Test Routine
(R -54 of Section 4) to sce if the angle between the two vectors
is in close agreement with the angle between the corresponding
linc-of -sight vectors stored in basic reference coordinates, If
the star vectors in stable member coordinates pass the test,
they can be used with the same vectors stored in basic
refercence coordinates to determine the present stable member
orientation and REFSMMAT (defined in Scotion 5. 6.3, 3) using

the procedure given in Section 5. 6. 3. 3. 1.

5.6.2.2 IMU Realignment Program

The IMU Realignment Program (12-52) is usced during
frec-fall to align the IMU from a known orientation to one of the
desired orientations given in Section 5.6, 3.3 and in PP-52 of
Scction 4. Initially, the astronaut sclects the desired stable
member oricntation, and the program computes and displays
the IMU gimbal angles for the desired stable member orientation
using the present vehicle attitude. If the computed gimbal angles

are unsatisfactory, the astronaut maneuvers the vehicle to a

[l
.
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more suitable attitude and has the program re-compute and
display the new gimbal angles, Once satisfactory angles have
been obtained, the Coarse Alignment Routine (R -50 of Section 4)
is used to coarse align the IMU to the desired orientation.
Afterwards, the astronaut maneuvers the vehicle to a desired
attitude for star acquisition and the Star Selection Routine of
Section 5.6.4 is used to select two stars. If the Star Selection
Routine is unable to find two satisfactory stars at the present
vehicle attitude, the astronaut either repeats the above process
of changing the vehicle attitude and using the Star Selection

Routine, or selects his own stars.

After the stars have been selected, the Automatic
Optics Positioning Routine (R-52) is used to point the CSM
optics at each star, and the Sighting Mark Routine (R-53) is
used with the CSM optics to perform the star sightings. After-
wards, the Star Data Test Routine (R-54) is used to check the
angle between the two measured star directions, and the Gyro
Torquing Routine (R-55) is used to torque the IMU stable mem-

ber to the desired orientation.

5.6.2,3 IMU Orientation Determination Backup Program

The IMU Orientation Determination Backup Program
(P-53) provides the capability of using some other optical de-
vice other than the sextant or scanning telescope to sight on
stars for purposes of IMU orientation determination. An optical
device which is considered to be a backup to the normal CSM
optics is the Crew Optical Alignment Sight (COAS).
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This program is the same as program I’-51 except
thatl the Alternate 1,08 Sighting Mark Routine (R-53) 1s uscd
in place of the Sighting Mark Routine (R -55) 1o sight on cach
star. When routine R-56 is called by program 1’-53, the
cquivalent shaft and trunnion angles of the sighting axis of the
backup optical device are displayed to the astronaut, il they
were previously stored in the appropriate crasable memory
locations. If the astronaut is not salislicd with these angles,
he may load the desired ones.  Afterwards, the astronaut
mancuvers the spacceeralt until the star is along the sighting
axis and keys in "ENTER", instcad ol depressing the MARK
bulton as is done when using the normal CSM optics. The
routine then stores the present IMU CDU angles and the two
optics angles (shaft and trunnion) previously mentioned, I
the astronaut is not satisficed with the star sighting, he may
repeat it, Once a satisfactory star sighting has been made,
the astronaut loads the appropriate star code and repeats the
above process on the second star. The remaining steps in
program 1I’-53 arc the same as previousiy given for program

1°-51 in Section H.6.2. 1.

I'or each star sighting made with the Alternate 1OS
Sighting Mark Routine, the unit vector defining the LOS to that

star in stable member coordinates i1s:

sin TA cos SA
e = [NBSM] [SBNI’E' sin TA sin SA | (6.2.1)

cos TA

where [NBSM] is the transformation matrix in Section 5.6.3.2.1
using the stored IMU CDU angles, E]%Nlﬂ is the transforma-
tion matrix in Eq. 6.3.1, and SA and TA arc the equivalent

shalt and trunnion angles, respectively, of the backup optical

device.,
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5.6.2.4 IMU Realignment Backup Program

The IMU Realignment Backup Program (P-54) pro-
vides the capability of using some other optical device other
than the sextant or scanning telescope to sight on stars for

purposes of IMU realignment.

This program is the same as program P-52 except
that the Alternate LLOS Sighting Mark Routine (R-56) is used
in place of the Sighting Mark Routine (R-53) to sight on each
star. In addition, the Automatic Optics Positioning Routine
(R-52) is not used in this program. A description of the
Alternate LOS Sighting Mark Routine is given in Section 5.6.2.3

and in routine R-56 of Section 4.



5.6.3 IMU ROUTINES

D.6.3.1 Sextant Transformations

5.6.3.1.1 Sextant Base - Navigation BaS(_‘

To transform a vector from sextant base to navigation

basc coordinates, use is made of the following transformation

matrix:
COS « 0 -sin o
LSBNB = 0 1 0 (6.3.1)
sin « 0 COs o
O 1 "
where o = 32 31 23,19

The above matrix and ils transposc L\HS]}J are both

present in computer memory.,

The sextant base coordinate system referred to
above s frequently called the Bloek |onavigation basc
coordinate system in deference to the present navigation base
coordinate system (Block II). Any transformation of vectors
between the sextant and the present navigation base requires

usc of the above transformations,
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5.6.3.1.2 Sextant to Navigation Base (SXTNB)

To obtain a unit vector (ENB)’ which specifies the
direction of the line-of-sight of the sextant in navigation base

coordinates, use is made of the following:

sin TA cos SA
uyg = [SBNB| | sinTA sinsA (6.3.2)
cos TA
where ESBNE is the transformation matrix given in Section

5.6.3.1.1, and TA and SA are the trunnion ( precision) and

shaft angles, respectively, of the sextant,

5.6.3.1.3 Calculation of Sextant Argles (CALCSXA)

Given a unit star vector SsMm in stable member co-
ordinates, this routine computes the angles SA and TA required
to position the optics such that the line of sight lies along the

star vector,

The star vector is first transformed to the sextant

base coordinate system as follows:

Ssp - [NBSB] [smmﬂ Ss1 (6.3.3)



where LNBSI{I and [SMN}?] are given in Sections 5.6.3,1.1

and 5, 6, 3, 2.1, respectively,

Next, a unit vector u defining the direction of

~TDA’
the trunnion (precision) drive axis in sextant basce coordinates,

is obtained:

uppa = UNIT EESB X §sr;l (6.3.4)
where
0
s T 0
1
Using Ssp and Urpa® the angles SA and TA are de-

termined as follows:

sin SA = Urpy * (- Xgp)
COS SA = Uppa * Ygp
(6.3.5)
SA = ARCTRIG (sin SA, cos SA)
TA = sin” ! (u X Zery) ° S
Urpa X %sp’  SsB

.6-8
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where ARCTRIG implies computing the angle, choosing either

. -1 . .
sin ~ or cos = so as to yield maximum accuracy, and

1 0
Xgg © 0 and ZSB = 1
0 0

5.6.3.2 IMU Transformations

5.6.3.2.1 Stable Member-Navigation Base

Let IGA, MGA, OGA be the IMU inner, middle and

outer gimbal angles, respectively. Define the following matrices:

cos IGA 0 -sinIGA
Q1 = 0 1 0 (6.3.6)

sin [GA 0 cos IGA

cos MGA sin MGA O

Q2= -sin MGA cos MGA 0 (6.3.7)
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Q3 = 0 cos OGA sin OGA (6.3.8)

0 -sin OGA cos OGA

Stable Member to Navigation Base Transformation

Unp 7 R n

(6.3.9)
[SMNB] = QyQ, Q)
Navigation Base to Stable Member Transformation
_ T T T _ T ., T T
Um = Q@ Q@ Q4 Ye [vpsv] - @,"e," @
(6.3.10)



5.6.3.2.2 Calculation of Gimbal Angles (CALCGA)

Given a stable member orientation and a navigation

base orientation both referred to the same coordinate system,

the following procedure is used to compute the corresponding

gimbal angles.

a =

-MG

cos OGA=

sin OGA =

OGA =

cos MGA=

sin MGA=

MGA =

cos IGA

sin IGA

IGA =

amGc = INB

ARCTRIG (sin OGA, cos OGA)

Ysm © (2mg X *nB!)

Ysm = *NB

ARCTRIG (sin MGA, cos MGA)

3MG  Zsm

amG -~ Zsm

ARCTRIG (sin IGA, cos IGA)

5.6-11
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whore the inputs are three vectors along the stable member

axcs and three vectors along the navigation base axes,

=

5.6.3.2.3 Calculation of Gyro Torquing Angles (CALCGTA)

In the tine align procedure, after the present plat-
form oricntation is determined, the torquing angles required to
move the platform into the desired orientation must be computed,

This is achicved as follows:

f.et 'SD’ _yD, and Zl) be the desired stable membeoer

axcs referred to present stable member orientation,  The ro-
tations arc performed in three steps: (1) rotating through Oy

about the y axis, yiclding )-(-i)’ Y1y: %b; (2) rotating through
NS ) 1 SN 3 1 ! ! . ‘ . "1 -
Oz about the z' axis, yiclding xD, ‘XD’ _LV]), (3) and finally ro

tating through 0 about the x'" axis, yielding §'l'), z'l'), ii') The
rclevant equations arce as follows:
g1 - N
“1 = UNIT ( hD, 30 0, XI),] )
a1 } = rl'
sin (y "1), )
{ = N ). 2
cos }y b, 3 (6.3.12)
0 = ARCTRIG (sin @4, cos 0_)
M Y Y
sin ”z = XD' 2



- - '
cos OZ = zb, 3 xD, 1 z D, 1 XD, 3
6 = ARCTRIG (sin 6_, cos 6_)
z Z Z
- 1
cos 6 = zp . Zp (6.3.12 cont}
. oo
sin Gx = ED ZD
2] = ARCTRIG (sin 6_, cos 0_)
X X b

The required inputs are the three coordinate axes of
the desired stable member orientation referred to the present

stable member orientation.
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5.6.3.2.4 (ft)()tj}lil}:d! Axes 77(_‘.(-117«]':11.'()17' Q\ X}S(‘;l‘l N_) 7

Given two unit vectors (usually star veetors), s/\
and 5130 cexpressed in two coordinate systems, denoted by
primoed and unprimed characters, Lo, s}\ s‘“, SA, SH' ihis
routine computes the unit vectors x, y, % which are the primed
coordinate system axes referred to the unprimed coordinate
system, This s accomplished by defining twoe ortho- normal

coordinate scis, one in cach systenn, in the following manner:

1 - [l
Y ) A
1 - 3 f W
Uy = UNIT (hA X b'B)
] 1 I
uZ - uxx u\
(6.3 13)
Uy 7 SA
uy - UNT'T (‘“i/\ X ;;H)
Uy, Uy XUy

The primed coordinate system axes expressed in

terms of the unprimed coordinate system axes are:

h. 6-14



| >
il

' + ' + 1
“x1ix T U 2y T Yz1Yz

(6.3.14)

<
[

- ) 1 1

Ugo Uy ¥ Uy iy T Uz U5
= 1! ) 1

Uyz Uy + Uyglly + U gy

It should be noted that vectors can be transformed
from the unprimed to the primed coordinate systems by using
the following matrix constructed with the output (Eq. 6.3.14)
of AXISGEN:

N (6.3.15)

5.6-15



60303 REPFSMMAT Transformations

[

The matrix required to transform a vector from the
RBasic Reterence Coordinate System to the IMU Stable Maomber
Coordinate Svstem is referred to as REFSMMAT,  This matrix
can be constructed as follows with the unit vectors o H
Ueam Yysme ind
detining the orientations ol the stable member axes with re-

U,
ZSM _
speet to reference courdimates.,

. T
Uxs M
REFSMMAT T, (6.3.16)
K
lysMm
L _—

-

5.6.3.3.1 Present REFSMMAT IFrom Star Sightings

The present IMU stable member oricntation with re-
spect to the Basic Reference Coordinate System. and the associated
RIEFSMMAT, can be determined by sighting on two navigation
gtars with the CSM optics. 1 E}\ and sig arc the unit vectors
defining the measured directions of the two stars in the present
Stuble Member Coovdinate System,and s and EB are the unit
vectors to the corresponding stars as known in the Bastie Reference
Coordinate Systenm, then these vectors can be used as the input
10 the routine AXISGEN (Scction 5.6.3.2.4) to obtain the
present IMU orientation and REFSMMAT (Egs. (6.3.14) and

(6.3.15)).
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5.6.3.3.2 Alignment for Thrusting Maneuvers ( Preferred

Orientation)

During certain thrusting maneuvers the IMU will be

aligned according to the following equations.

uggy - UNIT (xp)
uygp = UNIT O X 1) (6.3.17)
Uzsm = Yxsm X Yysm

where x is the CSM body X-axis and r is the CSM position vector.

B

The associated transformation matrix (REFSMMAT)
is given byEq. (6. 3. 16).

5.6.3.4.3 Alignment to Local Vertical in Orbit ( Nominal

Orientation)

The IMU stable member may be aligned to the local
vertical at a specified time. For this type of orientation the

stable member axes are found from the following.
ugsm ~ Mysm X Yzsm!

Uyey = UNIT (v X 1) (6.3.18)

uygp = UNIT (-1)
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where r and v are the position and velocity vectors of the CSM

at the specified time.

The REFSMMAT associated with this IMU orientation

is found from Eq. (6.3.16).

5.6.3.3.4 Lunar Landing or Luunch Oricntation

The proper IMU orientation for lunar landing or launch

is defined by the following equations:

where

- f .
UysM © UNIT \‘Ls [T (L)]_\

Uysm " YzsM © UxsM (6.3.19)

- b ' N
UNIT (he <o T ()]

UzsMm 'c

Be = Te X Ve

is the orbital angular momentum vector of the CSM,
and Ulg is the landing site position vector at the
nominal time of lunar landing or launch, T (L), de-

pending on the alignment mode.

The REFSMMAT associated with this IMU orientation

is found from Eq. (6.3.16).
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5.6.4 STAR SELECTION ROUTINE

The Star Selection Routine is used by the IMU Re-
alignment Program (P - 52) to select the best pair of stars
for fine alignment of the IMU. The logic diagram for this

routine is shown in Fig. 6.4-1.

Each pair from the computer catalog of 37 stars is
tested to see if either is occulted by the earth, moon, or sun,
and that the angle of separation between them is 40 to 66
degrees. In addition, a check is made to see if both stars of
a pair are within 33 degrees of the shaft axis of the sextant
(SXT), which is referred to as the SXT viewing cone in
Fig. 6.4-1. Although this 66 degree viewing cone is less than
the total angular coverage of the SXT, it is used to enhance the
probability that a selected pair will remain visible during at-
titude limit cycle operation of the spacecraft, and to also allow

for existing errors in stable member orientation.

The pair of stars passing the above tests and having
the largest angular separation are choosen by this routine. If
the routine is unable to find a satisfactory pair of stars after
testing all combinations, an alarm code is displayed. In this
latter case, it is seen in Program P - 52 of Section 4 that the
astronaut can repeat the star selection process at a different

spacecraft attitude, if he so desires.

5.6-19



START

L

Select a pair of stars

Yes

ave all
pairs been
tested

EXIT

Is either star Yes

occulted

40° < separation angle<6 °

Are stars in presen No

viewing cone

Store Pair with Largest
Separation and Neglect
any Previously Stored
Pair

Fig. 6.4-1 Star Selection Routine
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5.6.5 GROUND TRACK ROUTINE

This routine is used by the astronaut in near-earth or near-
moon orbit to obtain CSM or LM trajectory information. The astro-
naut specifies a time (GET) and a vehicle (CSM or LM). The routine
uses the Coasting Integration Routine (Section 5. 2. 2) to extrapolate
the desired vehicle's state vector to the specified time. The resulting
estimated position vector is converted to latitude, longitude, altitude
coordinates by means of the Latitude -Longitude Subroutine (Section
5. 5. 3) and these data are displayed. Altitude is defined with respect
to the landing site radius for lunar orbit, and the launch pad radius
for earth orbit. The astronaut can request the state vector extra-
polation to continue in ten minute steps, or to another specified time,
and obtain additional displays of the coordinates of points in the

spacecraft's orbit.
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5.6.6 S-BAND ANTENNA ROUTINE

The S-Band Antenna Routine (R - 05) is used to
computc and display 2 angles vy and p defined in Fig., 6.0-1.
This routine can be initiated by the astronaut during coasting
flight only, when the inertial system is operative and when com-
puter activity is at a minimum. Once the program is initiated
the computer will automatically update the display at a rate no
less than once every three seconds. This updating will continue
until S-Band Lock-on is achieved and signaled to the CMC by the
astronaut through the DSKY. If the S-Band Routine is interrupted
the display of ¥ and p will be stopped until the astronaut reinitiates

the routine.

The computational and display accuracy of y and p will
be + 1,0 degrees. This accuracy is only associated with the dis-
played angles and does not indicate the pointing accuracy of the
associated antenna alignment, or the accuracy associated with

the antenna gimbal angles.

The angles shown in Fig, 6,6-1 are computed without
consideration of any constraints imposed by the actual antenna
and therefore, if the present vehicle attitude results in antenna
angles beyond the gimbal limit, the CMC will not indicate that

the antenna line-of -sight cannot be pointed according to these angles.

The equations and logic flow used to compute y and p
are shown in Fig. 6.6-2. With reference to the first portion of
this figure, the program will automatically determine whether the
Basic Reference Coordinate System is earth or mooncentered and

will compute the proper values of y and p for either case.
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~ is defined as a positive rotation from the plus body

X axis about the CSM body Z axis. (0 <y < 3600)

p is defined as a positive rotation about the Y' axis.
Y' is an axis in the CSM body XY plane rotated from the CSM
Y body axis about the +Z axis direction an amount 'y.(-QOOE p < 900)

LOS TO
EARTH CENTER

N &

Figure 6.6-1 Definition of CSM S-Band Display Angles

==/
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CMC START

Kepler Subr.

Section 5.9, 5

ADVANCE to present time

Iem

R=vector from CM to
- Compute BEM

Ii}n N Earth center Pl Yes
e .
Coord <}3EM=vector from Earth Section 5. 5. 4

center to Moon center Y

P = primary body indica- No R = (Bpy+ ey
tor (Sec. 5. 2. 2. 6) R -
= Iem
- [SMNB] [REFSMMAT] R R in CM body axes
Ug = UNIT (R)

‘ proj. of R into
P =R -(R- U,)U, CM xy-plane
Ugpp * UNIT (RP)
-1
v = cos” [lgp - U y = "yaw angle"
‘ ' O<y <360
= (Ugp ' Uy
°< »=180°
180 = y=360 No

N

|p=COS (U - Uy )-m/2

"pitch angle
- 90 s p s90°

Figure 6. 6~2 S-Band Angle Computations and Logic

T
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5.6.17 ADDITIONAL RENDEZVOUS DISPLAYS

During the final phases of rendezvous the following
three routines may be called by the astronaut for the purpose of
computing and displaying special quantitics related to the ren-

dezvous geometry.

5.6.7.1 Range, Range Rate, Theta Display

Routine R-31 may be called upon to compute and dis-
play the range and range rate between the two vehicles and an

angle # shown in Fig., 6.7-1.

The angle ¢ represents the angle between the CSM
X -body axis and the local horizontal plane. It, therefore, does
not uniquely define the orientation of the X -axis, but only de-
fines a cone above or below the horizontal plane on which the
X axis can be found. Theta is defincd between + 90° with the

sign positive when the X axis is above the horizontal plane.

A tcsm

l

\LOCAL HORIZONTAL

™

Figure 6.7-1 Definition of Theta
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The three displays of R-31 are automatically updated

every two seconds until R-31 is terminated by the astronaut.

5.6.7.2 Range, Range Rate, Phi Display

Routine R-34 may be initiation by the astronaut to
display the computed range and range rate between the two

vehicles as well as an angle ¢ shown in Fig. 6.7-2.

Lcom
h

~

LOCAL HORIZOl*gA:L H
AN

SXT LOS

L3}

Figure 6.7-2 Definition of Phi
The angle ¢ represents the angle between the SXT

line of sight and the local horizontal plane, It is analogous to
the angle ¢ described in Section 5.6.7.1 and the definition and

limitations of ¢ are the same as those for6 .

The three displays of R-34 are automatically updated

every two seconds until the astronaut terminates the routine,

5.6.7.3 Final Attitude Display

Routine R-63 may be used to compute and display the
gimbal angles required to point the CSM X -axis at the LM,
After initiation of this routine the state vectors of both vehicles
are extrapolated to the present time plus one minute, Based on
these new state vectors the required gimbal angles are

computed and displayed.

There is no automatic display update. However, R-63
may easily be recycled to manually accomplish an update of the
display.
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5.6.8 AUTOMATIC OPTICS DESIGNATE ROUTINE

5.6.8.1 General

This routine is used during alignment and navigation pro-
cedures to automatically point the optics in the direction of a speci-
fied tracking target to aid the astronaut in the acquisition of the

target. The four target modes available in this routine are as follows:

1) Star mode
2) LM mode
3) Landmark mode

4) Advanced ground track mode

The calculations and positioning commands in this routine
are repeated once per second provided the optics mode switch is
set to CMC.

The routine is divided into two timed subroutines, Line-of-
Sight and Command. Let t be the time (GET) at the beginning of a
one second cycle and let

t = tn + 1 second (6.8.1)

nt1

During the first part of the cycle the desired line-of-sight vector at

time t is computed. The Line-of-Sight Subroutine sets

m1 LLos
two WAITLIST*calls; one for time (t ., - 6t) for the Command Sub-

routine, and the other for time toe for a repetition of itself. At

time (t - §t) the Command Subroutine computes updated vaiues of

ntl1
the desired optics angles from the desired line-of-sight vector, Y os’

*The WAITLIST is a basic CMC service routine which is used to
control the timing of computations and procedures.
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and the current vehicle attitude. The entire procedure is then re-

peated beginning at time t The value of 6t is chosen to minimize

1’
the pointing error at time tn+1'

A basic CMC routine drives the optics to the orientation in-

dicated by the desired angles.

5. 6. 8.2 Line-of-Sight Subroutine

5.6.8.2.1 Star Mode

This mode is used during IMU alignment procedures to
point the optics in the direction of a specified star. The desired
line -of—s'ight vector, Yy s is the specified unit star vector stored
in the CMC fixed memory.

5.6.8.2.2 LM Mode

This mode is used during LM tracking phases to point the
optics in the direction of the LM. The Kepler Subroutine (Section

5. 5. 5) is used to compute I'c and rys the estimated conic position

vectors of the CSM and the LM, respectively, at time tn+1’ Then,
the desired line-of-sight vector is given by
Yros © UNIT (EL - EC) (6. 8. 2)

5.6.8.2.3 Landmark Mode

This mode is used during the orbit navigation phase to

point the optics in the direction of a landmark specified either by
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code number for a stored landmark, or by latitude, longitude, alti-
tude for a landmark whose coordinates are not stored in the CMC

memory. The Kepler Subroutine (Section 5. 5. 5) is used to compute
res the estimated conic position vector of the CSM at time t
Then, Ty the estimated position of the landmark at time t

n+1°
i 1S
computed by means of the Latitude -Loongitude Subroutine (Section
5. 5. 3). Finally, the desired line-of-sight is given by

u

U o = UNIT (r, - r.) (6. 8. 3)

e

5.6.8.2.4 Advanced Ground Track Mode

This mode is used during the lunar-orbit navigation phase
to aid in the surveillance, selection and tracking of possible landing
sites by driving the optics to the direction of a point on the ground
track of the CSM at a time slightly more than a specified number of
orbital revolutions from current time. IL.et the specified revolution
number be N, and assume that N is no greater than four.

Let £C

The local vertical vector, Up v at time tm1 is given by

be the estimated CSM position vector at time tn+1'

u

u = - UNIT (r,) (6. 8. 4)

The desired line-of-sight vector, BLOS'iS determined such that the

angle between the vectors Y1 os and Y v is approximately 60°. Thus,
the astronaut can survey the advanced ground track of the CSM ,and
select a landing site over which the CSM will pass in N orbital revo-
lutions plus about 1/2 (5 ~ N) minutes. After the astronaut selects
the landing site, he switches the optics mode to MANUAL in order to

obtain navigation data as described in Section 5. 2. 4, 1,
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The value of the angle between the vectors Y os and Y v
is chosen to be 60° in order to ensure that the astronaut will have
sufficient time to center the selected landing site in the field of view
of the optical instrument before the first navigation sighting should
be made, After about one minute of manual tracking, the angle be-
tween the line-of -sight to the selected landing site and the current
local vertical direction (not the vector ELV
45°, At this time it is desirable for accurate tracking conditions

) will be approximately

to have been attained, and for the MARK button to be pressed. Further
navigation sightings of the landing site should then be made at about
one minute intervals, The data obtained are processed by the Orbit

Navigation Routine (Section 5. 2. 4).

The desired line-of-sight vector, ELOS' is computed by
first rotating the local vertical vector about the polar axis of
the moon to account for lunar rotation, and then rotating the
resulting vector about the normal to the CSM orbital plane to attain

the desired 60° angle. The computation sequence is as follows:

@ Call the Kepler Subroutine (Section 5. 5. 5) to de-
termine r'c and Ve the estimated CSM conic

position and velocity vectors at time tn+1'

Let

Yos® " UNIT (_I:C) (6. 8. 5)
Call the Planetary Inertial Orientation Subroutine

to transform the lunar polar vector (0, 0, 1) to the
Basic Reference Coordinate System, obtaining the

first rotation vector ER’

5. 6-30



®

©

Let the first rotation angle A be

A=AMN (6. 8. 6)

where AM is the angle through which the moon ro-

tates in one nominal lunar-orbital period.

Rotate the vector u

Y1 05 about u
A by

R through the angle

Urog = (1 - cos A) (up - u; ) up

(6.8.7)
+ U g CO8 A+ ERX U og Sin A
Compute the second rotation vector from
Up = - UNIT (y_c X EC) (6. 8. 8)
Let the second rotation angle be
A=n -A (6. 8. 9)
= 'g' . .

Compute the final desired line-of-sight vector Y os
by repeating Eq. (6. 8. 7)
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5.6.8.3 Command Subroutine

After this subroutine is activated by the WAITLIST,
the line-of -sight vector, u g, is transformed to stable mem-

ber coordinates by means of
SgM - [REFSMMAT] U oS (6.8.10)

The desired optics trunnion (precision) and shaft angles, TA
and SA, respectively, are computed as described in Section
5.6.3.1.3.
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5.6.9 LUNAR LANDMARK SELECTION ROUTINE

The purposes of this routine are (1) to determine
the time that the CSM will pass over the landing site, and (2)
to select five landmarks which a»e suitable for orbit navigation.
The use of this routine is restricted to lunar orbit since the
coordinates of only lunar landmarks are stored in the CMC

fixed memory.

The landmark selection procedure is based upon the
assumption that the moon is mapped by five north-south bands
of landmarks at approximately the —600, -300, OO, +30° and
+609neridians of selenographic longitude as shown in Fig. 6.5-1.
The number of landmarks in each band (approximately five) is
assumed to be sufficient to cover all lunar orbits within the
prescribed maximum inclination angle. The reason for the
30° separation between landmark bands is to allow about ten
minutes of time for the identification, acquisition and tracking
of a lunar landmark, including all DSKY operations as described

in Section 5. 2. 4.

From each longitudinal band, the landmark which is
closest to the ground track of the CSM is chosen. In this man-

ner, five primary landmarks are selected for navigation.

Let the selenographic coordinates of the landing site
(Lat,
These coordinates are included in the prelaunch erasable data
load and can be changed inflight by the methods described in

Section 5.2.4. The selenographic coordinates of the landmarks

Long, and Alto) be stored in the CMC erasable memory,

are stored in the CMC fixed memory in the following order:
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N
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LATITUDE

Mapped Lunar Landmarks

Figure 6.9-1
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Lat Lat , Lat, , ..., Lat. ,

F] F ] . Lat E] Lat PR
1 2 N1 N1+1 N2 N5
Longl, Longz, RN LongN , LongN b1 LongN P LongN ,
1 1 2 5
Altl, A1t2, cees AltN , AltN 17 e AltN PR AltN
1 1 2 5
where

n

Long Y Long = .. Long,, = -60
1 2 Nl

w

= ~ ~
I_,ongN1+1 = LongN1+2 = L. L,ongN2 ¥ -30

= ~ ~ (=g
= LongN4+2 ¥ .. = LongN = +60

Long
N4+1 5

The numbers NO =0, Nl’ No, ...» N5 indicate the number of
landmarks contained in each longitudinal band and are assumed

to be stored in the CMC fixed memory.

The astronaut specifies a future time t (GET). The
estimated CSM state vector is extrapolated to the specified time
by means of the Coasting Integration Routine (Section 5.2.2)
obtaining r and v, the estimated CSM position and velocity vec-
tors, respectively. Let Lat and Long be the estimated
selenographic latitude and longitude of the CSM at time t ob-
tained by means of the Latitude - Longitude Subroutine (Section
5.5.3).
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Noext, define the following unit vectors:

. - UNIT (1)
u = UNIT (v X v)
(6.9.1)
Uy - VNI (“1' X “Z)
INTT
LN UNI'T (L_{W X UZ)

where u., is a unit vector along the potar axis of the moon.
Then, if l‘amtl and lmn;;i are the selenographic coordinates of a
given lumimz}rk, the time of closest arrival to the landmark,
tl , 1s determined as shown in Iig, 6.9-2. In the lfigure, the
factor 1,003 is uscd to account for the relative rates of the
CSA and the landmark,and o is the central angle from v to the

point of closest arrival,

I'inally, the togic for the lunar Fandmark Selection

Routine is illustrated in Fig., 6.9-3,

The following data are computed and displayed in
order by this routine:
1) Time of arrival at landing site
2) Time of arrival at first landmark and landmark
index number
3) Time of arrival at second landmark and landmark
index number
4) Time of arrival at third landmark and landmark
index number
5) Time of arrival at fourth landmark und landmark
index number
6) Time of arrival at fifth landmark and landmark

index number
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ENTER

:

ALong = 1.003 (Longj - Long )
E\‘N = Uy COS (ALong) + Uy sin (ALong)
Up = UNIT (E\'N X E)
-1 .
6 = cos ~ (u u_)

Call Time-Theta Subroutine

(Section 5.5.7) to Determine Transfer Time 71

EXIT

Figure 6.9-2 Determination of Time-of-Arrival
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ENTIR

Call Coasting Integration Routine to
Extrapolate CSM State Vector to Time
t Obtaining r and v

Y

Call l.atitude - Longitude Subroutine
to compute l.at and lL.ong

(*all Planetary Incrtial Orientation
Subroutine to ‘I'ransform (0, 0, 1) to ¥,

]

Compute Unit Vectors
Fqgs, (6,49,1)

v

Determine t, Time-of~Arrival
at Landing Site, kig. 6.9-2

v

Display 'I

Compute u, and Y.
Fig. 6.9-2

Y

Call Latitude - Longitude Subroutine
to Determine Lat, lLatitude of
CSM at Time 4,

EXIT

k=k -1

T

Yes
j=N Display Ak' Yy
1=i-1 e AL = Alat
No Ak =j
t, =t
Yes k L

]
5 Lat = |Lat - Luil T——————P/Aut <A

Figure 6,9-3 Lunar Landmark Sclection Routine l.ogic Diagram
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5. 6. 10 GENERAL DISPLAY COMPUTATIONS

This section presents the CMC computations required for
various entry (P-61) and earth orbit injection monitoring (P-11) pro-
grams. In entry program P-61 the following three display parameters
are required to initialize the Entry Monitor System, EMS:

VEMS : Predicted inertial velocity at the EMS altitude

RTOGO : Range-to-go from the EMS altitude to the pre-
dicted splash point

TTE : Time to go from the current time to the EMS
altitude

The EMS altitude is measured above the Fisher Ellipsoid and is one of two

fixed values stored in erasable memory. For earth orbital entries the
EMS altitude is 284, 643 feet. Lunar mission entries use the second
EMS altitude of 297, 431 feet,

The principal computation required for these display para-
meters is the conic calculation of time to a radius of specified length,
This computation is described in Section 5. 6. 10, 1. The intersection of
a conic with an altitude above the Fisher ellipsoid is a two step itera-
tion.An initial calculation is made using a guess of the radius length,
The latitude of the conic with this assumed length is then used to cal-
culate the radius of the Fisher ellipsoid. This is then used to calculate
a second radial length,and display quantities are referred to this sec-
ond radius. Additional iterations are not required to achieve the neces-

sary display accuracy.

The computation logic for these functions is presented in
Fig. 6.10-1. The earth gravitation constant used in these calculations
is increased recognizing that the missions under consideration are con-
fined to low inclination angles from the equator and oblate earth effects
can be significant, The drag loss in reaching the EMS point (0. 05 G) is

also approximated for these display computations.

The following three additional displays computations are

also made in entry program P-61:

V 400K : Predicted inertial velocity at an altitude of
400, 000 feet.

v 400K : Predicted flight path angle at an altitude of
400, 000 feet.
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GMAX : Maximum predicted deceleration
The altitude of 400,000 fcet is again referenced to the Irisher cllipsoid,
and a two step iteration is made to calculate this radial length as in
the previous EMS display parameters. The drag loss is approximated
for this computation. The G MAX equation has been designed for high
drag conditions (near 10 g), and may give negative results for relativly

low deceleration cases of two to four g's.

During the Earth Orbit Insertion (EOI) Monitor Program,

P-11, the following display parameters arc computed:

Delta R : The miss distance in n, m. between the abort

target landing point and the predicted splash

point,
HPER : Perigee altitude above launch pad radius.
TFF . The time of free fall from the current time to

an altitude of 300, 000 fcel above the launch pad

radius.

The computation of these display parameters for P-11 is shown in Fig,.
6. 10-6. Again the CALCTFF routine is the primary computation. In
this case the entry range and time of flight are approximated by emperi-
cal formulas. With reference to Fig. 6. 10-6, RANGE from the present
position to the landing site estimated for the current time is displayed

if the 300, 000 feet altitude will not be achieved during the trajectory.

The additional display parameters required by the callable
display option in program P-11 are also computed in Fig. 6. 10-6. The

callable display parameters in addition to the three described above are:
HAPO : Apogee altitude above launch pad radius
TPER : Time to perigee

The pitch polynomial used to monitor the earth orbit insertion maneu-
ver is described in Section 3.

The calculation of the IMU gimbal angles corresponding to
the entry attitude at the present time is shown in Fig. 6, 10-9. These

entry attitude gimbal angles are displayed in program P-62 as:

OGA : Outer gimbal angle - roll
IGA : Inner gimbal angle - pitch
MGA : Middle gimbal angle - yaw
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Call Entry Initialization

:

Call Entry Targeting (3 times)
Resume THETA

Call TFFCONIC, R, V, ul ul =1.0012 MUE

Resume H, V2

Call CALCTFF, RTINIT

Call TFF/TRIG

Resume sin 6f, cos 6f

Call FISHCALC, sin éf, cos &f, R, V, UNITW
Resume ERAD

RTERM = ERAD + EMSALT

Call CALCTFF, RTERM
Resume TTE

A

Call TFF/TRIG
Resume sin$f, cos§f

|
Call VGAMCALC H, V2, RTERM
Resume VTEMP, GAMTEMP

Figure 6. 10-1 Entry Display Calculations
(page 1 of 2)
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—1, 510, 000
VEMS = VIEMP * exsrrEMP VTEMD
RTOGO = (THETA - cos._l (cos &f)) ATK

RTERM = ERAD + 300k

Rl

Call VGAMCALC H, V2.RTERM
Resume VITEMP, GAMTEMP

VsQ =[(VIEMP - 36000)/20000]2

GMAX = +— -, v a7y (GAMTEMP -6.05 -2.4 VSQ)+ 11,2

T

RTERM = ERAD + 400 K

Call CALCTFF,RTERM
Resume TFF

4
Call TFF/TRIG

Resume sin §f, cos &f

Call FISHCALC sin é6f,cos 6{,R, V, UNITW
Resume ERAD

I

RTERM = ERAD + 400 K

l

Call VGAMCALC, H, V2, RTERM
Resume V400K, (- vy 400K)

Figure 6. 10-1 Entry Display Calculations (cont.)
(page 2 of 2)
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5.6.101 Conic Time of Flight

The time of flight along any conic trajectory proceed-
ing from an arbitrary radius r, in the direction of velocity Yo
to a radius of specified length ry is provided by Kepler's equa-
tion. The following formulation, while not quite universal, is
explicit and direct. With a single equation, time of flight can
be calculated for conic paths that are hyperbolic or parabolic and
for those elliptic paths having |A El < 90°. An alternate
equation is needed for the elliptic paths having |AE] > 900.
Highly circular orbits are excluded by the constraint of length
for the terminal radius. In the absence of a vector direction,

highly circular cases are not treated.

The two conic parameters that appear in the time of

flight equations are given by:

Angular momentum: H=r Xy,
Semi-latus rectum; p = H H (6. 10. 1)
u
. . . 2
reciprocal semi-major >~ - . .9 —o
axis: ry u

The equation for reciprocal semi-major axis ¢ has the usual
sign convention: ¢ is negative for hyperbolic orbits, zero for

parabolic orbits, and positive for elliptic orbits.
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Two intermediate quantites, given in lwo useful

equivalent forms, are:

H
=

o

o = sen(r)yr (2 -or)) - p

Iy YoRfH
Iy - !h/-/u_

(6. 10. 2)

I
o]

Q, - sen(r)Vr, (2 -Xr) - p

It is these quantities that exclude highly circular orbits, since
being proportional to radial velocity they becomc uselessly

small. For TFF application to reentry, Iy
side, so the sign of f‘h is chosen as negative. Excepting ellipses

is on the recturning

for which IAE' >900, the conic time of flight is given by

t = (Z /) (ry + 1, - 22 T (X)) (6. 10. 3)

where Z is the obtained by one of the following:

if outbound (Q0 is positive):

Z =(Q, - Q)/(2 -K(r +r)) (6. 10. 4a)

if inbound (Q0 is negative)

Z = (r‘h - r‘o)/ (Qh + QO) (6. 10, 4b)
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and where if
2
XZ"1.0
then

X=O(22

For those elliptic cases having |AE| > 90°,

then

and

X = 1/(Xz%).

The conic time of flight is given by

m 2(XT(X) - 1)
QL+ Q. +

t‘oﬁlﬁ‘(ﬁ h' Tl Tz

The function F (X ) is defined by the series
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2 3
1ox x5 ox%

3 5 7 9

it

T(X)

X - arctan (4X) if0eX £1 (6. 10. 7)
x X

- -¥X - arctanh (V-X) if X £0

=S

The equations (6. 10, 4) are equivalent, except that cach
has a point of indeterminancy. The selection used in Eq. (6. 10. 4)
excludes the indeterminant point of each from the region of ap-

plication.

The choice of Eq. (6. 10, 3) or Eq. (6. 10. 6) depends on
whether 022 is less than or greater than one, Since both Eq.
(6. 10. 3) and Egq. (6. 10, 6) reduce to the same form when X = 1.0,
the division made above is arbitrary . Equation (6. 10, 3) gives
both positive and negative values, indicating time to terminal point,
and time since terminal point passage. On occasion, the user
desires to use the negative value and a switch is provided to make
this fact known. Otherwise, a positive value, time to terminal
point, is always provided for the ellipse by replacing negative t

by 27/aNou + t. Equation (6. 10, 6) yields positive values only.

The time of flight equations are exact and involve approx-
imations only to the extent that the function T (X ) is represented
by a polynominal. Futhermore Eq. (6.10. 7) is continuous as the

conic changes from hyperbolic to elliptic.
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5. 6, 10. 2 Application of Time of Freefall

On board the CM, the TFF routines are used to cal-
culate time to various specified terminal radii, which may in-
clude perigee or apogee. These limes when displayed on the
DSKY are the negative of the calculated values, as in a count-
down. In the event that the present position lies between perigee
and terminal radius, a positive time representing time since
terminal point is displayed. When perigee is passed, negative
time to terminal radius is displayed once again. However, for
outbound hyperbola or parabola, positive time since terminal

point is displayed.

The following paragraphs outline several CMC Sub-

routines that are available,

TFFCONIC (Fig. 6 10-3) Subroutine calculates the conic
parameters of Eq. ¢(6.10. 1) and stores them for short time use.
[t also saves other intermediate values to save duplication by
following subroutines. The user must supply a value for u ap-

propriate to the application.

TFFRP/ RA (Fig. 6. 10-7) Subroutine calculates peri-

gee and apogee radius for general conic. The equations are

e” =1 - pxX

R =p/(1+e) (6. 10. 8)
p

Ra=(1+e)/o<
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For hyperbolic or parabolic orbits and for those elliptic where
apogee radius exceeds the scaling, Ra is set to double preci-
sion POSMAX. This indicates that either apogee radius is un-

defined, infinite or exceeds scaling.

CALCTFF/ CALCTPER (Fig.6.10-2) Subroutine
uses terminal radius supplied by Caller to calculate time of
free fall or time to perigee depending on entry point. The subroutine
also calculates the quantity ARG required by TFI'/TRIG to cal-
culate transfer angle. In the event that the terminal radius
does not lie on the present conic, t is set to POSMAX as a tag.
Caller may enter CALCTFF/ CALCTPER as many times as

desired to obtain TFF to various radii for the same conic.

5.6.14 3 Other Conic Quantities

In certain applications it is desirable to calculate
other conic variables at the terminal point in addition to the time
of free fall, Among these are velocity magnitude, flight path
angle relative to local horizontal, and sin, cos of transfer angle
o f.

TFF/ TRIG (Fig.6.104).The sin and cos of the trans-

fer angle §f from x, to r is given by

h

cos (& f)

1 - 2|ARGI/(r0 r‘h(l + X))

6. 10. 9
sin (6 f) = sgn(ARG) ‘\/1 - cos? (¢ 1) ( )

- sgn(ARG) ¥ |ARG | (I - 'ARG/)
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it xz% <1 ARG

P2 lZ' (6. 10. 10)

if o(Z2 21 ARG

il

(pJox) sgn (Q, + v,/ Z)

The sign affixed to ARG is that of sin (¢ f). The computation of

ARG is done during the appropriate branch in CALCTFF/ CALCTPER
and saved temporarily. Calculation of sin and cos occurs in
subroutine TFF/ TRIG and uses values available in pushlist.

Caller may make only one entry for each CALCTFF/CALCTPER

entry.

VGAMCALC (Fig.6.10-5). Calculation of velocity
magnitude and flight path angle is performed in subroutine
VGAMCALC. The terminal velocity is given by the vis-viva

calculation.

vy T \/(v02 + 2 H(r - 1r‘h)/(rO r ) (6. 10, 11)

and the flight path angle by

y | © arccos (H/ r, vi) (6. 10, 12)

where angular momentum H = Iﬂl . User must supply proper
sign to 4. Program uses r left by CALCTFF / CALCTPER.
However Caller may enter at PREVGAM with other values for

ry as often as desired for same conic.
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FISHCALC (Fig.6.10-5). A unit vector along r, is
provided by

ur =grocos(bf)+_L_1_r0><(-y_H)sin(éf) (6. 10, 13)

h

where u represents UNIT ( ) and the vectors are as in Eq.(6. 10-1).
During Reentry subroutine FISHCALC generates sin (LAT)
using Eq. (6. 10-13) above and

sin (LAT) = UNITW - ur,

where UNITW is a vector along the earth's polar axis.

Finally the radius of the Fischer ellipsoid, ERAD, is cal-
culated by calling the routine GETERAD with sin (LAT).
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CALCTFF CALCTPER

__? F——TFFSW =1

Enter With RTERM

TI'FSW = 0

and Save

TEM1 = 2 -RTERM «

TEM2 = RTERM TEMI - p

( Is TEFSW zero )—N
‘cnforce TPER calc.

Y

Is TEM2 neg conic does not

intersect terminal

radius

TFF = POSMAX

RETURN
INBOUND
NUM = RTERM - RMAG
DEN = Q2 +Q!

Q2 =-SQRT (TEM2)

Ql = VN - RN

1s Q1 neg

OUTBOUND

N Y

NUM = Q2 - Q1
DEN = TEM1 - RMAG o

v

Y_GOI;‘S IDEN| + 1.0 - 2 220VFL

Perigee or near
perigee indeterminancy
t%tUstJkMTﬂ

HYP. or PARAB,|

V TFFEF = 0
1
RETURN

Figure 6, 10-2 Time of Flight Calculation

(page 1 of 2)
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Y

( Does NUM @/ DEN ()Vl«‘lJ\ L
J
R
7 = NUM/ DIN 17
ARG = p7 |7| X
2
X = o TS
TEM 7 (RMAG ¢ RTERM - 222 1 (x)) | | ana

l)]'JN/ NUM
l/(r%z
Q1+ RM/\G/Z

(])/ @ )SGN (TEM)

'

THISWA sct by user
(84

TEM = L (n/4/a+ Q1 - Q2 1 2 (XT(N) - 1} oZ

G:; TFISWA Z(*rD-XV

N

s o+ PNZ L"

Correct for 27
orbital period TEM = —— + THEM

'

N
; i OVFIL.

TFF = TEM/-I;‘ | THFE =

POSMAX

RIETURN

Figure 6. 10-2 Time of Flight Calculation
(page 2 of 2)
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TFFCONIC

Enter with RN, VN, «
Save MUE
1/ MUE
1/RTMUE
RMAG = |RN]|
TEM = | RMAG UR/2 X YN|2
p = TEM/u
h = SQRT (TEM)
VsSQ = VN. VN
N _ 2 _VsQ
RMAG U
Na = SQRT &)
1/ a = 1/ (Na)?

éETURN h, VS@

Figure 6, 10-3 Conic Parameters
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TEEF/TRIG

(cos af)/2 = 1/2 - ABS [/\l{(i/(l{NlAG RTERM (14 X)]

(sin 1)/ 2 = SGN (ARG) SQRT [1/4 - (cos (‘.1')/2)2]

ARG delined i
CALCT l“l"/('/\l TP IR

Q{ETURN )

Figure 6. 10-4  Sine and Cosine of Transfer Angle
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FISHCALC START

UR = UNIT (R)
UNI = UNIT (VX R)
UHOR = UR X UNI
UR!l = UR cos 8f + UHOR sin 6f
SL = URl. UNITW
y
Call GETERAD, SL
Resume ERAD
RETURN ERAD
VGAMCALC START, H, V2, RTERM

l

(R - RTERM)}%—

VTEMP = |v2+ 2 Ml g RTERYC

GAMTEMP= cos ! (H/(RTERM VTEMP))

[RETURN GAMTEMP, VTEMP |

—

Figu;e 6. 10-5 Subroutines for Entry Displays
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Call TFFCONIC R, V
Resume H, V2

r

Call TFF RP/ RA
Resume RAPO, RPER

RA OVFL

Y N
RAPO - RAMAX

]

HAPO = RA - RPAD

HPER = RPER - RPAD

(Is HPER pos)
Yy

l N

Call CAL.CTPER

Resume -TPER I

[Call CALCTFF, R300K

-TPER =0

Resume TFFEF

¥

GFF neg orr OVFL

N F =
[Call VGAMCALC, R300K RANGL = 0
| Resume Vo V(_ TE = 0, TFl = 0
I

Call AUGEKUGEL V , v,

Resume T
‘pe‘ e

Call TFF/ TRIG '

Resume sin 6f, cos é6f

v

RANGE = cos !(cos 6f) ATK +@e

[ ] Y

Call LALCOTORV, LAT (SPIL.), LLNG (SPL), ALT =0, (TIME + Te + TFFE)
Resume UNIT (RSPL)

DELR = cos ! (UNIT (RSPIL.) ¢ UR)ATK - RANGE

Y

LrRETURN

Figure 6, 10-6 DeltaR Calculation
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TFFRP/RA

TEM =1+ SQRT (1 - pa)
RPER = p/ TEM
TEM a= o

If «aNEG, TEMa = 0

RAPO = TEM/TEM «

( ovrFL? Y

N P‘{APO = POSMAX Automatic in
Interpretive Divide
¥
Clear OVFL
Indicator
RAPO = POSMAX if
RETURN 1. Hyperbola

2. Parabola
3. Exceeds scale for

ellipse.

Figure 6. 10-7 Apogee and Perigee Radius Calculation
for General Conic
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AUGEKUGEL START V , ¥,
— c ¢ V. - Ips

C V., £24000 ) Yoo T des
- nm

vV £ 28000
1 ¢
Y N
Kl = 2400 + 443 (28000 - Vc)
Kl = 2400 l
CVC < 24000
Y N

K2 = -3.2+ .001225 (24000 - V(‘) V(k < 28400)

s
K2 =1+ 00105 (28000 - VO) |K2 2.4+ 00285 (Ve—;mn)

Ky

Il K,

C v, & 26000 )
Y f N*
8660 ¢p
T, - '€ T, -
\Y

<

Pe_
3

RETURN @, T

Figure 6, 10-8 Empirical Relations for Entry Rangce & Entry Time



[ Calctriad w.r.t. relative velocity vector
XA = UNIT - KWEUR X UNITW
Part of DAP 1 u UNIT(Y) - K% Y Calculated
=- X R .
Calculations UYA =-UNIT (UXA UR) in Referencgd
- UZA = UNIT (UXA X UYA) Coordinates

>

f '

Call unit body triad
rotating these commanded Roll angle (ROLLC)

and assumed angle of attack oft

< UBY = UYA cos ROLLC + UZA sin ROLLC

(s
"
"

-UNIT (UXA X UBY) sino{t + UXA coso(t

UNIT (UBX X UBY)

!

Store inXNB, YNB, ZNB

'

Store REFSMMAT

(*
Ic
w
N
"

In XSM, YSM, ZSM

B

Call CALCGA

Resume OGA, IGA., MGA stored as vector

| RETURN

Figure ¢, 10-9 Calculation of Gimbal Angles Corresponding to Entry Attitude
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5.6.11  LGC INITIALIZATION

The LGC initialization procedure prior to LM separation
is a manual operation which does not involve a numbered CMC pro-
gram. After the LGC is activated the first requirement is to synchro-
nize the LGC clock with that of the CMC. This is a count-down and
mark procedure described in R-30, CMC/LGC Clock Synchronization
Routine of Section 4,to obtain an average clock difference which is
then used to increment the LGC clock. The CMC and LGC clock
synchronization can also be checked by the Mission Ground Control
Center using telemetry down-link data, which can provide a more

precise difference to increment the LGC clock.

In the lunar landing mission the following parameters are
next voice-linked from the CSM and entered in the LGC as initializa-

tion parameters:

1) r'c CSM position vector

2) Vo CSM velocity vector

3) tC : CSM state vector time

4) g lunar landing site vector

5) tLS : time rigis valid

6) tO . time difference between zero GET and
July 1. 0. 1968 universal time

In the above procedure, all parameters are entered in octal, and
position and velocity vectors are double precision, In the lunar land-
ing mission the above items 1 through 5 are normally determined by
the CMC Orbit Navigation Program P-22.
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5, 6, 12 CMC IDLING PROGRAM

This program is used to maintain the CMC in a state of
readiness for entry into any other program. While the idling program
is in operation, the Coasting Integration Routine (Section 5. 2, 2) is
used to advance the estimated CSM state vector (and the estimated
LM state vector when the LM is active and not on the surface of the
moon) to approximately current time. This procedure has the lowest
priority of all programs, and is performed only when no other pro-
gram is active. This periodic state vector extrapolation is not nec-
essary from a theoretical point of view, but does have two practical
purposes. First, it is advisable to maintain current (or at least
nearly current) state vector estimates in case an emergency situation
arises. Second, a significant amount of computation time is trans-
ferred from a period of high computer activity (navigation measure-

ment processing, targeting, etc) to a period of low activity.

In order to use the Coasting Integration Routine in an ef-

ficient manner, the maximum value for the integration time step,

Atmax’
Atmax is a function of radial distance and varies from step to step.

is computed as described in Section 5.2.2.95, The value of

Let t be the time associated with the estimated CSM state vector and
ty be the current time. The estimated state vector(s) are extrapolated

ahead when

ty>t+ 4 Atmax (6.12,1)
the integration is terminated when
ty<t+ ot oo (6.12.2)
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In this manner no extra and smaller-than-maximum integration time
steps arce performed. and the periodic integration is accomplished
most efficiently.

The error transition matrix W (see Section 5, 2. 2, 4) is
extrapolated with the estimated CSM state vector if ORBWFLAG
indicates that the W matrix is valid. ORBWFLAG is defined in
Sections 5. 2. 4.5 and 5. 2. 6. 4.

The logic lor the periodic state vector extrapolation is
illustrated in Fig, 6.12-1. The variables D and V arc indicators
which control the Coasting Integration Routine. The quantities Xe
and X are the estimated CSM and LM state vectors, respectively,
and x is a temporary state vector used for integration. Refer to

Section 5. 2. 2. 6 for precise definitions of these items.
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ENTER

No

Compute At .y

Wait Ten <

Minutes

¥

Compute At gy

A

t1> t+ 4Atmax

X = X, |Yes ,
LM Active
D =20 (and not on
surface of
VvV =0

Integrate State Vector 5( t)
(and W Matrix if D = 6)
One Time Step to Timet + At

Figure 6,12-1 CMC Idling Program Logic Diagram
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5.6.13 IMU COMPENSATION

The IMU Compensation is designed to compensate for
PIPA bins and scale factor error and at the same time accumulate
gyro torquing commands necessary io compensate for the as-
sociated bias and acceleration caused gyro drifts. The correc-
tion to the PIPA's is

PIPA . = (1 + SFEI) PIPA

C + E'.IASI At

1
where

PIPAC is the compensated data for the Ith PIPA

denoted PIPAXC, PIPAYC, PIPAZC

SF - SFnom
SFE = — ( crasablce load)

SFnom

SF = Scale-factor M

Pulse

BIASI is the bias for the Ith PIPA (anerasable load)

The compensated data is then used to compute the
IRIG torquing necessary to cancel the NBD, ADIA, and ADSRA

gyro coefficients. The computations are

XIRIG = -ADIAX PIPAXC + ADSRAX PIPAYC - NBDX At
YIRIG = -ADIAY PIPAYC + ADSRAY PIPAZC - NBDY At
ZIRIG = -ADIAZ PIPAZ_. - ADSRAZ PIPAY,. + NBDZ At

C C
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where

XIRIG, YIRIG, ZIRIG are gyrodrift compensation
NBDX, NBDY, NBDZ are gyro bias drifts (anerasableload)

ADSRAX, ADSRAY, ADSRAZ are gyrodrifts dueac-

celeration in spin reference axis (anerasable load)

ADIAX, ADIAY, ADIAZ are gyro drifts due to acceleration

in the input axis (an erasable load)

When the magnitude of any IRIG command exceeds two

pulses, the commands are sent to the gyros.

During free-fall only the NBDX, NBDY, NBDZ are
the relevant coefficients and the routine is so ordered that only

these terms are calculated for the gyro compensation.
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5.1 ENTRY GUIDANCE

The entry guidance is used for control of the CM entry
vehicle and is described by the logic flow charts in Iig. 5. 7-1 thru
Fig. 5. 7-16. A detailed description of the guidance and steering
concept is presented in MIT/IL Report R-532, "Reentry Guidance
for Apollo, " R. Morth. January 1966.

Figure 5, 7-1 illustrates the overall picture of opera-
tions during entry. Each block in Fig, 5,7-1 is described in
detail in following figures, Figure 5,7-2 defines the symbols
which represent computed variables stored in erasable memory.

The values and definitions of constants are given in IFig. 5. 7-3.

The initialization routine shown in Fig, 5.7-4 is
entered only once at the start of entry, Besides setting the ap-
propriate variables to their initial values, this routines presets
the variable SELECTOR to INITROLL.

Every pass through the entry equations (done once
every 2 seconds) is begun with the section called navigation
(see Fig. 5.7-5) and is the same as that presented in Section 5, 3. 2.
This integrates to determine the vehicle's new position and velocity
vectors. This navigation routine is started prior to encountering
the entry interface at 400, 000 feet altitude, and is continuously

operated from that time to landing.

Next, the targeting section updates the desired landing
site position vector and computes some quantities based on the
vehicle's position and velocity and the position of the landing site,
(See Fig, 5.7-6),
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The mode selector chooses the next sequence of cal-
culations depending upon the phasc of entry trajectory that is
currently being flown. The initial roll section maintains whatever
roll angle was previously selected in the initialization routine

and decides when to start the next phase, as shown in Fig, 5,.7-7.

The next phase maintains a constant drag trajectory
while testing to see if it is time to enter the up-control phase,
The testing is presented in Figs, 5.7-8 and 5,7-Y. The constant
drag equations are given in Fig. 5.7-10, The other phases
(up-control, ballistic, and final) are listed in Figs. 5.7-11,
5,7-12, and 5.7-13. (See Fig. 5,7-1 .) The final phasc is
accomplished by a stored reference trajectory with linear inter-
polation between the stored points, Its characteristics as well
as the steering gains are stored as shown in Fig. 5.7-14, The
routine that prevents excessive acceleration build-up (G-limiter)
is given in Fig. 5,7-15. Finally, the scction that does the lateral
logic calculations and computes the commanded roll angle is

shown in Fig. 5.7-16,

The parameters computed for display purposes only

during the entry phase are presented in Section 5. 6. 10.

w
.
~3
|
ro



NAVIGATION

‘INITIALIZATION I ‘
TARGETING

m
SELECTOR
PRE
JWTROS ‘(\ﬁf"‘ UPCONTRL s, Dicrs
®
- CHECK FOR
INITIAL starrorup| |upcontroL] | BALLREC
ROLL CONTRQ
-

“G LIMITER"

LATERAL LOGIKC

OUT WITH
ROLL COMMAND

Fig. 5.7-1 Entry Computation
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AQ
ANOOKDY

Al

ALP
ASKEP
AsP1
ASPUP
ASP)
ASPDWN
ASP
Cose

[}

00
OHOOK
OIFF
OIFFOLO
OR
OREFR
ovL

[4

Fi

f2

3
FACT]
FPACT2
FACTOR
GAMMAL
GAMmAL 1

INITIAL TARGET wviCTOR
UNIT VECTOR NRORTM

VELOCI T VECTOR

POSITION VECTOR
INERTIAL VELOCITY

VECTOR EAST AT INITIAL TARGEY

NORMAL TO RTE AND UL

TARGEY VECTOR

UNLT NORMAL TO TRAJECTORY PLANE
INTEGRATED ACCEL. FROM PIPAS
GRAVITY VECTOR

INITIAL DRAG FOR UPCOMTRL
TERM IN GAMMAL CALC, = AMOOK OVL

DAAG VALUE IN FACTOR CALCULATIOM
CONST FOR UPCONTRL

KEPLER RANGE

FINAL PHASE RANGE

UP-AANGE

GAMMA CORRECTION

RANGE DOWN TQO PULL-UP

PREDICTED RANGE

COSINELGAMMAL }

TOTAL ACCELERATION

CONTROLLED CONSTANT O

TERM IN GAMMAL COMPUTATION
THETNM-ASP (RANGE OIFFERENCE)
PREVIOUS VALUE OF DIFF

REFERENCE ORAG FOR DOWNCONTROL
REFERENCE ORAG
vS1-vL
ECCENTRICITY
ORANGE 7D ORAG
ORANGE/D mOOY
ORANGE/D (L/0)
CONST FOR UPCONTRL
CONST FOR UPCONTRL

USED IN UPCONTRL

FLIGHT PATH ANGLE AT VL
SIMPLE FORM OF GAMMAL

{FINAL PHASE)
IFINAL PHASE)

MAKTMUN VALUE o

2 (UNIT VECTOR:Y

2
2 VSAl

2 Exp 2%

METERS

1280 m/CERTISEC

2

2
2
2

5.8% 18304 CM/S

1732 mM/C8/CS

005 Fpss

805X16 VSAY

FPS FPSS
805 FPSS
1

21600 MM
216400 AM
21600 NM
21400 NM
21600 NM
21600 nM

2

809 FPSS
90% FPSS
80% FPSS
21600x16¢
21600x16
005 FPSS
003 FPSS
2 VSAT

.

27007803
2700/72vS
2700 NM
2 VSAY

)

1
1 RADIAN
1 RADIAN

NM/FPS

COPPUTER nage

RYINIY

1Vl OR uUNiTw

. vy
= RN

- VPIP

» RTEASTY
a RTNORM
s (AT}

= GRAVITY
FPS8aFT/SEC/SEC

NM o NAUTICAL MILE

s C08G/2

& MAXIMUM VALUE DENCTES UNSCALED
VARTABLE VALUE WMEN SCALED

VARJABLE HAS MAXIMUM VALUE OF OMNE.

Fig. 5.7-2 Computer Variables
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VARIABLE OESCRIPTION MAXIMUM VALUE COMPUTER NAME

ceemcaaa P m——eenre amme- ——— -

HEADSUP INDICATOR FOR INITIAL ROLL 1
KA ORAG TO LIFT UP IF DOWN 808 FPSS
K2ROLL INDICATOR FOR ROLL SWITCH
LATANG LATERAL RANGE & RADIANS
LEQ EXCESS Cofe OVER GRAVe(VS0-1)GS 128.8 FPSS
LEWD UPCCNIROL REFERENCE L/0 1
LD DESIRED LIFT 1C DRAG RATIO 1
(VERTICAL PLANE}
L/01 TEMP STORAGE FOR L/D IN LATERAL 1
PREDANGL PREDICTED RANGE (FINAL PHASE) 2700 NM
Q7 MINIMUM DRAG FOR UPCONTROL 803 FPSS
K007 ALTITUDE RATE 2 VSAT
ROCTREF REFERENCE RDOT FOR UPCONTROL 2 VSAT
RDTR REFERENCE RDOT FOR DOWNCONT 2 VSAT
ROLLC ROLL COMMAND 1 REVOLUTION
RT0GO RANGE TO GO {(FINAL PHASE) 2700 NM
st SINE OF LATITUDE 1
1 TIME 16384 SEC = TENTRY
THETA DESIRED RANGE (RADIANS) 2 PI RADIANS = THETAH
THE TN DESIRED RANGE (NM} 21600 NM
v VELOCITY MAGN]TUDE 2 vSal
vl INITIAL VELOCITY FOR UPCONTROL 2 vsat
V10LD PREVIOUS VALUE OF V1 2 vSar
VCORR VELOCITY CORRECTION FOR UPCONTROL 2 VSAT
vy EXIT VELOCITY FOR UPCONTROL 2 vsat
VREF REFERENCE VELOCITY FOR UPCONTROL 2 VSAT
vs) VSAT OR V1, WHICHMEVER 15 SMALLER 2 VSAT
2 2
VOARS VU /VSAT .
2
vso NORMAL 1SED VEL. SQUARED = v /VSAT & s VSQUARE
wt EARTH RATE TIMES TIME 1 REVOLUTION = WiC (OTEAROY)
x INTERMEOCTATE VARIABLE 1IN G-LIMITER 2 VSAY
v LATERAL MI5S LImMIT 4 RADIANS

Fig.5. 7-2a Computer Variables (cont)
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EXTRA COMPUTER ERASABLE LOCATIONS NOT SHOWN ON FLOW CHARTS

VARIABLE DESCRIPY|ON MAXIMUM VALUE

GOTOADOR ADDRESS SELECTED RY SFOUENCER

XP 1PBUF BUFFFR T0 STORE X PIPA COUNTS

YP1PBUF BUFFFR TP <TORE Y PIPA COUNTS

2P 1PBUF AUFFFR TO “TORF 7 PIPA COUNTS

PIPCTR COUNTS PASSES TMRU PIPA READ ROUTINE

JJ INDEX [N FINAL PHASE TABLE LOOK-UP

M) INOEX IN FINAL PHASE TABLE LOOK~uP

GRAD INTERPOLATION FACTOR IN FINAL PHASE

4 DRANGE/D L/D = F) 2700 MM

FX ¢ 1 AREF 80% FPSS

FX ¢ 2 R10GO 27100 MM

FX ¢ Y ROOTREF VSAY/A

FX ¢ & ORANGE /0 ROOT = F2 21600/2vS NM/FPS

FX o 8 ORANGE/D DRAG = F1 2700/00% NM/PPSS

UNpTY UNIT Vv VECTOR 2

UNITR UNIT R VECTOR 2

Temia TEMPORARY LOCAT |ON

SWITCHES INETIAL STATE
te) GOMEPAST INDICATES OVERSHOOT OF TARGET NON=BRANCH (0)
(22 RELVEL Sw RELATIVE VELOCITY SWITCH NON=BRANCH (0}
e EGSW FINAL PHASE SWITCM NON=-BRANCH (0}
t9) MUNT IND INITIAL PASS THRU HUNTEST NON=BRANCH (0}
1101 MIND INDICATES ITERATION IN WUNTESY NON=BRANCH (0}
(an INRL SW INDICATES INIT ROLL ATTITUDE SET  NON-BRANCW {0)
12y LATSW INMIBEIT DOWNLIFT SWITCH IF NOY SET BRAMCH ()

LEWDSW USE LEWD = .2 IF SET NON-BRANCH {0}

Fig. 5. 7-2b Computer Variables (cont)
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CONSTANTS AND GAINS VALUE

<1 FACTOR IN ALP COMP TATION 1e2%

Cle CONSTD GAIN ON DRAG el

a7 CONSTD GAIN ON RDOT 2001

(4] BIAS VEL. FOR FINAL PHASE STaART 500 FPS
20 WAX DRAG FCR DCwh-LIFT 17% FPSS
CHOOK FACTOR IN AMOOK CCMPUTATION ads

Ml FACTCR IN GAWMAL COMPLTATIUN .75

02 DRAG 10 CHANGE €40 17% FP5&
or COMPLTATICN CYCLE TIME INTERVAL 2 SEC.
GvAX MAXIMUM ACCELERATICN 322 FP5S t1e 3=
il FACTC® IN ¥4 CALC 1ed G

A2 FACTOR IN KA CALC ol Go

A FACTO® IN DO CALC yu  FP3s

K Ad FACTOR IN OO CALC 40 FP>>

(3.5 CPTIMIZED UPCONTACL GATN 3.4

KR2 OPTIMIZED LPCCNTRCL GAIN «0034

KOM N INCREMENT CN C? TC DETECT END CF XEPLER PHASE % FPoo
KCAT LATERAL SalTCm GRIAN evled

KTETA TIYE OF FLIGHT CCN3TANT 100¢

(3 GAIN USEC IN INITIAL ROLL SECTICA 197649450 FP>
LAD MAX L/D (MIN ACTLAL VERICLE L70) ']

LATBIAS LATERAL SwlTCw BIAS TERM oh NV
L/DCv NP LAD COS11% OFG) «2R9%

LEavl NOMIAAL UPCCNTRCL L/C .l

LEwD2 UPCUNTROL (/D nmIGh DRAG CadE> ol

Loo FINAL PHASE L/C o118

POINTL FACTOR TO REDUCE UPCOMTROL GAIN ol

n2? FINAL PHASE RANGF « 23%CC 03 -1002 NM

c3 FINAL PHASE DRANGE/O Vv 07 NM/FFS
L} FINAL PHASE DRANGE/ D GAWMA 1050 NM/RAL
P FINAL PrASE INITIAL FLlunT FATH ANGLL «03469 RAD
CTF MIN DRAG FOR UPCONTRCL [ FPSS
LIMIN MIN VALUE FOR C7T IN FACTOR CALCULLATIUN $0 FPSS
19 FACTOR 1IN GAMMAL] CALCULATION .2

ARTIN! VELOCITY 1L START FINAL PrAcE CN INTTIAL EATRY 21000 FPS

VF [ Mag FACTOR In INITIAL LP-DOwN CALC 26600 FPS
V5L0s [F v LESS THAN V5L0ws LEWD = 42 3%0C0 Py
VLMIN MINIMUM VL 18060 FPS
vMIN VELOCITY TO owml¥Cm 10 RELATIVE VEL VSAT/2
VRCONTRL QDOT TC START INTO MUNTEST 700 FP5
vCOomL Iu wAX VALUE OF v(cee 1000 FPS
29NM TOLERANCE 10 STCP RANGE ITERATICN 2% NM
voulrt VELOCITY TC SICP STLERING 1000 FPS
CONVERSION FACTORS AND SCALING CONSTANTS

ATK ANGLE [N RAD TO NM 3e37.74068 NM/RAD
[ NOVINAL G VALUE FOR SCALING 3242 FPSS
[} ATWOSPHERE SCALE WEIGHTY 28500 F1
J GRAVITY WHARMONIC COEFFICIENT «00162348

cwk EQUATORIAL EARTH RATE 1546.7C168 FPS
MuUE EARTI GRAVITATIONAL CONSTANT 3.,906032233 € 1a& Cusld M/ SEC 3EC
~E CARTM RADIVS 212629CC F1
VSAT SATELLITE VELOCITY AT RE 2976641973 FPS
Wit EARTH RATE «000072921150% RAD/SEC
L1 1] CARTN EQUATORIAL RACIUS 209153738.2 1

Fig. 5.7-3 Constan{s,Gains,and Conversion Factors



IMIVIALIZATION

URTO « TARGET VECTOR AT TIME = ZERO

RTE o UZSURTO

UTR o ARTESVZ

URy o INITIAL TARGEY VECTOR AT NOMINAL TIME OF ARREIVAL
(FOR TrlS CALCULATION)

s URTO ¢ UTRICOS WY - 1) + RTE S1n wT
WHERE WT = W TNOM

UND @ UNIT (VSUNTTIRI}

LATANG « URT.UN!

THETA = ARCCOSIURTURITIRY)

KIROLL = ~BIGNILATANG)
-2} - orF

SELECTOR = INITROLL
FACTOR » |}

L/D = = LAD SGNINEADSUP)

INITIALIZE SWITCMES

GONEPAST o O RELVELSW = O
EGsSw » 0 HUNTIND & O
MIND « O INRLSY » O
LATSW s ) LEWOSW ¢ O

Fig. 5. 7-4 Entry Program Initialization
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READ A& CLEAR PIPAS
SAVE VEL INCREMENT
AS DELV

)

TEM = VieDT %‘— . D—E;V—

R+ DT TEM

ABvAL (R)
UNIT (R)- UZ

&
2

: - %g_ [(nu“—gQ)zu-ssL’))umr(i).25L14‘!§9)'Gz] I

?

- DELV G
VI-TE'MO—2 0072 l

Note:

This routine is identical
to "Average-G'' routine
used elsewhere.

Fig. 5.7-5 "Average-G" Navigation Routine
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TARGETING

1S RELVELSW ZERO?

l vVl V ¢ VI- KWE UZ & UNIT(R)

Vo ABVAL(V)
vsQ = vi/vsar?
LEQ = {VSQ-1) GS
R0OT « v -uNIT ()
ONL = UNIT[VeuNiT(h)
D = asvai(BeLv)sor

Gs RELVELSW ZERO"

vlSL NO
o-o-o(- MORE - R
15 EGSW JERQ? wl: wie?T
NO ves

IS V-VMIN POS?

WT s WIE(KTETA THETA «

vilt : URTO « UTR (COS WT-1) ¢ RTE SIN WT
LATANG = URT- UNI
THETA = cOS ' [Vt - uNiIT(R)]

I GO TO SELECTOR '

Fig. 5.7-6 Targeting
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( IS INRLSW 0 ? 3
T -
C IS D-08g POS> ( s D-xa0s? )

AL 3] NO YES l NO

INRLSW =1
NRL GO 10310 L/D= -LEQ/DO+C16(D-DO)

-C17(RDOT+ HS DO/V)
L&: (ka1 (59 +xa2) 65 ' ST
Y

C IS V- VFINALL NEG? ) (1S RDOT + VRCONTRL NEG’)

V!SAl ves ~ol

NO
y
SELECTOR:KEP2 DO =KA3 59 4 ka4 GO 10 310 SELECTOR = HUNTEST

V-VSLOW POS?

NO

LEWDSW=1 i

1

BRI S YES GO TO HUNTEST
[ GO 10 310 i

IS V-VFINAL + K44 (ROOT/V)

L/D = LAD

L/D = -LAD

l GO 1O 310 '

Fig. 5.7 -7 Initial Roll
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HUNTEST

(15 D-02 POS?

1S LEWDSW:1?
NC

[tewo - tewol ] [Lewo - Lewo? |

SO )

NO

V1« V + ROOT/LEWD
AQ * (VI/VI2(D + ROOTY
Al-D

IS RDOT NEG?
IYES

P

VIV YRDCTLAD
(2 CL HS LEWD) AQ - IVI/VIZID + RDOTH(2 C1 HS LAD))
Al = AO
! '
(IS HUNTIND ZERO?)

NO YES
HUNTIND * 1 |
DIFFOLD + 0

HUNTESTI

VIOLD - vl + Cl8

ALP * 2 Cl AO HS / ILEWD V12)

FACT) * VI/t1- ALP}

FACT2 = ALP (ALP- 1/AO
VL - FACTI[1- SORT (FACT2 Q7 + Al P)]

!
(" ISVL-VIMINNIG?)

“Si NO
SELECTOR = PREDICT? IS VL-VSATPOS? )
EGSW * ] YES NO
! I |
(60 10 PREDICT ] (1S VI-VSAT POS? )
~o; vES
SELECTOR * HUNTEST [vsi-vi] [v51 . vsnl
GO TO CONSTD
DVL = VS1-VL

DHOOK = [(1- VSU/FACTIIZ- ALP) /FACT2
AHOOK * CHOOK (DHOOK/QT - 1)/DVL
GAMMALIT = LEWD (V1- VIWVL

. _CH1 GS DVL(1 + AHOOK DVL)
GAMMAL * GAMMALI SHOOK VLT

(I's GAMMAL NEG? )

vssT NO

GAMMAL VL

VL * VL * (£ WD "T3AROOK DVL2 +20VL) TCHT GS/TOHOOK VL)
Q7 = [11-VLIFACTLI2 - ALP} /FACT2
GAMMAL = 0

'

[CAMMAL © GAMMALL (1- Q19) + Q19 GAMMAL GO TO RANGE PREDICTION]

Fig. 5.

5

7-8 Huntest
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veARs s vii/ vsar?
COSG ¢ 1- GAMMALY/?

¢ + SQRT [1 + (VBARS-2) COSG? veARS])
ASKEP : 2ATK SIN"'(VBARSCOSG GAMMAL/E) , BALLISTIC RANGE
ASPI 1 Q2+ QIVL . FINAL PHASE RANGE
ASPUP ‘i.'—'!‘-msmmm L0G (A0 VLY (@7 V12)]. UPPHASE RANGE
ASPI 1 QS(Q6-GAMMAL) , GAMMA CORRECTION
ASPOWN: -RDOT V ATK/(AO LAD RE) , RANGE 1O PULLOUT
ASP  + ASKEP+ ASP)+ ASPUP + ASP3+ ASPDWN, TOTAL RANGE

DiFF s THETNM -ASP

IS ABS (DIFF) - 25NM NEG?)
ves NOY
1S HIND s ZERO?

NO ITH
SELECTOR* UPCONTROL (15 DiFe NEG? )
NOY pves
? [VCDIR-VI-WO&L] DIFFOLD=DIFF

GO TO UPCONTROL | 7 [ » VIOLD:= V1
VCORR s YCORR DIFF GO TO CONSTO

{ DIFFOLD-DIFF)

(1S VCORR - vCORUIM POS?

YRS ¥ NO

[ vcort : vcoruim]
1

(15 VSAT -viL- VCORR NEG? }
NO
l VCORR : VCORR/ 2 '

V11 V1« VCORR
HIND =1
DIFFOLD = DIFF

‘ GO TO HUNTEST I

Fig. 5.7-9 Range Prediction
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L/D = -LEQ/DO + C16(D-DO) - C17(RDOT + 2HS DO/V)

( IS D-C20 POS? )

lv N

Note: LATSW is LATSW = 0 7
reset by DAP.

(1s /o NEG:)
¥

L/Ds=0

by

GO TO 310

Fig. 5. 7-10 Constant Drag Control
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RDTR = LAD VI-V) (ISRDOT NEG & V - VL - CIB NEGD)
DR = (V/V1 AQ-RDTRZ/(2 C1 HS LAD) 0 VES
/D = LAD + C16 (D-DR)
-C17 (RDOT-RDTR) SELECTOR = PREDICT3
EGSW = 1
GO TO PREDICT3

(GO TO NEGTEST] [SELECTOR = KEP2]

IS AO-D NEG ?
ook (JLACDNED

{L/D=LEWD?,GO TO 310]

[VREF = FACT1 [1 - SQRT (FACT2 D + ALP))

(ISVREF - VS1 P0OS?)
YES TNO

[RDOTREF = LEWD {V1-VREF)| RDOTREF = LEWD (V1-VREF)-CH1 GS(VS1-VREF)®

[1 + AHOOK (VSl-VREF)}
DHOOK VREF

(1S D-Q7MIN NEG?
NO YES

[FACTOR = D-Q7) /(A1-Q7)|

[TEMIB - - KB2 FACTOR [KBI FACTOR (RDOT - RDOTREF) + V - VREA]

IS [TEMIBI - POINTI NEG?)
YES NO

[TEM1B = [POINTI + POINTL (|]TEM1B|- POINTL)] SIGN (TEM1B)|

[L/D = LEWD + TEM1B|

[GO TO NEGTEST]

Fig. 5. 7-11 Upcontrol

{, [//.Z l‘\
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‘ 1S D-(Q7+KDMIN} POS? )

il

EGSW =1
SELECTOR = PREDICT]

GO TO PREDICT3

Nol

MAINTAIN ATTITUDE CONTROL

{ZERO SIDESLIP & ANGLE Of
ATTACK NEAR ITS TRIM VALUE)

OUT TO AUTOPILOT WITH
ROLL, PITCH, 8 yaw COMMANDS

Fig. 5.7-12 Ballistic Phase
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=

(15 v-vaurr pos?

NO

ves
( IS GONEPAST ZERO? ) GO T0 380 I
Yes$ NO

Gs(uir-ﬂ ONI POS?
A1) NO,

GONEPAST =}

L/O = -LAD
GO TO GLIMITER

PREDANGL + RTOGO(V) + F2 (V) [RDOT-RDOT REF (v])]
« F1(v) [0-OREFR{V)]

L/D = LOD ¢ 4 (THETNM-PREDANGL)/ F3(V)

| GO TO GLIMITER I

Fig. 5. 7-13 Final Phase
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Interpolation Procedure

Start with table entries. See Fig. 5.6-°14

VREF(i) , i=1,15
RDOTREF(i) . i=1,15
etc

Vary the index i until velocity magnitude lies between two values in the table,

is:
VREF(i) < V< VREF(i+1).

Save the value i and form the linear interpolation factor

i V-VREF(i)
GRAD = REF( +1) - VREF()

Then form interpolated values. For example

That

RDOTREF(V) = RDOTREF(i) + GRAD[RDOTRE F(i+l) - RDOTREF(i)]

Fig. 5.7 -14b Final Phase Interpolation Procedure
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Cs MAX - D POS ?
ves N

| GO 10310 ' 1S GMAX-D POS?

NO ves

L/D = LAD
GO 10 310

2
X+ SORT [2HS(GMAX-D)(LEQ/GMAX+LAD}(2HS GMAX/VI'

1S RDOT+X POS ?

GO 7C 310 I

Fig. 5.7-15 G-Limiter
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L/DV = L/D

1S GONEPAST ZERO?
ves NO

I Y = KLAT VSQ + LATBIAS I

1S ABS{L/D) -L/DCMINR NEG 7)

(15 K2ROLL LATANG POS>

NO¢ ves
[L7o1= Locming SGN(L/DLI

Cs K2ROLL LATANG - Y POS ?
YES NO

‘ K2ROLL= -K2ROLL I

'S ABS(L/DI/LAD) -1 POS? J

nO usl

r( L/DI/LAD) * SGN (/D)

[

r ROLLC = K2ROLL COS™' (L/DIAAD)

|0UT TO AUTOPILOT WITH ROLL COMMANDI

Fig. 5.7-16 Lateral Logic
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