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COASTING FLIGHT NAVIGATION 

“The puryose of Coasting Flight Navigation isto estimate spacecraft position and veloclty. The estimates are computed 
Using orbital mecsanies and navigation sightings to improve the accuracy ofthe orbital mechanics, The navigation. 
Sightings are incorporated into the position and velocity estimates using modified Kalman filter 
Optimal estimator that is characterized by the following computational procedure. 

1, Pxtrapolate the state vretor shesd to time ty. using the best estimate of the state at time ty—1- 
ue 

  

al Sgar 
4, Pxtropolate the error covariance matrix in 9 similar manner, 

TEST fegorl Eq lepal™ * py! (Ug-a * Process noise) 

  

3, Compute the optimal gain matrix. 

  IRA IRA ANGIT 1, Bf HT + Nr! (vq = measurement nose) 
4. Calculate a measurement vector for time ty. 

   (= (Hal 

Uplate the estimate ofthe state vector, using the extrapolated state Rp, the optimal gain (KR, the extra 
polated measurement Tf, and the aetal measurement at time ty 

    
  

  

  

&,- She o- fy 

  

6. Uplate the error covariance matrix in @ similar manner, 

  

(Fg = ESL ~ ING IM FE) 

  

‘This procedure is illustrated by the following block diagram. 

  

        

    

C.J [ena]   

                

Basie Recursive Procedure of Kalman Filtering 
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MODIFICATIONS TO THE BASIC KALMAN FILTER 

‘The basic Kalman filter outlined on the previous page was modified for use in Coasting Flight Navigation 
in the following aspects. 

1. Instead of extrapolating the error covariance matrix, (E), the square root of the error covariance 
matrix is extrapolated. This insures that the covariance matrix will always be positive semi 
definite and avoids the usual difficulties that occur when computation techniques yield a negative 
error covariance matrix. The square root of the error covariance matrix is called the error 
transition matrix [W]. 

2, The state vector and error transition matrix are extrapolated by integrating their respective 
second order differential equations via the coasting Integration routine. This is done in liew 
of the state transition approach and eliminates the necessity of computing a new time varying 
transition matrix for each measurement interval. 

3. The update of the state vector after each measurement must first be displayed end approved 
by the astronaut before it is incorporated into the state vector. This eliminates the possibility 
of an erroneous update due to an improper mark. 

4. Only one measurement is incorporated at a time. This reduces the dimension of the filter 
equations and changes the matrix inversion in the optimal gain equation to a scalar division. 

STATE VECTOR DEFINITION 

‘The state vector for coasting flight navigation is defined as the deviation of the spacecraft position and 
velocity from a reference conic. 

ee 

BF Yas, 
| einas 

os 
Deviations from the reference conic are assumed to be Gaussian distributed with a known mean and var- 
iance. The mean is estimated via the precision integration routines or obtained from MSFN. The var- 
iance is given by the error covariance matrix, which is precomputed and entered via erasable data load. 

CORRELATION BETWEEN BASIC KALMAN FILTER TERMINOLOGY AND COASTING FLIGHT 
‘TERMINOLOGY 

‘The following table lists the correlation between basic Kalman filter terminology a8 used on the previous 
age and Coasting Flight Navigation terminology to be used on the following pages. 
  

  

    

CELESTIAL NAVIGATION KALMAN FILTER 
‘TERMINOLOGY ‘TERMINOLOGY CORRELA TION 

T geometry vector of fH} = measurement >m 
dimension "D" matrix 

weighting vector of [k$] = optimal gain DIK 
dimension "D" matrix 

[W} = error transition matrix | [E] = error covariance | [&] S>pwwT} 
of dimension "Dx D" matrix 

    
= state vector X= state veotor 2% 

= a priori measurement [V] = covariance of the Sn 
error variance (scalar) measurement noise 

5Q = measurement deviation emeurment | ®%5¢7,-95 

  

(scalar) patel          
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EGRATION ROUTINE 

  

‘The Coasting Integration routine is a standardized subroutine used to integrate spacecraft state vectors to specific times. It 1s used during each of the three navigation programs (P20-Orbiual Navigation, P22-Rendez~ 
vous Navigation, and P23 Cislunar Midcourse Navigation) to extrapolate the state vector sind error transition 
‘matrix ahead to the measurement time by direct numerical Integration of thelr differential equations, 

STATE VECTOR EQUATIONS 
The basic equation describing spaceeratt motion is 

  

o ifs] [fo - f © -ps off y 
Tel edlag 

2 © spacecraft position veetor 
Y= spacecraft velocity vector 

disturbance acceleration vector 

  

b= primary planet gravitation constant 
When the disturbance, ag, is small, then Eneke's method of differential necclerations ean be used to solve Equation 1, Encke's method divides spacecraft motion inta two parts: (1) eonie oF oseulating orbital moe tion which would result faq = 0 and (2) deviation from eanie motion as a result uf ag 2 t, 

  

   

  

E* Lean + SF e 
£* Leonie * dy ® where 
Es Y= spaeceraft position and velocity 
Eeonie: Yeonie * ONC position and velocity 
r, Sy © deviations from conic position and velocity 

Substitution of Equations 2 and 3 into the basic equation of motion, Equation 1, sields differential eq tons for the conic position and velocity and the deviation from eonle position and velocity. 
Conte Motion Equation 

é o fe Leonie] * conic 

  

‘conic| conic @ 
  

  

Subject to 
initial conditions 

[ Eeonie Sgonte ~ Feonid Ml ] 
‘The cone motion equation is solved explicitly using Kepler's subroutine, The deviation equation is solved by dy direct numerical integration and is called the "state equation", it can be written in the oven 

        

  

  

  

    

© 
ERROR TRANSITION MATRIX EQUATIONS 
‘The accuracy of the state vector estimation process is characterized hy the error covariance mates which expresses the mean squared error ofeach state Vector element in malik fone 

state vector estimation error 
e-k-x 

o where 
€ © estimation error 
3 = estimated state vector 

setial state vector 
error covariance matrix 

(E1=<geT> ° where 
[F]= error covariance matrix 

>> denotes “expected ystlue"™ 
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If the state vector is described by Equation 6, then the error covarianee matrix is described by 

    

  

      

E = Fe + EFT (neglecting process noise) @ 

snd the crvor transition matris Is deseribed br 

Wwe rw (0) 

ww") = pe 

Fqustion 10 is the differential equation describing the error transition matrix and is solved by direct 

sumaary 
STATE TRANSITION NUMERCIAL INTEGRATION 

TIME, DOMAIN EQUATIONS. EXTRAPOLATION EXTRAPOLATION 
ta x Raye (ea ¢ x Rts & 

Be res er? BE 

  

tne eon wee way it Ewa       
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MEASUREMENT INCORPORATION ROUTINE 

‘The Measurement Incorporation routine, like the Coasting Integration routine, 18 used by all three navigation yoy 
Its purpose is to compute « state vector upilate based on the information obtained from the navigation sighting. he 
procedure for updating the =tate vector can he divided into three parts. 

Compute a geometry vector, by baste! on the state veetor and type of navigation sighting that 4s being 
made. 

2. Compute a state vector update, 
3. Update the state vector and error transition matris: if the astronaut approves of the incorporation, 

GEOMETRY VECTOR 

  

The goometty vector relaie the measurement, ©, tothe stile veetor, 2 aceording to Hauation 11 

  

  

  

uy ay 

sere 
4g = the expectes! measurement (a seatar 

3 = state vector estrapolate! to the measurement time via the Coasting Integration routine.   

  The state vector for coststing Mpt navigation is 4 deviation from 9 reference (osculating) orbit and the measurement 
varlable ean also be thought of as «| deviation from a reference or nominal. ‘Thus the measurement vector can be 
determined by king the derivative of the measurement with respect to the state vector, This can be illustrated for 
the case of cislunar mideourse navigation, sshere the navigation sighting Is the angle between a known near planetary 
landmark and a star as shown below 

a Ser 

    

a sun 

1 spoos AS ad ey 
Taking partials 

  soxees fay 

  

Leos An, 

  

therefore 

and 
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“The geometry vector can also be determined by geometrical relationship between the state vector and the type of 
‘measurement. Since by is different for each navigation program, its derivations are presented on the following pages 
which describe the individual navigation programs. 

COMPUTE THE STATE VECTOR UPDATE 
‘The computation of the state vector update encompasses Steps 3, 4, and 5 of the basic Kalman filtering procedure. 

1, Compute the optimal gain matrix 

ke) = petal) paetat + vy a2 

fr, in the terminology of coasting flight navigation, 

  

ee cw Tp) [oT wiw/Tb sat 
we   

(aa) (13) 
where 

2 = optimal gain vector 
terror transition matrix extrapolated forward by the Coasting Integration routine 
WT b (a vector used to simplify computations) 
ay 

  

=bT wa Th (analogous to HE’ HT) 

  

= measurement noise covariance (an erasable data load or fixed memory constant which depends 
fon which navigation program is in use) 

  

) is a scalar and eliminates the necessity of matrix inversion 
2. Compute the expected measurement based on the extrapolated state vectors 

or xy aay 

‘expected measurement from current navigation sighting 

  

geometry vector 
extrapolated state vector 

3. Compute the state vector update 
bx = woQ = 

  

as, 

x = state vector update 
eptimal weighing vector 

@ = mesnurementretdust 
Yq = Information from current navigation sighing 
G+ expected meanurement 

UPDATE THE STATE VECTOR AND ERROR TRANSITION MATRIX 

Before the state vector update, 5x, is incorporated into the state veetor, it is displayed to the astronaut for his ap~ 
proval. This is to prevent erroneous tracking data, such as Improperly identified stars or landmarks,from being used 
to update the state, When astronaut approval has been issued, the state vector and error transition matrée are updated 
as follows: 

UPDATE THE STATE VECTOR 

= ah + ox a9) 
where 

best estimate of state at time ty 
= state vector extrapolated ahead from time ty t0 ty 
= state veetor update 

  

UPDATE THE ERROR TRANSITION MATRES 

“The equation governing updating of the error covariance matrix is given in Step 6 of the basic Kalman filtering procedure. 

PE} = PEn ERT ERATE E RD an
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This can be rewritten in terms of coasting flight navigation terminology 

(ww?) = pwiwTy abl pwew'T) (18) 
Equation 18 egn be separated to obtain an equation for updating only the error transition matrix (W ] instead of the 
product (WW? |. 

i) = fw} —> 
1+ = 

+ (as) 

  

where 

(W) = updated error transition matrix 
[.W’] = extrapolated error transition matrix 
& = optimal gain vector 

= owt 
foo ote 
a ‘measurement noise covariance 

SUMMARY 

‘The total spacecraft position and velocity is kept current through extrapolation, updating, and reotification. Rectiffea- 
tion is a process used to redefine the reference trajectory by adding the deviations, Sx and Sv , to the osculating 
elements, © conte aM ¥ conie + thereby redefining the ogculating orbit and reducing the deviation state vector ta zero, 

conte = conic oe 
[¥ conte Y conte oe (20) 

or 9] 

oy 2 ey 

‘This process is used to preserve the efficiency of Encke's method and is illustrated below.     
|< Rectity 

cy a t ty 
Rectification Measurement time Measurement time Rectification 

sco 

ms 1 COASTING FLIGHT NAV   :ATION PROGRAMS 

  

Each ofthe navigation programs is initialized prior to use by specifving the measurement variance, 37, and the initial 
terror transition matrix, {W].. The messurement variance gives a confidence Level for the navigation instraments by 
Specifying the variance ofall the error sources associated withthe instrument. The W matrix gives a confidence level 
for the intial estimate of the state vector by specifying the mean aquared error in the position snd velosity estimates. 

[W]isintiatined as a diagonal matrix which says tat Initially the position and velocity errors are independent. 

    

  

MEASUREMENT VAMIANCE | 
  

CCISLUNAR MIDCOURSE NAVIGATION ROUTINE 
  

‘at = Verpran* Vari/rex! 
  omit = (0.05 mnt + 

  

ch. 

  

ORBITAL NAVIGATION ROUTINE 

  

  

Verse + Vern 
= Cima? + 0.0m)? 

  

  

RENDEZVOUS NAVIGATION PROGRAM (LEM) 
  

[RANGE MEASUREMENT. FOR RENDEZVOUS 

  

fax} Varg, 

  

RANGE RATE MEASUREMENT 

  

ax] # Vary. Van mig 

  

SHAPT ANGLE MEASUREMENT    = Vang + Vanaqy = Yar + 0.0 me? 

‘TRUNNION ANGLE MEASUREMENT 
m= 

  

var} + Vangqy = Vary + 0 m0 

  

  

[RENDEZVOUS NAVIGATION PROGRAM (CSM) P 
  

OPTICAL TRACKING 

  

Naren or + Vanyqy + ESE fersxt + Venu * So   
  

verter ‘ = (0.2mn + ao mey?+ st (Oban aon Te 
VHF RANGING 

  

rai {vat “he 

ALTERNATE Los 
a Vargas + Very 

= Vargpy #0 may       
  

‘+ These values are stored in erasable memory.
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ERASABLE DATA LOAD PARAMETERS 
  

  

  

  

  

  

  

  

    

FAN | wenoxte | YALE PANT | aiwenomie | YAECE 
Varp (LM) RANGEVAR | 1.1111 « 10 Wye (CSM) | WMIDPOS 30,000 ft 

Varg min (EM) | RVARMIN | 66m? Wye (say | WMIDVEL 30 ft/s 

Vary (LAD) RaTEVAR | 1.8777 « 10 w,,¢csM) | WoRBPOs 0.0 

Vary min (EM) | VWARMIN, | 0.017445 m?/s w,, (cs) | worpver | 0.0 

Vary (LM) snarrvar | (1 mrad? Ww, (cs se2wstBL | 10,000 m 

Var g (LM) rRUNVAR | (1 mrad)? Wer (LM) WRENDPOS | 10,000 ft 

Var pyr (CSM) INTVAR atm? Wyy (EMD) WRENDV! to fi/s 

Var p (CSM) RVAR v0 Wy (LM) WSHAFT 15 mrad 

Var pe min (8) | RVARMIN | (200 10 Wy (LM) WIRUN 15 mrad 

Var arr (CSM) | ALTVAR (9 mead) w,, EM) wsurrpos | 0.0 

Wy (LM) wserFveL | 0.0 

Wy, (sm) | wreNDPos | 10, 000 tt 

wy ces | wrexpven | 10 1/s                 
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AR MIDCOURSE NAVIGATION PROGRAM, 
(P20) 

During cislonar mideourse navigation the angle between the Lines of sight toa known star and a planetary landmark is measured. 
‘This angle measurement ig then used to update the state vector via the measurement incorporation routine. The geometry 
relating the angular measurement to the deviation state vector Is given below. 

e STAR/LANDMARK GEOMETRY 

actual angle measured by optics 
angle corresponding, to conte position 
‘measurement variable 
(@ Kalman flter variable) 

  

Conte 
Position 

Spacecraft 
Position 

“The relationship hetween the state vector and measurement variable ean be 
determined by redrawing part of the preceding figure, 

    
        

     

  

Landmare 

FIGURE 
A 

sie ‘The unit vector, up, can be determined from Figure A 
Position = unit vector along star ug = wa tong 

Fine-of-sight 

unit veetor slong tandmare 
[as trom the spnecersft By    

‘where up isa unit vector prependicular 19 Fy, 

Unit (us ~ 8s) 
Component sf ug alan Bey, My” Ser) Bow 

Yea) en 
  

nit    

  

rt = som
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ORBITAL NAVIGATION - LANDMARK TRACKING 

(2) 
During orbital navigation, the inertial line of sight from the spacecraft to a planetary landmark is measured by recording the optics shaft and trunsion angles, the IMU gimbal angles, and the tle of the mark.” Up to five marks are made on each landmark before the Measurement Incorporation routine is call to update the sate vector, 

  

{Classical celestial mochanies says that If the angles between planetary landmark and two different stars are measured then the ne of sight from the spacecraft tothe landmark can be determined, or that oro str/landmark measurements are equlvalent to one line-of-sight measurement. Orbital navigation uses this equivalency to incorporate the line-of-sight measurement ty treating {tas two star/landmark measurements, The two fletiious stat/landmark measurements are then ineorporated in the cone wee 48 real star/landmark measurements in P23, 
  

‘The dimension of the state vector for orbital navigation (s expanded from six to nine to include the landmark position vector, Ifthe ‘concept of "deviation state vector" carried over to include the landmark, then 
foe 

  

= orbital navigation state vector 
= oviation of spaccerat postion from the reference conic 
‘deviation of spacceratt velocity from the reference conic 

Ey, * deviation of landmark position from the nominal 
‘The geometry vestor, b, cam be determined using a procedure similar to that used for P25. 

       
   

ctondmark 
the star LOS's ate chosen perpendicular to roy, 

sy = Uall (us *Eep) 
ssa ~ Uall (gy «2 \ sont tains sy * Um as, “Eo 

Position       

    

   

  

   

  

   

where: 
a5 = Unt (op, « B59) 
yg = measured 108 
Zor, = expected Los    Landmark oe 

Nominal Londmar 
‘conte Position 

‘The expected line of sight ie roy, 4S, 
‘The angle between the star LOS 
and landmark LOS is 

Ae Ayton 
where 

A = Star/landmark LOS angle 
‘Ag * Part of angle due to conte 

(or nominal positions 
5A= Part of angle dve to devie 

ations from cone or 
ominal positions 

    

   

  
  ee 
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  RENDEZVOUS NAVIGATION PROGRAM 
(P20) 

The Memfescous Navigation program, P20, 1 wed diving the Fendesvous phase of High. Hoth he CSM aod LM computers have Progam Pao so atthe CSM con do rervour movigton by tasking the UA, othe UAL can nage by tracking the C8M. The 

‘The state vectors for rendeswous mavigation are 

  

Sesu sun "| op 

where 
iz = deviation from conte position 
Gx = deviation from conse velocity 
6B = RR shalt angle bias 
89 = RR trunnion angle bias 

‘The Measurement Incorporation routine ff used to incexporate the rendezvous measurements, and the geometry ceetors are deter= 

4 Linc-of Sight Measurements Made withthe ST oF COAS. The Hin-of-sight measurements are incorporated into the 
state vwetor by adopting to fictitious star/lardmark sightings just aa with the LOS measurements made during orbital 
navigation. 

  

VHF Range Measurements Made by the CSM. ‘The geometry vector for VHF ranging Is derived Inthe same manner as 
the RA_range measurement vector, The only difference is the dimension of the CSM which is only 6 sersus 9 for the Lat,   

ie , 
wv velating the RR measurements to the state vector 18 describe! on the lellow ing pages. 

  

RENDEZVOUS RANGE (,) MEASUREMENT 

       
   

    

a ‘Conte % 

  where £, Component of range die b+ 

fr, © Katinan filter measuremes 
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RENDEZVOUS RANGE RATE (¥,) MEASUREMENT 

Nendervous range rate measurement has a term de to deviation from eonie velocity GY) 
ae 

LM/CSM Relative Ym Ae Se 
Velocity 

         

   

     

tic GH, 

  

oy vay, 

where V,~ component of range rate die to Vectors known with zero uncertainty 
sie’ Be 

  

Conte 
OV, Kalman filter measurement variable 

‘The rendezvous range rate term due to position deviation is: 

lo 

‘conic 
BV, - Mec x Ye X aye tan 0 

      

an 0 Unit ye Ye # By! 
[Excl 

Me te 
cl 

Me exe] [2 tre “ic 1 

  

      

  

RENDEZVOUS RADAR SHAFT ANGLE @,) MEASUREMENTS 

ne Sent 

Slthasevectae om thes planer 

  

   
tags 2 reo 93, 

{Gn bch ona slement of the sate vector 
Anas m9, + +6 

   

SL rem wx 

  

RENDEZVOUS RADAR TRUSNON ANGLE (@) MEASUREMENTS 
“The rendezvous radar trannion ange define nthe & c.g plan aca be lured Ye projet the spacer 

postion vectors ste ths plane, Like the stat ange 48 dara co to compoets, minal me dete spaceerat 
foaitions tnd desaion tom Go) whichis an elomant ofthe state sector 

  

as vege oonory 
          HSH)! yg! 

  

em 1G, 8,04    
   

eynaye
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CSM DIGITAL AUTOPILOT 

‘The CSM digital autoptiot (DAP) provides a primary stabilization and control function and attitude error 
display for CSM or CSM/LM coasting flight, CSM or CSM/LM powered flight and CM entry, as well as a 
backup SATURN takeover function, 
COASTING FLIGHT 
‘The CSM coasting flight autopilot or reaction control system autopilot (RCS DAP) provides attitude and 
translation control in three CSM-axes during nonthrusting phases of flight. The RCS DAP has three major 
modes of operation, Auto, Hold and Free, as commanded by the $/C CONTROL switch, 

  

‘The Hold mode maintains or holds the spacecraft (S/C) at a desired attitude within the limits of an atti- 
tude deadband specified by the crew. Rotational hand controller (RHC) commands will be processed as 
the discrete commanded rate specified In the DAP variable load; a new desired attitude will be established 
‘and maintained upon release of the RUC, 
‘The Auto mode enables rate and attitude commands from the steering routines to be processed by the DAP 
for maneuvering the 8/C to a desired attitude at a specified rate. With the absence of maneuver com- 
mands, the Auto mode functions as an attitude hold mode. RHC commands are processed in the Auto 
mode as a discrete commanded rate and automatic maneuvering is terminated until resumed by crew 
action via the DSKY. 

  

  

‘The Free mode of operation releases the $/C from all maneuvers and attitude hold commands, other 
than minimum impulse commands, and allows the $/C to drift freely, Minimum impulse commands are 
‘single 14-millisecond control jet firings which are commanded by the RHC or, if there are no RHC com- 
‘mands, by the minimum-Impulse controller (MIC). 
‘Translation hand controller (THC) commands are processed in any mode and are combined with rote~ 
tion commands for the desired maneuver. When a combination rotation and translation is not possible, 
due to a quad failure, the rotation command has priority. 
ERROR DISPLAY 
‘The DAP also provides attitude error display to the crew via the FDAI attitude error'meters, ‘There are 
three types of attitude error displays available, 

'® To provide a monitor of autopilot performance, the autopilot following errors or phage plane 
errors in control axis coordinates ean be displayed by keying a V61E. 

© To aid the crew in executing a manual maneuver, the total attitude error with respect to the de~ 
sired maneuver angles in N22 can be displayed by keying V62E. 

© Total Astronaut attitude error with respect to preloaded N17 angles can be displayed by keying 
\V63E providing another manual maneuver ald. N17 can be loaded with a snapshot of the present 
DU angles by keying V60E. 

POWERED FLIGHT 
‘The powered flight autopllot stabilizes and controls the attitude of the epaceeraft and maintains thrust 
vector control (TVC) during service propulsion system (SPS) thrusting. Pitch and Yaw axis control is 
achieved by TVC DAP generated commands to the SPS engine gimbal servos to maintain the thrust vector 
through the center of gravity of the vehicle. ‘The TVC DAP also accepts angular rate commands from the 
steering program to position the thrust vector along a desired thrust direction. 

  

Roll axis attitude and rate control during powered flight is accomplished by the TVC Roll DAP. Ite fune- 
tion is strictly to provide attitude hold sbout the roll axis of the spaceeraft by means of RCS thrusters. 
ENTRY 
‘The entry autopilot provides attitude control of the command module (CM) from separation from the 
service module (SM) to deployment of the drogue chutes. ‘The DAP has an extra-atmospheric phase and 
an atmospheric phase, The extra-atmospheric phase provides three-axis spacecraft control for the 
trajectory segment prior to 0.05 g and accepts attitude commands from entry guidance to orient the S/C 
for the onset of 0.05 g. The atmospheric phase provides attitude control, after 0.05 g about entry roll or 
about the vector direction of $/C velocity relative to the air mass, to steer the $/C along the entry trajec- 
tory. The DAP accepts steering commands from the entry guidance programs. 
SATURN TAKEOVER 
In the event of a Saturn instrumentation unit (IU) fail, a eapability is provided for the CMC to issue angu- 
lar rate steering commands to the IU autopilot, CMC takeover of Saturn control, which is accomplished 
by means of the LV GUIDANCE switch, may be an automatic or manual steering mode, 
‘The manual or stick mode is available by keying V46E, which terminates computation of automatic mode 
attitude errors. Discrete rate commands, based on erasable parameters, are initiated by means of the 
RHC and transmitted to the TU autopilot. 
DAP DATA 

  

‘The DAP registers containing the variable parameters which determine DAP selection and desired DAP 
performance are accessible by keying V48E, 

  

Register 1: 
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DAP CONTROL, 

  

  

BE 
Flashing Vos N46 

  

CONFIG ~ Vehicle Configuration 
  

= No DAP is requested 
i=:    1 alone 
2= CSM and LM. 
3= SIVB, CSM and LM (SIVB control) 
= CSM and LM (ascent stage only) 

  

  

XTAC - X-Transtations t'sing Quads AC 
0 = Do not use AC 
1= Use AC 

XTBD - X-Translations U'sing Quads BD 
0 = Do not use BD 
1= Use BD 

  

DB - Angular Deadband for Attitude Hold and Automatic Maneuvers, 
0 = 10,5 degree 
1= $5.0 degrees 

  

RATE - Rotational Itate for RHC in HOLD or AUTO Mode and for Automatic 
Maneuvers. 

0 = 0.05 deg/s 
10.2 deg/s 
2=0.5 deg/s 
3= 2.0 deg/s 

Register 2: | AC Roll 

AC Roll ~ Roll-Jet selection 
0 = Use BD roll Quads 
1 = Use AC roll Quads 

    

A,B, C, D - Quad fails 
0 = Quad has failed 
1 = Quad operational 

Flashing V06 N47 

Register 
Register 2: LM weight in pounds 

  

CSM weight in pounds 

Flashing Vo6 N48 

Register 1; Piteh-trim gimbal offset, in 1/100 degree 
Register 2; Yaw-trim gimbal offset, in 1/100 degree 

AUTOMATIC MODE ATTITUDE HOLD MODE 
Automatic three-axis rotation, 1, Manual three-axis rotation and trans 

lotion. Manual three-axis rotation and trans~ 
lation 2, RHC produces a rotational rate as 

specified by N46 while out of detent. Attitude hold to program or manual 
defined attitude, 3. Attitude hold to attitude selected via 

hand controller. ‘Automatic rate damping. 
4, Automatic rate damping.



  

‘Transform 
Error 

to Control 
Axe   

  

    
Error is zero when| 
rate damping oF 
RHC not activated, 

  

  

Error Is 
zero when, 
RHC acti- 
vated oF 

Inte 
  

sgrator 
  CMC Free 

Mode. 

  
td

 

  

  

  

    

  

  
   

      
        

  
  

    

  

    

Controller Inputs 

      
  

  

[N46 specifies manual rate— 
Minimum Impulse if Free 
Mode from RHC or MIC, 
    
        ‘Automatic Attitude 

Position Control 
    

  

    4 
1N46 specifies auto maneuver 

04 Auto rate, Hand controller 
terminates maneuver.     
    

    

Le. AGC Position 
Commands 

‘Tranalation Hand 
op Control Commands 

¥ 
Jet On- 3 8/¢ Controt 

2 mes ‘sos Sp Select SS w} rcs [> spaceeratt 
Logie cmc | Thrusters 

Phase Plane 
Angular Acceleration 
of RCS Jets 

Estimated 
Angular Rate Spacecraft 

Rate Filter Di te Rotations 
and 
‘Tranalations 

Rotational Hand 

  

  

    

  

    
    

  

  

DskY 

  

Program ae| 
  

  

Noun 17         
veo 

Snapshot Present 
DU gaetes 

  

  

CSM DIGITAL AUTOPILOT 
EDAL ATTITUDE ERROR DISPLAY   

  

  Following 
Error. Op 

    

vou   

  
Compute Total 
Attitude Error vo2 or 

vex 
  

  —o o 

    

  

FDAL 

| gO ‘ody Coordinates 

ww 

commmcd gwar sty 
‘tae Position Control or RHC) 2" gees 

IMU Error 
Counter Enable 

  

Error Display IMU Error 
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‘POWERED FLIGHT THRUST VECTOR CONTROL 
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LALDAP CONTROL. 
Flashing Vo4 Na6 

Register 1; 

  

CONFIG ~ Vehicle Configuration   

  

1= Ascent stage only 
2 Ascent and descent atages 
3= LM and CSM docked 

AGC ~ Acceleration Code 

  

0 = Tworjet translation (RCS System A) 
1 = Two-jet translation (RCS System B) 
2 = Four-jet translation (RCS System A - minimum impulse) 3 = Four-jet translation (RCS System B - minimum impulse) 

ACA ~ ACA Sealing 
o 

  

Docked (4 deg/s, max, rate) 
= Normal (20 deg/s, max. rate) 

  

DB - Deadband 
0 = 0.3 degree 
1 = 1.0 degree 
2=5.0 degrees 

  

RATE ~ Maneuver Rate (Automatic Mode) 
0 = 0.2 deg/s 
16 0.5 deg/s 
2=2,0 deg/s 
2 10,0 deg/s 

  

Flashing Vo6 N47 

Register 1: LM weight in pounds 
Register 2: CSM weight in pounds 

Flashing Vos N48 

Register 

  

Pitch-trim engine gimbal angle, in 0.01 degree 
Register 2: Roll-trim engine gimbal angle, in 0.01 degree 

AUTOMATIC MODE ATTITUDE HOLD MODE 

    

Automatic three-axis rotation and 1, Manuel three-axis translation, 
franslation, 2, Manual three-axis rate command using 2, Manual three-axis translation, vir 

3, Manual X-axis rate command ‘Manual minimum impulse command 
(inhibited in LPD phase) using V76, 

4, Attitude hold to program defined 4, Attitude hold to attitude selected via 
attitude ‘hand controller 

5, Automatic rate damping 5, Automatic rate damping 
VIT~ Used to provide » manual rate command, 

Commanded rotational rate is proportional 
to hand controller (ACA) deflection, Maxti~ 
‘mum commanded rotational rate is either 
4 deg/s or 20 deg/s as chosen in DAP Data 
Load routine, 

VI6~ Used to provide @ minimum Impulse commend, 
Releases Attitude Hold mode and allows vehicle 
to drift freely. One Impulse is produced for 
each hand controller (ACA) deflection greater 
than 2,5 degrees. 
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RCS PHASE-PLANE 
CONTROLLER 

Res 
THRUSTER 
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‘To bringe and & to zero in 
sminimam me, 
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PHASE-PLANE FUNDAMENTALS 

‘The equations describing spaceerat attitude errors and attitude rate errors inthe phase plane are devived as follows 
ATTITUDE RATE ERRORS ATTITUDE ERRORS 

  

  

8 = 4M - pe a) | et) = 0 - ope eo 

where wher 
(9 = Attitude rate error (= Attitude error 
pW = Desired attitude rate opt) = Desired spacecraft attitude 

Dl) * pad te) 
esired attitude should be integral of desired 
rate for proper phase-plane control) 

= dy (tg) (desired rate is constant over 
‘sample interval) 

  

45 ( = Actual spacecraft rate 
= 8) tak) 

(2 control + disturbance acceleration 
land is sesumed constant over sample 

19» Atal spcterah stad 
wong beget) ba tty? 

  

  

  

  

  

intervad) 7 . ©) 594) = 9D td + (Qo) ~ Sp Gad] - to) +50 86)” ts) = dot f AL) e See a “ 

Equations Zand 4 shove can be combined to eliminate (tg) and solve lor the phase plane equation of e()- 
© =e, + (60)? = 821/20 for constant torque) © 

E(u = &g = constant {for zero torque} 6 
Equation 6 deseribes a parabola that goes ina clockwise phase plane direction for negntive applied torque and in a ‘counterclockwise direction for positive torque, Equation 6 desevibes a straight line going tothe right for positive initial 
rates and to the left for negative initial rates, Equations 5 and 6 together describe 1 typical limit eyele trajectory that 
travels ina clockwise direction about the origin ofthe error plane as shown below. 

8 

   

  

   
Coast With Positive Rate 

Apply Negative Conteol Torque 

© (attitude error) 
Apply Positive 
Control Torque 

‘coast with Negative Rate 

OPTIMAL PHASE PLANE CONTROLLERS: (doubte integral plant with maximum control acceleration = 8) ‘TIME-OPTIMAL CONTROLLER FUEL-OPTIMAL CONTROL: 

  

COMBINATION CONTROLLER 
é 

  

    

   

  

   

      

    

  

       
   

  

  

Negative Negative “ cexative ‘Torque Torque ‘Torque Region Region © Region ap       
swteany swtching 
Curve e= ou sea? 

PURPOSE: ‘PURPOSE: PURPOSE: may 
‘o bring e and 2 to zero with mini- | To achieve a satisfactory mis of time and fuel ima fconuation (ema te | optimal contol al ihe tance minis he minting smal oF entmare nme of RCS jet firings hy establishing coat 
fuel, This drastically increases deadbands, * “ * " response time.) 
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LM_UNDOCKED PHASE-PLANE 

‘The purpose of the LM Undocked Phase-Plane logic Is to compute and issue commands to the RCS thrusters in 
order to null spacecraft attitude and attitude rate errors, The thruster commands are in the form of a signed 
time, where the sign indicates the sense of rotation (positive or negative) and the lime is the daration of thrusting 
‘required to reach the phase-plane switching houndary. In order to achieve these ends, the phase-plane is divided 
Into two principal regions, ROUGHLAW and FINELAW. 

ROUGHLAW 
‘The ROUGHLAW phase-plane logie is used for coarse contrel of 
the spacecraft when the phase-plane errors are greater than 
11,25 degrees and/or 5.625 degrees/second. The division be~ 
tween the positive and negative thrusting regions are shown in 
the dlagram on the right. 

  

      

  

ROUGHLAW  PRASE-PLANE 
Fi 

  

SELAW 
‘The FINELAW phase-plane logic is used whenever the phase-plane errors are less than 11. 25 degrees and 
5,025 degrees /second. ‘The FINELAW phase-planc Is configured differently for powered and coasting flight 
16 compensate for offset accelerations caused ty the DPS oF APS engine not thrusting through the LM center of 
gravity. 

© DRIFTING FLIGHT 
‘The drifting Might phase-plane is set up to achieve & mini= 
‘mum impulse limit eyele. When the phase-plane errors are 
{in the minimum impulse zone, a Li-millisecond jet firing 

  ‘will he commanded, This should be sufficient to reverse the 
‘sign on & and eause the spacueralt to drift hack to the other 
deadband, 

  

  

© POWERED FLIGHT 
\When the DPS trim gimbal system is operating during es OEE 
powered flight, the offset accelerations (ACS) will be nalled 
fand the phase-plane looks like the drifting fight phase-plane 
Except that the minimum impulse zones ave eliminated. 
When the gimbal trim system (GTS) i8 not in operation 
lr when AOS is too large to be aulled within 2 seconds, 
the phase-plane logie is set up according to the magnitude 

  of AOS a8 shown below. The switching curves are then 
{siablished based on AOS (disturbing acceleration) 
Aytin (Ie 4 degrees /secone), ANE weg (aeeeleration due 
ta negative Jets * AOS) oF Ap. pog (acceleration die to 
positive jets * AOS) and the established deadband (DB) 
‘The DB Is selected as 0,3, 1, or 5 degrees dependent 
ton the mission programs and the LA astronaut,   
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1AV/CSM DOCKED PHASE-PLA   
“he parpice ofthe LA/CS Docked astpiat sto provide Mackup atta control of the docked contipration 
uring deting ight a docked DPS burn, Since this ie 4 Backup sutoplt, simply is atressed rater than 
Deeformance. Simpilety is achieved as lions, 

+The same RCS phaxe-plane is used fr all three cote at, 
© Only eosje thrusting i allobed for exch ans, 
4+ Jets ane tard ono off contol aamspleIntertale rather than computing the thrusting ine required 

4 Enahla low rte attitude manowors oF atte hold during drifting Plight. 
+ Enable RCS atid contro in enjuntion with the GTS (Gita Tsim System) daring docked DPS barns 
+ Redice the prot of bending mde excitation in encets of docking-tumal loa enters 
+ Pertorm the sove tshs ensuing that the number of et ings and RCS fel usage are noncitica. 

  

Ih otder ty achieve the above design sbjectivs the L3/CS3t Docked shase-plve employs rate-limiting, target ‘tes, and jt inition ite In sition to the oral skazelane pte,   

    

    
Rate iting i incorporated to prevent the RCS Jets from musing atte rate errors exceeding 1.125 dgrees/see- 
nd, “This number vas chocen tallow the heaviest eon tier 8259    

  

‘Target rates of 10,1 dagre/second for indo, 1 dgvee/ocond for negative threting sr 
‘ted dog powered fight (Target rate = 0 for difing 
Fgh Ths allows a steady state limit esce to be reached 

  

ahaa cose 

ln minimm time by bypassing the phase-pane lose when 
the ete are om and thrusting tow aed the target eae — 

  

Ser INIT LoGte 
Jet inhibition tgle operates to rotuce beng made excl= 
{stim by prevening jt commande from reversing Sgn 2 rapid rate, That Io, ifthe Je are fring neptive sedthe 
phate plane loge eas for postive Jets, then the Jot inbl- ion lage turn the ee off for pened oft secood @4 7 SR . 
‘second forthe pitch sxis) before they ean be tured on agai, ae | San 

¢ 

a    
OST   

& Ueyes/ste) 
    

      

        

2 NEGATIVE 
“TORQUE 
REGION 

  

      
           

posinve x 

Lm/cSM DOCKED * pee wars fae 
PHASE-PLANE   
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‘The Descent Propulsion System: (DPS) engite is mounted on ginal so that (ean rotate abost the LM pitch and {oll ance theeby signing the thrust rostor wih he L3L senor of gravity. This fatare eam be wed fr atte 
Control ie the aitude error and error rates are smal 

“The Gimbal Trim Spstem (GTS) ie controlled bythe LOC which 
{sues only on or aff commands, "The GTS responds to these ‘commands by rotating the DPS engine aboat Ue hinge pin st 
constant ate,R, The resulting deflection ofthe DPS engine 
priduces an flack torque on the 13 hich ean be weeds he Enntol acceleration, "he relationship boteeen this angular 
scoelertion and DPS engine flection ven by Equation 

     

  

ceures 
eter 

  

7 © 
where 

1 ~ spacceeat angular acceleration setae \aveiier 
1 spueceraft moment of ners wage Bn # 

= FLesin 6 = FL femal angle approximation f= DPS engine thrust 
toim gia hinge in o cote of gravity distance 
ital defletion 

  

‘Gimbal 
Drive Trim Deftction contot 

Actuator lea Limiting Electveness     

  

    

(GTS FUNCTIONAL BLOCK DIAGRAM 
           

(GTS CONTROL LAW 
‘The GTS contel law hus tao modes of operation: Acceleration Nalling and Attitude Contra. 

“The Acceleration Walling mode = weed when the RCS pha 
1s aligned withthe LM center of getty 

  

line errors Lie outside the const zone and the RCS jas are 
1 computed to drive the trim gimbal so that the thrust vector   

were 

O.d> gain factor used to prevent overshoote fs the control law 

  

“The Atitude Control mode wos 2 "ume-optimal” contol law to control spaceeraf atitude, attitude rte, and 
angular acceleration. The fime-optimal control law was chosen fr two reasons 

1, Fuel cost ofthe control efor 1s egigibie because the DPS engin (son ab thrusting andthe electrical 
power required to dive the gimbal ts Yery smell 

2. Response time isn important consideration because ofthe fixed, slow (0.2 degree’ Second) gimbal drive 

  

“The Hone-optimal control law a 2 three-dimensionsl phase-plane type controller designed to drive attitude error (e) 
nd it first two derivatives (€ and &) to zero simultaneously. The contol lev defines a stoking ourlace ad Iesue= 
postive drive commands when the errors are on one ide of nd negative deve commants on the oer 

fe of the surtace. Contra lop sampling ates and GDA risetimo delays atte produce error limit eyes with 
igh smplitades and slow sttle-out time. "To compenete forthe, 2 control effectiveness gen of 0.9 te introduced 
thereby modifying the sntehing surface 
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ESTIMATOR     

‘The purpose of the State Fstimator is to eompute spacecraft atutude, attstade rate, and angular aeceteration based 
the attitude information obtained from the CDC, The nrablem then isto estimate the state veetor based 9n noley ms 

solution of the problem is patterned alter Kalman filtering and uses ‘urements of one element of the stste vector, Th 
1 recursive filter with gains based on engineerin    emnsiderations rather than statistical optin ization, 

STATE EQUATION (Continuous System) 

x -[Alaw +uluw +20 o 

dw ololfea} fo ofus ° UjEULg are assumed constant eal <loo.iloelileen olla xo le ver contol sample interval 
law] Locollaa) Lo 1 

te 

  

TG m) 

  

fe tb 
[btn tad) ated +f Lote.) [Ber] wen d+ -fise.ol mody (3 

ee or: he 

Aen [®nal Ama *1G aad Lins + ms 

STATE 

  

SITION MATRIX 
Vo tartar (tytat/a} | 7 TH] 

mi) = [Peta stm] =]O 1 tater [F]O 1 T 
® J g 1 oO 1 oo 4 

  

DRIVING MATRIX 

  

te 
ie tte? &MAlo 

Gals flee-oneoar - 9 1 Er" fon olay 
o 0 z ° a: 

; t te 
we) tee Tee Tae) He 

* bt ter [dy =] Tet Te 
oO 1 0 a 

bees 

MEASUREMENT EQUATIO: 

Gn = Olea) + eon (menue MeBsUFEMeR! noise, primal CDE quantizing error ) 

NOMENCLATURE 
MQ = state vector 
u(t) = control or driving vector 
a(t) = process noise vector 
91) > spacceraft attitude 
(+ spacocrattattinde rate 
a(t) ~ spacecraft angular acceleration 
uy = angular acceleration die to RCS jets 
lig = rate of change of angular acceleration due to GTS: 
AcG spacecraft disturbance due to CG movement, nozzle erosion, propellest 

Slosh. and 50 on 
Om measured spacecraft attitude 
tye faci” time of present and past state vector estimates. respectively 
r control sample interval 
ot = aration of RES jot firing 

Meal A) > see i 

ver jet firing time 

) 

@ 

& 

mM 
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STATE ESTIMATOR a 

  

ATION 
“The State Estimator is mechanized as a two-part process: Slate Vector Extrapolation and State Vector Updating. 

State Vector Extrapolation 
rhe wate veer Is extrapelated ung Equation 4 where the site transition matt {@, 1 ts defined In Baton 8 tn te Griving mut [Gq] ln Equation The procera mole lo amumed tobe (oti wi ton wens so ta the Beat estate ofa ites Sle wate rca In zor 

   On = Bur + TO, +e Oa, + Teel TH) Uy +H us a 
Qm = Dm * Tkan + Tet Up + Te Ug wy 

On = Bing + Tig @ 

  

“The state vector Is updated based on the weighting functions and the measurement residual 
ye 1 
8m = Oy + Ko ( Bm ~ Oy) (ry 
A , 
Qn 7 mn Ke (m= Bot) as 

Ba = OL + Kee (Ome) ww 

‘The measurement reslhal ls the difference between the tun! measurement, Oye and the expected measurement 
fj. The expected mensurement Ie oqal tothe extrapolated estimate of spaceer Nt stide, Decne the meneurement 
slac, ncpue Is aumed tobe random with zero mean an the bet estimate ef Is effect on the measurement is therefors sero. 

  

  

  

‘The weighting functions use a threshold logic to filter out CDU quantizing roise, This means that ifthe measurement 
residual is less than « preselected threshold, the weighting function is ero and the measurement residual ts ignores. 
When the measurement restdual is above the threshold, the gain is rot zero and the measurement residual is used to 
lupdate the state vector, In other words, small variations between the measured and expected attitudes are assumed 
to be due to CDU quantizing and large variations due to spaceeraft maneuvering. 

  

‘The weighting functions also vary as function of the time since the measurement residual Inst exceeded the threshold 
level. 

Weighting Functions 

  

atte Rte Gain Agi nostro at nade Ga ; 
for 10m On 1S Bmax? Kus? Gor |8m-Ou 1 © Bmax 2 Kg=O 

LOrOL1S Omne? 4K Ke, 
Wer al Thor 10a 01> Gant ul (foe Let» ue 

| | ies 
Sor 1Om-8,1 > Ona Kes” We 4 

Kel 4 
met Naot Na \ k, 

\ sent 
docked (Ng" 60) 

no. of DAP passes since 
threshold was last exceeded 

  

    

   

undocked (N..=0) 
docked (4710) 

      

  

no. of DAP passes since 
threshold was last exceeded 

  

THRESHOLO_LOGic   weigueTing FUNCTION 

    
    

    
MEASUREMENT ATR 

STATE ESTIMATOR FUNCTIONAL BLOCK DIAGRAM 
EXTRAPOLATION F | STATE vector 
 



sc-34 Bes 

  

           
      

  

  

        

     
    

     

         
    
  

TH
RU
ST
 

VE
CT
OR
, 

   
  

  

    

    

  

            
  

  

2omou orbe reed a: Shaper ees pase etcetera mane a 
3 

33 
were Es 

of F 
a} ko 

12] + 2 wo : 

eos | #5) ld 
‘Bef ety LACE some etm 62 E ge 

283 : 
Ce wren sees ict Ses 7 A Cou 
canna ge 5 , 

aye Bo 
= ge iy sm mann of eel (Bxuton 1 abv) as 22 ° Recesoe Os E of 

az eo FU 
SZ 83 # od ao =p 
avy oy he 
fw o wh 

Bae] ZY 
qyron moans QZ 2 

Ja oe @ 
a ° 3F 
5 Bjw | 22 8 > 
a ol? BF gle fo 

Si 3ye ele aE 2]z E16 Ta ae woS Eo 
520 24 9 é 
a> <Jlo 

vue memes dine F EL ole 
net zcelertone for he th art ae 0 o wy 2 

the CSN eked eontgration re compa sey 2 2lo 
SCout te arn in compted iow 12 See a wb] Z 
cea emeaease i 1 FaI— 
_ ri Le aL 53 

gem cc & 
Inewet scons Pl 

bl ; 
ni 
i 
‘S        

TH
E 

QU
AD
RA
TI
C 

GU
ID

AN
CE

 
EQ
UA
TI
ON
S 

GE
NE
RA
TE
 

TH
RU
ST
 

¢ 
AT
TI
TU
DE
 

CO
MM
AN
DS
 

B
A
S
E
D
 

O
N
 
T
H
E
 

P
R
E
S
E
N
T
 

V
E
N
I
C
L
E
 

S
T
A
T
E
 

V
E
C
T
O
R
 

A
N
D
T
H
E
 

DE
SI
RE
D 

Al
t 

PO
IN
T.
 

CO
ND
IT
IO
NS
. 

“T
HE
 
T
H
R
U
S
T
 ¢ 

AT
TI
TU
DE
 

CO
MM
AN
DS
 

AR
E 

EX
EC
UT
ED
 

BY
 

TH
E 

S
P
A
C
E
C
R
A
F
T
 

TO
 

AC
HI
EV
E 

TH
E 

DE
SI
RE
D 

L
U
N
A
R
 

L
A
N
D
I
N
G
 

G
U
I
D
A
N
C
E
 

T
R
A
J
E
C
T
O
R
Y
.
 

1S 
PE

RF
OR

ME
D 

BY
 

TH
E 

ST
AT
E 

VE
CT
OR
 

UP
DA
TE
 

RO
UT

IN
E 

WH
IC
H 

US
ES
 

A 
NA
VI
GA
TI
ON
   MO

DI
FI
ED
 

KA
LM

AN
 

FI
LT

ER
 

“Y
O 

ES
TI
MA
TE
 

TH
E 

VE
HI
CL
E 

ST
AT
E 

VE
CT
OR
 

BA
SE
D 

ON
 

PI
PA
 

¢ 

L
U
N
A
R
 

L
A
N
D
I
N
G
 

N
A
V
I
G
A
T
I
O
N
 

LA
ND
IN
G 

RA
DA

R 
M
E
A
S
U
R
E
M
E
N
T
S
.



PRIMARY CONSTRAINTS ON LUNAR LANDING 

HE TERMINAL PONT 1S CONSTRAINED 
IN POSITION AND VELOCITY 

TUp= Be Ganong sre) 
BU) =o" CSorr Lanonng) 

“THE_INITINL POINT \S_ CONSTRAINED 
WN POSITION AND VELOCITY. 

PRESENT POSTION REGENT VELoerTy 

      

cat EN ! eT 
S8RReow | FE aid Tw 

BASIC GUIDANCE SCHEME 

EXPRESS LEM POSITION AG A EXPRESS VELOCITY AND Ace COMPUTE THRUST commaNDS TAYLOR SERIES WTIME EXPANDED —-ELERATION AS “TNE. FIRST. AND ERO THe RECELERATION 
Pre STERMNAL “Tie SECOND DERIVATIVES OF POSTION, PROFILE AND GRAVITY.     

       PHD = reg) SPUR MET) FFU TTY. ICD = Arte) + ACEAL-Ty) Titer se AIO, | AEDHH OLE Tee « 

+ FEN HED FARAEET ALDH ALO +iKENLETY + raRWsT EF axe AI-SEE) 

CAPABILITY OF THE BASIC GUIDANCE SCHEME 

THE FORM OF THE ACCELERATION PROFLE IG DETERMINED GY THE 
NUMGER OF TERMS INCLUDED I-THE TAYLOR SERIES EXPANSION OF lO. 

  

ee N-2 N-3 | Ne& 
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SECONDARY CONSTRAINTS OF LUNAR LANDING 

© REACH TERMINAL CONDITIONS WITH HIGH ACCURACY 

@ VERTICAL DESCENT FOR LAST 200 ft. ATA RATE OF -5 ft/sec. 

© LANDING SITE VISIBILITY FOR 200 SEC. BEFORE TOUCHDOWN 

MODIFICATIONS TO BASIC GUIDANCE SCHEME. 

THE FOLLOWING MODIFICATIONS WERE MADE TO THE 
BASIC QUADRATIC GUIDANCE SCHEME IN ORDER “TO ACHIEVE 
THE SECONDARY CONSTRAINTS OF LUNAR LANDING 

@ THE DESIRED TRAJECTORY IS REDEFINED ON EVERY 
\TERATION CYCLE (2 SEC.) SUCH THAT THE INITIAL CONDITIONS 

(L(t) ,artt.)) ARE THE CURRENT BEST ESTIMATE OF VEHICLE 
STATE AS DETERMINED BY THE STATE VECTOR UPDATE ROUTINE. 

THIS ENABLES PIN-POINT ACCURACY BY ELIMINATING CUMULATIVE 
ERRORS IN THE IMPLEMENTATION OF THE BASIC SCHEME. 

@ THE LANDING SEQUENCE IS DWIDED INTO THREE PHASES EACH 
WITH ITS OWN FINAL CONDITIONS OR AM POINTS. 

1, BRAKING PHASE, 
“THIS PHASE BRAKES THE LEM DOWN FROM ORBITAL 

VELOCITY AND 1S TARGETED SUCH THAT "THE LANDING SITE. 
VISIBILITY CONSTRAINTS CAN BE MET DURING THE VISIBILITY 
PHASE. 

2. VISIBILITY PHASE (APPROACH PHASE) 
THIS PHASE 1S FLOWN WITH THE LEM ORIENTED SUCH 

THAT THE LANDING SITE IS VISIBLE FOR LANDING SITE RE- 
DESIGNATION, “TARGETING 1S CHOSEN TO VIELD THE PROPER 
ANITIAL CONDITIONS FOR VERTICAL DESCENT CONSISTENT 
WITH THE VISIBILITY CONSTRAINTS. 

3. VERTICAL DESCENT PHASE 
THIS PHASE REDUCES “THE SPACECRAFT HORIZONTAL 

VELOCITY TO ZERO AND VERTICAL VELOCITY TO 5 R/gec, 
QUADRATIC GUIDNNCE 1S NOT USED. 

IGNITION ur Low 
Vx 5600 4t/sec. GATE. GATE 
1 50,000 $t. V2 350 See, VE 7 St] sec. 
Hz-SMtloec. a 72008" 2O0He 
   

   

   

   
       

= =16Y Mgee, HAAR] SEC 

TOUCHDOWN. 

VERTICAL 
DESCENT 
DURATION 
% WO Se, 
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      BRAKING PHASE, 
DURATION = 560 see 

APPROACH 
PHASE. DURATION ZUI5' sech 

  

SURFACE RANGE



DERIVATION OF QUADRATIC GUIDANCE LAW 

EXPRESS THE POSITION, VELOCITY € ACCELERATION EQUATIONS IN MATRIX FORM 

ae) [6% 
3 Te, 
4 reo] | Tae, 

  

md) 

WHERE + Tye 

  

REARRANGE “THE MATRIX EQUATION SUCH THAT QU), S¢ 4g THE DEPENDANT 
VARIABLES, ARE EXPRESSED IN) TERMS OF a), TU 5 Qe 9 Fy My yTHE INDEPENDANT 
‘VARIABLES. 

             
  

        

di Tele =te Jfew] fo oj1 0 0 

Tg, “TA | Ss [=] -1 0) ye 1} [eco 
ase ns alg wes Wallis | Le aie et 

% 
w) (BRE A te o ~ellel-[s FIL 

SOLVE THE ABOVE EQUATION FOR QW), 95 5 Jp « 

a] [hy ye 1 Se Bhal[e]  Carerae 
Sel) Rs Ts re BAS TAeg || PO a-tr'bae 

je | fe aoe 9p ~ ie | Lenk 13 “ty “rg “hgh |e 
oe 
te 

        

QUADRATIC ACCELERATION EQUATION |} TIME-TO-GO COMPUTATION. 
QE) = Oe + deters 5 Oat 

were 
der 

TIME “To GO 1S COMPUTED TO SATISFY 
JHE REQUIRED FINAL VALUE OF DOWN- 
RANGE JERK. 

  

BY (Ye-To) Lo (ave 93a) 6 Oe, 
ye ha ad FROM “THE ABOVE EQUATIONS 

= 2, (fy-Fe) +24 (Wee 2m ez Se Be To) a Oe +a > BED & (ate 3H) HO 

      

  

LEADTIME COMPENSATION WIS EQUATION 16 SOLVED FOR “he BY A 
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BASIC_MECHANIZATION OF QUADRATIC GUIDANCE (Pé65,Po4) 

THE FOLLOWING SEQUENCE OF COMPUTATIONS 1S PERFORMED 
DURING EACH TWO SECOND GUIDANCE CYCLE. 

1. COMPUTE TIME-TO-Go 

  

Jpg TIT bag et FFs (ei, + bmpelTTT+2H(Ge-%q) 
BIg TIT 2A TTT +(18 0, +b M52) 

€ 1S IWTAUZED OW EACH 2 sec. cHCLE 
ES TTT {og 

2. COMPUTE ACCELERATION COM MAND 

ag+(- ages )es-e 

ve 
3S op TS +(e xe te #) 

GHEE» 
Yo] PRESENT VEHICLE 
We 

PORTE ROUTINE 
Q¢) vesiReD Ain-PowT 

Comprrions FOR 
MEP Pus or Pee 

(ERASABLE LORD) 

“Wy = TTT As 
DETERMINED ABOVE 

Wed = TTT -LEADTIME. 
CLERDTIME =2.2 sec. 
ERASABLE LOAD) 

= GRavTY vector 

x. aye? Yo) +9 an BE) we 

(6B vs)ae 3 
ERASABLE DATA LOAD AIM-POINTS. 

Pes 
te = frags 

Go karan, 
= [-/76.46 

eee ° 
(at/see) | 160.75 

age [-- 28 
(st/sect) | -8- $02 

Jee 74512 x10 
(t4/see) 

   
  RADIAL GUIDANCE 

  

IF THE DESIRED ACCELERATION IS GREATER THAN MAX. ENGINE 
THRUST, THEN DOWNRANGE THRUST IS LIMITED. 

  

SSsRRECTED DOW RANGE THRUST 
DESIRED DOWN RANGE THRUST 

x Sf MAX. THRUST LEVEL, 

RADIAL THRUST COMPONENT 
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BASIC MECHANIZATION (cor) 

3. ALIGN THE GUIDANCE COORDINATE FRAME 
THE GUIDANCE FRAME 1S ALIGNED SO THAT "THE CROSS-RANGE (¥-COMPONENT) 

OF JERK 1S ZERO AT PHAGE TERMINUS. “THE COMPONENT OF i¢ IS, 
GIVEN BY “THE QUADRATIC GUIDANCE EQUATIONS. 

  

  Jeg ag = ONE 8) 
Logg = UNIT (Mis X(h 

& 2a & Spe oP lene Fp (ing 3) - FA Ce tad Fay 
THE VY -comPowenTS OF THE AIM-PoNT VECTORS 
ARE SPECIFIED AS ZeROT V=My-A4,=0 

  

   

  

Wag = Urg % Wvg     
ro 

OF: Nay TE ty =O =D (fort) = 0 
THUS, THE GUIDANCE FRAME 1S ALIGNED WITH rTS, 
Vand PERPENDICULAR “TO THE VECTOR (¢,~ Ma Te) 

  

“8 ~& 24 
oS Mey + Sos By 

A. COMPUTE THE WINDOW POINTING VECTOR 
Mewor unit (Le) | DLL ‘ 

AT IF as 1S° THE LANDING eh * air245 Nov Visidie Aner P63 Gimoew'Ponstine Vecor ts P-63 AUIENED tong Be 

    

WF a2 25° THE LANDING Gite is visigle AND THe Yindbow-PowsTING VecTOR Is Righes Alow@ 
IE ist<a<as* A snooTH 
CFRANEITION "1S HADE BETWEEN THE Agove Two CASES. 

BL 

  

Uwoe = ®t ag + 82 (fig-fp) 
Be 

     
SPACECRAFT wo 
ORIENTATION &X= (UNIT LG) * Urner) * Ue 

TRE X-BODY AXIS_1S ANGLE GETWEEN Te @ Ay NORMALIZED FoR 
BEIGUER NON “THe, ANY CROSS-RANGE “FHRUSTING 
DESIRED THRUST VECTOR By. 
THE Z-BODY Ans 1S 
ALIGNED IN THE PLANE 
CONTAINING Ay € wor 

  

   

  

  

5. COMPUTE THRUST MAGNITUDE 

        
      

  

ACTUAL THROTTLE SETTINGS ARE B/) ae 
LIMITED BY ENGINE CONSIDERATIONS, 978.084" 
JO +93% OF FULL SCALE OR LESS 3 80 asoss% 
THAN 63% -     

     
mower] ) ¢ 
Locarr Yo 

ey _ 
TERASAGLE DATA LOAD PARAMETERS: 
Locerr s9asias = 57% 
HIGHCRIT GbIS LBS = 63% 
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LUNAR LANDING ~ STATE VECTOR UPDATE RECURSIVE FILTER 
BLOCK DIAGRAM 

LR DATA REASONABLENESS 
LANDING RADAR TESTS AND ASTRONAUT 

  

    
   

  

MEASUREMENT TESTS APPROVAL map 
aerate =, UPDATED 

LANDING. Wavy STATE 
RADAR “TING VECTOR 

  

FUNCTION 
to oy) 

ae 

    

  

  

  

  

  
  

      
EXTRAPOLATED 

‘GEOMETRY VECTOR 7 STATE 
RELATING PIP's — USING PIPA 

TOUR OUTPUTS 
a ONCE EACH 2 

SECONDS       
  

© STATE VECTOR EXTRAPOLATION PIPA AV PULSES 
Bip 

    Len faa) (net 

  

ae + Uy tp 

  

PLATFORM FRAME 

© STATE VECTOR UPDATE 

244 yp     

ve} | eu 4p 
(CONDITIONS NECESSARY TO UPDATE STATE USING LR RANGE DATA: 

© LANDING RADAR IS NOT BEING SWITCHED FROM POSITION NO. 1 TO POSITION NO. 2 
© RANGE DATA MEASUREMENT TESTS ARE SATISFIED. 

DATA GOOD DISCRETE HAS BEEN PRESENT FOR 4 SECONDS OR MORE. 
LR RANGE SCALE HAS NOT BEEN CHANGED WITHIN LAST SECOND. 

© MEASUREMENT RESIDUAL (6q) 1S WITHIN SPECIFIED LIMITS |4q] = DELQFIX® +0.25 (q') (only in Pea) 
© ASTRONAUT APPROVAL FOR UPDATING HAS BEEN GIVEN (57). 

CONDITIONS NECESSARY TO UPDATE STATE USING LR VELOCITY DATA: 
‘© LANDING RADAR IS NOT BEING SWITCHED FROM POSITION NO. 170 POSITION 2. 
‘© VELOCITY DATA MEASUREMENT TESTS ARE SATISFIED: 

DATA GOOD DISCRETE HAS BEEN PRESENT FOR AT LEAST 4 SECONDS. 
¢ MEASUREMENT RESIDUAL IS WITHIN SPECIFIED LIMITS |6qy| = VELBIAS* + 0,125 (V4 
© ASTRONAUT APPROVAL FOR UPDATING HAS BEEN GIVEN (V37). 

  

*DELOH 
AVELBIAS © 2.5 1s 

oor 
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STATE VECTOR EXTRAPOLATION 

State vector extrapolation is accomplished by an Average G routine at 2-second inter 
vals coincident with PIPA AV processing, 

LM position vector (r.,) is extrapolated assuming constant acceleration 
over the 2-second interval 

1 re mtvyAt+ Saat? ry + Wot + > 

  

ay, Sn-1 + Ae ey 2 0 + Pate St ae 

  

where 

Zp-1 = position vector (rp) at end cf previous interval 

Uget = velocity vector (vp) at end of previous interval 

  

accumulated PIPA AV pulses during 2-second interval 

Sy-1 = lunar gravitational acceleration at end of previous interval 

LM velocity vector (vg) is extrapolated using PIPA AV pulses and the average gravita- 
tional acceleration over the 2-second interval 

v= y+ adt 

a+ AF y+     
where 

\-1 = velocity (vp) at end of previous interval 

    

Fy = accumulated PIPA AV pulses over 2-second interval 

En- = lunar gravitational acceleration at end of previous interval 

Ep = lunar gravitational acceleration at end of present interval 

= 2M. 
7 2p   & 

"p 

In addition to the state vector update, the following terms are computed 

Altitude h’= tp- ths 

where 

Tp = magnitude of position, rp 

Tyg = magnitude of landing site, rpg 

Velocity 

Mass nai /Ve (q= Exhaust Velocity Constant) 

Velocity 
Increment 
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‘UpnATe THE STATE VECTOR SING TLILEANGE MATA 

  

© Compute the etimates aude ae 

    

WLI Hal EMR eence 

as eotinata tase 2 fis 
Lgl ont pnt ete 
Ayal de of Landing Site vetor 

(© compte th measured atid 
nigsng 

haar Can, UG) 

  

= meneard atitade ‘Terra Mowe yy “alse derive fom LR ange dts 
ito surtace ae meanared y the Landing Rar    
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  “p= tose potion vest 

  

alte correction rom lar terain model 
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UPDATE THE STATE VECTOR USING LR VELOCITY DATA ain LANDERS pARANETNS HES TOG 

‘APOLLO 16 

‘The Landing Radar has three velocity components. They are used (one during eac, ‘THRUST MAGNITUDE 

  

       

  

  

       

  

     

2second fnerval) to update sate according tothe time line shown below. wo 
10K sky Hy meinen yexoarr 

be i x “oa o wn we es Bonar Biya os Bey “eocoxie races Doe 
| ihe sel. 1 > (7:22) | 

TIDA Drocosejpe Timea # . I C ic - 1 
bese vt Tn valoaiy Read Ties ce =~ -| 

a=Vv, > 1 ° 200 400 600 800 ‘ quay ef coe _ ha a rails 
Sarg” rm Yar opp 1 on ‘ie tren P01 peor) 

  

or nie auomrupe nave 
© Compute the measurement residual corresponding to the time that the ft/s) 
eT ene), “v8. 

ane Pa ‘Time from PDI (seconds) 
oq = Gu - a0 30k J 200 400 600, ‘bo 

Gy = LR velocity component read at time ty 20k ae 
aj, = estimated component of LM relative velocity in the direction of @, -200 acs see:| P69 fer 

ay = Wa - ep Tp) Yap, 
where   ° 200 400 a 800 

‘Time from PDI (seconds) = 
X rp > velocity of lunar surface    

    
    

          

LOOK ANGLE UAPy = unit vector in direction of LM velocity data 
ass INNER GIMBAL ANSLE 

= Bp Ep > velocity of LM relative to lunar surface (degrees) 
100-4 

{= estimated LM velocity at time ty visioity _4) 
a 14 oo Region 

= ent +4¥,# En (tu 
2 40. 04 where 
2 Poa Pk Pos net ~ EM velocity at end of previous update cycle aa 2 

= pi a de ° 
Ay = PIPA AV read at time of LR velocity data ty ° 1 1 1 1 + 1 1 

- a 200 400 00 ‘00 o 200 400 600 800 
‘Time from PDI (seconds) ‘Time {rom PDI (seconds) 

n-t = lunar gravitational acceleration at end of previous cycle 

© Update the LM velocity vector at time t, using measurement residual 
and extrapolate velocity (v_) 

= “P 
v 

  

pt eu Sd 4ary 

  

20.8 L- vm) Vm =v! = Ym 

@ 0,2, v'< vay 

   



‘LUNAR LANDING PARAMETERS (P64) 
‘APOLLO 16 
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A, ORBITAL RELATIONSHIPS 

Assuming @ spherical planet, the equation of motion for a satellite is given by 

  

      

  

  
  

    

ae : 5,50 THRUST MAGNITUDE INERTIAL VELOCITY z a cr) " ae 
5,000} 4004 where 
4,504 3007] # = (M planet + Msatettite) & 
Ao 2004 ee is G = gravitational constant 

¢ s ‘The solution of Equation 1 a8 100-4 $3 as a ig 28 2 8, 000}; 7 — 1—1—r + r a @ 850 570 590 610 630650610690 550 570 580 610 630 650 T0630 #008 ‘Time from PDI (Seconds) ‘Time from PDI (seconds) 
where 

h = angular momentum of the satellite 
ALTITUDE ALTITUDE RATE © = eccentricity of the orbit 

) f = true anomaly 
510590 610 630650670600 of which is the polar equation of a conic. The conie will be an ellipse, parabola, or a 

hyperbola. Treating the parabola as a special case of the ellipse and considering only soo the hyperbola and ellipse, the following relationships are obtained: 
onl (Z5 as Angular Momentum B= Ex 0 = rf = constant 

é a3 Velocity Vt =p (2/r- 1/a) a2 PF elocity Bw (2/r = 1/ay 
zt Apogee za(ite = pos og. rsa (ite) 

Semilatus Rectum p= /n 550 570 590 610 630650 670690 4 90 eta wee Bis Woon Semimajor Axis, a = ru/(2u- rv) Negative for hyperbola 
Eecentrieity = (=m /uay 2 

INNER GIMBAL ANGLE Perigee rp ta (-e) (degrees) LOOK ANGLE ue Anomaly oof Bb og key ‘True Anomaly cost= B- 2. sint= Re 26 
804 Ellipse Onl 

2 man (Vif git sol Se Period P= 2x (a V2%/yt/ty wl Vis Mean Motion ne pihyah 
4 Mean Anomaly M=n(t-r) au wl 1 = time of perigee passage 

Eecentrie Anomaly -esin E = jer's: Equation 10 qa r a a! rie Anomaly Ee pe Benen e-eaeation) 550 570 580 610 630650670680 S050 sho sla slo io, sto abo tan (E/2) = [(1-e)/(1 +e)) 72 tan (6/2) ‘Time from PDI (seconds) rae. Sepa EDT (ascot) 
Hyperbola Onl 

Mean Motion yt plat 
Mean Anomaly May (t-7) 

1 = time of perigee passage 
Eccentric Anomaly H-e sinh H=M 

tanh (H/2) = | (e = 1)/(e +1917? tan (1/2) 

From these relationships, given an initial position and velocity vector, the orbit and 
orbit parameters are uniquely determined.  
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B. THE ORBIT IN SPACE 
  

‘The orbit in space is defined by an orthogonal set of axes along perigee, the semilatus rectum, and the angular momentum vector. The ordered set of right hand rotations (Buler angles) to achieve this orientation from the earth-centered-inertial (ECD) frame are illustrated in Figure 1 and given by the expression 
P x x 
2] = Re) TRxM CRg(@)1 | ¥] = far |y 

Wy ebit 4 ECT - ‘ECT (3) 

   
where 

© = longitude of ascending node 
i = angle of incidence 
w = argument of perigee 

Figure 1. The Orbit in Space 

The angles 9, i, and w are generally unknowns; therefore, the elements in [A] must be evaluated by some other means. To this end, Equation 3 is expressed as follows: 

  

Py Py Pz] [x x 
Q]= ally} = ca fy 
w 7 

Wz) 14) per 2 deer (4) 

‘The unit vector along perigee (hat is, P, Pz) can be determined by Equation 141, Page 20 of Battin as follows: 
gs P, 

      

B Gel Ae a-% VI ©) where 

¥ = absolute magnitude of velocity 
1 = absolute magnitude of the radius vector 
v inertial velocity 
r radius vector   
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‘This relationship is obtained as follows 

b (Perigeey 

  

Figure 2 

  

= Gp cos éq sinf co) 
a    

Combining 1, 2, and 9 into Equation 6 

  

  

1 
aqalis 

By substituting 

  

he rvaing, cos p= 

and adding the factor 
rv cost p Gy = rv? cos! pd 

the above equation reduces to 

1-2) F- CF Fy (eos e+ vsinpen | 

  

bat 
H+ von & + vaing dy 

therefore 
   OER Ge ye 

Since Fi = constant, the unit vector along & (that is. Wy. W 
given any f and corresponding © in the orblt. ‘That is 

Wy) Is determined 

  

dah y JY Oo 
Woe i 7 Went 

Having determined B and W. the remaining unit vector, «is calculate i folloms 

o- tee 
Pix | TB) is determined. That is, the orbit ss By using Equations 6, 7. snd 5 the matriy |B) 8 de 

defined in inertial space. From Equations and 4, [A | =] BR). Ry equating elements 
land by using the constraint W* 6+ ISI" the Fuler angles © 4. an sire determined, 
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©. ORBIT DETERMINATION 
‘The problem oforbit determination can br stated a9 follows: Given an initial 7. and 
corresponding ¥ vector expressed in ECT coordinates, determine the postion snd 
telocity in ECI Coordinates at some time. t. 
From what has been presented so far, the approach would be to determine if the conie 
fs a hyperbola or an ellipse, Then use the corresponding form of Kepler's equation 
to solve for the true anomaly and through the orbit-in-space-transformation determine 
the position and velocity at ty. 
‘This method has the undesirable feature of first determining if the conic is a hyperbola 
for an ellipse and requires two sets of equations. 

‘A more unified approach aa presented by Battin 1s the universal conic equations which 
are given by’ 

too [eB cota] a+ [ar & soto] o 

    

EZ coem] om 

   eo ay) 

  

‘The parameter X which is required for Equations 9 and 10 is determined as follows: 
‘An initial guess for X is given by 

dex capreRsaceray 22-0) 8 on 
where 

Xj = 0 for the first tteration and % for subsequent terations 

  

Having an inital guess for X, an improved value is obtained by a Newton-Raphson 
HWeration scheme as follows: 

4 x, 

where 

F Oy) [ac Ml COKE ay) + A= 4 ay) Ky? SK? aa) +r x] 
- an 

  

[aes sy sory an] [ors 24) Xf C6! ay) 

    

Sct 

  {he ieration so contnies ail spe =a Us aliciely small, The gp inl ess provided ty Eavation 12 see atin tories incase Tao forge en ai tains a 0 ery apc 
  

  

  

pending om the construe fsved. te et ot unvereal eqeatios sil slve 
  

  

  

    

occupa! 

1 tac anomaly: messi I 

  

  ih time fron 

  

$= tre amma ference Hf = 
    

        

     

    

   

  

   
  

    

   
   

  ec ema: Wy aml wine Fathi 13 an 17s emg: s using Baton 1   
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D. DISTURBANCE ACCELERATIONS 

So far the planet in question has been assumed to be spherical which is not the ease 
for elther the earth or the moon. Nor have the effects of the sun and the moon on the 
earth or vice versa been considered. ‘Therefore, Equation | must be modified as follows 

3) 

  

where 
diy is the disturbance acceleration due to 

1, oblateness of the earth or the nonspherical shape of the moon depending 
‘on which reference body is used, 

  

the effects of the sun, 
3. the effects of the secondary body’ on the primary body; that is, effects 

‘of moon on earth if earth is primary body and vice versa. 

Analytical expressions for ay are given in Rt 
comparison to Hy. the two-body orbit siven by Equation 1s used a a reference or osculating orbit which ie perturbed by aq. The actual position and velocity vectors are, therefore, given by 

  77, Section 3. Since dy is small in 

  

   3 ey 
where 

Fe and Ware the position and velocity of the two-body eonte solutions, 
@ and G are the deviations from the two-body conic solutions of position and velocity. respectively, 

Differentiating Equation 24 and substituting into Equation 23 gives the following expres sion for the differential acceleration 

es #9 oes oles See [a Siesles @ 
subject to the initial conditions 

  Bar =o Bare Fy) =0 
‘This method (Equation 25) is known as Encke's method of differential accelerations, 
Since the coefficient of # in Bquation 29 requires the subtraction of nearly equal quantities, prohibitive errors are introduced by solving Eyuation 25 in its present ion 25 in its pres form. This difficulty can be overcome by making the substitution 

  (2-H) (ee) ir 31 whore pw rele 
Equation 25, therefore, becomes 
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Equation 26 can be solved by any number of numerical integration schemes, ‘The 
method used in the Apollo Guidanee Computer (AGC) is the Nystrom method. 

Ip order to maintain the efficieney of Encke's method of differential accelerations, 
& (t) must remain small. ‘Therefgre, 4 new osculating conie must be defined by the 
total position and velocity vectors r (t) and v(t) when 6 (t) reaches a predetermined 
Timit. ‘The process of selecting new conie orbit from which to caleulate deviations is 
called rectification. 
To sum up, the position and velocity, during freefall, at time ty, given the position 
and velocity at time ty , are computed as follows: 

1. Position and velocity in the osculating orbit at time ty are calculated accord- 
ing to Equations 9 and 10. 

2. Deviations are then obtained by numerical integration of Equation 26, 
3. A new conic from which to calculate deviations is defined each time the 

deviations (8 (t)) reach a predetermined limit. 

DISTURBING FUNCTIONS AND THEIR APPLICABILITY 
  

We define the following disturbance accelerations as applicable to Apollo: 
fgg = _ acceleration due to the nonspherical gravitational perturbations of 

the earth 
ij = acceleration due to the nonspherical gravitational perturbations of 

the moon 
figy = aeceleration due tothe secondary ty om the primary boty that is 

tmoor fe secondary body when enrth fs used aa relerence and vice 
verse 

  

By = acceleration due to the sun 

analytical expressions for which are given in R-517, Section 5.   

‘The applicable disturbance accelerations and their region of applicability for Apollo 
are given in Figure 3. 

  

earth 
R, = 4,660 nmi 

8,441 ami 

Ry +R, = 49,452 nmi 

   

  

     

  

Raton = 938 HL 
Ry = 1,154 nmi 
Ry +R, = 8,690 nmi 

7 ami Ropu 34,761 

Moon 

Region 1. ig = ag 
Moon's sphere of influence, Region 2. aq = Sap * Mas * Adam 

i coordinate chat Region 3. el 
Region 4. ay = yy * Mage 

     
  

Region 3. 

  

Region 6. 

Figure ‘i. Apollo Disturbance Acceleration Regions
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F, DISTURBANCE ACCELERATION/OSCULATING ELEMENTS 
z 

  

Acceleration Normal 
To Orbital Plane (N) 

da _ae     

    

  

a na? Vice’ 

a9. sin (or 
at pat Yiee? sin ci) 

ay. 42 $2~ cose 

2 = Semimajor Axe (ft) 
e Eccentricity 
‘ ‘Orbits! Inclination 

  

Central Angle From Perigee 
F = Position (ft) 

  

Longitude of the Ascending Node 
= Argument of Perigee 

Va = 
Late 1017 (8/42 

n= Mean Moti   

  

Leta 1018 gfe? 
2 NRT = ft/s 

Acceleration Along Acceleration Along Rediat Line (2) ‘Track (7) 
da _ 20 sin 
a 

          

sess 

G. ‘TPL TARGETING 

‘The TPI targeting for the Apollo 16 mission is accomplished using the equations and 
techniques stated below utilizing the following information: 

  

   RENDEZVOUS 
TRAJECTORY       

T= time at which the TPI maneuver isto be performed 

  

1 position vector at T 

  

In velocity vector at 
~ C84 postion vector at 

Vogg ~ CSM velocity vector at 7 
= central angle CSM wall traverse between TPI and rendezvous (130° 

nominally 

  

‘Targeting Procedure: 

1, Compute the elevation angle of the LM-CSM LOS above the LM horizontal plane at 
the time of TPI. 

    

= goed. , lg = cost [U,*U, SONG, *U XR yp 

unit (Boy ~ Bag] 
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2. Compute the time (t;) required for the CSM to travel through the central angle 
¥ yy Using the Time-Theta method described on page SC-51. 

  

Update the state vector of the CSM to the time of rendezvous (AT = t,,) using 
Kepler's method as described on page SC-51 obtaining Roxen Vonep)- 

  

Compute the central angle @ 134) through which the LM must traverse between 
its position at TPI and the CSM's position at rendezvous. 

Yum = SON Bry * Bou “0°87 Bray * Bowe) 

i Ving <0° define Ying = yyy + 2" 

Using the Time~Theta method, determine the flight path angle y required of the 
LM at the end of the TPI burn such that the time required by the LM to traverse 

the central angle of Yj 4, is the same as ty, « 

6. Calculate the velocity to be gained, 

  

  PH (eoty + unt Bugg + Uy Xumlt By) tae" Bae in * Ux ay 

emilatus rectum ofthe TPT orbit   

wy = ont [ent Rouge By] 

‘The velocity to be gained is burned out using the APS and Lambert Aimpoint 
Guidance.


