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The purpose of Coasting Flight Kavigation is to estimate spacecraft position 4
using orbital mechanics and navigation sightings to Imprm'e_ the aceuracy of tl
sightings are incorporated into the position and velocity estimates using 2 mao

sC2

COASTING FLIGHT NAVIGATION

and velocity. The estimates are computed
he orbital mechanics. The navigation
dified Kalman filter which is a recursive

optimal estimator that is characterized by the following computational procedure.

B,

Extrapolate the state vector nhead to time ty, using the best estimate of the state at time ty_j.
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=n =n-1

Extrapolate the error covariance matrix in a similar manner,
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Compute the optimal gain matrix.

K3 = [Eg1IHIT (B EL n,T \-n|'l {V,, = messurement noise)
Caleulate a measurement vector for time Lp,
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Update the estimate of the state vector, using the extrapolated state X 'q. the optimal gain [K'f,], the extra-
polated measurement T, and the actual measurement at time Ly, ¥
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X =X rE Qs =X
Update the error covariance matrix in a similar manner,

[Fql = [Egl = Kyl [Hyl [E7)

This procedure is illustrated by the following block diagram.
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Basic Recursive Procedure of Kalman Filiering
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MODIFICATIONS TO THE BASIC KALMAN FILTER

The basie Kalman filter outlined on the previous page was modified for use in Cogsting Flight Navigation
in the following aspects.

1.

3.

4.

Instead of extrapolating the error covariance matrix, [E], the square root of the error covariance
matrix is extrapolated. This insures that the covariance matrix will always be positive semi-
definite and aveids the usual difficulties that oceur when computation techniques yield a negative
error covariance matrix., The sguare root of the error covariance matrix is called the error
transition matrix [W].

The state vector and error transition matrix are extrapolated by integrating their respective
second order differential equations via the coasting integration routine. This is done in lieu
of the state transition approach and eliminates the necessity of computing a new time varying
transition matrix for each measurement interval.

The update of the state vector after each measurement must first be displayed and approved
by the astronaut before it is incorporated into the state vector. This eliminates the possibility
of an erronecus update due to an improper mark.

Only one measurement is incorporated at a time. This reduces the dimension of the filter
equations and changes the matrix inversion in the optimal gain equation to a sealar division.

STATE VECTOR DEFINITION

The state vector for coasting flight navigation is defined as the deviation of the spacecraft position and
veloeity from a reference conic.

6Ty r .
Deviations from
& ):3'r conic position
6Ty
State Vector = x(t) =[ L;%]= =
- dv
sv Deviations from
¥ conic velocity
Gvy J L

Deviations from the reference conic are assumed o be Gaussian distributed with a known mean and var-
iance., The mean is estimated via the precision integration routines or obtained from MSFN. The var- .
iance is given by the error covariance matrix, which Is precomputed and entered via erasable data load.

CORRELATION BETWEEN BASIC KALMAN FILTER TERMINOLOGY AND COASTING FLIGHT
TERMINOLOGY

The following table lists the correlation between basic Kalman filter terminology as used on the previous
page and Coasting Flight Navigation terminology to he used on the following pages.

CELESTIAL NAVIGATION KALMAN FILTER
CORRELAT
TERMINOLOGY TERMINOLOGY fon
L
b = geometry vector of [H] = measurement b :)[H]
dimension "D" matrix
w = weighting vector of [kl = optimal gain @ ?I’I‘;ﬁ]
dimension "D matrix
[W] = error transition matrix [E] = error covariance [E] ?[\\'\\'T]
of dimension "D x D" matrix
X = state vector X = sState vector x THx
=t = a priori measurement [V] = covariance of the a? ?W}
error variance (scalar) measurement noise
N . Al
_ ; G
8Q meaiuremenl: deviation %, _IY\:I) = measurement 6Q j@u -X)
{Boalax) residual
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COASTING INTEGRATION ROUTIXF

The Coasting Integration routine is a standardized subroutine used to integrate spacecraft state veelors o

specific times. It Is used during each of the three navigation programs { P20-Orbiial Navigation, P?:-R::u?‘k-z—
vous Navigation, and P23 Cislunar Midcourse Navigation) to extrapolate the state vector and crror transition

matrix ahead to the measurement time by direct numerical Integration of their differential equations.

STATE VECTOR EQUATIONS

The basgic eguation describing spaceeraft motion is

I- T 0 1 0
: T i
L = =P dlrllz,

where

=

r = spacecraft position vector
¥ = spacecraft velocity vector
a4 = disturbance aceeleration vector

w = primary planet gravitation constant

When Lhe disturbance, a4, is small, then Encke's method of differential nccelerations can be used to solve
5: (1) conie or ssculating orhital mo-

Equation 1. Encke's method divides spacecraft motion into two part
tion which would result if a4 = 0 and (2) devialion from conic motion as n vesult of ag<o,

- lr:'l)nif: FiOE

Yeonic * AV

where
I. ¥ = spaceeraft position and velocity
Teonicr Yoppje = CONIC position and velocity

bx, dv = devialions from conic position and velocity

Substitution of Equations 2 and 3 inlo the basic equs
tions for the conic position and velocity and the deviation from conie position and veloeity,

Conie Motion Equation

£ conie L il s
=

icomc ) |"|cmica : xcnnic
Deviation Equation

o5 = ot ir = 2 | subject w0 arfry =0

av G 0| ax a4 initial conditions Sh
where r

e *onic I_3 Eco"inr;r"“i“ " Toonie

The conic motion equation s salved explicitly using Kepler's suhroutine, The devintion equation is solved Iy

by direct numerieal integration and is called the "'state equation”; il can be written in the form
E=(Flx +¢

ERROR TRANSITION MATRIX EQUATIONS

The accuracy of the state veetor estimation process is characterized by the error eoviriames matrix
which expresses the mean squared error of each state veetor element in matrix lorm

state vector estimation error

SHIE

where
& = estimution error
& = estimated state veetor
X = actual state vector
error coviriance matrix
(E]=<ecls
where

[E] = error esvariance matrix

< == rdenotes "expected volue'

1y

ion of metion, Equation 1, vields differential -

)

&)

(fi)

o]
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Tf the state vector is deseribed by Equation 6, then the error covariance matrix is described by

i = FE + EFT (neglecting process noise)

and the error transition matris is described by

W o= FW

where

ww Ty = [x)

Fepuz
nuIme

1l integration,

SUMMARY

)

(1)

ion L0 is the differential equation describing the crror transition matrix and is solved by direct

TIME DOMAIN EQUATIONS

STATE TRANSITION
EXTRAPOLATION

NUMERCIAL INTEGRATION
EXTRAPOLATION

W = TW

=R+ {tml 7R dt
i

. 2 IL“” FW dt
LA T NE A,
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MEASUREMERT INCORPORATION ROUTINE

The Measurement Incorporation routine, like the Coastleg Integration routine, 18 used b oall three navigati
Its purpose is to compute ate veetor upidate based on the information obtained from the navigation =ighting.
procedure for updating the state veetor can e divided into three parts.

1. Compute a geometry vector, b, based on the stale vector and type of navigation sighting that iz bring
made.

2. Compute a state vector update,

3. Update the state vector aml error trunsition matrix if the astronaut approves of the incorporation.

GEOMETRY VECTOR
i A
The geometry vector relates the measurement, ¥ . 1o the state veetor, Xy, according W Eguation 11
T

ey
=h %
Yo =boa,;

where

Y,; = the expectal measurement (a =

b = geomuotry veetor (o < 1 column vector)

= state vector extrapolatoed Lo the measuremoent time via the Coasting Integration routine.

The state vector lor consting Mgkt navi

lon is o de

R TIITEN

(11

tion from 1 reference (osculating) orbit and the measurement

variable can also he thought of as o deviation from a reference or nominal.  Thus the measurement vector can be
determined by taking the derivitive of the measurement with respeet o the state veetor. This can e illustrated for
the case of cislunar mideourse navigation, where the navigation sighting is the angle between a known near planetars

landmark and a star 2s shown helow

*

B

Landmark
ot [

rLcosAéggiL

Taking partials

sin A A = EI Gr

& rp cos A-r L,

T
Ba = (br vos :\-Esbi{‘}hbsln A
By definition
=
8r  r ascalar= 1 &r

L =L

therefore

and

(omroeh)ony _ (efomael) (o)

fda= =
rLsm.-\ v sin A
i & i
I Ry SO XA H e - ni o .
o) Ty, =m A v LT-'“L g -my g uLh)
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The geometry vector can also be determined by geometrical relationship between the state vector and the type of
measurement. Since b is different for cach navigation program, its derivations are presented on the following pages
which describe the individual navigation programs.

COMPUTE THE STATE VECTOR UPDATE

The computation of the state vector update encompasses Steps 3, 4, and 5 of the basic Kalman filtering procedure.

1. Compute the optimal gain matrix

1

[Kf] = T jue'ul + w7 (12

or, in the terminology of coasting flight navigation,

w = (wwTp) T wwTheat™

W'z
(=2 +at) (13)
where
w = optimal gain vector
W' = error transition matrix extrapolated forward by the Coasting Integration routine
\\"Tll {a vector used to simplily computations)

2 o= ET

=bTwwTh (analogous to HE' T

o = measurement noise covariance (an erasable data load or fixed memory constant which depends
on which navigation program is in use)

(=" +&") is a scalar and eliminates the necessity of matrix inversion

2, Compute the expected measurement based on the extrapolated state vector.

" T
¥, BUEL (14)
where
‘:", = expected measurement from current navigation sighting
b = geometry vector
3; = extrapolated state vector

3. Compute the state vector update
dx = wéQ = i..[yn_‘}r'.} {15)

where

o
i
L}

state vector update
= optimal weighting vector

I

measurement residual

Eal
L

information from current navigation sighting

L |
E]
n

= expected measurement

UPDATE THE STATE VECTOR AND ERROR TRANSITION MATRIX

Before the state vector update, éx, is incorporated into the state veelor, it is displayed to the astronaut for his ap-
proval. This is to prevent erroncous tracking data, such as improperly identified stars or landmarks,{rom being used
to update the state, When astronaut approval has been issued, the state vector and error transition matrix are updated
as follows:

UPDATE THE STATE VECTOR

Sp =8 - ox (19)
where

&p = best estimate of state at time t;

3; = state veetor extrapolated ahead from time t; 3 tot

4% = state vector update

UPDATE THE ERROR TRANSITION MATRIX
The equation governing updating of the error covariance matrix is given in Step 6 of the basic Kalman filtering procedure.

[Enl = [E 1 - [K*IH 1 [EL] ()
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This can be rewritten in terms of coasting flight navigation terminology

Ty - rwwT) - el pwewT)

[ wWw

Equation 18 can be separated to obtain an equation for updating only the error transition matrix [W | instead of the

product [Ww?|.

[w] 3 ET
(W) = w-
1+ o
where
[ W] = updated error transition matrix
[W'] = extrapol error transition matrix
w = optimal gain vector
z = wTp
z? - ETE
@t = measurement noise covariance
SUMMARY

(18)

(19)

The total spacecraft position and velocity is kept current through extrapolation, updating, and rectification. Rectifica-
tion is a process used to redefine the reference trajectory by adding the deviations, 6r and v, o the osculating

elements, r gopie 274 ¥ gonie » thereby redefining the osculating orbit and reducing the deviation state vector to zero,

L conie T conic or
= +
¥ conle ¥ conie Sy
&r o
dv o

= Rectify

b |aE(t)
] |

Y Y u Y

Rectification  Measurement time Measurement time Rectification

(20}

INITIALLY {E COASTING FLIGH

VIGATION PROGRAMS

Each of the navigation programs is initialized prior to use by specifving the measurement variance, Ey » and the initial

error transition matrix, | W) . The measurement variance gives a confldence level for the navigation instruments by

specifylng the variance of all the error sources associated with the instrument. The W matrix gives a confidence level

for the initial estimate of the state vector by specifying the mean squared error ip the position and velocity estimates.
[W}.ls initialized as a diagonal matrix which says that initially the position and velocity errors are independent.

MEASUREMENT VARIANCE J INITIAL "W MATRIX
CISLUNAR MIDCOURSE NAVIGATION ROUTINE
Pa23
=¥ + vary/rer? H
BT Trn r/TeL \\',:u.l :‘ 0
, 1 ami [ B R L
= (0.05mn" s T 0 twal

CL

ORBITAL NAVIGATION ROUTINE
P-22

= Vargey + Vamuy
= {1 mn)?+ (1.0 mr)*

RENDEZVOUS NAVIGATION PROGRAM {LEM)

P-20
RANGE MEASUREMENT FOR RENDEZVOUS
Vary
&= Mn[wm s SAm
ICL _ :
W)=l 0 ,wrl) [
RANGE RATE MEASUREMENT meeleeetagen s
1 VYA o0
" g : '
@t = Max{ ¢ Varj, \m-;,mm} o0 | 0 owho
' L0

SHAFT ANGLE MEASUREMENT

@' = Varg + Vamyy = Varg ¢ (1.0 mr)’

% !
TRUNNION ANGLE MEASUREMENT Wl : o

1
Varg + Varpyy = Vary + (L0 mn)* 0wl
'

RENDEZVOUS NAVIGATION PROGRAM (CSM)

OPTICAL TRACKING

Varfyt

& = Vargxr+ Varuy + —'-;Lfr 0

1

P bl
Var? S oot it
= (0.2mr) 4 (L0 mr)®+ r—cgﬂ-r 0 | wnd

VHF HANGING
VATR min

.
@ = Max | Varh,
oL
ALTERNATE LOS
-2 *
T V”ALT"' VII'1MU
+ (1.0 mr)?

) .
Varfor

* These values are stored in erasable memory.
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ERASABLE DATA LOAD PARAMETERS

P T | Smewonic | vawe | PR MONe | VALUE
Varp (LM} RANGEVAR 11111 % 107" W (CSM) WMIDPOS 30, 000 ft
Varg g (LM) RVARMIN 66 m’ W, (CSM) WMIDV EL 30 ft/s
Vary; (LM) RATEVAR 1.8777 x 10" W, (CSM) WORBPOS 0.0
Vary i (LM) VVARMIN 0.017445 m*/ W, (CSM) WORBVEL 0.0
\-’:u—Ig {LM) SHAFTVAR {1 mrad)* W, (CShD) S22WSUBL 10,000 m
Var 4 (LM} TRUNVAR {1 mrad)® Wep (LM) WRENDPOS 10, 000 ft
Var gy (CSM) INTVAR (14 m)* W (LM) WRENDVEL 10 ft/s
Var g (CSM) RVAR 0.0 Wy (LM) WSHAFT 15 mrad
Var g oo (CSM) RVARMIN (200 f1)° W (LM) WTRUN 15 mrad
Var a1 (CSM) ALTVAR {49 mrad)” WL (LM WSURFPOS 0.0

W, (LM WSURFVEL 0.0
W . (CSM) WRENDPOS 10, 000 {t
W, (CEM) WRENDVEL 10 t/s

SC-11

CISLUNAR MIDCOURSE NAVIGATION PROGRAM
(P23
During cislunar mideourse navigation the angle between the lines of sight to a known star and a planetary landmark is measured.

This angle measurement is then used to update the state vector via the measurement incorporation routine.  The geometry
relating the angular measurement to the deviation state vector is given below.

g

STAR/LANDMARK GEOMETRY

STAR Landmark
[
A = actual angle measured by optics
A, = angle corresponding to conic position
dA = measurement variahle

{a Kalman filter variable)

Canie
Position
Spacecraft

Position

The relationship between the state veetor and measuremenl variable can be
determined by redrawing part of the preceding figure.

Landmark

FIGURE
A

onic The unit vector, up, can be determined from Figure A

Position ug = unit vector along star
line-of-aight
T: T u unit vector along landmark
6P| w, 6r o el L CL 108 from the spacecrnft

L -1———|—fc— sr=b bx
Terl  TEer for|
where Uy is a unit vector prependicular to oL
p = Unit {ug - 1)

uy - Component of ug sl uep (" Seg) Beg

uepd dep)

, Unit (ug -

[T | s - s LI
!
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ORBITAL NAVIGATION - LANDMARK TRACKING
(P22

During orbital navigation, the inertial line of sight from the i

r * spacecrall to a planetary landmark is measured by recording the optics
shat and trunnion angles, the IMU gimbal angles, and the time of the mark, Tp to five marks are made on each landmark before
the Measurement Incorporation routine is called to update the state vector.

Classical celestial mechanics says that i the angles between a planetary landmark and two different stars are measured then the

line of sight from the spacecraft to the landmark can be determined, er that two star /I are [
one line-of-sight Orbital uses this w i the line-of-sigh at by treating
it as two star/landmark The two star/landmark measurements are then incorporated in the same manner

4 real star/landmark measurements in paz.

The dimension of _tl\e state veelor for orbital navigation is expanded from six to nine to include the landmark pogition vector, If the
concept of "deviation state veetor” is carried over to include the landmark, then

where

= orbital ravigation state vector
= deviation of spacceraft position from the reference sonic

R

= deviation of spacecraft velocity from the reference conic

1 = deviation of landmark position from the nominal

17

The geometry vecter, b, can be determined using a procedure similar to that used for P23,

£ Landmark

the star LOS's are chosen perpendicular to op

g1 = Unit (g “Ipg)

#gz = Unit (ugy ~roy)

k Nominal Landmark
Pasition

where:
Bg = Unit (rpp « Iy
Iy = measured LOS
Ipy = expected LOS
Landmurk
iry

0‘-\ Nominal Landmark

Position

Conic
Position

The expeeted line of sight is T oy, 45

The angle between the star LOS
and landmark LOS is

A = A +8A
where

A = Star/landmark LOS angle

Ag = Part of angle due to conic
or nominal positions

GA = Partof angle due to devi-
atiens from conie or
nominal positions

From the above figure

P T

gyl Ir

1£¢d o
—rI.J
£ BEg
b p:
1]
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RENDEZVOUS NAVIGATION PROGRAM
(P20

cation program, P20, ie used during the rendezvous phases of flight. Both the CSM and LM computers huve
Program P20 so U the C8M can do rendezvous navigation by tracking the LM, or the LM can navigate by tracking the CSM.  The
CHM can navigate by measuring the line of sight to the LM using the SXT or the CO: ndfor the VHF ranging link. The LA uses
the Rendezvous Radar to mensure range, range rate, RR shafl angle bizs, and RR trunnion angle bias.

The Rendezvous N

The =tate vectors (or rendexvous navigation are

br
Lesm i ZLm

where

ir = deviation from conic pesition
= deviatien from conie velocity
i@ = R shafl angle bias
a# = RR trunnion angle bias

The Measurement Incorperation routine is uaed to incorporate the rendezvous measurements, and the peometry veetors are deter-

ght Measurements Made with SXT or COAS.  The line-of=sight measurements are incorporated into the
state veotor by adopting two fictitious star/lardmark sightings just as with the LOS measurements made during orbital

navigation.

ame MAnney as
sug 8 for the LAL

& VHF Range Measurements Made by the CSM. The geometry vector for VHF ranging Is derived in the
the RR range measurement veetor,  The only differenee is the dimension of the CSM which is only §

b e i+ is used depending on whether the LA or OS50 state veetor
== I_ e 15 being updated. }

The geometry relating the RR mexsurements to the state veetor is deseribed on the lollow ing pages.

REXDEZVOUS RANGE {l‘mb MEASUREMEXNT

-

I, ' 1
L onie € L

1.
Conie

Range Measurement

"
m

Estimated Range Measarement

& roeir
TR

where r - Component of range due in
i
pasilion veclors known w

wE ar.
ar >
m ZeTn unceriainiy
dr -~ Ralman filier measuremen

varinide

b
Conie

o
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RENDEZVOUS BANGE RATE (\v'm) MEASUREMENT

Hendezvous range rate measurement has a term due to deviation from conic veloci

v Ev )
and a term due to deviation from conie position (&r, ), The term due to veloeity deviation
BV, ) is:
N @R iy
LM/CSM Relative Il gt
Veloecily
A
.3 Vo=V o8V
v m o m
m
v where \‘o = component of range tate due to Veeclors known with zero uncertainty
o
sV L v
i Bt O '

' R
Conic
ﬂ OI‘Im Kalman filter measurement variahle
T

=

The rendezvous range rate term due to position deviation is:

[

Y.
r
B
av v
L L
R4y !+ &V
Conle o m
Leonic & ey -
m " oic e
\'n ol Unit EC . ]
~ Conic
&
m

oW - ﬂ{g“:. * Vo ¥y o tan @

tan i = -4

- Unit mLC "}-LC x U,

1,
1Zecl

B Y Tl

Irel
e XY exu e
1o e ¥ Se ¥ e L

5 &Y

JE

The rendezvous radar trannion angle iz defined in the u

RENDEZVOUS RADAR SHAFT ANGLE (Bm\ MEASUREMENTS

Measured
Line of Sight

Ere

It} RE Coordinate

!"Q K Systemn

HENDEZVOUS RADAR TEUNNION ANGLE () MEASURE!

The Hendezvous Radar shaflt sngle is defined in the radar X-7
coordinste plane.  The effect of LA and CSM pesition veelnes
on ihe shaft angle can he determined Tw loking al he pratection
of these vectars on the x-2 plane:

G+
m T e

where i - estimate of Wt shafl angle da 0o r)
m .

/i partion of KU shaft angle doe te r, oo €

1 A
o U k0
Txz

The actual measured shafl angle Bas e comp s o anmingl
pne dise b spaceeTalt positinn and a8 additunal devial
(&M which ig an element of the state vecior

-
Bm vof-g by +o

u_ plane and con be illustrated by projeciing (e epaceeralt

pogition vectors onto this plane, Like the shafl angle ill'l'g divided inso twe composgnis, & sominal one due 1o spacecraft
positions and a deviation term (#0) which is an element of the stale vector.

i
m

5

where @ . compenent of @ e o T
L] m

B
m

P TIN

L
Uil wy s
I PR T
1le£

B
m

WoFEn  Lam
o "
I

ol i
camponent of ¢ due i i

L

L .
. il E I
Tz Il LRECRE SRR S T
£ 3

Kalman filler measurenient variable

5

[ L

1
0 W
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CSM DIGITAL AUTOPILOT

The CSM digital autopilot (DAFP) provides a primary stabilization and control funetion and attitude error
display for CSM or CSM/LM ecoasting flight, CSM or CSM/LM powered flight and CM entry, as well as a
backup SATURN takeover function,

COASTING FLIGHT

The CSM coasting flight autopilot or reaction control system autopilot (RCS DAP) provides attitude and
translation control in three CSM+axes during nonthrusting phases of flight. The RCS DAP has three major
medes of operation, Auto, Hold and Free, as commanded by the S/C CONTROL switeh,

The Hold mode maintains or holds the spacecraft (8/C) at a desired attitude within the limits of an atti-
tude deadband specified by the crew. Rotational hand controller (RHC) eommands will be processed as
the discrete commanded rate specified in the DAP variable load; a new desired attitude will be established
and maintained upon release of the RHC,

The Auto mode enables rate and attitude commands from the steering routines to be processed by the DAP
for maneuvering the 5/C to a desired attitude at a specified rate. With the absence of maneuver com-
mands, the Auto mode functions as an attitude hold mede. RHC commands are processed in the Auto
mode as a discrete ded rate and ic ing is terminated until r d by crew
action via the DSKY.

The Free mode of operation releases the 5/C from all maneuvers snd attitude hold commands, other
than minimum impulse commands, and allows the 5/C to drift freely. Minimum impulse commands are
single 14-millisecond control jet firings which are commanded by the RHC or, if there are no RHC com-
mands, by the minimum-impulse controller (MIC).

Translation hand controller {THC) commands are processed in any mode and are combined with rota-
tion commands for the desired maneuver. When a combination rotation and translation is not possible,
due to a guad failure, the rotation command has priority.

ERROR DISPLAY

The DAP also provides attitude error display to the crew via the FDAI attitude error meters, There are
three types of attitude error displays available,

® To provide a monitor of autopilot performance, the autopilot following errors or phase plane
errors in control axis coordinates can be displayved by keying a V61E.

®  To aid the erew in executing a manual maneuver, the total attitude error with respect to the de-
sired maneuver angles in N22 can be displayed by keying V62E.

e Total Astronaut attitude error with respect to preloaded N17 angles can be displayed by keying
VE3E providing another manual maneuver aid. N17 can be loaded with a snapshot of the present
CDU angles by keying VE0E.

POWERED FLIGHT

The powered flight autopilot stabilizes and controls the attitude of the spacecraft and maintains thrust
vector control (TVC) durlng service propulsion system (SPS) thrusting, Pitch and Yaw axis control is
achieved by TVC DAP generated commands to the SPS engine gimbal servos to maintain the thrust vector
through the center of gravity of the vehicle. The TVC DAP also accepts angular rate commands from the
steering program to position the thrust vector along a desired thrust direction.

Roll axis attitude and rate contrel during powered flight is accomplished by the TVC Roll DAP. Its func-
tion is strictly to provide attitude hold about the roll axis of the spacecraft by means of RCS thrusters.

ENTRY

The entry autopilot provides attitude control of the command medule (CM) from separation from the
service module (SM) to deployment of the drogue chutes. The DAP has an extra-atmospheric phase and
an atmospherie phase. The extra-atmospheric phase provides three-axis spacecraft control for the
trajectory segment prior to 0.05 g and accepts attitude commands from entry guidance to orient the 5/C
for the onset of 0.05 g. The at pheric phase provides attitude control, after 0.05 g about entry roll or
about the vector direction of 8/C velocity relative to the air mass, to steer the $/C along the entry trajec-
tory. The DAP accepts steering commands from the entry guidance programs.

SATURN TAKEOVER

In the event of a Saturn instrumentation unit (IU) fail, a capability is provided for the CMC to issue angu—
lar rate steering commands to the IU autopilot. CMC takeover of Saturn control, which is accc
by means of the LV GUIDANCE switch, may be an automatic or manual steering mode,

The manual or stick mode is available by keying V46E, which terminates computation of automatic mode
attitude errors. Diserete rate commands, based on erasable parameters, are Initiated by means of the
RHC and transmitted to the IU autopilot.

DAP DATA

The DAP registers containing the variable parameters which determine DAP selection and desired DAP
performance are accessible by keying V48E,
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CS5M DAP CONTROL
V48E
Flashing V04 N46

A B C V] E
Register 1: | CONFIG l XTAC LXTB[J | e l RATE |

CONFIG - Vehicle Configuration

0= Mo DAP is requested

1= C3M alone

2= CSM oand LM

3= SIVE, CSM and LM (SIVB control)
G= CSM and LM {ascent stage only)

XTAC - X-Translations 1 sing Quads AC

0= Do not use AC
1=Use AC

£

= ¥=Translations Using Quads BD

0 = Do not use BD
1=Use BD

DB - Angular Deadband for Attitude Hold and Automatic Maneuvers

0=:0,5 degree
1= 150 degrees

RATE - Rotational liate for RHC in HOLD or AUTO Mode and for Automatie
Maneuvers,
0= 0.05 deg/s
1=0,2deg/s
2=0.5 deg/s
=20 deg/s

Register 2: [AC Roll L Quad A | Quad B

Quad C i Quad IIJ

AC Roll = Roll-Jet selection

0 = Use BD roll Quads
1= Use AC roll Quads

A, B, C, D - Quad fails

0 = Quad has failed
1 = Quad operational

Flashing V06 N4T

Register 1: CSM weight in pounds
Register 2: LM weight in pounds

Flashing V06 N48

Register 1: Pitch-trim gimbal offset, in 1/100 degree
Register 2: Yaw-trim gimbal offset, in 1/100 degree

AUTOMATIC MODE ATTITUDE HOLD MODE
1. Automatic three-axis rotation, 1. Manual three—axis rotation and trans-
lation.
2, Manual three-axis rotation and trans-
lation 2, RHC produces a rotational rate as
specified by N46 while out of detent,

4, Attitude hold to program or manual :
defined attitude, 3.  Attitude hold to attitude selected via

s hand controller.
4, Automatic rate damping.

4. Automatic rate damping.
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LM DAP CONTROL
Flashing V04 N46
A B C D E

lfONFIG | ACC | ACA | -DBE | RATE I

Register 1:

CONFIG - Vehicle Configuration
1= Ascent stage only
2= Ascent and descent stages
3= LM and CSM docked

ACC = Acceleration Code

0 = Two-jet translation (RCS System A)
1 = Two=jet translation (RCS System B)
2= Four-jet translation (RCS System A - minimum impulse)
3 = Four-jet translation (RCS System B - minimum impulse)

ACA - ACA Scaling

0 = Docked (4 deg/s, max, rate)
1= Normal (20 deg/s, max, rate)

DB - Deadband
0 = 0.3 degree
1 = 1.0 degree
2 = 5.0 degrees
BATE - Maneuver Rate {Automatic Mode)

0=0.2deg/s
1= 0.5 deg/s
Z=2,0deg/s
= 10,0 deg/s

Flashing V06 N47

Register 1: LM weight in pounds
Register 2: CSM weight in pounds
Flashing V06 N44

Register 1:  Piteh-trim engine gimbal angle, in 0. 01 degree
Register 2:  Roll-trim engine gimbal angle, in 0. 01 degree

AUTOMATIC MODE ATTITUDE HOLD MODE

1. Automatic three-axis rotation and 1. Manoual three-axis translation.
ion,
translation 2. Manual three-axis rate command using
2. Manual three-axis translation, V7T
3, Manual X-axis rate command 3, Manual mi impulse co d
(inhibited in LPD phase) using V76,
4. Attitude hold to program defined 4. Attitude hold to attitude selected via
attitude hand controller
8. Automatic rate damping 5. Automatic rate damping

V17 - Used to provide a manual rate command.
Commanded rotational rate is proportional
to hand controller (ACA) deflection, Masxi-
mum commanded rotationsl rate s either
4 deg/s or 20 deg/s s chosen in DAP Data
Load routine,

V76 - Used to provide a minimum Impulse command,
Releases Attitude Hold mode and allows vehicle
to drift freely. One impulse is produced for
each hand controller (ACA) deflection greater
than 2,5 degrees.

RCS PHASE-PLANE

CONTROLLER
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PHASE-PLANE FUNDAMENTALS
_—tt e

The equations describing spacecraft attitude errors and attitude rate errors in the phase plane are derived as follows:

ATTITUDE RATE ERRORS ATTITUDE ERRORS
el = 6 - ép Y W || ety=o-ope &)
where whers

&it) = Altitude rate errar et} = Attitude error

fip () = Desired attitude rate #pit) = Desired spacecraft attitude

= éD {ty) {desired rate is constant over = fp i) * dp i)t - ty)

sample interval)
(desired attitude should be integral of desired
rate for proper phase-plane control)

= Bty +aft - ty) At = Aetual spacecraft attitude

& : : L
{a = eontrol + disturbance acceleration =00+ Bl -ty) +5a (- t®
and is assumed constant over sample

#(t) = Actual spacecraft rate

interval) 1 2
. . el = dtal - Infto) b 18 ko) = dp (ol (t - ta) + 5A0 - bl
L Blt) = 8 {tg) - ap gl + ait - ty) @ —_—— ———— “
%o i
]
Equations 2 and 4 above ean be combined to eliminate (t - ty) and solve for the phase plane equation of ey,
ey = ey + [¢% - 6.2/ [for constant torgue] (5)
or
€{t) = £, = constant [for zero torgue] {6

Equation 5 describes a parabola that goes in a clockwise phase plane direetion for negative applied torque and in a
counterclockwise direction for positive torque, Equation & describes a straight line going to the right for positive initial
rates and to the left for negative Initial rates, Equations 5 and 6 together deseribe u typical limit eyele trajectory that
travels in a clockwise direction about the origin of the error plane as shown below,

ié

Coast With Positive Rate

/— Apply Negative Confrol Torque
= o [ attltude error)
Apply Positive A—q—

Control Torque

Coast With Negative Rate

OPTIMAL PHASE PLANE CONTROLLERS
(double integral plant with maximum control aceeleration = =)

TIME-OPTIMAL CONTROLLER FUEL-OPTIMAL CONTROLLER COMEINATION CONTROLLER
,ﬂ" é
Negative Negative Negative
Torque Torgue
Region © Region
i dB
e e -dB
Positive Pasitive Positive
Torque Torgque Torque
Region Reglon Reglon
Switching Switching 2
Curve & = &7 Curve e= &
2a 2a
PURPOSE: PURPOSE: PURPOSE:
Tc_r t_:rlng e and e to zero in To bring e and & to zero with mini- Tao achieve a satisfactory mix of time and fucl
minimum time, rr!u-? !ucl consumption. (& must be optimal contrel and at the same time minimize the
di 1¥ small for number of RCE jet firings by cstablishing coasting

fuel. This drastically increases
Tesponse time. )

deadbands,
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LM UNDOCKED PHASE-FPLANE

The purpose of the LM Undocked Phase-Plane logic 1= to compute and issue commands to the RCS thrusters in
order to null spacecraft attitude and attitude rate errors. The thruster commands are in the form of a signed
time, where the sign indicates the sense of rotation (positive or negative) and the time is the duration of thrusting
required to reach the phase-plane switching houndary, In erder to achieve these ends, the phase-plane is divided
into two principal regions, ROUGHLAW and FINELAW,

ROUGHLAW

The ROUGHLAW phase=-plane logic is used for coarse control of
the sp ft when the ph pl errors are greater than

11. 25 degrees and/or 5. 625 degrees/second. The division be-
tween the positive and negative thrusting regions are shown in
the diagram on the right.

FINELAW

The FINELAW phase-plane logic is used whenever the phase-plane errors are less than 11, 25 degrees and
5.625 degrees ‘second.  The FINELAW phase-plane is configured differently for powered and coasting flight
to P for affset 1 ions caused by the DPS or APS engine not thrusting through the LM center of
Eravity.

*  DRIFTING FLIGHT

The drifting flight phase=plane is set up to achleve a mini-
mum i pulse Hmit cyele. When the phase-plane errors are
in the minimum impulse zone, a li-millisecond jet firing
will be commanded, This should he sufficient 10 reverse the
sign on é and cause the spaceeryft to drift back to the other
deadband.

o
¢ POWERED FLIGHT g gf{
FrEL :

When the DPS lrim gimbal system is operating during ';}Ir‘;w: i
powered flight, the offset accelerations (ACS) will be nulled
and the phase-plane locks like the drifting flight phase-plane
except that the minimum impulse zones are eliminated.
when the gimbal teim system (GTS) is nol in operation
or when AOS is too large 1o be nulled within 2 seconds,
the phase-plane logle is set up according to the magnitude
of AQS as shown below. The switching curves are then
established based on AOS (disturbing acceleration),
Apgpn (104 deg—recs,fsecond‘},ANET NEG {accele.rnl.ion due
to negative jets + AOS) oF ANpT POS {ueceleration due to
positive jets + ADS) and the established deadband (DB).
‘The DB is selected as 0.3, 1, or 5 degrees dependent

upon the mission programs nnd the LM astronaut, FINEL Mo DHASL DLANE
POWERTD FLICHT  {wMEW C15 I8 MLcwER)

!

| | ]

hur,

ADS

}
Ay (1.4 /57 .1t/ 0 #0010/ Ay (L4 /5 (et disturbance acceleratior
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LM/CEM DOCKED PHAS

LA

The purpose of the LM/CSM Docked autopllot is to provide backup atlitude eontrol of the docked configaration
during drifting Flight and docked DPS burns.  Since this is a backup nutapilot, simplicity is stressed rather than
performance.  Simplieity 15 achieved as fllows,

*  The same RCS phase-plane &5 used for all three control axes,
& Omly two-|et thrusting is allowed for each axis,

®  Jets are turned on or off ot contral snmple Intervals rather than computing the thrasting time requlred
to reach the target switching point, °

@ The target switching parabalas are replaced by steaight line segments,
The desigm abjeetives of the simplified autopilot are to:
s Enable Jow rate attitude maneuvers or attitude hold during drifting fight.
= Ennble RUS attitude contral in conjunction with the GTS (Gimm] Trim System) during docked DPS burns,
*  Heduce the probability of bending nmsde i in excess of d i load eriteria.
s Perlorm the above tasks assuming that the mumber of jet firings and RCS fuel usage are noneritical.

PHASE-PLANE MECHANIZATION

In order to achieve the nhove design ohjectives the LM/CEM Docked phase-plane employs eate-limiting, target
rates, and jet inhibition logic in addition to the normal ohase-plane logic,

RATE LIMITING &

Rate limiting is ineorporated to prevest the RCS jets from

causing attitude rate errors exceeding 1. 125 degrees /sec- COAST \MMER, RATE
and. This number was chasen to allow the heaviest con- LT 125 Yaee
figuration to reach a limit eyele with zero avershonta, —
»
e
CORST
TePICAL FOR VE
MEANVY LTS CONFIGURATIONS
TARGET RATES &
Target rates of 40, 1 degree/second for positive thrusting
and -0. 1 degree/second for negative thrusting are Ineorpo- CORST
rated during powered flight, (Target rate = 0 for drifting
flighy This allows a steady state limit excle ta be reached "‘*\,
in time by the phase-plane logic when e \.__‘
the jets are on and thrusting toward the target rate, Hx &
TYRICAL TAECTORY P
L conicuRaTION LONET
WITHOUT TARGET HATE:
&
JET INHIEIT LOGIC
Jet inhibition logic operates to reduce bending made exci-
tation by ing jet from g sign at
a rapid rate, That is, if the jets are firing negative ard the = TARLET
phase plane logic calls for positive jets, then the jet inhibi- ] =
tion logic tume the jetz off for a periad of 1 second {0, 4 SThRGET - ]
second for the pitch axis) before they can he tumed on again, ERTE
CORST
TYFICAL TRAJECTORY FOR LIGHT
LISCEM CONFIGLNATION,
WITH TARGET MATES

¥ e (dqreu}sk_.}

= NEGATIWE
.75 s TQ
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POSITIVE % R
TORQUE. Ny . 125 Farc
REQION % B R

LM,/CSM DOCKED
PHASE - PLANE
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GTS ATT!

/DE CONTROL SYSTEM
The Descent Propulsion Syatem (DPS) engine is mounted on gimbals so that it can ratate about the LM piteh and

roll axes thereby aligning the thruest vector with the LM conter of gravity. This feature can be used for attitude
control §f the attitude error and error rates are small.

GIMBAL TRIM SYSTEM MECHANKIZATION

‘The Gimbal Trim System (GTS) is controlled by the LGC which
issues only on or off commands. The GTS responds to these
commands by rotating the DPS engine nbout (ts hinge pin at a
constant rate, R, The resulting deflection of the DPS engine
produces an offset torgue on the LM which can be used as the
eontrol acceleration. The relationship between this angular
acceleration nnd DPS engine deflection 15 given by Equation 1,

§ T FL&

CEMTER
— OF
CRRUTY

i ke i1
where
= apacecealt angular acceleration TRIM GIHBAL THRUST
1 = spacecraft moment of inertla HINGE Piny (3
T = torque due Lo DPS engine gimbaling

= FLsin 5 = FL4 (small angle approximation)
© = DPS engine thrust

= trim gimbal hinge pin to center of gravity distance
= gimbal deflection

o

Gimbal
| Drive Trim Deflection Contrel
I =1 Actuator Gimbal Limiting Elfectiveness
tu-f 0 .
1 1 H b [’ . P
LGC i R FL o
1 Cantrol 0,098+ | | Drive Gimbal 1 Spacecrall
1 signal Rate -& | Deflection Angular Acceleration
(R=0.2° /)

GTS FUNCTIONAL BLOCK DIAGRAM

GTS CONTROL LAW
The GTS control law has two modes of operation: Acceleration Nulling and Attitude Control.
ACCELERATION NULLING MODE

The Acceleration Nulling mode is used when the RCS phase-plane ecrors lie outside the coast zone and the RCS jets are
therefore controlling attitude. In this mode, 2 drive tme is computed to drive the trim gimbal o that the thrust vector
is aligned with the LM center of gravity.

T = 0.4 FLR/1
where

T = drive time duration
FLR/1= control effectiveness
0.4 = gain factor used to prevent overshoote in the control law,

ATTITUDE CONTROL MODE

‘The Attitude Control mode uses a “time-optimal™ control law to control spacecraft attitude, attitude rate, and
angular acceleration. The time-optimal control law was chasen for two reasons:

1. Fuel cost of the control effort ie negligible because the DPS engine is on and thrusting and the electrical
power required to drive the gimbal is very small.

2. time is &n i ion because of the fixed, slow (0.2 degree/second) gimbal drive
rate.

The time-optimal control law is a thr i i ph pli type designed to drive attitude error ()
and its first two derivatives (¢ and &) to zero simultanesusly. The conteel law defines a switching surface and issues
positive drive commands when the errors ape on one side of the surlace and negative drive commands on the other
gide of the surface. Contrel loop sampling rates and GDA risetime delays act to produce error limit eyeles with
high and slow time, To for this, a control effectiveness gain of 0.3 is introduced
thereby modifying the switching surface.

é é

VEHICLE RESPONSE

2.

e e
SITCH NG
SURFACE  FoR
CONTROL EFFECTIWENESS
LR
BF HODIFIED  SLITCHIN
SURFACE FOR COMTROL
EFFECTNENESS
WIFLR
T

EFFECT OF CONTROL EFFECTIVENESS GAIN ON ATTITUDE CONTROL RESPONEE
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STATE ESTIMATOR

The purpose of the State Fstimatar is o compute spacecraft attitude, attitude rate, and angular acecleration hased on
the attitude information obtained from the CDU. The problem then is to estimate the state vector
urements of sne element of the state veetar, The solution of the problem is patterned after
3 reeursive filter with gains hased on engineering considerations eather than statistienl sptim

liltering and uses
fon.

STATE EQUATION (Continuous S\'ﬂeml

aw-=Aeew +Beluew rmw 0
18] o110 ,relﬂ o Offwj s} W &lLg are assumed constant

Gwl =|o o1 t“’m +lbw) ollus +| 0 (2) over control samplle interval
Bl 000

o {4, o Meg, b () > 1'D :
t

* ‘A
STATE EQUATION (Discrete Sysiem) Ther™ let liring Lime
Ton T
) =@t t,0)] Aty o [Pl v)] [Be] wm 47+ [t ] mendY (2
or: o toner
den = o] 2oy *[G) U, + da, @
STATE TRANSITION MATRIX
Iotate, T 2| |1 T2
T L - | Bt R I et l=le £ P (&3]
Bad = [t 0 1T T 0 0
Bl Py N
DRIVING MATRIX N
e 1 o7 eomalfo o
6..]= | [t v Ber]dr - o 1 T |5l O Y ()
o 0 1 o} 1
Ty o
o *
G T W (5 Tee (T-Tmfz)  TA
= b, (7] ta-? |d¥ = Tet T ()]
o] 1 ¢} T
ton,

MEASUREMENT EQUATION

8. = Bl v Mgy (mep,- messurement mise, primarily CDU quantizing error ) ®

NOMENCLATURE
x(t) = state vector
uith = control or driving vector
a{t) = process noise vector
a(t) -  spacecraft attitude
wity = spacccraft attitude rate

ity -  spacecraft angular acceleration

uy - angular acceleration due io RCS jets

ug = rate of change of angular acceleration due o GTS

g i due to CG + nozzle erosion, propellent
slosh, and s0 on

i = measured spacecraft attitude

iy 1y time of present and past state vector estimates. respectively

T contrel sample interval

Tjﬂ = duration of RCS jel firing
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TIMATOR {Cont

STATE ESTIMATOR MECHANIZATION

The State Estimator is mechanized as @ two-part process: State Vector Extrapolation and State Veetor Updating.

State Vector Extrapolation

The state veetor is extrapolated using Eguation 4 where the state transition matrix [&,_q] is defined in Equation 5
and the driving matrix [ Gp_y| in Equation The process noise is assumed to be random with sero mean =o that the
hest estimate of its cffect on the state vector is zero.

6{:‘ * am—- + T E-AJ,.\_, *T;'a &,,._, * Tier (T—_T;“f'z) u; + —r'/l g [&)]
Cd:.. = (l:lm_l + T&_M,, + Tt Uy » "I‘?z g N
d"m b &mq +Tlkg i)
State Veetor Updatin
The state veetor is updated hased on the weighting functions and the measuren
0 r r
8. =6, ¥, (B, -6.) (12)
fi),,‘ A *K‘-;CT{BM— 8.) (13
G = Of +Kesr 2(8,-6) )

The measurement residual is the difference between the actual measurement, 0, and the expected measurement,
Lk i

noise, nopps is assumed to be random with zere mean and the best estimate of its effect on the measurement is

therefore zero.

The weighting lunetions use a threshold logic to filter out CDU quantizing roise. This means that if the mensurement
residual is less than o preselected threshold, the welghting function is zcro and the measurement residual is ignorel,
When the measurement residual is above the threshold, the gain is rot zero and the measurement resideal is used 1o

update the state vector, In other words, small variations between the measured and d attitudes are d

to be due to CDU quantizing and large variations due to spacecraft maneuvering,

The weighting functions alse vary as function of the time since the measurement residual last cxceeded the threshold
Tevel.

Weighting Functions
bt A e Attitude Rate Gain Angular Aceeleration Gain

Attitude Gain -
Qar |9,,; 9,,! 4 Bt Ku=0
r
for 108,18 Bne?

# . The expected measurement is cqual to the extrapalated cstimate of sp:lccr_'r':'l‘ft attitude, beeause the measurement

Bor 8B | & Bpuuy 2 Kg=O

K .
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Kg=0 w0 T Sor 1808017 B N \Al Sor 18m-8.21 > Bune *
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L/ACCS ROUTINE

The 1/ACCS routine is scheduled by Servicer every I secosds duriag pewered flight.  The purpose of the 1/ACCS
routine i8 to compute accelerstions due to RCS jet firings, vehicle moments of ineriia, and the vehicle center of
gravity as fusctions of vehicle mass, The mass of the vehicle is computed by Servicer every 2 seconds to accosat
for tuel consumed by the main thrasting engine. The mass computation is performed according to Equation 1 based

as velocity changes measured by the PIPA's,
v
mit e (1 '\.-_)
e
where

m ik} vehicle mass s current time, t .
m L) = vehicle mass at last time increment.

B}

&V = change In velocity 28 meanured by the PIPAS between times t,_, andt .

V= exhaust velocity constant
V JDPS) = 2,555, 859 meters/second
V IAPS) = 3,010 meters/second
VIRCS =V JDPS) or V_ (AFS)

The functions used by 1/ACCS to compute jet accelerations, moments of inertla, and cester-of-gravity location

are given bolow

RCS Jet Accelerations

Oane-jet sccelerations ary computed us hypertnlic
functions of vehicle mass,

a
a,» ———

T

where

m = mans of vehicle (Eguatics | abave}
a,b,c = constants
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Vehicle Moment of |nertia

One-jit sccelerations for the piteh and roll axes ia
the CSM/LM docked configaration are eq:pmd
secording to ;= T/1. The torque, T, s a8
sumed onesu-t and the izertia, I, is competed

a3 o quadratic fusction of the LM mass and

the CSM mass,

Temd s by's cxpedue ey+ f

whers
1 = moment of inertia sbout pitch or Toll axes
x = C5M pass

¥ = LM mass
ab, ¢, d e~ constasts

AVERAGE NDUEHT OF INERTLA [ (an 1lug. )

&

2 =
L

i

L R

DESTANCE L {in foas)

Hinge Pin to Center of Gravity Distance

x
L DM masss b *

where a, b, ¢, = constants
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x = C8M mass
¥ = LM mass
a,b, e, d,ef = constants
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GUIDANCE ¢ NAVIGATION
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ATTITUDE
COMMANDS
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DIGITAL
AUTO PILOT

(LANDING RADAR)

THRUST VECTOR

LUNAR LANDING GUIDANCE

LUNAR LANDING NAVIGATION

THE QUADRATIC GUIDANCE EQUATIONS
GENERAKTE THRUST & ATTITUDE COMMANDS
BASED ON THE PRESENT VEMCLE STATE

VELTOR AND THE DESIRED AlM POINT
SPACECRAFT TO ACHIEVE THE DeESIRED

CONDITIONS. TTHE THRUST ¢ ATTITUDE
TRAJECTORY.

COMMANDS ARE EXECUTED EY THE

\S PERFORMED BY THE STATE

NAVIGATION
VECTOR UPDATE ROUTINE WHICH LSES A

MODIFIED KALMAN FILTER TO0 ESTIMATE THE
VEHICLE STATE VECTOR TBASED ON PIPA §
LANDING RADAR MERSUREMENTS.
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PRIMARY CONSTRAINTS ON  LUNAR LANDING

THE  mITURL POWT VS CONSTRANED
N POSITION AND VELOCITY

Cea—ina  Cesning ored Flegd = To = PRESENT POSITION
it = o (SOFT LANTING) At = Ah = PRESENT VELOCITY
INITIAL
TERMINAL
con:L:r“\?:l CONDITION
e ] DES) [
IRED ity-M
: TRAFECTORY |
I i TIME
ta Tz

EXPRESS LEM POSITION AS A

TRYLOR SERIES
ABOUT THE T

Pl = Tl « T LT v Fu;\(%g\‘,

- Vlrg) var

RMINAL TIME Tp.

BASIC GUIDANCE SCHEME

EXPRESS VELOCITY ANMD ACC-

W TIWE EXPRWDED ELERMTION RS THE FIRST AWD

Gt v ekt . . ool = aleg) + e ety ees
3

CAPABILITY OF THE BAGIC CUIDANCE SCHEME

THE FORM OF THE ACCELERATION PROFULE 15 DETERHMINED BY THE
NUMBER OF TERMS MOUDED M THE TAYLOR SERES EAPMSION OF ¢l .

ORDER OF
EAPANEIDN
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ACCELERATION
PROFILE

POSTTION
CTOMSTRMUT

Pl T T Ty Y
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COMPUTE  THRUST COMMAWDS
FROM THE ACCELERATION
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SECONDARY CONSTRAINTS OF LUNAR LLANDING

® REACH TERMINAL CONDITIONS WITH HIGH ACCURACY
® VERTICAL DESCENT FOR LAST 200 §t. AT A RKTE OF -5 #t/gec.
® LANDING SITE WISIBILITY FOR 200 SEC. BEFORE TOUCHDOWN

MODIFICATIONS TO BASIC GUIDANCE SCHEME

THE FOLLOWING MODIFICATIONS WERE MADE TO THE

BASIC QUADRATIC GUIDANCE SCHEME 1N ORDER "TO ACHIEVE
THE SECONDARY CONSTRAINTS OF LONAR LANDING

ALTITUDE

® THE DESIRED TRATECTORY IS REDEFINED ON EVERY
ITERATION CYCLE (2 SEC.,) SUCH THAT THE INITAL CONDITIONS
[E[to‘r,rlﬂt,)) ARE THE CURRENT BEST ESTIMATE OF VEHICLE
STATE AS DETERMINED BY THE STATE VECTOR UPDKTE ROUTINE.
THIS ENABLES PIN-POINT ACCURACY BY ELIMINATING CUMULKTIVE
ERRORS IN THE IMPLEMENTATION OF THE RASIC SCHEME.

® THE LRANDING SEQUENCE |S DWIDED INTO THREE PHASES EACH
WITH TS DWN FINAL CONDITIONS OR. piM POWTS.

1. BRAKING PHASE
THIS PUASE BRAKES THE LEM DOWN FROM ORBITAL
VELOQITY AND 1S TARGETED SUCH THET “THE LANDING SITE

VIGIBILITY CONSTRAINTS CAN BE MET DURING THE WIS\BWTY
PHAGE .

2. VISIBILITY PHASE  (APPROACH PHASE)
THIS PHAGE 1S FLOWN WITH THE LEM ORIEENTED SUCH
THAT THE LANDING SITE 1S VISIBLE FOR LANDING SITE RE-
DESIGNATION. “TARGETING S CHOSEN TO VYELD THE PROPER
INITIAL  CONDITIONS FOR VERTICAL DESCENT CONSISTENT
WITH THE VISIBILITY CONSTRAINTS.

3. VERTICAL DESCENT PHAGE
THIS PHASE REDUCES “THE SPACECRAFT HORIZONTAL
VELOCITY TO ZERO AND VERTICAL VELOCITY TO % 5 gec,
QUADRKTIC GUIDRNCE 1S NOT USED.

IGNITION HI Low
V2 5600 ftfsec. GATE GATE
W2 50,000 §t. V= 330 8, V= 7 $/sec.
ﬁ'&-s’&f a J3005% H = 200§t
el it = —16H Py, ™ M-bEtSEC
TOUCHDOWN
VERTICAL
_.| | pescent
DURKTION
2 4O sEC.
BRAKING PHASE APPROACM
DURKTION =% 560 sec DURNTION % N5 suc

SUBFACE EANGE
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DERIVATION OF QUADRATIC GUIDANCE L AW

EXPRESS THE POSITION, VELDCOITY £ ACCELERATION EQUATIONS W MAETRIX FORM

aw | Ttk T

frol=| Te¥ T T
L)

2
rw Tgo¥ Vol Tee ’/b: Tef T 1 (s

WHERE & Tge = £-tg

5

REARRANGE THE MATRIX EQUATION SUCH THAT Qlt),5¢ &y ,THE DEPENDANT
VAR'I.AELES)NRE EXPRESSED I TERMS OF n\rlﬂ T {}; 17 ﬁM‘; 1THE INDEPENDANT

VARIABLES .

SOWE THE ABOVE EQUATION FOR Q)

Q(t) bfj{Tao _‘ahgez 1 En,f._rao
c:'_,; - ZH{CT,E -?2/_1.;0, IZ/T;. %/LF.JE ?Z/T.; r)
W | % g *"f'r,, W 23

o 0,1 o o |ar
SRR | N I PSP S
'Tﬂ‘% “TEh|[S5 |1 0 Te 1 Of [t

1o A-CG+ DH

[ - B= EG+FH

0 Ty T 1] [Qs s & D
Wy =EG = -B+FH

- [& #I[

el |EIEGRIE

-1 3 :l.: .
2z || @ 1a-vig
: A-11INI B
Qg
ny
e

QUADRATIC ACCELERKTION EQUATION

TIME-TO-GO COMPUTATION

Q) = Q¢+ L lete) s 5;(&,%;\"
(IHERE 2
dg= ~%‘(rrroi~%w.oml-%m
S5~ %ﬁ([;-f-)t%(@ﬂaﬂh%}g‘
LEADTIME  COMPENSATION

)=yl =TI+ 5p (t%t(}

T (LEADTIHE)

Tao*
T
I § S¢ ARE EVALUATED KT to . Qlt) s

EVALUKTED A 1T, TO YIELD LEADTIME
COMPEMSATION.

Q) = Qg+ iy T +s¢*!r,:
=(-2 1, +a|._i”_) -1,
(—18 ‘p Mmf;g )

(3
+( b%:: —c.%i +1)g,;

ATTT=

TIME TO GO 15 COMPUTED 10 SKATISFY
THE REQUIRED FINAL VALUE OF DOWN-
RRNGE JERK .

FROH THE ABWE EQUATIONS

Iy = %1 (%) —%.J Wy *303,) '-\-%.q‘h_

THIS EQUATION 1S5 SOLVED FOR Tae BY M
NEWTON-RAPHSOM (TERKTION TRELHWI

$ia) Lmt oF 'rnx,:.ur.v
VewTon f.-.A.nw. = 4} i
EMAPSOM
Rln)
'F'M~|
'ﬁ(r.rr} L
5.1,: Fla)

TO FIND A, %
INITIAL GUESS = de
NEW AFFROLMATION = A,~B%

To FiLWD TIME-TO-GO &
INITIAL GUESS = TTT
MEW APPROKIMATION = TITT-ATTT
T TTT 2 b0 TTT5 (g 430 ) TTT =24 (- T)

3 jh‘ﬁ"r‘ Y120 TTT ?h(ﬂ.‘r's.\!f‘]
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BASIC MECHANIZATION OF QUADRATIC GUIDANCE (P63,P6t)

THE FOLLOWING SEQUENCE OF COMPUTATIONS 18 PERFORMED
DURING EACH TWO SECOND GUIDANCE CYCLE.

1. COMPUTE TIME-TO-GO

COMPUTE DTTT]

[TTT =77T+07T7T]

M 8 ITERATIONG DYooy

ALARM

DTTT =-

- kS z
Jea TTT + b0 ™™ +(18 g, + bap TTT+24(5 -G,

g TTTE 1200, TTT

+(18 0, + b NG,)

€ 1S WITIAUTED OW EACH 2 SEC. CYCLE

e= TTT/I.ES

1500 X\

2. COMPUTE ACCELERATION COMMAND

52
T3 Tof ‘fa?
T e ) (_ A Tsé )
Qg= ( 24 3& abTaul' (G-fo) + :; T + 24 o
To¥ T ¥
+( b_r'in e '!.."u )ﬂ__r +(bT_5°2_¢DTiE “'l)g-{: -9
‘50 39 T%O Tan
COHERE 2
¥o] PRESENT UE £
-o} oA i ERASABLE DATA LOAD  AIM-POINTS
FROM STATE-VECTOR
UPDATE ROUTINE PL3 Pl
QL) DESIRED AIM-PoinT re - E—sn%ss } [fs'%s }
cowp =
W[ o3 e Tony | OR (4t) 17514y -27.35
(ERASARBLE LOAD) p? [—-Haﬂb ji {_3‘5-3}
7= [2) 0
T = TTT As pie *,
Ca DETERMNED NEOVE Brfsec) | -166.75 02
-.7/8 07717
Tgd =TTT - LEADTIME Sg= [ a i } ]
( LERDTIME =-2,72 s&c (stfsec®) | -8 30 -.589
ERASABLE LOAD) - 2 i
9= GRAUITY VECTOR de s <hSi2 xi0 L3710

[Pt/ sec?)

RADIAL GUIDANCE

—%q .

IF THE DESIRED ACCELERATION \S GREATER THAN MAK. ENGINE
THAUST , THEN DOWKRANGE THRUST 1S LIMITED.

X
8 £ MAX. THRUST LEVEL

RADIAL THRUST COMPONENT

CORRECTED DOWWRAMGE THRUST
DESIRED DoOww RAMGE THRUST
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BASIC MECHANIZATION (cow)

3. ALIGN THE GUIDANCE COORDINATE FRAME

THE GUIDANCE FRAME \S ALIGNED SO THAT THE CROSS-RANGE (Y—convonswﬂ
OF JERW IS ZERO KT PHASE TERMINUS.  THE Y-COMPONENT OF :"--C S

GWEN BY THE QURDRATIC GUIDANCE EQUATIONG,

SC-41

LUNAR LANDING — STATE VECTOR UPDATE RECURSIVE FILTER

BLOCK DIAGRAM
LR DATA REASONABLENESS

LANDING RADAR TESTS AND ASTRONAUT
MEASUREMENT TESTS APPROVAL wllpp
4% =44 i . UPDATED
LANDING Al X STATE
RADAR WEIGHTING VECTOR
FUNCTION Sy

fus wa)

. o 24 b
it e (Ao +305.) - _T"—%(r,;;rg*)f_??a,g* U = UNIT (Fig)
THE ¥ -COMPOMENTS OF THE AIM-POINT VECTORS | Uy = UNIT (\_f‘us((r,-g,&.))
ARE SPeC\FIED AT Z2ERO ! T‘; =N, = g, =0 LY
.1 LAt ¥ %
e gmol am LB thag = g * Mg
- Tlaoz o‘. * :‘:‘E“;‘3 oy

Or: fo - ag, =0 v Taey -
oy 7p-< Moy ;’)(_ ..o_l_.._lr 8]

THUS , THE GUIDANCE FRAME 15 ALIGNED wWiTH 7S
Y-Ax1s PERPENDICULAR TO THE VECTOR L[‘u—A_J'qT_La}
W

4, COMPUTE THE WINDOW POINTING VECTOR

AT

‘u-wnv =unT () P-bY ok Q/Ev

Y

s A IF oLs 15° THE LANDIN
. e T oL E LAN

SHTE 1S MNOT WISIBLE AWND THE
A, P-L3 WIMDE W- POIMTING VECTOR 15

b i
v

L3 ALIGNED ALONG 2.
\ — IF o2 25° THE LANDING
SITE 1S WISIBLE AND THE
WIKDoW -FOWTING VECTOR 15 LURIAR
\ ALIGNED RLONIG Ty - SURFACE
\
\Cp

IF 157400 < 35% A SHOOTH

\ TRANSITION 1S NMADE BETWEER
\ll THE ABoJE Twd CRSEL.

| Wwpp = 81 ‘-ii(,‘ + B2 (fg~Tp)

\ l Bl
1

— ®
SPACE-CRAFT ’

ORIENTETION oL = (UNITLrg) % 9_&3?) BV
THE X-BODY AXIS 1S = ANGLE BETWEEN Tgé At WORMALIZED FoR
ALWNED N.ONE‘STHE ARIY CROSS - RANGE THRUSTING -
DESIRED THRUST VETTOR Ay,

THE Z-B0ODY AXS |\S
ALIGRED 1 THE PLENE
COWTRIMIMNG By € Lypp

5. COMPUTE THRUST MACNITUDE

g
ACTUAL THROTTLE SETTINGS ArE & °°
LIMITED BY ENGIMNE CONSIDERKTIONS o
TO 293 % OF FULL SCALE OR LESS %aa-
THAN L3 - e}
("]
ERASARLE DATh LOAD PRRAHETERS Vi)
LOCRIT 5985185 = 57 % u
HIGHCRIT bb!/5 LBS = 63 % 50
Q
4
ﬁZD__
— MMAMUN. THROTTLE LRVEL

z'c qlb ) 80 o
DESIRED THRUST 1aLl (%)

EXTRAPOLATED
GEOMETRY VECTOR STATE
RELATING PIP's USING PIPA
TO LR OUTPUTS
wh ONCE EACH 2
SECONDS

®  STATE VECTOR EXTRAPOLATION PIPA AV PULSES

AVp

aVp  Epoidt
Ip Yo tlln-tyy) i!l’l-l LT

-t

% G at
¥p Vp-1 AN H Rty T

P = PLATFORM FRAME
®  STATE VECTOR UPDATE
Ip by wilyp
l" = +

Tp | [fmwulspy

CONDITIONS NECESSARY TO UPDATE STATE USING LR RANGE DATA:
s  LANDING RADAR IS NOT BEING SWITCHED FROM POSTTION NO. 1 TO POSITION NO. 2
®  RANGE DATA MEASUREMENT TESTS ARE SATISFIED.
DATA GOOD DISCRETE HAS BEEN PRESENT FOR 4 SECONDS OR MORE.
LR RANGE SCALE HAS NOT BEEN CHANGED WITHIN LAST SECOND.
MEASUREMENT RESIDUAL (&q) IS WITHIN SPECIFIED LIMITS |éq] = DELQFIX* +0.25 (g') (only in Pe4)
s ASTRONAUT APPROVAL FOR UPDATING HAS BEEN GIVEN (V57).
CONDITIONS NECESSARY TO UPDATE STATE USING LR VELOCITY DATA:

®  LANDING RADAR IS NOT BEING SWITCHED FROM POSITION NO. 1 TO POSITION 2.
* VELOCITY DATA MEASUREMENT TESTS ARE SATISFIED:
DATA GOOD DISCRETE HAS BEEN PRESENT FOR AT LEAST 4 SECONDS.

MEASUREMENT RESIDUAL IS5 WITHIN SPECIFIED LIMITS léqu| = VELBIAS® + 0. 126 (lﬂ: - wpx Ephe
*  ASTRONAUT AFPPROVAL FOR UFPDATING HAS BEEN GIVEN (V57).

*DELQFIX = 100 ft

*VELBIAS = 2.5 fifs
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STATE VECTOR EXTRAPOLATION

State vector extrapolation is accomplished by an Average G routine at 2-second inter-
vals coincident with PIPA AV processing,

LM position veetor (r ) is extrapolated assuming constant acceleration
over the 2-second interval

1
r =T+ vnm‘.+zaatz

av En-
_ =p i a
Ip~ Ipog * ¥ opogftn — tpoy) + 75 At+ 5 At

where
rp_y = position vector (rp) at end of previous interval

¥po1 = velocity vector (5.,} at end of previous interval

A_FD = accumulated PIPA AV pulses during 2-second interval

#p-1 = lunar gravitational acceleration at end of previous interval

LM velogity veetor (vp) s extrapolated using PIPA AV pulses and the average gravila-

tinnal aceeleration over the 2-second interval

v o= v+ adt

V=¥ oy + AT + |Bn-t * Ep At
Yp=Y¥np-1+ &Y 2

where
¥n-t = veloeity (v ) at end of previous interval

ﬂpx accumulated PIPA AV pulses over 2-second interval

fn-1 = lunar gravitational aceeleration at end of previous interval
Bp = lunar gravitational acceleration at end of present interval

_HM
Ep™ 5 Ip

P
In addition to the state vector update, the following terms are computed
Altitude h'= Tp - TLg
where
rp = magnitude of position, Ip

rp g = magnitude of landing site, r1g

Veloeity vi= v
Mass my=my - 1&1’,;] mo ,-"V'e (v, = Exhaust Velocity Constant)
Velooity

Increment AV=av« [av |

LUPDATE THE 8TATE VECTOR USING
LE RANGE DATA

LUMAR LANDING ALTITUDE GEOMETRY

@ Compute the estimated altitude

b=y eyl

where

SPUERICAL
LUNAR SUBFACE

1 = estimsted altitade

| 5| = moguitnde of LM position vestor

|| = magnitude af Landing Site veetar

@ Compute the measured altitude
hebpthr

hp e Uy U

“MT Lupar
b = measured altitade Terrsin
Midel

M:nlmdcﬂmtrnm LE range dats Spb

q* = range o surface as measured by the Landing Radar Lunar "\-))/
Burface

u = wnit vector along LR range beam
“rB, P
I, = spasecraft position vestar
b = altitude eorrection from lusar terrain medel
LUKAR TERRAIN MODEL e
5000 = -
< +3500 - ik
LAXDING SITE RADIUS x
: 5 o
: i T
' : e : | -2k
i H H : L -k
H H H i -k
Py = ! =
il & S i EH b -ek
T (i E T I. v 1: R
i i H 1 4
r T t T T T - T * - 12k
_T00k 800k -500k -200% -100% L

=400k =300k
DOWNRANGE DISTANCE ity
@ Comgute the measurement residunl

ah=R-h'
where

i = measured altitude derivod from LE slant range
b= eatimated altitude

@ Update the position vector using the precomputed guin nrd measurement residual

r =t twihu
= ]

w=K {1 --:—1. b =hy,
K, =035 N o

asin fuh

Altitude {h'}
b= 50,000 ft
m

ALTITUDE CORRECTION, hy (it
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UPDATE THE STATE VECTOR USING LR VELOCITY DATA

Landing Radar has three velocity components. They are used {one during eace
2-gsecond interval) to update state according to the time iine shown below,

E.n—l Ay e—‘:n gnﬂ él"n+2
| Y jm— 2 seconds —sf 1 -~
PIPA Processing Times
V v v v
U= | x I ¥ z P
LR Velocity Read Times
q =V i # g
oo Tu ¥ =4z
u = [ Tu u . u =jC lu
! 1 1 Sy = o Hap R Yy
AP, PRy SAP - [C pBll u w PR,
'

® Compute the measurement residual corresponding to the time that the

veloelty data is read ftu]'
A0 = Gy - dy

qy = LR velocity component read at time t,;

qu = estimated component of LM relative velocity in the direction of a,

r iy
qy = ¥y -wpX Ip)- Uap,

where

* xp = velocity of lunar surface

“p

uAp,, =

unit vector in direction of LM velocity data

Yo - WpXIp~ velocity of LM relative to lunar surface

!1.: = estimated LM velocity at time ty
¥y T X1 HAY * Enog (ty - tnog)

where

¥n-p = LM velocity at end of previous update cycle

A"f" = PIPA AV read at time of LR velocity data t,

En-t = lunar gravitational acceleration at end of previous cycle

@ Update the LM velocity vector at time tn using measurement residual

and extrapolate veloeity (v )
& -

Yp=¥ptuwydquap,

Gain (wy)

y

‘ Velocity (v y

= 200 ft
ml /s Vm = 2,500 ftfs

w“l:U‘a(I—v’.-"vm],vmlfv' = Yy

’
w =02, ve ¥l
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LUNAR LANDING PARAMETERS (P83, P&4;
APOLLO 16

THRUST MAGNITUDE
(lbg)
10k 7
Ak Throttle-Up
(0:26)
Tk
5k o
sk \_
A Pe3 »re-PE4. PG
i I
1k T T T T
[ 200 400 600 B0
Time from PDI (seconds)
50k - ALTITUDE
(feet)
40 k
36 k
20 k o
10k
) - R
¢ T T T T
[} 200 400 GO0 800
Time from PDI (seconds)
125 -
INNER GIMBAL ANGLE
(degrees)
100 o
75 =
5 o
25
e R 8
o T T T T
o 200 400 B00 BOO

Time from PDI (seconds)

8k
INERTIAL VELOCITY
6k /5)
4k
2k J
(- P&3 *PG&"*
o T T T T
L1} 200 400 L:] 800
Time from PDI (seconds)
ALTITUDE RATE
(ft/s)
3 Time from PDI {seconds)
T T T T
il 200 400 600 800
-100 o
B L ﬁ-rn-pm
LOOK ANGLE
100 {degrees)
80 -
Visibility __,,
60—~ Region
40
2() e PE} e g P PBE
o T T T T
] 200 400 600 8OO

Time [rom PDI (seconds)



SC-46

LUNAR LANDING PARAME TERS (P64)

APOLLO 16
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A. ORBITAL RELATIONSHIPS

Assuming a spherical planet, the equation of motion for a satellite is given by
— m e p (1)

where
# = (M planet * Mgatenje) G
G = gravitational constant

The solution of Equation 1 is:

/e
1+ecosi

where

h = angular momentum of the satellite
e = eccentricity of the orhit
f = true anomaly
which is the polar equation of a conic. The conic will be an ellipse, a parahola, or a

hyperhola. Treating the parabola as a special case of the ellipse and considering only
the hyperbola and ellipse, the following relationships are obtained:

Angular Momentum h=r<v= t*f = constant

Velacity VI o= (2/r - 1/8)

Apogee r, = af(l+e)

Semilatus Rectum p=nh/u

Semimajor Axis a = ru/(2p - rv?) Negative for hyperbola

Eccentricity e = (1-h/ua?

Perigee =2 (1-e}

True Anomaly cos [ = -]—{%- é. sinfa L 7.5
Ellipse Only

Period P=27(a 3/2‘,{“1/!}

Mean Motion n o= ptflyai?

Mean Anomaly M=n{t-1)

T = time of perigee passage
Eccentric Anomaly E-e sin E = M (Kepler's Equation)

tan (E/2) = [(1-e)/(1+e)]"? tan (1/2)

Hyperhola Only

Mean Motion v? = pfad
Mean Anomaly M=-(t-71)
7 = time of perigee passage
Eccentric Anomaly H-e sinh H=M
tanh (H/2) = [ (e - 1)/ (e + 1)} 7 tan (1/2)

From these relationships, given an initial position and velocity vector, the orhit and
orbit parameters are uniquely determined.
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B. THE ORBIT IN SPACE

The orbit in space is defined by an orthogonal set of axes along perigee, the semilatus

rectum, and the angular momentum vector. The ordered set of right hand rotations
(Euler angles) to achieve this orientation from the earth-centered-inertial (ECT)
frame are illustrated in Figure 1 and given hy the expression

P X X
Q| = [Rg(w)] [Ry(i)] [Rg(2)] Y| = [A] ¥
Wlorhit Zecr Zlger e

@ = longitude of ascending node
i = angle of incidence

w = argument of perigee

Figure 1. The Orbit in Space

The angles ©, i, and w are generally unknowns; therefore, the elements in [A] must
be evaluated by some other means. To this end, Equation 3 is expressed as follows:

P Py Py P, [x X
Q= lax @ @] |v| = (B |v
w v We W
x Wy Wol 2] ger Z Jec (4)

The unit vector along perigee (that is, P

%' Py+ Py) can be determined by Equation
141, Page 20 of Battin as follows:

- 1 b - A
P [0 = Bin - @5 ¥ (5)
where

v = absolute magnitude of velocity

r = absolute magnitude of the radius vector
v = inertial velocity
r o= radius vector
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This relationship ig obtained as follows:

voens i

= |} (Perigee)

Figure 2
Po= € cos T - ey sin [ (6)
T
(1) g.m = L\h:E en—ﬁw;
g e
B T toqporey o talmag Flngd

p T
but F = vep = veosfi= e

T*¥
T

h
(3) sinf = I

Combining 1, 2, and I into Eguation §

P =

s
Lo

By substituting
h=rvsing, cosji= b

and adding the factor
rv?cos® fep - rv?ocos® By

the above equation reduces to

[ 625 )T - (F-V)(veosper+ veinpey) |

= 1
P- —

Since h = constant, the unit vector along h (that is. Wy, Wy Wy ) s determined
given any T and corresponding v in the orbit.  That is

o h B E @
s h  Trsing

Having determined B oand W the remaining unit vector, té. i= caleulated s follows:
Q = W, P [E]

By using Equations 6, 7. und 5 the matrix | B s determined.  That is. the crbit i
defined in inertial space.  From Enquations : T4y [A | =] B|. By eqguating elements
and by using the constraint 0° < i+ 150° _ the Fuler angles © 0 i and woare determined.
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C. ORBIT DETERMINATION

The problem of orbit desermination can be stated 18 follows: Given an initial ?‘ and
corresponding v, vector expressed in ECI coordinates, determine the position and
velovity in ECI coordinates a1 some time. ta.

From what has been presented so far, the approach would be 1o determine if the conic
is a hyperbola or an ellipse. Then use the correspending form of Kepler's equation

o solve for the true anomaly and through the orbit-in-space-transformation determine
the position and velocity at t;.

This method has the undesirabie feature of first determining if the conic is a hyperbaola
or an ellipse and requires two sets of eguations.

A more unified approach as presented by Battin 18 the universal conic equations which
are given by

2 td .
i) =[1_.rx_ ¢ flex1]] P [m- ,:— 5(x‘«,}1 v 19)
: -

- v & x? 3 i
V) = ?“; [rr. x5 mJ-X] Tyt [1-; ety )] v 1)

where
CX o) = g
2 ] 2
O URE: W i - < ¢ <
an = -y
1 2 v}
= - o= = .
=% a [ W
- E
X = for ellipse
L3
1
X =EL'—§1 for hvperbola
vk

The parameter X which is required for Equations % and 10 is determined as follows:
An initial guess for X is given by

X=X+ S 1-F;80-2F8- ¢ (= -0y ) & i
1
where

Xy = 0 for the {irst iteration wnd X for subsequent iterations

IO X it O
a2 -p

W
5 et mon)

Having an initial guess for X, an improved value is obtained by a Newton
iteration scheme as follows:

F {¥n}

R ™) (1z)
where
F (%) [—"—11- X C(Xplar )+ (Lo ) Xy S0 o)+ xy xn}

- i At

P xy) = —"--"-L{ Xp- g X! 8 (X} an]+ [(l-r‘ a1) ¥p! €2 o)

+ 1
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H Erguitben 12 continues unil sgel = %y b5 sulliciently small. The good initial geess provided by Equation 11

@ or three in most cases. The valse [or x;,q i8 then substituted into Equations 9 ard 10, thereby specifying
Fallowing the universal conle method just described, the position and velocity veetors referred to ECT

Tor wny time 1 during froctall,

The cemic seelion conee wilized for navigation requires the compatation of rajectory segments under  wide variety of constraints,

Meperiting on the constraints invelved. the set of universal equations will solve

L~ Fuplor's Problen given va, vo. sud 3t sabve for vy, vy

¢ - lambert's Probdem given rg, ry. and 3t solve for conie parameters.

Lime = Thets Problem given 1o, v, and 8,50l for 34

fius Problem given ro. vo. amd ry. solve for 31

[ = trwe apemaly measiped Pom pericemer

AL = Nlight time from g w5
= semilitus reetum

o= L a1 = semimajor axis
¥ = Might path inghe

9 = true anomaly difference (6 - §)

The vepsation =cl used for selution of the above problem is

EES WA= W ooy, xt Clax'y = 11 - raa X7 S nx
5 o1 - st Sty
1 ‘-ul%:r‘ o BT
1o CineT)

P I-vis &
.',. T R
t T

¥y

i r

—iiza.re

"
A popuw o= (1 yy

x

e . IS .
FIR rom Ll - CHEst) k- M- Siexhivg
T n
iz % *
2. vy = = ox” Blaxt) ex_ 1w, am sty vy,
Tty Ty -
R
lexy
Iheyifore:
I Kegder's Sobution, Compute r,6ousing el & using Expuat iy eory,, - - compute
ry oamd vy uEing Eguations 20
& e A, S using Bipations 15 amd 172 eompene s uging Eguation 14
11 A0 i with e dbesieed 30 adiust ol y,, dmb ropeat.
£ stivar, Uit el gy, wsing Bguanions 22, B6, and 17: sobee for x using Equition 14

At sinz

o et 3y using Eguations 22, 16, 17, and 17; compute »--n% wsing
il csnpurte A using Squition 135,
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D. DISTURBANCE ACCELERATIONS

So far the planet in question has been assumed to be spherical which is not the case
for either the earth or the moon. Nor have the effects of the sun and the moon on the

earth or vice versa been considered. Therefore, Equation 1 must be modified as
follows

de? 1 - .

ay is the disturbance acceleration due to

1. oblateness of the earth or the nonspherical shape of the moon depending
on which reference body is used,

2.  the effects of the sun,

3. the effects of the secondary body on the primary body: that is, effects
of moon on earth if earth is primary body and vice versa.

Analytical expressions for d4 are given in R-577, Section 3. Since sz i= small in

i T
comparison to —— . the two-body orhit eiven by Eguation 1 is used as a reference

or osculating orbit which is perturbed by aq. The actual position and velocity vectors
are, therefore, piven by

T o= Futé
.- @)
where

T 2nd v, are the position and velocity of the two-body conic solutions,

6 and ¢ are the deviations from the two-body conic solutions of position and
velocity. respectively.

Differentiating Equation 24 and substituting into Equation 23 gives the following cxpres-
sion for the differential acceleration

a2 u red o -
A [l-*—f'.v-]l‘-*5 .0y (25)

subject to the initial conditions

- da -

G (t,) =0, o ()= o () =0
This method (Equation 25) is known as Encke's method of differential accelerations.
Since the coefficient of r in Equation 25 requires the subtraction of nearly equal

quantities, prohibitive errors are introduced by solving Equation 25 in its present
form. This difficulty can be overcome by making the substitution

ol T o2 sy yr e
(1‘_15_)=?(1+1I+p [{re+r)- 5] where p = ro/r

Equation 25, therefore, becomes

d? i _ T pt - - - .y »
T 2 = ol YR 195 frg+r)-6|-38 + ay {26)
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Equation 26 can be solved by any number of numerieal integration schemes, The
method used in the Apollo Guidance Computer (AGC) is the Nystrom method.

In order to maintain the efficiency of Encke's method of differential accelerations,

K (t) must remain small. Therefore, a new osculating conic must be defined by the
total position and velocity vectors ¥ (t) and v {t) when i (t) reaches a predetermined
limit, The process of selecting a new conic orhbit from which to caleulate deviations is
called rectification,

To sum up, the position and velocity, during freefall, at time t, given the position
and velocity at time t; , are computed as follows:

1. Position and velocity in the osculating orbit at time t, are calculated accord-
ing to Equations 9 and 10.

2. Deviations are then obtained by numerical integration of Eguation 25,

3. A new conic from which to calculate deviations is defined each time the
deviations (& (t)) reach a predetermined limit.

E. DISTURBING FUNCTIONS AND THEIR APPLICABILITY

We define the following disturbance accelerations as upplicable to Apollo:

EdE = aeceleration due to the nonspherical gravitational perturbations of
the earth

ddm = aecceleration due to the nonspherical gravitational perturbations of
the moon

;dq = acceleration due to the secondary body on the primary bodyv: that is,
moon is secondary body when earth is used as refercnce and vice
versa

Eds = acceleration due to the sun
analytical expressions for which are given in B-577, Section 5.

The applicable disturbance accelerations and their region of applicability for Apollo
are given in Figure 3.

R 3,441 nmi

Earth
R, = 3,660 nmi

R, + R, = 43, 432 nmi

R]\imm 938 nmi
R; = 1,154 nmi
R; + Ry = 8,680 nmi

= i
RS‘PH 34,761 nm

Moon

Region 1. ;d =g
Region 2. ay = agg *+ &g + g,

Reglon 3. ay = a5, % g,

Aenn's sphere of influence.
coordinate change

Region 4. a4 = a4, + 444E

Region 5. iy = g, # dge zlﬂ‘[E

Region 6. 2, = 4,

Figure . Apollo Disturbance Acceleration Regions
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F. DISTURBANCE ACCELERATION/OSCULATING ELEMENTS G. 'TPI TARGETING
3 = Semjmajor Axis (ft}
& pasn The TPI targeting for the Apollo 16 mission is accomplished using the equations and
P techniques stated below utilizing the following information:

[ o= .
" Central Angle From Perigee //’___,d_— _\

r = Position (ft)

@2 = Longitude of the Ascending Node

w = Argument of Perigee

n - Mean Motion = =1
1!53_ 5

WE = Lalw 1007 el

eM o= L7ax 1018 '/s°

N.R,T = /s

RENDEZVOUS
TRAJECTORY

Acceleration Normal Acceleration Along Aceceleration Aleng ‘ i
Ta Orbital Plane (N) Radial Line { R} Track (T) |
ds _ de da 2 sin 2 | T - timeat which the TPl maneuver is to be performed
& A [ T iR da  2aVl-e T i
e ot uE: R 1 position vestor at T
- position vector al
T2 -— LM
di _ reosfwth N de J—r:2 siof | " de \Ir ez a2 (1 :\2 loci t'l‘l
= — = L = -~ i v - velocity vector a
TRy a na ol { = —r] T ppg - M ¥ y
Boy - CSM position vector at T
42 - rsin (wt N 4 _de i d e i ,
dt na? V1-eZ sin T dt dt dt dt Yc:u = C8M velocity vector at T,
o dn e duw 11.92 (2 + e cos(f) Yoy - central angle CSM will traverse between TPI and rendezvous (130°
= . = ; 1-g? bl sin(f) T nominal
- cosi) 3 N %f -l cos(h) o dt nae L+ ¢ cos(f) (0 p
Targeting Procedure:

1. Compute the elevation angle of the LM-CSM LOS above the LM horizontal plane at
the time of TPIL.

| IM
;L
a5 -1 . . x R
E, = cos™ [U; U, SNEU,"U xR ]
where:
Up = wit[R 0 - By
U = umit (R, XV,

Up - U B By

lBLMI

= unit

i it E, <0* define E, =2x - E

A A
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Compute the time (ty;) required for the CSM to travel through the central angle
’J"CM using the Time-Theta method described on page SC-51.

Update the state vector of the CSM to the time of rendezvous (AT = t,,) using
Kepler's method as described on page SC-51 obtaining @CMF ECMF)'

Compute the central angle (U ) through which the LM must traverse between
its position at TPI and the C8M's position at rendezvous.

= . vns 1 -
v = SON @py X Boyp * D c08™ By - Royp)
if H'JI_M <0° define wLM = wLM + 27
Using the Time-Theta method, determine the flight path angle y required of the

LM at the end of the TPI burn such that the time required by the LM to traverse
the central angle of "bLM is the same as tg .

Calculate the velocity to be gained,

where

% ‘rﬂ : i
¥ Ry feoty *unitH o+ U ¥ unit B )

P = semilatus rectum of the TPI orbit
Uy = it \:rxil_RCMF-mith:I

The velocity to be gained is burned out using the APS and Lambert Aimpoint
Guidance.



